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VOLUME  I,  CHAPTER  2 
Page  Location 

2.2  Fig  2.2 
(Lower  left 

Figure) 

2.3  Column  1 
Fig  2.3 


Column  1 
Bottom  of  pige 


Column  1 
First  paragraph 
2nd  line 


Correct  ion 
Delete:  or  slat 

Should  read: 

a  =  Geometric  angle  of  attack 

a  =  Effective  angle  of  attack 

o 

rv  =  Induced  angle  of  attack 
e  =  Dcwnwash  angle,  far  behind  the  wing 
Should  read : 

pv2 

stall  =  tU 

qstall  2  C.  S 


cL  S 
max 


Delete  parenthesis  in  the:  W  cos  (  ) 
Should  read :  W  cos  i 


Column  2 
Table  2.1 


Do lete . 
Change  to: 


ALTITUDE 

(ft) 

AIRSPEED 

(KIAS) 

20,000 

200 

20,000 

250 

RETAKES 

1  '*  Demo _ 

Student  Practice 


_ STALLS _ 

CRUISE  CONFIGURATION  _ 

2°  ,oo°  T  vTR1M  1  3<t'K  l,VS 

n  =  1.0 _ 1  n _ 2 . 1  ■ _ 

TP  Demonstrate  Each,  Student  Practice  Each _ 

Determination  Trim  Point  at  20,000  Ft,  300  KiA 

POWER  APPROACH _ _ '  / 

20,000  ~I  V~7  FT)  K ! AS 

_ _ _ [Kir! _ _ 

n  =  1 _ n  ~  1 .  r> _ 

STUDENT  PRACTICE _ ' 

Determination  trim  Point  at  20.00U,  1  r>  <  1  *■ 


'tkim 

n  =  1 . r. 
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ERRATA  SHEET 


STAB'  LITY  AND  CONTROL 


Pa^e 

2.10 


Location 

Column  2 
2.8  DATA 


Correction 
Delete  through  f. 

Change  to: 

2.8  DATA 

Data  to  be  Recorded 

A  continuous  photo  panel  recording  will  bo 
taken  from  before  stall  warning  until  after 
recovery  on  all  stalls  on  which  quantitative  data 
are  collected.  The  photo  panel  will  be  used  to 
record  the  trim  points.  Alpha  is  one  parameter  of 
primary  interest  from  both  the  tri.n  points  and  the 
accelerated  stalls.  It  will  be  used  to  develop  a 
C^  vs  or  curve  so  that  can  be  determined. 
as  and  oql  will  be  used  in  the  determination 
of  MIL-F-8785A  compliance  for  accelerated  stall 
warning. 

The  following  data  should  be  hand  recorded  for 
each  stall: 

a.  Indicated  airspeed  at  stall  warning  false 
actuate  the  event  marker). 

b.  Indicated  airspeed  at  stall  (also  actuate 
the  event  marker). 

c.  Altitude  lost  in  the  recovery. 

d.  Qualitative  comments  on: 

1.  Type  and  adequacy  of  stall  warning. 

2.  Stall  characteristics  such  as  pitch  an 
rol  1 . 

3.  Control  characteristics  during  all  the 
three  phases  of  the  stall. 

4.  Type  and  effectiveness  of  recovery 
techniques . 

e.  Fuel  counter  readings. 

f.  Correlation  number. 


VOLUMS  I.  CHAPTER  2 


ERKATA  SHEET 


sr ABILITY  AND  CONTROL 


Location 


Correction 


2. LI 


Column  1 
Under  "Data 
Presentation" 
3rd  line 


Change:  will  to  may. 

Delete:  in  the  report. 

Delete:  All  the  parameters  for  the  time  history 
may  be  obtained  from  the  oscillograph 
record. 


2.11  Colunn  1  Change:  report  to  results 

2nd  paragraph  > 

1st  line 


3.11 


Column  1 
2nd  paragraph 
last  line 


Delete:  paragraph  3.4.1.) 

Add:  the  military  specification.) 


2.11  Column  2 

Figure  2.14 


On  Graph  titled  "Nornal  Acceleration" 
Change  q  to  g 


i 


t 


j| 


■.Wte'-.mi: 
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Page  Col 


Correction 


Delete  santence  beginning  "It  is  used 


3.6  Figure  3.3 


Ordinate  is 


3.11  2 


Delete  entire  paragraph  and  Fig's  ”'.17 
and  3.18. 

Insert  "Para  3.6  Flight  Path  Stability. 

Large  aircraft  or  aircraiL  whose  final 
approach  speed  is  on  the  backside  ot  the 
power  curve  are  prone  to  have  poor  flight 
path  stability  characteristics.  The  re¬ 
quirements  for  acceptable  flight  path  stab;  i  •  t  y 
are  found  in  MIL-F-8785  para  3.2.  1.2.  If 
an  aircraft  does  not  meet  these  requirements 

then  it  may  be  necessary  to  increase  V,.  .  , 

umin 

add  direct  lift  control  or  an  auto  throttle. 

To  test  for  flight  path  stability,  the 
aircraft  is  placed  in  the  proper  configura¬ 
tion  for  the  power  approach  flight,  phase  at 
low  altitude.  The  airspeed  is  set  at  the 
proper  V0nj.  for  that  gross  weight  and  the 
power  is  reduced  to  acquire  an  approx imntv  1 
glide  path.  This  may  be  best  determined  bv 
establishing  a  rate  of  descent  calculated  t  ' 
give  a  3°  glide  path.  The  steopei  the  glide 
path,  the  less  power  required  to  maintain 

V,,  ,  and  thus  less  help  from  inwer  el  toots 
°min 


in  meeting  the  requirements.  Smooth  air 
and  careful  attitude  flying  are  required 
to  get  good  data.  The  altitude  band  must 
be  narrow  (2,000  feet  or  less)  or  the 
increase  in  power  with  decreasing  altitude 
will  invalidate  the  data.  Since  it  is 
necessary  to  get  a  minimum  of  4  points 

^V°min’  V°min  ”5’  “10,  +5^  ’  may  require 
more  than  one  pass  through  the  altitude 
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VOLUME  I.  CHAPTER  4 

Page  Col  Para  Line  Correct  ion 

4.5  2  last  -  ADD:  "Sport"  provides  television  (video 

tape  playback  capability)  in  lieu  of  the 
16  mm  film.  "Sport"  should  be  not' lied 
ASAP  after  the  data  mission  if  vide 
tape  replay  is  desired. 
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VOLUME  I,  CHAPTER  5 

Page  Col  Para 

Line 

Correct : on 

5.12 

26 

Delete  "lb/g". 

5.8  Figure  5.9 

Put  parentheses  around 

"lb/g"  and  "g/RAD". 


'/O- 
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VOLUME  I .  CHAPTER  7 

Page  Col  Para 

7.3  Figure  7.4 

7.5  2  2 


7.7 


7.8  1 


7.8 


7.11  2 


10 
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Line 


3 

7 

12 


17 

7.8 


12, 

13, 

14 


Correction 


Reverse  sign  of  p  on  right  and  left  ahc  is ~a 

CHANGE:  3.3.6.3a  and  3.3.6.3b  TO 
3. 3. 6. 3.1  and  3. 3. 6. 3. 2. 

ADD:  3. 3. 5.1,  3. 3. 5. 2,  3. 3. 7.1  and  3.3.8. 


Change  VI  to  IX 
Change  VI  to  IX 
Change  3.3.4.1a,  lb,  le,  Id  TO 
3. 3. 4. 1.1,  .2,  .3,  .4. 

Change  VI  to  IX 


Change  3.3.4.1a,  3.3.4.1b,  3.3.4.1c  and 
3. 3. 4. Id  TO 

3.3.4. 1.1,  3. 3. 4.. 1.2,  3.3.4.  1.3  and  3.3.4.  1 
Delete  3.3.5,  3. 3. 5. 1,  3.3.5.1a  and  3.3. 5.2 
ADD:  3.3.2,  3. 3. 2. 2,  J.3.2.2.1.  3. 3.2.4.  i. 
3. 3. 2. 5  and  3. 3. 4. 2. 


Change  10,000  feet  AGL  to  10,000  feet  MSL 
(over  flat  terrain). 


Add  "This  input  is  designed  to  get  an  air¬ 
craft  response  to  a  step  input  that  \ ! ' 
include  at  least  one  period  if  the  j.-tsr. 

Roll  ." 


// 
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VOLUME  I,  CHAPTER  9 

Line  Correct i on 

6  Change  3.2.2.1a,  3.2.2.1b  anil  Figure  1 
to  3.2.2.  1.1,  3.2.2. 1.2,  Table  IV  and 
F igure  1,2,  and  3 . 

7  Change  Figure  1  to  Figure  1,2,  and  3. 

2  Delete  "in  Figure  2" 

ADD:  "Applicable  paragraphs  and  tables 

are  3.3. 1.1  and  Table  VI. 

2  Change  V  to  VIII. 

4  Change  V  to  VIII. 


-/x- 


► 

1 


Page  Col  Fa  ra 

9.3  l  3 

9.11  1  5 

9.12  1  2 

9.14  2  3 

9.13  1  2 
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VOLUME  II,  CHAPTER  1 

P&ge  Location  Correction 


1.5 


Correct  Figure  to  look  like  this: 


/  1 


-f 


>X  X  - 
s 


R.W, 


y’Ys 

Z 

s 

1.7 

Fig.  1.6 

Change  Z  to  z,  and  place  v  in 

line  out  y  axis. 

1.7 

Fig.  1.6 

Should  read:  Caution  -  Other 
are  possible. 

definitions  of  p 

1.7 

Fig.  1.7 

Change  or  in  Figure  to  y. 

1.8 

Par  1.3. 4. 2 

Change  ra  to  y. 

1.11 

4th  line 
from  bottom 

Should  read:  P  =  -\|/  sin  0 

1.13 

Fig.  1.10 

Delete  Describes. 

1.15 

Under(l. IS) 

Should  read: 

_  d_ 
dt 

l _ 


A 


I  A  I  a  +  cp  X  A  +  X 
_ _  _ J 


dA 


By  Equation  (1.18)  this  is  — 


VOLIIMK 

F^e 

1.16 

1.19 

1.21 

1.23 

1.29 


II,  CHAPTER  l  -  ERRATA  SHEET  -  STABILITY  AND  CONTKi) 

Loga 1 1 on  Correct  ion 

above (1.22)  should  read; 


(1.27) 


Fig.  1.18 


From  Eqn(l. 16) 
this  is 


By  inspection 
this  is 


^  ^  ! 

i  j  k  ! 

i 

P  q  r  I  = 

j 

x  y  z  j 


Should  read: 


E  -j  Pj  x 


Change  Z  to  z 


4th  line  Delete  the 

from  bottom 


Mg.  1.21  Change  a°  to  a 

o 


14 
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VOLUMS  II.  CHAPTER  2 


Page 

Col  Para 

Line 

Correction 

2.2 

2 

6 

Change  to 

N 

w 

2.9 

2 

5 

Change  a to 

a 

w 

2.11 

Fig.  2.12 

Change  Prollei 

r  to 

Prope  ller 

2.14 

(2.48) 

Change  h,  to  h 
h  n 

2.18 

Fig.  2.17a 

Bottom  intercept  should  be 

sc. 

ac 

2.20 

(2.64) 

Change  — 

to 

n 

e 

e 

K. 

(2.65) 

Change  ^ 
e 

to 

n 

15 

i 
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VOLUME  II.  CHAPTER  3 


Page  Col  Para  Line 

3.2  Fig.  3.1 

3.3  (3.15) 


Correct icn 


Ordinate  should  be  C,  A& 


Place  parentheses  around  remainder  of  line 
n  W 

after  — — 

q  S 


(3.16) 


3.5  (3.35) 


3.7  Fig.  3.7 

2  -  16 

3.9  1  5  2 

3.10  2  last  4 

3.17  Fig.  3.10 


Place  parentheses  around  remainder  of  line 
rW 

after  — 

qs 

A? 

Change  +  to  =  after  — 

n  -  n 

o 

Horizontal  vector  should  be  labeled  V 

dC  ac 

Change  — 22  t0  — 2 
d9 

Change  left  to  lift 
Change  low  to  high 

Move  all  decimal  points  one  place  to  left 


Delete  first  sentence  beginning 
"The  stick -free.  .  " 


16 

i 


2 
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VOLUME 

-iix 

CHAPTER  5 

Page 

Col 

Para 

LJne 

Correction 

5.9 

1 

2 

i 

Change  5.13a  to  5.14a 

5.24 

2 

1 

6 

Change  f(x)  to  f(t) 

5.32 

2 

last 

2 

Line  should  read: 

"function  or  t.  To  emphasize  this 

we  rewrite  (5.91)  as:" 

17 
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VOLUME  II,  CHAPTER  6 

Page  Col  Para  Line 

6.1  2  last  title 


Correction 
Should  read: 

"6.2  Equations  of  Motion" 


6.2  1 

6.2  2 


Change  (613)  to  (6.3) 


Next  to  last  equation 

V 

P  =  arcsm  — 


Should  Read: 

v 

Ll 

o 


6.3  1  -  note  Should  read: 

"  *  D  ,  L  ,  etc.,  includes  the  normaliuin 
o  o 

factors  1/m,  1/1  ,  i / I  and  1  ; 

applicable" 

6.4  L  -  -  Place  a  minus (-)  sign  in  front  of  R  i  r 

a  11  eq  ua  t i ons , 


6.5  1  eqn  (6.24) 


6.5  l 


6.5  2  Eqn  (6.27) 


Change  right  hand  side  of  equation  to  inc 


1)  +  It  a  +  [).n  +  !)  +  II  e  -t  !'  : 

o  a  <r  o  t:  o 

wt 


+  l>„  f>e  +  1)6 
■«  9 


Shou’.d  read : 


To 


"D  -h  —  cos  e  +  D 
o  m  o 


=  f'  stead'  st  at 


°wt 


Add 


VT 


:  L  is 


. 


VOLUME 

F£*e 

6.5 

6.7 

6.7 

6.8 

6. 15 

6.  15 

6.17 


II,  CHAPTER  6,  ERRATA  SHEET,  STABILITY  AND  CONTROL 


Col  Para 


Line  Correction 

— T  -as  — — — — 


°«t 

Add  — - —  to  L  +  Thrust  Terms  =  0 

VT 


1  Eqn  (6.38) 


Should  read : 

"essentially  a  constant  airspeed,  varying 
angle  of  attack  motion  (Figure  6.3). 

2nd  line,  1st  column,  n-merator  should  rea 
"s2  -  SM  ” 


1  Fig.  6.4 

1  Eqn  (6.55) 


Change  5  to  £ 


Should  read: 
F 

II  ,  . 

mV, 


v  -f  ru  -  pw 


Y  +  \'p 
o  p' 


+  V  +  %  +  V  +  V  +  Y8a* 

+  Y8r6r  +  V 


Eqn  (6.56) 


Should  read: 


C, 

M  X 


T 


XZ 


r  =  P  -  r  —  + 

X  X 


last 


Change  X  to  T 

xz  xz 
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VOLUME  II.  CHAPTER  8 


Pa^e 

Col 

Para  Line 

Correcticn 

8.4 

1 

Eqn  (8.7) 

Delete  "T" 

subscript 

to  V 

Eqn  (8.8) 

Delete  "T" 

subscript 

to  V 

8.3 

- 

Fig.  8.5 

Add  M2  by  weight  in 

tail  and 

by  weight  under  canopy. 

8.7  -  Fig.  8.7  Title  should  real: 

"Kinenetic  Coupling,  Stable  Rolling  of 
an  Aircraft  with  Infinitely  Large  Inertia 
or  Negligible  Stability  in  Titch  and  Yaw. 

8.7  -  Fig.  (8.8)  Delete  "Kinematic  Coupling"  in  title 


8.9 


1 


6 


3 


Change  to  N^_ 


^ fR.DJMiCW  T 


■ 


£ 


i 


» 


» 


*i- 


it 
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Stability  and  Control  is  that  branch  of  the  aeronautical  sciences 
that  is  concerned  with  giving  the  pilot  an  aircraft  with  good  handling 
qualities.  As  aircraft  have  been  designed  to  meet  greater  performance 
specifications,  new  problems  in  Stability  and  Control  have  been  en¬ 
countered.  The  solving  of  these  problems  has  advanced  the  science  of 
Stability  and  Control  to  the  point  it  is  today. 

This  handbook  has  been  compiled  by  the  instructors  of  the  Aero¬ 
space  Research  Pilot  School  for  use  in  the  Stability  and  Control  course. 
Most  of  the  material  in  Volume  II  of  this  handbook  has  been  extracted 
from  several  reference  books  and  is  oriented  towards  the  test  pilot. 

The  flight  test  techniques  and  data  reduction  methods  in  Volume  I  have 
been  developed  at  the  Air  Force  Flight  Test  Center,  Edwards  Air  Force 
Base,  California,  I  received  my  first  copy  of  this  handbook  in  1952 
and  have  managed  to  acquire  each  subsequent  revision  to  keep  up  with 
the  state-of-the-art  in  Stability  and  Control.  This  handbook  is  pri¬ 
marily  intended  to  be  used  as  an  academic  text  in  our  School,  but  if 
it  can  be  helpful  to  anyone  in  the  conduct  of  Stability  and  Control 
testing,  be  our  guest. 
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HAROLD  W.; CHRISTIAN,  JR.,  Colonel,  USAF 
Commandant 

USAF  Aerospace  Research  Pilot  School 
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REFERENCES 


III 


DEFINITIONS,  J 
AND  SYMBOLS 


IATIONS, 


a.c. 

A/C 

AR 

b 

b0 

c 

c 

eg 

c.p. 

C 


cy2*  yio 
co 

C.N. 

CR 

D 

e 

f 

F 

Fx,  y,  z 

F/C 

FLT 

FWD 

g 

G 

h 

hfn 

hn 

He 

HP 

!x,  y,  z 
Ixz 

kx,  y,  Z 

ko 

K 

l 

In 


b2/S 


Un* 


sec 


-1 


speed  of  sound,  ft  sec"2,  linear 
acceleration,  ft  sec"2 
slope  of  the  lift  curve,  6  CL,/^a# 
deg"!  or  radian"* 
aerodynamic  center 
aircraft 
aspect  ratio, 
span,  ft 

lumped  damping,  2C 
chord,  ft 

mean  aerodynamic  chord,  ft 
center  of  gravity 
center  of  pressure 
chordwise  force,  x  component 
of  resultant  aerodynamic 
force,  lb 

cycles  to  damp  to  V2.  amplitude, 

1/10  amplitude 
combat  configuration 
counter  number 
cruise  configuration 
drag,  lb  or  dive  configuration 
wing  efficiency  factor 
frequency,  cycles  sec"1 
force,  lb 

force  along  the  x,  y,  or  z  body 
axis,  lb 
fuel  counter 
flight 
forward 
acceleration  of 
gearing,  6e/ls 
configuration 
altitude,  ft  or  eg  position 
maneuver  point 
neutral  point 

hinge  moment,  ft  lb„,e  elevator, 
r  rudder,  ai  aileron 
horsepower,  550  ft  lb  sec-1 
moment  of  inertia  about  x,  y,  or 
z  axis,  slug  ft2 
product  of  inertia,  slug  ft2 
radius  of  gyration  for  particular 
axis  noted,  ft 

lumped  spring  constant,  Wq  ,  sec"2 
constant  with  various  definitions 
length,  ft 

natural  logarithum 


ft  sec"2 
or  glide 


L 

lift,  lb.,  rolling  moment,  ft-lb., 
or  landing  configuration 

Lim 

limit 

Long 

longitudinal 

m 

mass 

MAC 

mean  aerodynamic  chord,  ft 

M 

pitching  moment,  ft  lb. ,  or 

Mach  number 

MAN 

maneuvering 

MAX 

maximum 

MIL 

military 

MRP 

military  rated  power,  maximum 
power  (not  including  augmentation 
at  which  engine  can  be  operated 
for  a  specified  period 

n 

normal  acceleration  or  load  factor 
in  g  units 

N 

normal  force,  z  component  of 
resultant  aerodynamic  force, 
lb.  ,  yawing  moment,  ft-lb. 

NRP 

normal  rated  power,  maximum 
power  for  continuous  engine 
operation 

P 

roll  rate,  (x  component  of  body- 
axis  angular  velocity),  deg  sec" 
or  rad  sec"!,  static  pressure 

Pa 

ambient  static  pressure,  lb  ft*2 

P 

power  on  configuration 

PA 

power  approach  configuration 

PLF 

power  for  level  flight 

q 

dynamic  pressure,  y2p0Ve2, 

0.  7  paM2,  lb  ft"2 

r 

yaw  rate  (z  component  of  body- 
axis  angular  velocity)  deg  sec"! 
or  rad  sec"! 

R 

resultant  force,  lb 

R/C 

rate  of  climb 

RSF 

rudder  side  force,  lb 

RT 

remote  trigger 

RW 

relative  wind 

s 

linear  distance,  ft 

S 

wing  area,  ft2 

SF 

single  frame 

t 

time,  sec 

T 

period,  sec,  trigger,  temperature, 
deg.,  thrust,  lb 

T.E. 

trailing  edge 

TO 

takeoff  configuration 

Iv 
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TOT  toial 

u,  v,  w  incremental  velocity  along  x,  y, 
and  z  body  axis,  respectively, 
ft  sec"* 

VT  total  true  axial  velocity,  ft  sec"* 

Vh^V  tail  volume,  ItSt/cwSw,  horizontal, 
vertical 

VSSF  vertical  stabilizer  side  force,  lb 

W  weight,  lb 

x  distance  in  x  body  axis  direction,  ft 

y  distance  in  y  body  axis  direction,  ft 

Y  side  force,  lb 

z  #  distance  in  z  body  axis  direction,  ft 

9,  ft  etc  time  rate  of  change  d/dt 
<  less  than 

>  greater  than 


•  ORIIK  SYMBOLS 


a  or  ft 

P 

y 

6 

A 

e 

C 

n 

e 

IT 

P 

C T 
T 

4> 

W 

<*>n 


a 


angle  of  attack,  deg  or  radian 
angle  of  sideslip,  deg  or  radian 
flight  path  angle  with  respect  to 
horizontal,  deg  or  radian 
control  deflection,  deg  or  pres¬ 
sure  ratio  Pa/Po 
incremental  change  in  particular 
parameter  referred  to 
downwash  angle,  deg 
damping  ratio 

efficiency  with  varied  meanings 
pitch  angle,  deg  or  radian 
relative  aircraft  density,  m/pSc 
or  m/pSb 


►  -3 


pi,  i.  1416 
density,  slug  ft 
density  ratio,  Pa^Po 
aerodynamic  time,  m/pSV,  sec 
or  elevator  effectiveness 
parameter  ftf/e 
bank  angle,  deg  or  radian 
yaw  angle,  deg  or  radian 
oscillating  frequency,  rad  sec"* 
undamped  natural  frequency, 
rad  sec"* 


total  angular  velocity,  rad  sec 


-1 


* 
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•  SUBSCRIPTS 


a 

aileron,  ambient 

n 

natural  undamped 

B 

c 

body 

calibrated 

0 

sea  level  condition,'  trim  value 
or  zero  lift  condition 

D 

damped 

O.  L. 

zero  lift 

e 

elevator  or  equivalent 

P 

pressure,  propeller,  or  parasite 

eff 

effective 

pc 

position  corrected 

f  or  fus 

fuselage 

r 

rudder 

h 

horizontal 

R 

right 

stabilizer,  stall,  stick 

i 

indicated  or  induced 

S 

ic 

instrument  corrected 

t 

tail,  tab,  or  true 

L 

left,  landing,  or  limit 

T 

true 

L,  E. 

leading  edge 

V 

vertical 

max 

maximum 

w 

wing  or  warning 

•  AERODYNAMIC  COEFFICIENTS 
AND  NON-DIMENSIONAL 
STABILITY  DERIVATIVES 


Cc 

CD 

Ch 

cl 

Cl 

Cm 

Cn 

Cn 

Ct 

Cy 

Cha 

Chfi 

CLa 

Cma 

Cma 


chordwise  coefficient,  C/qSw 
drag  coefficient,  D/qSw 
hinge  moment  coefficient,  HM/qSeCe 
lift  coefficient,  L/qSw 
rolling  moment  coefficient,  L/qSwbw 
pitching  moment  coefficient,  M/qSwcw 
yawing  moment  coefficient,  N/qSw^w 
normal  force  coefficient,  N/qSw 
thrust  coefficient,  T/qSw 
side  force  coefficient,  Y/'qSw 
dC^/da  floating  tendency,  deg"1 
or  rad-1 

dCh 6  restoring  tendency,  deg"1 
or  rad"1 

9Cl /da  slope  of  the  lift  curve,  deg*1 
or  rad"1 

dCm/da  static  longitudinal  stability 
derivative,  deg"1  or  rad-1 
3Cm/S(0(c/2Uo),  rad-l 


Cm0 

Cmj 


Cnp 

Cnr 


clj3 

Clr 


clp 

Cl6a 

Cl6r 

CY<3 

CY&r 


d  Cm/d  (0c  /2U0),  rad** 
dCm/d6  longitudinal  control 
power,  deg"1  or  rad"1  1 

0Cn/dP  static  directional  stability 
derivative,  deg"*  or  rad-1 
dCn/d(rb/2Vx)  damping  in  yaw, 
deg*1  or  rad-1 

dCn/d  (pb/2Vx)  deg'1  j 

dCn/^6a,  deg"1 

9Cn/d  Sr,  rudder  control  power, 
deg"1 

dCi/aj3,  dihedral  effect,  deg-1 

9Ci/d(rb/2VT),  deg"1 

dC\/d  (pb/2Vx),  damping  in  roll,  deg" 

9Ci/d6a,  aileron  power,  deg"1 

5Ci/5  6r,  deg"1 

9Gy/5|3,  deg"1 

9Cy/d6r,  deg"1 

aCy/e(rb/2Vx),  deg"1 


vi 
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CONVERSION  FACTORS 


multiply  no.  op 

BY 

TO  OBTAIN 

DECREES 

1.74S  «  102 

RADIANS 

RADIANS 

ST.  3 

DECREES 

KNOTS 

1.669 

FEET  PER  SECOND 

FEET  PER  SECOND 

S92p 

KNOTS 

USEFUL  NUMBERS 
v  =  3.1416 
«  *■  32.2  ft  tec-2 
Pa  =  0.002378  slug  ft'3 
pb  =  2116  lb  ft  2 


F-.10J 

T— 38 

T— 33 

B-S7 

Sit2 

196.1 

170 

234.8 

960 

bit 

31.94 

2S.2S 

37.S4 

64.0 

C  ft 

6.72 

16.208 

lx  (FULL  FUEL)  SLUG-Ft2 

47687 

153442 

1  x  (S0%  FUEL)  SLUG-Ft2 

362.0 

1438 

34910 

98425 

lx  (EMPTY)  SLUG-Ft2 

13480 

97393 

ly  (FULL  FUEL)  SLUG  Ft2 

21761 

122057 

ly  (50*  FUEL)  SLUC  Ft2 

70881 

2S874 

11 5000 

ly  (EMPTY)  SLUC  Ft2 

20SS2 

108048 

It  (FULL  FUEL)  SLUC  Ft2 

67967 

It  (SO*  FUEL)  SLUG  Ft2 

59S98 

26779 

It  (EMPTY)  SLUC  Ft2 

32589 
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CHAPTER 

INTRODUCTION  TO  STABILITY 
FLIGHT  TEST  TECHNIQUES 


•  1.1  ATTITUDB  FLVINO 

In  stability  flight  testing, 
attitude  flying  is  absolutely 
essential.  Under  a  given  set  of 
conditions  (altitude,  power  setting, 
center  of  gravity  location,  etc.) 
the  aircraft's  speed  is  entirely 
dependent  upon  the  attitude.  This 
being  the  case,  the  pilot's  ability 
to  fly  the  aircraft  accurately  de¬ 
pends  upon  his  ability  to  see  and 
interpret  small  attitude  changes. 
This  can  best  be  done  by  reference 
to  the  outside  horizon.  Any  change 
in  aircraft  attitude  will  be  noticed 
by  reference  to  the  distant  horizon 
long  before  the  aircraft  instru¬ 
ments  (airspeed,  etc.)  show  a 
change.  Thus,  it  is  often  possible 
to  change  the  attitude  of  the  air¬ 
craft  from  a  disturbed  position 
back  to  the  required  position  before 
the  airspeed  has  a  chance  to  change. 
The  outside  horizon  is  also  very 
useful  as  a  rate  instrument.  If  a 
stabilized  point  is  required,  hoJd 
zero  rate  of  change  of  pitch;  i.e., 
hold  aircraft  attitude  fixed  in 
relation  to  some  outside  reference 
which  calls  for  one  particular 
speed.  If,  as  in  acceleration  run, 
the  airspeed  is  continuously  in¬ 
creasing  or  decreasing,  one  should 
look  for  a  steady,  smooth,  and 
extremely  slow  rate  of  change  of 
the  aircraft's  attitude. 

It  is  suggested  that  the 
method  of  lining  up  a  particular 
spot  on  the  aircraft  /ith  some  out¬ 
side  reference  can  be  useful  at 
times  but  is  often  wasteful  of 
time.  A  general  impression  is 
often  all  that  is  necessary;  i.e., 
it  is  possible  to  see  that  the 
aircraft  rate  of  pitch  is  zero  by 
use  of  the  pilot's  peripheral 


vision  while  also  glancing  at  the 
airspeed  indicator  or  some  other 
cockpit  instrument.  As  soon  as 
the  pilot  notes  a  rate  of  change 
of  pitch,  he  can  make  proper  control 
movements  to  correct  the  attitude 
of  the  aircraft.  The  pilot  should 
always  be  aware  of  the  outside 
view  even  while  reading  the  instru¬ 
ments  . 


In  flight  tests  involving 
turning  flight,  this  overall  view 
of  the  horizon  is  of  utmost  impor¬ 
tance  in  order  to  be  able  to  hold 
constant  velocity  or  Mach  number. 

If  the  airspeed  is  high  the  nose 
should  be  raised  and  then  stabilized 
at  the  new  position  required,  using 
the  horizon  as  a  displacement  and 
a  rate  instrument.  If  a  change  of 
aircraft  attitude  is  necessary, 
this  change  should  be  made  relative 
to  the  present  picture  until  the 
rate  of  change  of  aircraft  attitude 
again  goes  to  zero  at  the  new  sta¬ 
bilized  condition. 


If  it  is  necessary  to  stabilize 
on  an  airspeed  several  knots  from 
the  existing  airspeed,  time  can  be 
saved  by  overshooting  the  required 
pitch  attitude  and  using  the  rate 
of  change  of  airspeed  as  an  indica¬ 
tion  as  to  when  one  should  raise  or 
lower  the  nose  to  the  required  posi¬ 
tion.  A  little  practice  will  allow 
the  pilot  to  stabilize  on  a  new 
airspeed  with  a  minimum  amount  of 
airspeed  overshoot  in  the  least  time. 
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•  1.1  TRIM  SHOTS 


Prior  to  each  stability  flight 
teat  requiring  photopanel  or  oscil¬ 
lograph  data,  a  trim  shot  will  be 
taken  near  the  test  pressure  alti¬ 
tude  (+100  feet) .  The  trim  shot 
will  be  made  using  the  remote  camera 
and  oscillograph  switch  (not  the 
stick  trigger)  so  that  no  control 
forces  will  be  inadvertently  fed 
to  the  system.  The  trim  shot  is 
used  primarily  to  make  any  necessary 
corrections  to  the  force-measuring 
equipment  readings.  For  example  if 
the  stick  force  gage  reads  +0.1  with 
no  force  applied,  it  is  apparent 
that  0.1  must  be  subtracted  from 
all  stick  force  readings  for  this 
particular  test. 

The  means  of  obtaining  the 
different  force  information  will 
be  covered  in  detail  in  class; 
however,  it  should  be  kept  in  mind 
that  it  is  possible  to  get  erroneous 
rudder,  force  information  if  the  foot 
is  placed  improperly  on  the  rudder 
bar.  The  strain  gages  are  located 
on  the  lower  rectangular  pad  and 
the  foot  should  be  placed  centrally 
on  this  pad.  Care  should  be  taken 
not  to  apply  any  force  to  the  toe 
pads  since  force  applied  here  will 
not  register  on  the  force-measur¬ 
ing  equipment.  When  making  force 
measurements  using  the  instrumented 
stick  grip,  it  is  very  important 
that  no  extraneous  force  inputs 
are  made  by  torquing  the  stick 
grip.  The  force  measurements  should 
be  taken  by  using  straight  foie  and 
aft  or  left  and  right  force  inputs 
on  the  center  of  the  stick  grip. 


The  importance  of  proper  trim 
in  stability  flight  testing  cannot 
be  overemphasized.  Most  of  the 
tests  involve  force  information 
and  therefore  it  is  essential  that 
the  aircraft  be  properly  trimmed 
at  the  desired  speed  since  one  is 
interested  in  forces  necessary  to 
fly  in  conditions  differing  from 
the  trim  condition. 


In  order  to  stabilize  and  trim 
at  a  particular  speed  or  Mach  num¬ 
ber  at  a  constant  altitude,  the 
speed  should  first  be  established 
by  placing  the  aircraft  in  the  re¬ 
quired  attitude  to  give  this  speed. 
While  obtaining  this  approximate 
attitude  by  reference  to  the  out¬ 
side  horizon,  the  throttle  setting 
should  be  changed  to  give  zero 
rate  of  climb  at  the  proper  test 
altitude.  Minute  changes  in  atti¬ 
tude  may  be  necessary  in  order  to 
hold  the  exact  airspeed  as  the 
power  is  changed.  Once  the  proper 
attitude  and  power  setting  have 
been  established,  the  force  should 
be  trimmed  to  zero  while  holding 
the  required  control  position  to 
give  the  required  attitude.  Release 
the  stick  and  check  for  a  change  in 
pitch  attitude.  If  the  nose  starts 
up  or  down  put  the  nose  back  at 
the  trim  position  with  the  stick 
and  retrim.  Then  repeat  the  pro¬ 
cedure.  The  lateral  and  direction¬ 
al  controls  (aileron  and  rudder) 
should  be  used  in  the  proper  manner 
to  hold  the  wings  level,  maintain 
a  constant  heading,  and  keep  the 
ball  in  the  center  of  the  turn  and 
bank  indicator.  The  necessary 
forces  should  be  held  in  order  to 
accomplish  this  and  then  the  forces 
should  be  relieved  by  proper  trim 
actuation.  As  in  all  flying,  the 
pilot  who  can  get  the  aircraft 
trimmed  most  accurately  and  quickly 
is  the  pilot  who  can  do  the  most 
things  simultaneously.  For  example, 
the  pilot  who  can  make  the  required 
altitude  correction  while  adjusting 
the  power  will  become  trimmed  be¬ 
fore  the  pilot  who  flies  strictly 
by  the  numbers.  The  often-used 
method  of  moving  the  trim  device 
and  allowing  the  aircraft  to  seek 
a  new  speed  "hands  off"  is  very 
time-consuming  and  inaccurate. 

Hold  the  aircraft  attitude  fixed 
and  then  relieve  the  existing  con¬ 
trol  forces.  If  the  aircraft  gains 
or  loses  a  little  altitude  during 
the  trimming  process  the  parameters 
of  interest  in  stability  testing 
will  not  have  changed  significantly. 
Therefore  if  the  altitude  is  within 


1.2 


33 


100  feet  of  the  test  altitude,  the 
pilot  should  then  take  his  trim 
shot. 


•1.S  TIMING 

Proper  utilization  of  time 
is  always  of  paramount  importance 
in  conducting  a  test  program.  As 
a  consequence,  proper  preflight 
preparation  is  absolutely  essential. 
The  complete  test  should  be  well  in 
mind  prior  to  takeoff.  The  pilot 
should  always  be  thinking  ahead 
and  planning  what  he  is  to  do  next, 
keeping  himself  properly  positioned 
in  respect  to  the  airfield.  A 
flight  that  is  well  planned  prior 


to  flight  has  a  very  good  possi¬ 
bility  of  working  out  well. 


•  1.4  PRIMARY  OBJECTIVES 

All  stability  flight  tests 
will  be  flown  with  the  grime  objec¬ 
tive  of  giving  the  prospective 
user  the  most  information  possible 
about  the  particular  aircraft. 

This  will  be  done  by  noting  the 
aircraft's  degree  of  compliance 
with  the  latest  specification  of 
flying  qualities  along  with  any 
other  information  that  the  test 
pilot  feels  essential  for  safe, 
effective  use  of  the  machine  under 
all  conditions. 
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CHAPTER 


•  8.1  INTRODUCTION 

Stall  speed  is  the  minimum 
steady  speed  attainable,  or  usable, 
in  flight.  A  sudden  loss  of  lift 
occurring  at  a  speed  just  below 
that  for  maximum  lift  is  considered 
the  "conventional"  stall,  although 
it  has  become  increasingly  common 
for  the  minimum  speed  to  be  defined 
by  some  other  characteristic,  such 
as  a  high  sink  rate,  an  undesirable 
attitude,  loss  of  control  about 
any  axis,  or  a  deterioration  of 
handling  qualities. 

For  rather  obvious  safety 
and  operational  reasons,  determina¬ 
tion  of  stall  characteristics  is  a 
first-order-of-business  item  in 
flight  testing  a  new  aircraft. 

Stall  speeds  are  also  required 
early  in  the  test  program  for  ttlw 
determination  of  various  test  speeds. 


Separation,  a  condition 
wherein  the  streamlines  fail  to 
follow  the  body  contours,  produces 
a  large  disturbed  wake  behind  the 
body  and  results  in  a  pressure  dis¬ 
tribution  greatly  different  from 
the  that  of  attached  flow.  On  an 
aircraft,  these  changes  in  turn 
produce : 

a.  A  loss  of  lift 

b.  An  increase  in  drag 

c.  Control  problems  due  toi 

1.  Control  surfaces  operating 
in  the  disturbed  wake 

S.  Changes  in  the  aerody¬ 
namic  pitching  moment 
due  to  a  shift  in  the 

«  center  of  pressure  and 

an  altered  downwash  angle# 


•  a.a  SEPARATION 


Figure  2.1 


HIGH  SPEED  REGIME 
MACN  EFFECTS  ARC  IMPORTANT 
VISCOUS  EFFECTS  MA  t  ftl 
NEGLECTED 


DEPARTURE  FROM 

LIME  ARITY  DUE  TO 

‘MCREASIMG 

SEPARATION 


LOW  SPEED  REGIME 
VISCOUS  EFFECTS  ARE  IMPORTANT 
MACN  EFFECTS  MAY  BE  IGNORED 


Separation  occurs  at  a  point 
where  the  boundary  layer  kinetic 
energy  has  been  reduced  to  zero, 
therefore  the  position  and  amount 
of  separation  is  a  function  of  the 
transport  of  energy  into  and  out 
of  the  boundary  layer  and  of  dis¬ 
sipation  of  energy  within  the 
boundary  layer. 

Some  factors  which  contribute 
to  energy  transport  are: 

a .  Turbulent  (non-laminar)  flow: 
Higher  energy  air  from  upper 
stream  tubes  is  mixed  into 
lowe^  stream  tubes .  This 
type  flow,  characterized  by 
a  full  velocity  profile, 
occurs  at  high  values  of 
Reynolds  number  (Re)  and  in¬ 
volves  microscopic  turbulence. 
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b.  Vortex  generators:  These 
devices  produce  macroscopic 
turbulence  to  circulate  high 
energy  air  down  to  lower 
levels . 

c.  Slats  and  slots ;  These  de- 
vices  inject  high  ene;  gy  air 
from  the  underside  of  the 
leading  edge  into  the  upper 
surface  boundary  layer. 

d.  Boundary  Layer  Control:  The 
blowing  type  of  boundary 
layer  control  (BLC)  injects 
high  energy  air  into  the 
boundary  layer;  while  the 
suction  type  removes  low  en¬ 
ergy  air. 

Two  examples  of  energy  dis¬ 
sipation  functions  are; 

a.  Viscous  friction:  Energy 
loss  varies  with  surface 
roughness  and  distance 
traveled. 


b.  Adverse  pressure  gradient: 
Boundary  layer  energy  is 
dissipated  as  the  air  moves 
against  the  adverse  pressure 
gradient  above  a  cambered 
airfoil  section.  The  rate 
of  energy  loss  is  a  function 
of : 

1.  Body  contours  -  such  as 
camber,  thickness  dis¬ 
tribution,  and  sharp 
leading  edges. 


2.  Angle  of  attack  -  In¬ 
creased  angle  of  attack 
steepens  the  adverse 
pressure  gradient. 


Some  typical  coefficient  of 
lift  versus  angle  of  attack  (Cl 
versus  a)  curves  illustrating  these 
effects  are  shown  in  figure  2.2. 


Figure  2.2 


2.2 


37 


Figure  2.4 


•  1.S  THRKK-DIMKNSIONAL 
IPPICTS 

2.3  A  three-dimensional  wing 
exhibits  aerodynamic  properties 
considerably  different  from  those 
of  the  two-dimensional  airfoil 
sections  of  which  it  is  formed. 
Thase  differences  are  related  to 
the  planform  and  the  aspect  ratio 
of  the  wing. 

Planform: 


Downwash,  a  natural  conse¬ 
quence  of  lift  production  by  a  real 
wing  of  less  than  infinite  span, 
reduces  the  angle  of  attack  at 
which  the  individual  wing  sections 
are  operating. 


Figure  2.3 
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An  elliptical  wing  has  a 
constant  value  of  downwash  angle 
along  its  entire  span.  Other  plan- 
forms,  however,  have  downwash  angles 
that  vary  with  position  along  the 
span.  As  a  result,  the  lift  co¬ 
efficient  for  a  particular  wing 
section  may  be  more  or  less  than 
that  of  nearby  sections,  or  that 
of  the  overall  wing.  Airfoil  sec¬ 
tions  in  areas  of  light  downwash 
will  be  operating  at  high  angles 
of  attack,  and  will  reach  stall 
first.  Stall  patterns  therefore 
depend  on  the  downwash  distribution, 
and  vary  predictably  with  planform 
as  shown  in  figure  2.4. 


Figure  2.S 


Sweptback  and  delta  planforms 
suffer  from  an  inherent  spanwise 
flow.  This  is  caused  by  the  out¬ 
board  sections  being  located  to 
the  rear,  placing  low  pressure  areas 
adjacent  to  relatively  high  pres¬ 
sure  areas. 


This  spanwise  flow  transports 
low  energy  air  from  the  wake  of  the 
forward  sections  outboard  toward 
the  tips,  inviting  early  separation 
Both  the  sweptback  and  delta  plan- 
forms  display  tip-first  stall  pat¬ 
terns  . 


u 


Many  fixes  and  gimmicks  have 
been  used  to  alter  lift  distribu¬ 
tion  and  stall  patterns.  Tip  lead¬ 
ing  edge  extensions,  tip  slots  and 
slats,  tip  washout  and  droop, 
fences  and  root  spoilers  are  but  a 
few.  Horizontal  tail  position  is 
also  subject  to  much  adjustment 
such  as  has  been  necessary  on  the 
*•  F-4C. 

•  2.4  LOAD  FACTOR 

CONSIDERATIONS 

»  The  relationship  between  load 

factor  (n)  and  velocity  may  be  seen 
on  a  V-n  diagram. 

Figure  2.8 


UNACCELERATED 

STALLING 

SPEED 

Every  point  along  the  lift  boundary 
curve,  the  position  of  which  is  a 
function  of  gross  weight,  altitude, 
and  aircraft  configuration,  repre¬ 
sents  a  condition  of  CLmax  (neglect¬ 
ing  cases  of  insufficient  elevator 
power) .  It  is  important  to  note 
that  for  each  configuration,  CLmax 

*  occurs  at  a  particular  amax,  in¬ 

dependent  of  load  factor,  i.e., 
an  aircraft  stalls  at  the  same 
,  angle  of  attack  and  Cl  in  accelerated 

flight,  with  n  =  2.0,  as  it  does  in 
a  unaccelerated  flight,  with  n  =  1.0. 

The  total  li't  (L)  at  stall  for  a 
given  gross  weight  (W)  does  however 
vary  with  load  factor  since  L  =  nW. 
The  increased  lift  at  the  accelerated 
stall  must  be  obtained  by  a  higher 
dynamic  pressure  (q) . 

qstall  "  V2p  Vail  "  Ct  S 


Thus  stall  speed  is  proportional 
to  n,  making  accurate  control  of 
normal  acceleration  of  primary 
importance  during  stall  tests. 

Two  flight  test  methods  are 
described  below.  The  first,  involv¬ 
ing  a  level  flight  path,  is  an 
older  method  that  is  valid  only  for 
unaccelerated  stalls.  It  has  sev¬ 
eral  disadvantages  that  limit  its 
application,  but  in  certain  cases 
such  as  VSTOL  testing  or  initial 
envelope  extension  it  might  prove 
useful.  It  has  been  largely  re¬ 
placed  by  the  second  method  that 
involves  a  curved  flight  path  and 
is  valid  for  both  accelerated  and 
unaccelerated  stalls. 

Figure  2.8 
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L  +  T  sin  6  =  W  and  the  flight  path 
is  straight.  In  order  to  slow  the 
aircraft  to  stall  speed,  however, 
an  acceleration  (ao)  in  the  drag 
direction  must  be  obtained  by  adjust 
ment  of  thrust  or  drag  such  that  D 
is  greater  than  T  cos  9 .  This  rep¬ 
resents  a  disadvantage  of  the  method 
since  a  particular  trim  power  or 
drag  configuration  cannot  be  main¬ 
tained  to  the  stall. 

Examination  of  figure  2.10 
shows  that  the  load  factor  will  be 
at  the  desired  value  of  1.0  only 
if  ao  is  large  enough.  The  size 
of  ao  will  be  indicated  by  the  rate 
of  change  of  airspeed,  termed  the 
bleed  rate.  Experience  has  shown 
that  undesirable  dynamic  effects 
are  encountered  if  bleed  rates 
much  in  excess  of  1  or  2  knots  per 
second  are  used.  In  practice,  this 
usually  restricts  ap  to  a  value 
insufficient  to  close  the  accel¬ 
eration  diagram  to  the  desired 
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n  =  1.0,  another  disadvantage  of 
this  method. 

Figur*  Ml 
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Here  L  +  T  sin  (8  -  y)  is 
greater  than  W  cos(y)  and  the  air¬ 
craft  is  accelerating  (a^)  toward 
the  center  of  curvature.  If  trim 
power  was  set  in  level  flight,  D  + 

W  sin  y  will  be  greater  than  T  cos 
(9  -  y)  and  there  will  '  >  addi¬ 

tional  acceleration  '  >.  '  rag 
direction  (ao) . 

Note  that  aj,  is  closely  aligned 
with  the  vertical  reference  and 
that  adjustment  of  the  radius  of 
curvature  may  be  used  to  close  the 
acceleration  diagram  to  the  desired 
value  of  n.  Thus  load  factor  may 
be  easily  controlled  with  the  ele¬ 
vator  while  maintaining  trim  power 
and  configuration. 


It  is  important  to  realize 
that  the  proper  value  of  load  fac¬ 
tor  may  be  maintained  even  with 
large  bleed  rates  (ap)  simply  by 
changing  the  radius  of  curvature 
(aL) ,  which  will  of  course  require 
a  different  pitch  rate.  The  steady 
state  diagrams  above  do  not  illus¬ 
trate  the  need  for  a  small  bleed 
ratei  They  in  fact  indicate  that 
the  desired  load  factor  may  be 
obtained  within  a  wide  range  of 
bleed  rates.  No  rigorous  limit  for 
bleed  rate  can  be  calculated.  In 
order  to  remove  the  possibility  of 
dynamic  effects,  however,  maximuras 
of  1  knot/second  for  unaccelerated 
stalls,  and  2  knots/second  for 
accelerated  stalls  have  been  ar¬ 
bitrarily  set  on  the  basis  of  ex¬ 
perience. 


•  2.S  STALL  FLIOHT  TASTING 

General: 

Stalls,  a  familiar  maneuver 
mastered  by  every  pilot  when  he 
first  learned  to  fly,  must  not  be 
taken  for  granted  in  a  test  program. 
There  is  a  rather  large  collection 
of  examples  from  flight  test  history 
to  document  the  need  for  caution. 
Designs  that  combine  an  inherent 
pitchup  tendency  with  miserable 
spin  characteristics  have  contributed 
much  to  these  examples.  Stalls  are 


usually  first  demonstrated  by  a  con¬ 
tractor  pilot,  but  it  is  possible 
for  a  military  test  pilot  to  find 
himself  doing  the  first  stalls  in 
a  particular  configuration,  espe¬ 
cially  an  test  bed  research  programs 
where  frequent  modifications  and 
changes  are  made  after  the  vehicle 
has  been  delivered  by  the  contrac¬ 
tor. 

The  cautious  approach  starts 
with  good  preplanning.  Discuss 
with  the  appropriate  engineering 
talent  tne  predicted  stall  char¬ 
acteristics.  Develop  with  them 
the  most  promising  recovery  tech¬ 
nique  for  each  stage  of  the  stall, 
to  include  possible  post-stall 
gyrations.  In  marginal  cases,  a 
suggestion  for  further  wind  tunnel 
testing  or  other  alternative  inves¬ 
tigations  might  be  warranted.  De¬ 
termine  the  most  favorable  loading 
and  configuration  to  be  used  in 
the  initial  stages.  Stall  and 
spin  practice  in  trainer  aircraft 
will  enhance  pilot  performance  dur¬ 
ing  any  out-of-control  situations 
that  might  develop. 

If  pitchup  or  other  control 
problems  seem  remotely  possible, 
the  first  runs  should  terminate 
early  in  the  approach  to  the  stall 
and  the  data  carefully  examined  (on 
the  ground)  for  trends  such  as 
lightening  or  reversal  of  control, 
excessive  attitudes  or  sink  rates. 
Advance  this  data  systematically  on 
subsequent  flights  -  avoid  the  mis¬ 
take  of  suddenly  deciding  in  flight, 
because  things  are  going  well,  to 
take  a  bigger  step  than  planned. 

A  stall  test  point  will  in 
general  involve  three  phases;  the 
approach,  the  stall,  and  the  re¬ 
covery. 

Approach  to  the  Stall; 

As  will  be  described  later, 
the  aircraft  must  be  flown  through 
this  phase  in  a  manner  to  insure 
that  the  stall  occurs  at  the  de¬ 
sired  altitude  and  load  factor. 


Stall  warning,  if  any,  will 
occur  during  this  phase.  This 
requires  a  subjective  judgement  by 
the  pilot  -  only  he  can  tell  when 
he  has  been  warned.  This  judgement 
should  be  extrapolated  to  the  con¬ 
ditions  under  which  the  aircraft 
will  be  used  in  service,  when  dis¬ 
tractions  such  as  combat  maneuver¬ 
ing  may  be  present.  A  warning 
barely  discernable  during  the  test 
program  would  be  of  little  use  un¬ 
der  these  conditions.  Excessive 
warning  is  also  not  desirable; 
MIL-F-8785  specifies  definite  upper 
and  lower  airspeed  limits  within 
which  warning  should  occur.  Con¬ 
trol  shake  or  airframe  buffet  is 
desired  although  artificial  warning 
devices  such  as  stick  and  rudder 
shakers  are  becoming  increasingly 
common . 

The  Stall; 

Stall  has  been  defined  as 
the  minimum  steady  speed  attainable, 
or  usable,  in  flight.  This  minimum 
may  be  set  by  a  variety  of  factors, 
for  example : 

a.  Reaching  Cl  -  the  conven- 

max 

tional  stall. 

b.  Insufficient  longitudinal 
control  to  further  decrease 
speed  -  lack  of  elevator 
power . 

c.  Onset  of  control  problems. 
(Loss  of  control  about  any 
axis . ) 

1.  Pitchup 

2.  Insufficient  lateral- 
directional  control  to 
maintain  attitude 

3.  Poor  dynamic  character¬ 
istics 

d.  Back-side  problems. 

1.  High  sink  rate 

2.  Insufficient  wave-off 
capability 

3.  Excessive  pitch  attitude 
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Aircraft  with  lift  curves 
having  sharp  peaks  may  be  prone  to 
wing  drop  near  the  stall  if  local 
gusts  or  control  motion  cause  a  high 
angle  of  attack  to  occur  on  one  wing 
before  the  other.  MIL-F-8785  pre¬ 
scribes  definite  limits  on  pitch 
and  bank  angle  at  the  stall.  The 
test  pilot  should  describe  any 
other  undesirable  characteristics 
that  may  be  evident. 

The  Recovery: 

The  recovery  is  started  when 
the  stall  or  minimum  steady  speed 
has  been  attained.  For  a  conven¬ 
tional  stall  this  is  indicated  by 
the  inability  to  maintain  the  de¬ 
sired  load  factor  -  usually  a  sudden 
break  is  apparent  on  the  cockpit 
accelerometer . 

The  goal  of  the  recovery  must 
be  specified.  For  example,  it 
might  be  to  keep  the  altitude  lost 
to  a  minimum  or  to  obtain  the  fastest 
acceleration  to  a  maneuver  speed. 

In  a  test  program  all  promising  re¬ 
covery  procedures  consistent  with 
the  objectives  should  be  tried.  It 
is  important  to  have  the  recovery 
specified  in  detail  before  each 
stall  -  do  not  wait  until  the  stall 
breaks  to  decide  what  procedure  is 
to  be  used.  There  are  no  iron-clad 
rules  for  recovery  -  a  "standard 
procedure"  such  as  full  military 
power  could  be  disastrous  in  cer¬ 
tain  vehicles.  Keep  the  instru¬ 
mentation  running  throughout  the 
recovery  until  the  goal  has  been 
attained.  In  the  case  of  minimum 
altitude  loss  this  would  be  when 
rate  of  descent  is  zero  and  the 
aircraft  is  under  control  (the 
altimeter  is  the  first  indication 
of  R/C  =  0)  . 


>.«  DEMONSTRATION  MISSION 

The  student  will  fly  an  Atti¬ 
tude  and  Stall  Demonstration  Mission 
from  the  rear  cockpit  of  the  B-57. 


Attitude  and  Stall  Demonstra¬ 
tion: 

It  has  been  found  advantageous 
to  devote  a  portion  of  the  first 
Stability  and  Control  flight  to  an 
exercise  in  attitude  flying  and  air¬ 
craft  trim  techniques.  The  purpose 
of  the  exercise  is  to  demonstrate 
and  practice  the  proper  techniques 
for  rapidly  getting  an  aircraft 
on  altitude  and  airspeed  in  order 
to  obtain  an  accurate  trim  shot. 


The  visual  attitude  technique 
for  stabilized  points  will  be  flown 
to  a  zero/zero  airspeed  and  altitude 
tolerance.  Front  side  and  back 
side  trim  techniques  will  be  em¬ 
ployed;  the  latter  receiving  more 
stress  in  its  application  to  Sta¬ 
bility  and  Control  flight  testing. 


The  technique  for  stalls 
will  also  be  demonstrated  and 
practiced.  No  data  will  be  re¬ 
corded.  The  student  should  how¬ 
ever  be  thoroughly  familiar  with 
the  B-57  instrumentation  operation 
by  the  completion  of  this  flight. 


TABLE  2.1 


DEMONSTRATION  FLIGHT  DATA 


TRIM  POINTS 

ALTITUDE 

(R) 

AIRSPEED 

(KIAS) 

REMARKS 

20,000 

200 

IP  Demonstration 

24,000 

150 

Student  Practice 

20,000 

300 

Student  Practice 

STALLS 

CRUISE  CONFIGURATION 

20,000 

VTft.M  300  KIAS 

n~1.0 

IP  Demonstrc 

ites  each  studi 

n-2.0 

snt  practices  each. 

POWER  APPROACH  CONFIGURATION 

20,000 

VTR,m  UO  KIAS 

n  1.0 

Student  Practice 

n  1.5 
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As  on  all  missions,  the 
student  will  be  expected  to  keep 
abreast  of  the  overall  progress  of 
the  flight,  including  such  con¬ 
siderations  as  airspace  boundaries, 
restricted  areas,  turbulence  con¬ 
ditions,  flight  time  remaining  and 
proximity  to  the  base.  Avoid 
getting  "tunnel  vision"  on  the 
immediate  details  of  the  task  to 
the  exclusion  of  all  else. 

Trim  Point: 

a.  Set  the  configuration 

b.  Check  for  symmetric  engine 
power  and  good  lateral- 
directional  trim 

c.  Record  a  stabilized  trim 
point  (+1  knot  +100  feet) 

d.  Record  trim  power 

Entry  Conditions: 

Decide  on  an  entry  airspeed 
and  altitude  (based  on  previous 
experience)  and  do  not  settle  for 
other  values.  A  smooth  well  estab¬ 
lished  entry  is  essential  to  good 
results. 

Unaccelerated  Entries. 

a.  Get  established  straight  and 
level  on  entry  airspeed  and 
altitude  with  trim  power  re¬ 
set. 

b.  Make  a  slight  initial  pitch 
rotation  to  start  the  bleed 
rate,  using  the  outside  visual 
attitude  for  reference,  not 
the  airspeed  indicator. 

Accelerated  Entries. 

a.  Establish  a  roughly  level 
turn  at  the  entry  airspeed, 
altitude  and  load  factor. 

Reset  trim  power. 

b.  Using  the  visual  attitude  and 
the  accelerometer  as  refer¬ 


ence  ,  substitute  an  increment 
of  pitch  for  an  increment  of 
bank  angle  while  maintaining 
the  aim  load  factor.  The 
nose  should  begin  to  follow 
a  chandellelike  helix  above 
the  horizon.  The  angle  of 
this  helix  with  the  horizon 
determines  the  bleed  rate.  ‘ 

Approach  to  the  Stall: 

Pitch  control  is  used  pri¬ 
marily  in  this  phase  to  maintain 
the  aim  load  factor,  although  some 
adjustment  of  the  bleed  rate  may 
be  made. 

Unaccelerated  Stall  Approach 

a.  Check  the  bleed  rate  and 
correct  with  pitch  if  neces¬ 
sary. 

b.  Start  the  instrumentation  at 
some  predetermined  speed. 

c.  Call  out  the  airspeed  and 
actuate  the  event  marker  at 
stall  warning.  Mentally  note 
the  type  and  adequacy  of  the 
warning. 

d.  Use  pitch  control  to  keep 
n  =  1.0.  Do  not  attempt 
bleed  rate  corrections  after 
stall  warning.  Keep  wings 
level.  Pitch  rotation  must 
increase  as  the  stall  is 
approached  to  keep  the  aim 
load  factor,  and  the  accel¬ 
erometer  must  be  closely 
monitored  to  catch  the  stall 
break. 


Accelerated  Stall  Approach. 

a.  Bleed  rate  is  largely  deter¬ 
mined  by  the  initial  helix 
angle.  A  bank  angle  increase 
will  slow  the  bleed  rate  and 
a  bank  angle  decrease  will 
speed  it  up,  provided  the 
load  factor  is  maintained. 
Concentrate  on  the  aim  load 
factor:  once  it  is  deviated 


from  it  is  difficult  to  sal¬ 
vage  a  run. 

b.  Start  the  instrumentation  at 
a  speed  well  in  advance  of 
stall  warning. 

c.  Check  the  bleed  rate  again 
only  to  evaluate  the  stall. 
Corrections  late  in  the 
approach  are  useless. 

d.  Call  out  airspeed  and  actuate 
the  event  marker  at  stall 
warning.  Qualitatively  eval¬ 
uate  the  warning  for  the  type 
and  adequacy. 

e.  Maintain  the  load  factor 
until  the  stall  breaks. 

The  Stall; 

The  accelerometer  must  be 
closely  cross  checked  to  catch 
the  break.  A  good  positive  pitch 
rotation  will  make  the  stall  easy 
to  identify.  If  the  stick  is  re¬ 
laxed  near  the  stall  (a  natural 
tendency)  a  pseudo-break  will  con¬ 
fuse  the  issue.  At  the  break  call 
out  the  airspeed  and  altitude. 
Initiate  recovery  controls  and 
configuration  change,  if  any. 
Qualitatively  evaluate  the  aircraft 
stall  characteristics. 


The  Recovery 


Keep  the  instrumentation 
running  and  follow  the  predeter¬ 
mined  procedure.  Qualitatively 
evaluate  the  recovery  character¬ 
istics.  Call  out  the  final  re¬ 
covery  altitude. 


Clean-Up  Phase. 


a.  Stop  the  instrumentation. 

b.  Check  the  general  situation 
and  start  the  aircraft  toward 
the  next  point. 

c.  Hand  record  warning  speed, 
stall  speed,  altitude  lost, 
and  qualitative  comments. 

The  verbal  call-outs  aid  in 
retaining  the  numbers  until 
they  can  be  written  down. 


d.  Decide  if  a  correction  to 
the  entry  conditions  is  re¬ 
quired. 


•  8.8  DATA 

Data  to  be  Recorded: 

A  continuous  oscillograph 
recording  will  be  taken  from  before 
stall  warning  until  after  recovery 
for  each  of  the  stalls  on  which 
data  are  collected.  The  oscillo¬ 
graph  will  also  be  used  to  record 
trim  points.  The  following  data 
should  be  hand  recorded  for  each 
stall : 

a.  Indicated  speed  at  stall  warn 

ing  (actuate  event  marker). 

b.  Indicated  stall  speed. 

c.  Altitude  lost  during  recovery 

d.  Qualitative  comments  on: 

1.  Type  and  adequacy  of 
stall  warning. 

2.  Stall  characteristics 
such  as  pitch  and  roll. 

3.  Control  characteristics 
during  the  three  phases 
of  the  stall. 

4.  Recovery  technique  and 
effectiveness . 

e.  Fuel  counter  readings. 

f.  Oscillograph  run  number. 

The  format  of  the  flight  data 
cards  is  not  specified.  However, 
the  stall  mission  is  a  very  busy 
one  and  it  will  tax  the  pilot's 
concentration  and  agility.  Extra 
time  should  be  spent  to  devise 
data  cards  that  will  aid  in  keeping 
track  of  the  details.  A  space  for 
every  type  of  comment  desired 
should  be  provided  beforehand;  then 
the  pertinent  information  may  be 
rapidly  entered  during  the  clean¬ 
up  phase.  Do  not  crowd  the  cards. 
Prepare  an  outline  type  flight  card 


2.10 


45 


for  the  IP  with  space  for  remarks 
but  not  necessarily  a  duplicate  of 
the  data  cards. 


Figure  2.14 

TYPICAL  STALL  TIME  HISTORY 


Data  Presentation: 

A  table  and  a  time  history 
similar  to  figures  2.13  and  2.14 
will  be  presented  in  the  report. 

The  time  history  should  be  of  a 
particularly  well  flown  stall,  and/ 
or  of  one  during  which  some  unusual 
characteristic  was  observed.  All 
the  parameters  for  the  time  history 
may  be  obtained  from  the  oscillo¬ 
graph  record. 

The  report  should  include  a 
discussion  of  the  qualitative  find¬ 
ings  and  an  evaluation  of  the  air¬ 
craft  in  comparison  to  the  require¬ 
ments  of  MIL-F-8785.  (The  School 
flight  profile  was  chosen  to  demon¬ 
strate  as  much  as  possible  in  a 
reasonable  time  -  it  does  not  neces¬ 
sarily  fulfill  all  the  requirements 
of  paragraph  3.4.1.) 


Figure  2.13 
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The  purpose  of  this  test  is 
to  determine  the  limiting  normal 
acceleration  or  g's  that  can  be 
pulled  at  various  speeds  and  Mach 
numbers.  This  may  be  determined 
by  buffet  and/or  pitchup.  From 
this  data  it  is  possible  to  deter¬ 
mine  the  best  maneuvering  Mach 
number. 

Data  Recording: 

The  data  for  this  test  will 
be  hand  recorded.  Normally  this 
test  would  be  flown  at  several  cen¬ 
ter  of  gravity  positions.  However, 
at  the  School,  to  conserve  time,  the 
test  will  be  flown  while  the  center 
of  gravity  is  being  moved  from  the 
forward  to  the  aft  position. 

Test  Techniques; 

Trim  the  aircraft  at  250 
KIAS  at  20,000  feet.  Since  the 
center  of  gravity  is  shifting,  it 
will  be  impossible  to  maintain  trim 
for  an  extended  period  of  time. 
Furthermore,  the  data  obtained  on 
this  test  is  not  a  function  of 
stabilizer  position,  therefore, 
do  not  take  a  trim  shot.  Place 
the  aircraft  in  a  steady  level  turn 


and  increase  power  in  an  attempt 
to  hold  constant  altitude,  trim 
velocity  and  Mach  number.  Contin¬ 
ually  increase  the  load  factor 
until  initial  buffet  is  reached 
and  note  the  load  factor  at  this 
time.  Continue  to  increase  the 
bank  and  load  factor  until  moderate 
buffet  is  reached  and  again  note 
this  load  factor. 

The  same  technique  will  be 
used  at  airspeeds  of  280,  300,  320, 
and  350  KIAS.  At  the  higher  air¬ 
speeds,  when  it  may  be  impossible 
to  hold  constant  altitude  at  full 
power,  plan  the  entry  from  a  higher 
altitude  so  that  the  aircraft  will 
reach  buffet  at  the  required  speed 
and  altitude.  A  tolerance  of  plus 
or  minus  500  feet  will  be  allowed. 

Care  should  be  taken  not  to 
increase  load  factor  more  than  one 
half  g  per  second  in  order  to  mini¬ 
mize  dynamic  effects. 

If  any  intolerable  condition 
of  flight  is  experienced  prior  to 
initial  or  heavy  buffet  the  run 
will  be  discontinued  and  appropriate 
mention  made  of  this  fact. 

Data  Reduction  Outline : 

The  data  reduction  is  as 
follows : 


Parameter 

Source 

How  Obtained 

©  Vi 

Instrument  Panel 

Data  Card 

©  AVic 

Calibration  Sheets 

©  Vic 

©+© 

©  *vpc 

Position  error 

©  vc 

©+© 

©  Hi 

Instrument  Panel 

©  *Hic 

Calibration  Sheets 

©  Hic 

©♦© 
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Parameter 


Source 


How  Obtained 


©  AHpc 
©  Hc 

©  Me 

©)  n  (Initial  buffet) 
(©  n  (Moderate  bufl 't) 

@  wt 
©  s 
©  W/6 

0  nW/5  (Initial) 

©)  nW/5  (Moderate) 


Position  error 
Calibration  Altitude 
Appropriate  charts  at  10 
Instrument  Panel 
Instrument  panel 
Gross  Weight 
Pressure  ratio 


ADoropriate  charts 
at  (id) 

0  1  © 

©*  © 
©X© 


Plot  ©)  and  ©)  versus  ©)  showing  lines  of  initial  buffet  and  moderate  buffet. 


CHAPTER 


3 


LONGITUDINAL  STABILITY 


The  purpose  of  this  flight 
test  is  to  determine  the  longitudi¬ 
nal  static  stability  characteristics 
of  an  aircraft.  More  specifically, 
it  determines  the  gust  and  speed 
stability  level  of  the  aircraft, 
and  the  limiting  aft  eg  location 
based  on  the  static  margin  derived 
from  an  investigation  of  the  neutral 
point . 


An  aircraft  is  said  to  be 
statically  stable  longitudinally 
(positive  gust  stability)  if  the 
moments  created  when  the  aircraft 
is  disturbed  from  trimmed  flight 
tend  to  return  the  aircraft  to  the 
condition  from  which  it  was  dis¬ 
turbed.  Longitudinal  stability 
theory  shows  the  flight  test  re¬ 
lationships  relating  to  the  stick- 
fixed  and  stick-free  gust  stability, 
dCm/dCL,  to  be: 


stick-fixed 


stick-free: 


dC/dCT 
m _ L 

Cm6 

°e 


Fixed 


(3.0) 


d  (Fs/q) 


dC 


m 


dC 


LFree 


(3.1) 


Therefore,  during  the  flight  test, 
control  stick  forces  (Fs)  and  ele¬ 
vator  deflections  (6e)  must  be 
measured.  These  test  parameters 
are  a  direct  indication  of  handling 
qualities  and  show  the  variation  of 
out-of-trim  forces  with  airspeed. 
The  measurement  of  these  flight 
test  parameters  also  provides  a 


means  of  extracting  a  neutral  point 
and,  consequently,  a  static  margin 
for  any  eg  position. 

The  neutral  point  extracted 
from  steady  level  flight  indicates 
the  eg  position  for  neutral  sta¬ 
bility.  The  neutral  point  concept 
of  static  restoring  tendencies  has 
questionable  utility  if  the  neutral 
point  variation  with  angle  of  attack, 
Mach  number,  or  aeroelasticity  is 
large.  Generally  flight  at  high 
angles  of  attack  or  in  the  tran¬ 
sonic  region  results  in  large 
neutral  point  variations.  For  this 
reason,  neutral  point  locations  are 
often  of  secondary  or  strictly 
academic  interest.  The  variation 
of  stick  forces  and  elevator  de¬ 
flection  with  Mach  number  for  a 
given  range  of  eg  gives  the  sta¬ 
bility  engineer  all  the  desired 
information. 

Speed  stability,  which  indi¬ 
cates  how  the  control  stick  forces 
and  elevator  deflections  vary  with 
Mach  number,  is  obtained  directly 
from  camera  ~r  oscillograph  data. 
Neutral  speed  stability  is  indi¬ 
cated  at  points  of  zero  slope  on 
the  Mach  versus  stick  force  or 
elevator  position  plots.  In  addi¬ 
tion,  the  simultaneous  measurement 
of  forces  and  deflections  permits 
both  stick-fixed  and  stick-free 
static  stability  determinations. 

Flight  path  stability  is  a 
requirement  to  be  satisfied  on  the 
"backside"  of  the  drag  curve  for 
the  landing  approach  flight  phase. 
This  means  that  when  the  pilot 
changes  airspeed  by  use  of  the  ele¬ 
vator  alone,  increases  in  airspeed 
may  be  accompanied  by  decreases  in 
the  flight  path  climb  angle.  De- 


creases  in  airspeed  would  likewise 
be  accompanied  by  increases  in  the 
flight  path  climb  angle.  MIL-F- 
8785  (para  3.2.1. 3)  prescribes  the 
allowable  gradients  over  the  air¬ 
speed  range  to  be  considered.  The 
data  required  to  test  for  compliance 
with  this  specification  are  vertical 
velocity  and  indicated  airspeed  both 
hand- recorded  at  stabilized  airspeed 
points . 

•  3.1  MILITARY  SPECIFICATION 
REQUIREMENTS 

General : 

The  1954  version  of  MIL-F- 
8785  established  longitudinal  sta¬ 
bility  requirements  in  terms  of  the 
neutral  point.  While  the  neutral 
point  criteria  is  still  valid  for 
testing  certain  types  of  aircraft, 
this  criteria  was  not  optimum  for 
aircraft  operating  in  flight  re¬ 
gimes  where  other  factors  were  more 
important  in  determining  longitu¬ 
dinal  stability.  The  19ii8  version 
of  MIL-F-8785  does  not  even  mention 
neutral  points,  instead,  section 
3.2.1  of  MIL-F-8785  specifies  lon¬ 
gitudinal  stability  with  respect 
to  speed  and  flight  path.  The 
requirements  of  this  section  are 
relaxed  in  the  transonic  speed 
range  except  for  those  aircraft 
which  are  designed  for  prolonged 
transonic  operation. 


•  3.3  NEUTRAL  POINT  THEORY 

The  neutral  point  has  some¬ 
times  been  defined  as  the  eg  loca¬ 
tion  at  which  the  derivative 
dCm/dCL  -  0.  Under  the  condition 

of  a  gliding,  rigid  airplane  at 
low  Mach  number,  Cl  is  a  unique 
function  of  a,  and 

3C  /3a 

dCm/dCL  "  3^  •  Then  if 

dCm/dCL  is  zero,  then  3Cm/3a  must 
also  be  zero. 


3.2 


Mathematically  speaking,  the 
derivative  dCm/dCL  does  not  exist 
unless  M,  Tc  and  l/2p  V2  are  defi¬ 
nite  functions  of  Cl.  When  that 
is  the  case,  then 


dC 

3C 

3C 

3M 

3C  3T 

m 

m 

3a 

JL  m 

m  c 

asi' 

3a 

3Cl 

'  3M 

3T~  3C7 

C  L 

4-  _ 

3C 

m 

3 (l/2p 

V2) 

3 (l/2p 

|<N 

> 

3CL 

This  equation  has  meaning  only  dur¬ 
ing  straight,  one-g  flight.  When 
a  condition  of  this  kind  is  imposed, 
then  M,  Tc,  and  the  dynamic  pres¬ 
sure  are  definite  functions  of  Cl- 
The  derivative  dCm/dCL  exists,  and 
the  neutral  point  determined  from 
it  is  not  an  index  of  stability 
with  respect  to  gust  disturbances. 

In  this  case,  dCm/dCL  relates  to 
the  trim  curves  of  the  airplane. 

A  plot  of  the  elevator  angle 
required  to  trim  versus  speed  will 
have  a  zero  slope  when  dCm/dCL  is 

zero,  and  a  negative  slope  when 
the  eg  lies  aft  of  the  neutral 
point.  The  reversal  of  slope  indi¬ 
cates  a  tendency  toward  instability 
with  respect  to  speed,  but  only  a 
dynamic  analysis  can  show  whether 
or  not  the  airplane  is  stable  in 
this  condition.  A  neutral  point 
thus  defined  does  not  lead  to  any 
definite  and  clear  conclusion  about 
either  the  gust  stability  or  about 
the  general  static  stability  involv¬ 
ing  both  speed  and  gusts.  It  does 
have  a  definite  bearing  on  the 
handling  qualities  and  nature  of  the 
instabilities  that  can  occur  when 
the  eg  lies  forward  and  aft  of  this 
neutral  point. 


9  3.3  EXAMPLE  TEST  METHODS 

Stabilized  Method: 

This  method  is  used  for  those 
aircraft  with  a  small  airspeed 
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range  and  virtually  all  aircraft 
in  the  power  approach  configuration 
or  at  low  subsonic  speeds  at  low 
altitudes.  It  is  the  less  diffi¬ 
cult  method  but  requires  more  fly¬ 
ing  time.  It  is  used  to  test  for 
both  speed  and  flight  path  stability. 

The  aircraft  is  trimmed  care¬ 
fully  at  the  desired  airspeed 

(Vn_.  )  and  altitude.  Once  the 
umm 

trim  is  established  and  a  trim  shot 
recorded,  the  trim  should  not  be 
changed  for  the  remainder  of  the 
test.  The  starting  altitude  for 
the  test  depends  on  the  type  air¬ 
craft.  The  altitude  band  for  the 
test  is  the  trim  altitude  plus  or 
minus  a  1,000  feet.  For  a  low 
aspect  ratio  aircraft  like  the  T-38, 
the  test  may  be  initiated  at  the 
trim  altitude.  In  any  event,  when 
the  aircraft  flies  out  of  the  alti¬ 
tude  band,  the  test  should  be  ter¬ 
minated  and  the  aircraft  flown  back 
into  the  test  band  for  completion 
of  the  test. 

Without  changing  power  or 
trim,  increase  aircraft  attitude 
to  slow  the  airspeeds  to  below  trim 
airspeeds  (use  approximately  10  kt 
increments) .  When  stabilized, 
(attitude  fixed,  airspeed  fixed, 
and  no  control  stick  movement) 
record  the  data.  The  pilot  should 
be  careful  not  to  induce  additional 
control  stick  forces  or  movement 
when  taking  the  data.  The  aircraft 
may  be  climbing  or  descending  when 
stabilized.  The  aircraft's  atti¬ 
tude  is  then  increased  to  further 
reduce  the  airspeed.  The  aircraft 
is  again  stabilized,  and  the  data 
recorded.  For  airspeeds  above  trim, 
the  aircraft's  attitude  is  lowered 
to  increase  the  airspeed  (use 
approximately  10  kt  increments) . 

If  small  flight  path  pitch  changes 
are  made  and  aim  airspeeds  are  lead 
by  timely  pitch  corrections,  air¬ 
speed  overshoot  may  be  prevented. 

In  the  power  approach  configuration, 
the  test  is  terminated  at  the  gear 
down  limiting  airspeed.  The  test 
is  then  repeated  for  different  al¬ 
titudes  and  eg  positions. 


A  typical  T-38  flight  path 
variation  during  the  stabilized 
method  is  shown  in  figure  3.0. 

FIGURE  3.0 
STABILIZED  METHOD 

- - H-HXX)  ft 


Acceleration  Method; 

Thia  method  is  most  commonly 
used  for  an  aircraft  with  a  large 
airspeed/altitude  r_nge  capability 
and  for  aircraft  in  the  cruise 
and/or  combat  configuration.  This 
method  is  less  time  consuming  but 
more  difficult  than  the  Stabilized 
Method . 


As  in  the  Stabilized  Method, 
the  aircraft  is  carefully  trimmed 
hands-off  at  the  designated  trim 
airspeed  at  the  desired  altitude. 

The  trim  shot  is  recorded.  The 
power  is  then  reduced  to  idle  and 
the  aircraft  is  decelerated  to 
the  required  low  speed  point.  Dur¬ 
ing  deceleration  the  pilot  should 
increase  the  aircraft  attitude 
smoothly  to  maintain  a  nearly  zero 
rate  of  climb  (a  slight  constant 
climb  or  descent  is  acceptable) . 

Aft  stick  forces  should  increase 
during  deceleration.  At  no  time 
should  the  stick  forces  be  relaxed 
or  reversed  during  the  deceleration. 
Data  should  be  recorded  at  inter¬ 
vals  of  about  10  KIAS. 

When  below  the  specified 
minimum  speed  for  data,  the  power 
should  be  increased  to  stabilize 
the  airspeed  prior  to  initiating 
the  acceleration  portion  of  the 
test.  Power  is  then  increased 
smoothly  to  full  power.  Positive 
and  expeditious  throttle  changes 
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to  full  power  or  idle  will  minimize 
power  and  acceleration  contributions 
to  the  trim  curves.  As  airspeed 
increases  towards  trim  airspeed, 
the  aircraft's  attitude  will  de¬ 
crease  as  aft  stick  forces  are 
relaxed.  Before  trim  airspeed  is 
reached  the  relaxation  of  aft  stick 
forces  will  transition  to  a  push 
force  which  will  increase  as  the 
airspeed  increases  above  trim  air¬ 
speed.  Preventing  stick  force 
relaxation  or  reversals  is  of  pri¬ 
mary  importance.  Smooth  attitude 
changes  are  made  to  control  rate 
of  climb.  At  approximately  0.90 
Mach,  the  aircraft's  attitude 
should  be  fixed  and  stick  movements 
and  forces  used  to  maintain  this 
attitude  during  the  transonic  por¬ 
tion  of  the  run.  Data  should  again 
be  recorded  every  10  KIAS. 

The  aircraft  is  then  decel¬ 
erated  back  to  the  trim  airspeed 
using  the  same  stick  and  attitude 
techniques. 

The  aircraft  is  then  trimmed 
at  another  desired  flight  condition 
and  the  maneuver  is  repeated. 

During  this  test  the  air¬ 
craft's  attitude  will  gradually 
change  and  a  rapid  crosscheck  be¬ 
tween  the  outside  horizon  and  the 
rate  of  climb  indicator  will  assist 
in  establishing  the  proper  rate  of 
aircraft  rotation. 


S.4  SATA  RECORDING 

The  data  card  should  list 
pertinent  test  information  to  help 
m  identifying  the  particular  test 
flight.  The  card  may  be  used  as 
an  outline  to  maintain  the  con¬ 
tinuity  of  the  flight.  A  place 
for  camera  number  and  oscillograph 
correlation,  if  applicable,  is 
necessary  in  order  to  identify 
the  film  or  oscillograph  trace  re¬ 
cording  . 


The  sample  data  card  shown 
is  the  responsibility  of  the  flight 
test  engineer  or  the  pilot. 


PILOT  DATA  CAKD 


ITIM 

C.N. 

HI 

VI 

Ml 

FUEL 

6M9  SHOT 

0 

TRIM 

15000 

START 

FINISH 

TRIM 

30000 

START 

FINISH 

TRIM 

4SOOO 

START 

FINISH 

OROUMO TKHPCDAT UNI 


•ROUND  ALTIMCTKR  AH*  W| 


TMitorr 


TAKOOPF 


PLAN* 

T-NASM 


DAT* 

PLIANT  NO. 

1  PILOT 

20  JULY  *4 

3 

MORRISON 

•NOIN*  NO. 

POOL 

FULL  INTERNAL 

MAIN  CONTROL  NO. 

■MCA*  COM  MO. 

CONFIGURATION 

CR  AFTC.6. 

3.5  DATA  REDUCTION 

3.5  Table  3.1  is  a  data  reduction 
outline  that  can  be  used  to  present 
the  results  of  the  stabilized  and/or 
acceleration  method  for  the  T-33, 

B-5 7 ,  and  T-38  aircraft.  Columns 
21-24  are  used  only  for  flight  path 
stability  determination. 


3.4 
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Table  3.1 


DATA  REDUCTION  OUTLINE 


(For  T-33 , 

B-57 ,  and  T-38 

Aircraft) 

Column 

Symbol 

Units 

Source 

© 

C.N. 

Counter  number 

© 

Vi 

kt 

Indicated  airspeed 

© 

AVic 

kt 

Instrument  corrections 

© 

aVpC 

kt 

Position  error 

© 

avc 

kt 

Airspeed  compressibility 
correction 

© 

Ve 

kt 

Equivalent  airspeed 

Vi  +  AV^®  +  AVpC  +  AVC 

© 

ve 

kt2 

Equivalent  airspeed 
squared 

© 

q 

lb/ft2 

Dynamic  pressure  l/2p  v| 
equals  V2  x  0.003392 

qS 

lb 

Dynamic  pressure  wing  area 

T-33  S  =  234.8  ft? 

T-38  S  =  170  ft2 

F-104  S  =  196.1  ft2 

B-57  S  =  960  ft2 

© 

F/C 

gal 

Fuel  counters 

© 

W 

lb 

Aircraft  gross  weight  plus 
weight  of  fuel  remaining 
(plot  weight  vs  fuel  counter 
reading  and  take  W  from  that) 

© 

Cl 

Lift  coefficient  =  W/qS 

© 

6®. 

Indicated  elevator  position 

© 

«e 

Degrees  elevator  position  from 
calibration  sheet 

© 

dVdCL 

deg 

The  trim  curve  slope  for  each 

Cl  and  eg 

© 

F5i 

lb 

Indicated  stick  force 

© 

F*C 

lb 

Corrected  stick  force.  Indi¬ 
cated  stick  force  minus  the 
trim  force  recording 

© 

FS 

lb 

Stick  force  from  calibration 
sheets 

© 

Fs/q 

►-h 

ft 

fo 

Stick  force  divided  by  dynamic 
pressure 

© 

dFs/q 

ft2 

Trim  curve  slope  for  various 

CL's  at  each  eg 

© 

W 

f  ps 

Cockpit  R/C  i  60 

© 

V 

f  ps 

TAS  from  No.  6 

© 

@ 

Y 

dy 

dV 

deg 

deg- sec 
ft 

Climb  angle  sin-1  V?1 - ; 

True  Airspeed 

Plot  Of  y  vs.  V 

t 
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FIGURE  3.1 


Equivalent  airspeed  is 
selected  as  a  plotting  variable 
because  the  coefficient  of  lift  is 
normally  obtained  from  it  at  incom¬ 
pressible  speeds.  From  this  plot, 
longitudinal  control  requirements 
and  speed  stability  evaluation  at 
various  speeds  can  be  determined. 


FIGURE  3.2 


If  elevator  position  plots 
linearly  with  lift  coefficient, 
only  one  stick-fixed  neutral  point 
exists.  Otherwise,  the  neutral 
point  varies  with  angle  of  attack 
(or  lift  coefficient) .  The  deriva¬ 
tive  d5e/dVe  (at  one  Ve  and  eg) 
does  not  change  with  weight  unless 
the  neutral  point  varies  with  angle 
of  attack.  The  derivative  d6e/dCL 
serves  better  than  d£e/dVe  as  a 
plotting  variable  in  locating 
neutral  points  because  nonlinear 
weight  effects  are  included. 


The  rate  of  change  of  ele¬ 
vator  deflection  with  respect  to 
lift  force  coefficient  is  measured 
from  the  plot  of  6e  versus  CL. 

The  slope  is  taken  at  three  or 
more  C^'s  over  the  airspeed  range 
for  all  center  of  gravity  loadings. 


Film  l.l 

4  »•  c|  (WORKING  PLOT) 


The  point  where  dfie/dCL  =  0, 

is  the  stick-fixc.d  neutral  point 
for  that  particular  Cl.  These 
neutral  points  for  this  one  altitude 
are  plotted  versus  CL  as  the  curve 
Hi  in  figure  3.4.  Additional  al¬ 
titude  data  would  plot  as  curves 
H2  and  H3. 


Figure  3.4  indicates  the 
change  in  stick-fixed  stability  as 
the  aircraft  traverses  the  speed 
range  at  three  representative  al¬ 
titudes  . 


FJGURE  3.4 

STICK-FIXED  NEUTRAL  POINT  VERSUS  LIFT  COEFICIENT 


u 


Stick-free  neutral  points  are 
determined  from  data  in  the  follow¬ 
ing  manner: 

FIGURE  3.5 


This  plot  indicates  the 
apparent  stability  to  the  pilot. 

It  is  used  to  evaluate  handling 
qualities  and  compliance  with 
military  specifications.  The  de¬ 
rivative  dFs/dVe  is  a  function  of 
aircraft  trim  as  well  as  stability. 
This  reduces  the  value  of  an  ex¬ 
tracted  neutral  point.  When  the 
stick  force  is  divided  by  dynamic 
pressure,  the  derivative  of  this 

dFs/q 

quantity,  —  ,  is  a  function  of 
auL 

stability  only  and  produces  a  more 
valid  stick-free  neutral  point. 


From  the  plot  of  Fs/q  vs  CL, 
the  rate  of  change  of  stick  force 
with  respect  to  lift  coefficient 
is  measured  and  the  slope  determined 
at  three  or  more  Cl's  over  the  air¬ 
speed  range  for  both  center  of 
gravity  loadings. 

FIGURE  3.7 

PLOTTED  FOR  ONE  ALTITUDE 


eg  STICK  FREE  NEUTRAL 

POINTS  h*R 


dF  /q 

The  point  where  — —  =  0 
dCL 

is  the  stick  free  neutral  point,  h'n 
at  that  particular  CL.  The  neutral 
point  movement  with  Cl  for  one  al¬ 
titude  is  curve  Hi  in  figure  3.8, 
Additional  altitudes  would  plot  as 
H2  and  H-j • 


FIGURE  3.8 
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Table  3.2  is  a  data  reduction 
outline  that  can  be  used  for  the 
T-38  or  other  transonic/supersonic 
aircraft. 


Table  3.2 


DATA  REDUCTION  OUTLINE 
(T-38  Aircraft) 


Column 

Symbol 

Units 

Source 

© 

C.N. 

Counter  number 

© 

Vi 

kt 

Indicated  airspeed 

AVic 

kt 

Instrument  corrections 

© 

AVpC 

kt 

Position  error 

© 

Vc 

kt 

Calibrated  airspeed 

Vi  +  AVic  +  AVpc 

© 

Hi 

ft 

Indicated  altitude 

© 

*Hic 

ft 

Instrument  corrections 

© 

AHpC 

ft 

Position  arror 

© 

Hc 

ft 

Calibrated  altitude 

© 

M 

ft 

Mach  number  from 

Vc  and  He 

© 

d6 

e 

dM 

deg 

Trim  curve  slope  at 
various  Mach  numbers 
throughout  the  speed 
range 

© 

Fa  . 

Indicated  stick  force 

© 

Fs 

*c 

Corrected  stick  force. 
Indicated  stick  force 
minus  the  trim  force 
reading 

© 

F 

r  s 

Stick  force  from  cali¬ 
bration  sheets 

© 

dFs/dM 

Trim  curve  slope  for  each 
eg  position  at  a  trim 

speed 
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This  plot  indicates  the 
change  in  apparent  speed  stability 
of  the  aircraft  and  is  used  in 
evaluating  handling  qualities. 

The  neutral  point  thus  de¬ 
fined  does  not  necessarily  occur 
at  the  same  eg  position  where 
dFs/dV  =  0.  Therefore,  it  is  per¬ 
missible  to  shift  the  eg  behind 

dF  /q 

the  point  where  —  =0  if  a 

pull  force  is  still  required  to 
fly  slower  than  the  trim  airspeed. 

It  would  be  desirable  to 
flight  test  for  the  separate  effects 
of  Mach  number,  angle  of  attack,  and 
elasticity  on  neutral  point  loca¬ 
tion,  but  this  is  not  normally 
possible.  A  practical  evaluation 
would  consist  of  combining  the 
angle  of  attack  and  elastic  effects 
for  a  constant  Mach  number. 

From  a  plot  of  Se  vs  M,  the 
curve  slope  at  constant  Mach  number 
is  measured. 

FIGURE  3.10 


dM 


The  stick  fixed  neutral 
points  are  then  plotted  versus 
Mach  number  for  all  test  altitudes 
as  in  figure  3.11. 


Neutral  points  vary  with 
configuration,  angle  of  attack,  Mach 
number,  and  static  elastic  airframe 
distortion.  The  above  analysis 
and  plots  are  for  constant  weight. 
Tests  should  be  conducted  at  high 
and  low  weight  at  each  altitude, 

Mach  number,  and  eg  position.  How¬ 
ever,  testing  for  relative  neutral 
point  location  from  selected  flight 
conditions  is  recommended  in  view 
of  the  extensive  flight  test  time 
required  to  conduct  a  complete 
analysis . 

No  extensive  attempts  should 
be  made  to  locate  transonic  stick- 
fixed  or  stick-free  neutral  points 
because  the  eg  would  never  be 
shifted  to  correct  for  transonic 
speed  instability  in  any  case.  Also 
the  dynamic  stability  is  highly 
nonlinear  with  Mach  number  in  this 
region  and  the  neutral  point  con¬ 
cept  has  little  utility  other  than 
to  qualitatively  specify  an  insta¬ 
bility  . 

An  aircraft  of  relatively 
low  speed  capability  which  displays 
essentially  linear  aerodynamic  vari¬ 
ations  with  angle  of  attack  and 
which  is  structurally  rigid  will 
have  one  neutral  point  per  config¬ 
uration.  On  the  other  hand  Mach 
number  effect  may  dominate,  in 
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which  case  neutral  point  versus 
Mach  number  becomes  one  curve.  If 
the  aircraft  is  elastic,  has  super¬ 
sonic  speed  capability,  and  is 
nonlinear  with  angle  of  attack  as 
are  many  modern  types,  the  results 
will  appear  similar  to  figures 
3.12  through  3.16. 


FIGURE  3.12 


The  derivative  dFs/dM  may 
be  used  as  a  plotting  variable  for 
determing  a  neutral  point  at  a  trim 
Mach  number  for  a  particular  alti¬ 
tude  and  configuration.  When  deal¬ 
ing  with  an  irreversible  control 
system,  stick  force  versus  Mach 
number  trim  curves  should  be  eval¬ 
uated.  Neutral  points  thus  have 
meaning  only  at  the  trim  Mach  num¬ 
ber. 

In  reducing  force  data  for 
neutral  point  determination,  the 
slopes  should  be  averaged  on  either 
side  of  trim  speed  for  each  eg  posi¬ 
tion. 


FIGURE  3.13 

TRIM  CURVE  SLOPES  *.  i«  POSITION  AT  A  TRIM 
MACH  NUMBER  (WORKING  PLOT) 


Variation  of  Neutral  Point 
with  trim  Mach  number  is  shown  in 
figure  3.14. 

FIGURE  3.14 

NEUTRAL  POINT  ».  TRIM  MACN  NUMBER 


For  an  irreversible  control 
system,  force  trim  curves  should  be 
obtained  for  various  trim  Mach  num¬ 
bers  to  evaluate  the  trim  curve  vari¬ 
ation  with  Mach  number.  Force  data 
at  Mach  numbers  differing  appre¬ 
ciably  from  trim  Mach  number  are 
obtained  in  order  to  evaluate  the 
forces  required  to  maintain  one-g 
flight  if  the  trim  mechanism  fails. 

A  single  neutral  point  (for  a  par¬ 
ticular  Mach  number,  altitude,  and 
configuration)  also  is  valuable  in 
showing  the  apparent  stick-free 
stability  at  the  particular  test 
conditions . 

In  the  transonic  speed  regime, 
the  trim  curve  (stabilator  deflec¬ 
tion  versus  speed  curves)  is  usually 
characterized  by  a  hump  or  a  re¬ 
versal  in  deflections.  This  does 
not  irdicate  aircraft  instability. 

If  the  aircraft  were  displaced  in 
the  transonic  regime  the  pitching 
moment  would  still  tend  to  restore 
the  aircraft  to  equilibrium  flight. 
The  aircraft  is  still  stable  and 
has  a  negative  slope  of  Cm  versus 
a.  At  subsonic  speeds  the  curve 
is  insensitive  to  speed;  while  at 
transonic  speeds,  the  curve  is 
affected  by  Mach  number.  In  tra¬ 
versing  the  transonic  speed  range, 
the  aircraft  is  traversing  many 

stable  Cm  curves.  The  aircraft 
‘“a 


STICK  FREE  NEUTRAL 
JOINTS,  V„ 
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is  statically  stable  throughout  the 
transonic  speed,  but  has  apparent 
speed  instability. 

By  accelerating  and  decel¬ 
erating  through  the  same  speed 
range,  any  noticeable  power  effects 
will  reflect  in  the  trim  curve  plot 
as  shown  in  figure  3.15.  If  the 
power  effects  are  large,  the  accel¬ 
eration  and  deceleration  curves 
should  be  shown  separately.  If 
the  effects  are  small,  an  average 
curve  may  be  drawn  (figure  3.16) . 


FIGURE  3.15 

LARGE  POWER  EFFECTS 


FIGURE  3.16 

SMALL  POWER  EFFECTS 


<j>  ACCELERATION 
A  DECELERATION 


Climb  angle  plotted  versus 
true  airspeed  is  shown  in  figure 
3.17.  This  figure  is  typical  of 
the  T-38  in  the  PA  configuration, 
trimmed  at  Vq^  .  The  criteria  for 

flight  stability  is  contained  in 
figure  3.18  which  is  derived  from 
figure  3.17. 

Ficort  1.17 
T-ll  P.A. 


Figure  3.18 
Flight  Pith  Stability 
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CHAPTER  Mgg 

SPIN  FLIGHT  TEST  TECHNIQUES 


•  4.1  PREPARATION 


The  test  pilot  who  intends 
to  spin  an  aircraft  should  be  able 
to  study  its  desigr  and  obtain  a 
good  idea  of  the  spinning  char¬ 
acteristics.  By  comparing  the  test 
aircraft's  design  parameters  with 
the  equations  of  motion,  he  should 
also  be  able  to  tell  what  the  best 
recovery  procedure  is  to  be.  In 
the  event  the  test  pilot  is  advised 
to  recover  in  a  manner  contradictory 
to  general  theory,  he  should  be  able 
to  intelligently  couple  the  air¬ 
craft's  particular  design  parameters 
with  the  theory  and  understand  why 
the  recommended  technique  will  pro¬ 
duce  anti-spin  accelerations. 

The  inherent  dangers  of 
spin  testing  are  well  recognized; 
however,  experience  has  shown  that 
high  performance  aircraft  can  be 
safely  spin  tested  if  the  tests 
are  properly  planned  and  executed. 

Spin  Project  Checklist; 

The  following  preparations 
should  be  accomplished  prior  to 
actual  spin  test  missions.  The 
AFFTC  Hazardous  Test  Checklist  fur¬ 
ther  expands  upon  these  areas. 

a .  Theoretical  Analysis  ( by 

pilot  and  project  engineer) 

1.  Literature  research  of 
previous  results  and 
studies.  Spin  reports 
of  similar  aircraft 
should  be  thoroughly 
reviewed. 

2.  Equations  of  motion 
should  be  examined  by 
computer  and/or  hand 
analysis . 


3.  Model  studies  in  a  wind 
tunnel  and/or  free  flight. 

4.  Results  of  previous  stall 
missions  flown  in  the 
test  aircraft  should  be 
thoroughly  studied. 


b.  Predictions 

1.  Spin  characteristics  of 
each  phase. 

2.  The  effect  of  various 
entries  and  control  posi¬ 
tions  during  the  spin. 

3.  Optimum  recovery  tech¬ 
niques  . 

4.  Optimum  configuration 
and  loading  for  the 
initial  spins. 

5.  Plan  for  the  worst  possi¬ 
ble  conditions.  (Control 
motions  may  produce  more 
than  one  effect.) 

c.  Modifications  to  the  Test 

Aircraft 

1.  A  last-ditch  recovery 
device  must  be  provided 
if  predictions  leave  the 
slightest  doubt  about 
recovery.  Rockets  and 
spin  chutes  are  most  fre¬ 
quently  utilized. 

2.  Modify  and/or  backup  each 
aircraft  system  as  neces¬ 
sary  (hydraulic,  electri¬ 
cal,  fuel,  oil,  etc.). 

3.  Provide  a  dependable 
escape  system  and  adequate 
pilot  restraints. 


4.  The  control  system  must 

be  checked  and/or  modified 
to  insure  sufficient  con¬ 
trol  power.  The  effects 
of  interconnects  and 
limiters  must  be  deter¬ 
mined. 

Test  Instrumentation: 

A  determination  of  the  quan¬ 
titative  data  required  must  be 
made.  O  -board  recording  and  telem¬ 
etry  syscems  will  normally  be  re¬ 
quired  in  all  spin  test  programs. 
Regardless  of  the  amount  of  quanti¬ 
tative  instrumentation  required, 
it  is  imperative  that  a  redundant 
recording  capability  be  provided 
for  pilot  comments.  A  quick-look 
capability  should  be  provided  so 
that  qualified  engineering  per¬ 
sonnel  on  the  ground  can  monitor 
the  aircraft  motion  and  other 
critical  items  during  the  spin. 
Recent  spin  tests  in  high  perfor¬ 
mance  aircraft  have  pointed  out 
the  need  for  cockpit  lights  or 
other  indicators  that  give  the 
pilot  positive  and  unmistakable 
indications  of  spin  direction  and 
rates . 

Pilot  Spin  Proficiency, 

Experience,  and  Practice : 

The  spin  test  pilot  should 
be  experienced  in  testing  high  per¬ 
formance  aircraft  and  have  an  ade¬ 
quate  engineering  background,  es¬ 
pecially  in  spin  theory.  Since 
the  aircraft  will  have  to  be  stalled 
in  order  to  enter  the  spin,  the 
test  pilot  should  thoroughly  inves¬ 
tigate  normal  one-g  and  accelerated 
stall  characteristics.  The  same 
holds  for  possible  post-stall 
gyrations.  In  addition,  the  pilot 
should  spin  similar  aircraft  that 
are  cleared  for  intentional  spins. 
This  allows  the  pilot  to  become 
completely  familiar  with  and  at 
ease  in  the  general  spin  environ¬ 
ment.  Experience  gained  in  centri¬ 
fuge  rides  would  also  help  the  test 
pilot  to  become  familiar  with  the 
forces  expected  during  the  actual 
spin  tests. 


Other  Factors : 

Highly  qualified  chase  pilots 
should  accompany  the  test  aircraft 
on  all  spin  test  flights.  The 
chase  pilots  should  also  partici¬ 
pate  in  the  preparation  phase  in 
order  to  become  familiar  with  the 
expected  spin  aircraft  character¬ 
istics  . 

As  will  all  flight  tests, 
a  thorough  knowledge  of  the  air¬ 
craft  is  essential.  A  study  of 
MIL-S-25015,  "Spinning  Requirements 
for  Airplanes"  should  also  be  made. 

•  4.2  EXAMPLE  TEST  METHODS 

The  aircraft  used  to  perform 
the  soin  test  at  the  Aerospace 
Resea  rch  Pilot  School  will  be  the 
T-33A.  The  preparation  recommended 
in  the  preceding  paragraphs  will 
not  be  accomplished  for  obvious 
reasons.  However,  the  student  will 
have  two  flights  in  which  he  can 
evaluate  the  spin  characteristics 
of  the  T-33A;  one  will  be  with  an 
instructor  and  the  other  with  a 
student. 

Preparation  for  Spin  Testing: 

a.  Prepare  flight  cards  to  help 
you  remember  exactly  what 
you  want  to  do,  see,  and  re¬ 
cord  . 

b.  Use  these  cards  during  the 
last  stages  of  each  climb  to 
review  the  next  spin  -  it  is 
extremely  easy  to  overlook 
important  items. 

c.  Preplan  (and  modify  in  flight, 
as  necessary)  approach  points 
to  provide  spin  entries  at 
the  altitude  and  load  factor 
desired.  Use  good  stall  test 
techniques  during  the  approach. 

d.  Remove  or  stow  securely  all 
books,  pins,  etc.,  in  the 
cockpit.  Keep  seat  belt  and 
shoulder  harness  tight  and 
secure.  Zip  pockets. 


e.  Engine  power  control  is 
optional  through  approach  and 
entry.  Power  is  idle  for  all 
demo  spins ,  optional  for  data 
spins.  Quickly  trim  elevator 
forces  to  zero  as  airspeed 
bleeds  through  170  KIAS  for 
all  spins  except  hands  off 
recoveries,  which  are  trimmed 
for  140  KIAS. 

f.  Apply  entry  controls  briskly 
and  properly.  Hold  extra 
force  to  keep  controls  on  the 
stops  as  speed  and  buffet 
buildup.  If  necessary,  check 
aileron  position  visually  to 
insure  Sa  =  0. 

g.  When  aileron-with  spins  are 
to  be  accomplished ,  aileron 
will  be  placed  full  with  the 
spin  during  turns  2,  3,  and  4. 
Aileron  will  be  placed  with  on 
the  turn  count  of  "one"- ana 
placed  neutral  on  the  turn 
count  of  "four". 

h.  Pick  (at  the  moment  of  entry, 
if  necessary)  a  spot  for 
turn  count.  Watch  for  this 
spot  but  do  not  lead  or  lag 
the  call.  Avoid  extra  words, 
call  out  "THREE  1 "  instead  of 
"TURN  NUMBER  THREE."  If  air¬ 
speeds  and  altitudes  are  to 
be  called  out,  read  them  both 
as  you  call  the  turn,  then 
spit  out  the  words  as  quickly 
as  possible  afterwards.  Again 
devise  a  code  and  a  sequence 
to  eliminate  extra  words. 

Turns  will  be  counted  in  all 
spins. 

i .  Devise  some  technique  for 
giving  a  rapid  oral  report 
of  altitude  and  airspeed 
immediately  after  each  turn 
count.  EXAMPLE  -  Four  digits: 
the  first  two  state  altitude 
to  nearest  100  feet  (since 
you  know  altitude  within 
10,000  feet,  the  first  digit 
is  thousands  and  the  second 
digit  is  nearest  hundred) ; 
the  last  two  digits  represent 
tens  and  units  of  airspeed 
(again,  you  already  know 


hundreds) .  Always  read  alti¬ 
tude  first  since  it  changes 
faster  than  airspeed. 

j.  Briskly  apply  recovery  con¬ 
trols  precisely  at  the  proper 
turn  caj.1.  Attention  must  be 
split  to  get  this  airspeed 
and  altitude,  but  watching 
the  motion  is  of  primary  im¬ 
portance  at  this  point  -  you 
must  see  the  rotation  stop 
and  neutralize  the  rudder. 
Reasonable  and  proper  use  of 
the  controls  is  required 
thereafter.  Power  must  be  at 
idle  for  all  recoveries. 

k.  Pull-out  technique  and  load 
factor  can  be  varied  from 
light  to  heavy  buffet  to 
investigate  altitude  loss. 
Check  during  the  pull-out 
how  many  turns  were  used  in 
the  recovery;  delay  will  lead 
to  erroneous  answers . 

l.  Preflight  inspection  of  air¬ 
craft  will  include  a  careful 
inspection  of  known  stress 
areas.  These  are  as  follows: 

1.  All  control  surfaces  and 
their  hinges  (check  for 
bulges,  wrinkles,  and 
cracks) . 

2.  Particular  attention 
should  be  paid  to  the 
horn  balances  on  the 
rudder  and  elevator. 

3.  Tail  pipe  tracks  -  if  one 
of  these  tracks  is  broken, 
the  tailpipe  will  be  loose 
and/or  not  centered  in  the 
aircraft . 

Demonstration  Mission: 

Table  4.1  presents  the  demon¬ 
stration  mission  outline.  The 
spin  to  be  performed,  the  entry, 
recovery  as  well  as  the  qualitative 
data  to  be  acquired  are  all  out¬ 
lined.  However,  it  is  recommended 
that  each  student  design  a  better 
card  for  the  actual  demo  mission. 
Cards  need  not  be  prepared  for  the 
IP. 


i 

i 
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Data  Mission; 

Each  student  will  fly  one 
spin  data  mission  in  the  front 
seat,  one  in  the  rear  seat,  and 
will  chase  at  least  one  spin  test 
from  either  the  front  or  rear  seat. 

The  student  in  the  front 
seat  of  the  spin  aircraft  is  the 
f  Light  commander  and  will  conduct 
a  formal  preflight  briefing  of 
both  crews . 

The  class  will  be  divided 
into  four  equal  groups.  Each  pilot 
will  perform  the  four  spins  assigned 
his  group  as  well  as  two  to  four 
optional  spins.  Optional  spins  may 
be  right  or  left.  The  type  recovery 
from  any  spin  is  optional;  however, 
the  recoveries  should  be  divided 
so  that  representative  data  is 
gathered  on  each  type.  Likewise, 
a  sufficient  number  of  the  different 
type  entries  should  be  performed 
so  a  correct  evaluation  of  the 
effects  of  entry  load  factor  can 
be  made.  Baseline  spins  should  be 
performed  at  the  beginning  and 
end  of  the  flight  to  evaluate 
weight  effects.  The  four  groups 
will  perform  the  spins  outlined 
in  table  4.3. 

Review  Flight  Manual  section 
on  spins,  especially  the  discussion 
on  out-of-control  recoveries . 

Each  student  reduces  his  own 
spin  data  and  places  it  in  a  common 
file.  Report  writers  and  oral  re¬ 
porters  may  make  use  of  any  of  the 
data  as  desired. 

Cautions . 

a.  Visually  check  to  see  that 
the  stick  is  properly  posi¬ 
tioned.  It  is  particularly 
easy  to  not  have  ailerons 
neutral . 

b.  Hold  controls  firmly  against 

the  desired  stops  when  re¬ 
quired:  full  aileron  is 

difficult  to  maintain. 


c.  Hands  off  recovery  -  move 
controls  smoothly  to  a  guarded 
neutral  position.  Don't  just 
let  go  of  the  controls!! 

d.  NASA  Standard  Recovery  -  EASE 
stick  forward  to  neutral  (net 

•beyond) . 


Common  Mistakes. 

a.  Forget  to  reduce  power  to 
idle 

b.  Forget  to  count  turns. 

c.  Leave  recovery  controls  in 
too  long  on  first  spin. 

d.  Take  recovery  controls  out 
too  soon  on  second  spin. 

e.  Ease  in  pro-spin  controls. 

f.  Ease  in  recovery  controls. 

g.  Recovery  rudder  not  full 
against. 

h.  Not  keeping  aileron  in  de¬ 
sired  position. 

i.  Moving  stick  forward  of 
neutral . 

j .  Trying  to  use  aileron  to  stop 
roll  before  spin  is  broken 
during  hands  off  recovery. 

k.  Not  neutralizing  rudder  com¬ 
pletely  when  spin  rotation 
stops . 

l.  Letting  airspeed  build  exces¬ 
sively  before  pull  out  during 
recovery.  This  is  particularly 
prevalent  during  hands  off 
recovery.  In  this  case,  the 
spin  breaks  and  a  steep  dive 
with  a  moderate  roll  rate 
follows.  During  initial  hands 
off  recoveries,  pilots  tend 

to  mistake  the  roll  for  con¬ 
tinued  spin  rotation  and  are 
therefore  late  in  stopping  the 
roll  and  pulling  out  of  the 
dive . 

m.  Excessive  altitude  loss  dur¬ 
ing  recovery  due  to  delay 
and  letting  airspeed  buildup. 


Spin  Chase  Mission: 

This  mission  when  properly 
performed  represents  an  exercise 
of  pilot  judgment  and  flying  tech¬ 
nique.  The  T-33  spin  aircraft  is 
chased  by  a  T-38  or  a  T-33.  Chasing 
with  the  T-38  presents  some  special 
problems  to  the  chase  pilot.  The 
difference  in  performance  of  the 
two  aircraft  when  combined  with  the 
requirements  of  the  chase  mission 
make  this  an  interesting  and  enjoy¬ 
able  flight.  Proper  preflight 
planning  and  correct  airborne  maneu¬ 
vering  are  mandatory  if  the  chase 
plane  is  to  have  sufficient  fuel 
for  the  last  spin  or  two.  It  is 
necessary  for  the  ->pin  pilot  to 
keep  the  chase  pilot  informed  of 
airspeed,  maneuvers,  etc.  if  proper 
spacing  is  to  be  maintained. 

The  primary  reason  for  the 
chase  mission  is  safety.  After 
each  spin,  the  test  aircraft  must 
be  carefully  checked  by  the  chase 
pilot.  It  is  therefore  necessary 
that  the  chase  pilot  get  in  fairly 
close,  but  not  too  close;  USE 
EXTREME  CAUTION.  In  the  event  of 
even  the  slightest  abnormality, 
abort  the  mission  and  get  the  air¬ 
craft  on  the  ground. 

The  second  reason  fc.-  the 
chase  mission  is  to  provide  fur¬ 
ther  observation  of  the  spin.  An 
"outside-in"  observation  can  be 
quite  helpful  in  qualitatively 
describing  the  spin.  This  point 
of  view  also  helps  give  the  chase 
pilot  a  better  "big  picture"  of 
spins  because  he  has  normally  seen 
spins  from  the  "inside-out"  vantage 
point  only. 

There  will  be  no  discussion 
or  instructions  on  the  specific 
techniques  to  use  during  the  chase 
mission.  However,  the  general 
objective  is  to  keep  the  test  air¬ 
craft  under  close  observation  from 
entry  through  recovery,  while  stay¬ 
ing  out  of  the  way.  Some  pilots 
like  to  imagine  themselves  with  a 
movie  camera  mounted  on  their  hel¬ 


mets  and  attempt  to  maneuver  the 
chase  aircraft  so  good  quality  film 
coverage  can  be  taken  continuously 
from  entry  through  recovery.  In 
either  case,  the  objectives  are 
the  same . 

The  spin  pilot  will  conduct 
a  formal  briefing  for  the  chase 
pilot  prior  to  spin  data  mission. 


Space  Positioning  and  Com¬ 
munications  : 

Although  spin  areas  one  and 
four  and  the  dive  corridor  are 
normally  used  for  the  spin  demo 
mission,  only  spin  area  one  will 
be  used  for  the  data  mission. 

Space  Positioning  (call  sign 
"Sport")  will  provide  photo  and 
radar  coverage  during  spins. 

"Sport"  should  be  contacted  on 
taxi-out  so  they  can  track  the  test 
aircraft  from  the  ground.  Approach 
control  should  also -be  contacted 
while  taxiing  or  immediately  after 
becoming  airborne  to  advise  them 
of  your  intentions.  However, 

"Sport"  will  normally  be  worked 
during  the  climb  to  altitude.  The 
test  aircraft  will  be  tracked  and 
vectored  to  spin  area  one,  advised 
when  in  the  area  by  "Sport's"  trans¬ 
mission,  and  "cleared  to  spin." 

It  may  take  another  thirty  seconds 
before  the  spin  pilot  is  ready  to 
begin  the  spin.  In  order  for 
"Sport"  to  get  complete  coverage 
on  film  and  trackers,  the  spin 
pilot  should  give  a  10-  to  15-second 
warning.  This  warning  also  assists 
the  chase  pilot  in  his  planning. 
After  the  spin  recovery  is  complete, 
the  spin  pilot  should  call  "DATA 
OFF"  so  "Sport"  can  turn  off  their 
cameras . 

Color  16mm  movie  film  as 
well  as  ground  tracks  for  each  data 
mission  will  be  produced  by  "Sport" 
and  sent  to  the  test  pilot  involved. 
FPS-16  "Digital  Data"  will  also  be 
available  for  some  of  the  data 
f lights . 
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Table 


4.1 


DEMONSTRATION  MISSION  OUTLINE 


Spin 

Number 

Entry 

Spin 

Direction 

Spin 

Controls 

Recovery 

Primary 

Qualitative 

Data 

Remarks 

DEMO 

30M 
n  ■  1 

L 

5 

Normal 

MOD 

A/S,  ALT 

2 

30M 
n  -  1 

L 

S 

Normal 

MOD 

Spin  Motion 

Call  Alt  &  A/S  at  ini- 
tiat.ion  of  recovery  t 
level 

3 

30M 
n  *  1 

L 

s 

6a  with 
during 
turns  2, 

]  i  4 

STD 

Spin  Motion 

Same  as  above 

4 

30M 
n  ■  1 

K 

5 

Normal 

HANDS 

OFF 

A/S,  ALT 

5 

30M 
n  »  2 
left 
turn 

R 

5 

Normal 

Optional 

A/S,  ALT 

e 

30M 
n  •  2 
left 
turn 

L 

5 

Normal 

optional 

Optional 

7 

DEMO 

34M 

n  ■  0 

L 

8 

Normal 

Optional 

Optional 

Watch  for  gyroscopic 
tendencies  at  top 

TaDle  4.2 


RECOVERY  TECHNIQUES 


NASA  STANDARD 

NASA  MODIFIED 

(If  ailerons  were  held  during  spin, 
neutralize) 

Same 

A. 

Full  opposite  rudder 

A.  Full  opposite  rudder  and 

at  the  same  time  ease  stick 
forward  to  neutral 

B. 

Stick  full  aft 

B.  Neutralize  rudder  when 
rotation  stops 

C. 

When  rotation  stops  -  neutralize 
rudder  (immediately) 

D. 

EASE  stick  forward  to  approximately 
neutral  position 

Get  sufficient  airspeec*  and  fly  out  of  dive  to 
level  flight 

Normal  recovery  above  20,000  feet 

At  15,000  feet  and  recovery  hasn't  started  - 
jettison  canopy 

Eject  at  12,000  feet  if  recovery  not  completed 
or  well  underway  (pilot  judgment) 

HANDS  OFF  RECOVERY 

A. 

Move  all  controls  (smoothly)  to  their  neutral  position. 

B. 

With  hands  off  the  stick,  monitor  this  position  and  prevent 
any  large  excursions  from  neutral;  in  other  word9,  this  is 
a  hands  off,  stick  guarded  to  neutral  recovery. 

C. 

When  spin  broken  (normally  under  one  turn  for  T-33)  stop 

the  ensuing  roll  and  pull  out  of  the  dive. 

D. 

Airspeed  jump  from  the  steady  state  value  is  the  key  recog¬ 
nition  point. 

M 
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Table  4.3 


GROUP  SPIN  ASSIGNMENTS 


Groug_A 


Left  Spins 
2  Baseline 
2  6 a  With 


Groug  B 


Right  Spins 
2  Baseline 
2  6=  With 


Groug_C 


2  Baseline 
2  Power  On 


Groug  D 


2  Baseline 
2  Power  On 


The  two  to  four  optional  spins  will  be  checked  by  an  IP  and 
will  comply  with  the  following  restrictions: 

No  6,  against  the  spin  (at  anytime)  )  _  .  ,  . 

a  ^  r  1  |  Could  cause  tumble 

No  6a  with  during  recovery  > 

No  6e  (stick)  forward  of  neutral 
No  incipient  phase  recoveries  (intentionally) 

No  vertical  entries 
No  fuel  in  tip  tanks 
No  intentional  inverted  spins 
Cruise  configuration  spins  only. 
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MANEUVERABILITY 


V 


•  8.1  INTRODUCTION 

The  purpose  of  maneuvering 
flight  is  to  determine  the  stick 
force  versus  load  factor  gradients 
and  the  forward  and  aft  center  of 
gravity  limits  for  an  aircraft  in 
accelerated  flight  conditions. 

To  maneuver  an  aircraft  lon¬ 
gitudinally  from  its  equilibrium 
condition,  the  pilot  must  apply  a 
force,  Fs ,  on  the  stick  to  deflect 
the  elevator  an  increment,  A5e. 

The  requirements  that  must  be  met 
during  longitudinal  maneuvering 
are  covered  in  MIL-F-8785.  section 
3.2.2. 


•  0.2  MIL-F-878B 

MIL-F-8785  specifies  the 
allowable  stick/wheel  force  per 
"g"  gradient  during  maneuvering 
flight.  It  also  specifies  that  the 
stick/wheel  force  gradients  be 
approximately  linear  with  pull 
forces  on  the  stick/wheel  required 
to  maintain  or  increase  normal 
acceleration.  The  pilot  must  also 
have  sufficient  aircraft  response 
without  excessive  cockpit  control 
movement.  These  requirements  and 
associated  requirements  of  lesser 
importance  provide  the  legitimate 
background  for  good  aircraft  hand¬ 
ling  qualities  in  maneuvering 
flight. 

The  backbone  of  any  discussion 
of  maneuvering  flight  is  stick/wheel 
force  per  "g".  The  amount  of  stick/ 
wheel  force  that  the  pilot  must 
apply  to  maneuver  his  aircraft  is 


an  important  parameter.  If  the 
force  per  "g"  is  very  light,  a  pilot 
could  overstress  or  overcontrol  his 
aircraft  with  very  little  resistance 
from  the  aircraft.  The  T-38,  for 
instance,  has  a  5  lb/g  gradient  at 
25,000  feet,  Mach  0.9,  and  20  per¬ 
cent  MAC  eg  position.  With  this 
condition,  a  ham-fisted  pilot  could 
pull  10  g's  with  only  50  lbs  of 
force  and  bend  or  destroy  the  air¬ 
craft.  The  designer  could  prevent 
this  possibility  by  making  the  pilot 
exert  100  lb/g  to  maneuver.  This 
would  be  highly  unsatisfactory  for 
a  fighter  type  aircraft,  but  per¬ 
haps  about  right  for  a  cargo  type 
aircraft.  The  mission  and  type 
of  aircraft  must  therefore  be  con¬ 
sidered  in  deciding  upon  acceptable 
stick/wheel  force  per  "g".  Further¬ 
more,  the  gradient  of  stick/wheel 
force  per  "g"  at  any  normal  load 
factor  must  be  within  50%  of  the 
average  gradient  over  the  limit  load 
factor.  If  it  took  10  lb/g  to 
achieve  a  4  g  turn,  it  would  be  un¬ 
acceptable  for  the  pilot  to  reach 
the  limit  load  factor  of  7.33  g's 
with  only  a  little  additional  force. 

The  position  of  the  aircraft's 
eg  is  a  critical  factor  in  stick/ 
wheel  force  per  "g"  consideration. 
The  fore  and  aft  limits  of  eg  posi¬ 
tion  may  therefore  be  established 
by  maneuvering  requirements. 

•  8.3  EXAMPLE  TEST  METHODS 

5.3  Generally  speaking,  there 
are  four  flight  test  methods  for 
determining  maneuvering  flight 


characteristics  such  as  stick  force 
gradients,  maneuver  points,  and  per¬ 
missible  eg  locations.  The  names 
given  to  these  different  methods 
may  vary  among  test  organizations. 
Therefore,  care  should  be  exercised 
when  discussing  a  particular  test 
method  to  make  certain  that  everyone 
involved  is  speaking  the  same  lan¬ 
guage  . 


Stabilized  g  Method; 

This  method  requires  holding 
a  constant  airspeed  and  varying 
the  load  factor.  The  aircraft  is 
trimmed  at  the  test  altitude  for 
hands-off  flight,  and  a  trim  shot 
is  taken.  The  power  setting  is 
then  noted,  and  the  aircraft  is 
climbed  to  the  upper  limit  of  the 
altitude  band  (+2,000  feet).  The 
power  is  then  reset  to  trim  power 
and  the  aircraft  is  slowly  rolled 
into  a  15-degree  bank  while  the 
nose  is  lowered  slowly.  Data  is 
recorded  when  the  aircraft  has 
been  stabilized  on  an  airspeed  and 
bank  angle  with  no  stick  movements. 
The  attitude  indicator  should  be 
used  to  establish  the  bank  angle. 
The  bank  angle  is  then  increased 
to  30  degrees  and  data  is  again 
recorded  when  the  aircraft  has 
been  stabilized.  Stabilized  data 
points  are  also  obtained  at  bank 
angles  of  45  and  60  degrees. 

After  taking  data  at  the  60- 
degree  bank  angle,  the  bank  angle 
should  be  increased  so  as  to  obtain 
0.5  g-increments  in  load  factor. 

At  each  0.5  g -increment,  the  air¬ 
craft  is  stabilized  and  data  re¬ 
corded.  The  test  should  be  ter¬ 
minated  when  heavy  buffet  or  the 
limit  load  factor  is  reached. 

Above  a  load  factor  of  2.0,  only 
slight  increases  in  bank  angle  are 
needed  to  obtain  0.5-g  increments. 
An  idea  of  the  approximate  bank 
angle  required  can  be  reached  by 
exploiting  the  relationship  between 
load  factor  and  bank  angle  for  a 
constant  altitude  (figure  5.1). 


Figuri  6.1  LOAD  FACTOR  vs  BANK  t'NGLE 
RELATIONSHIP 

W  *  GROSS  WEIGHT 
n*  LOAD  FACTOR 
*  *  BANK  ANGLE 


Little  altitude  is  lost  at 
the  lower  bank  angles  up  to  approxi¬ 
mately  60  degrees,  and  thus  more 
rime  may  be  spent  stabilizing  the 
aircraft.  At  60  degrees  of  bank 
angle  and  beyond,  altitude  is  being 
lost  rapidly;  therefore  every  effort 
should  be  made  to  be  on  speed  and 
well  stabilized  as  rapidly  as  pos¬ 
sible  in  order  to  stay  within  the 
allowable  altitude  block  (test  al¬ 
titude  +2,000  feet).  If  the  lower 
altitude  band  is  approached  before 
reaching  limit  load  factor,  the 
aircraft  should  be  climbed  to  the 
upper  limit  and  the  test  continued. 
No  attempt  should  be  made  to  ob¬ 
tain  data  at  exact  values  of  g 
since  a  good  spread  is  all  that  is 
neces '.ary . 

The  method  of  holding  air¬ 
speed  constant  within  a  specified 
altitude  band  is  recommended  where 
Mach  number  is  not  of  great  impor¬ 
tance.  In  regions  where  Macn  num¬ 
ber  may  be  a  primary  consideration, 
every  effort  should  be  to  hold 

Mach  number  and  airspeed  constant. 
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)  If  power  has  only  a  minor  effect 

on  the  maneuvering  stability  and 
trim,  altitude  loss  and  the  result¬ 
ing  Mach  number  change  may  be  mini¬ 
mized  by  adding  power  as  load  fac¬ 
tor  is  increased.  At  times,  con¬ 
stant  Mach  number  is  held  at  the 
sacrifice  of  varying  airspeed  and 
altitude.  For  constant  Mach  number 
tests,  a  sensitive  Mach  meter  is 
>  required  or  a  programmed  airspeed/ 

altitude  schedule  is  flown.  The 
stabilized  g  method  is  usually 
used  for  testing  bomber  and  cargo 
aircraft  and  fighters  in  the  power 
approach  configuration. 


Slowly  Varying  g  Method: 

The  aircraft  is  trimmed  as 
before  at  the  desired  altitude. 

The  power  is  noted  and  the  aircraft 
is  climbed  to  the  upper  limit  of 
the  altitude  band  (+2,000  feet). 
Power  is  reset  at  the  trimmed  value. 
The  data  recording  switch  is  acti¬ 
vated  and  the  aircraft  is  slowly 
banked  into  a  turn.  With  the  air¬ 
speed  held  constant,  load  factor 
is  slowly  increased  by  increasing 
bank  angle  and  descending.  The 
slow  increase  of  bank  angle  and 
the  resulting  load  factor  increase 
continue  until  heavy  buffet  or 
limit  load  factor  is  reached.  The 
rate  of  g  onset  should  be  approxi¬ 
mately  0.1  g  per  second.  Again 
airspeed  is  of  primary  importance 
and  should  be  held  to  within  +1 
knot  of  aim  airspeed.  Care  sFTould 
also  be  taken  not  to  reverse  stick 
forces  during  the  maneuver. 


If  the  airspeed  varies 
excessively,  or  if  the  lower  limit 
of  the  altitude  band  is  approached, 
the  data  recorder  should  be  turned 
off.  The  aircraft  should  then  be 
restabilized  at  the  upper  altitude 
limit  at  a  lower  g  loading.  The 
maneuver  should  then  be  continued 
until  heavy  buffet  onset  or  limit 
load  factor  is  reached. 


The  greatest  error  made  in 
this  method  is  overbanking  beyond 
60  degrees  of  bank.  Overbanking, 
causes  the  aircraft  to  traverse  the 
g  increments  too  quickly  to  be  able 
to  accurately  hold  airspeed.  Good 
bank  control  is  important  to  obtain 
the  proper  g  rate  of  0.1  g  per 
second . 

The  slowly  varying  g  method 
is  more  applicable  to  fighter  air¬ 
craft.  Often  a  combination  of  the 
two  methods  is  used  in  which  the 
stabilized  g  method  is  followed 
until  a  60-degree  bank  angle  is 
reached.  The  slowly  varying  g 
method  is  then  followed  from  the 
60-degree  bank  angle  until  heavy 
buffet  or  limit  load  factor  is 
reached. 

Constant  g  Method  (Wind-Up 

Turn)  : 

The  aircraft  is  stabilized 
and  roughly  trimmed  at  the  desired 
altitude  and  at  maximum  airspeed 
for  the  test.  The  aircraft  is 
then  placed  in  a  constant  g  turn. 
Data  recording  is  started  and  the 
aircraft  is  climbed  or  descended 
to  obtain  a  2  to  5  knot  per  second 
airspeed  bleed  rate  at  the  desired 
constant  load  factor.  Normally 
the  aircraft  is  climbed  to  obtain 
a  bleed  rate  at  low  load  factors 
and  descended  to  obtain  a  bleed 
rate  at  high  load  factors.  For 
high  thrust-to-weight  ratio  air¬ 
craft  at  low  altitudes,  the  maneuver 
may  have  to  be  initiated  at  reduced 
power  to  avoid  a  too  rapid  traverse 
of  the  altitude  band.  Maintaining 
the  aim  load  factor  is  the  primary 
requirement  while  establishing  the 
bleed  rate  is  secondary.  During 
the  maneuver  the  aircraft  should 
be  kept  within  the  altitude  band 
of  +2,000  feet.  The  airspeed 
should  be  noted  as  the  aircraft 
flies  out  of  the  altitude  band. 

When  the  aircraft  is  returned  to 
the  altitude  band,  the  maneuver  is 
started  at  an  airspeed  above  the 
just  previously  noted  airspeed  so 
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that  continuity  of  g  anc  airspeed 
can  be  maintained  for  data  purposes. 
Airspeed  is  again  noted  at  buffet 
onset  and  the  g  break  (when  aim 
load  factor  can  no  longer  be  main¬ 
tained)  .  The  buffet  and  stall 
flight  envelope  is  determined  or 
verified  by  this  test  method.  The 
maneuver  is  then  repeated  at  0.5 
g  increments  at  high  altitudes  and 
1-g  increments  at  low  altitudes. 


Symmetrical  Pull-Up  Method: 


The  aircraft  is  trimmed  at 
the  desired  test  altitude  and  air¬ 
speed.  The  aircraft  is  then  climbed 
to  an  altitude  above  the  test  alti¬ 
tude  using  power  as  required. 

Trim  power  is  reset  and  the  aircraft 
is  pushed  over  into  a  dive.  The 
dive  angle  is  a  function  of  the 
load  factor  to  be  applied  (steeper 
angle  for  higher  g  values) . 


The  aircraft  is  then  maneu¬ 
vered  to  reach  a  point,  above  the 
test  altitude  at  a  lead  airspeed 
'  below  the  test  airspeed,  such  that 
a  "g  pull"  can  be  established  that 
will  place  the  aircraft  at  a  given 
constant  load  factor  while  passing 
through  the  test  altitude  at  the 
test  airspeed.  The  lead  airspeed 
is  determined  by  the  desired  load 
factor  -  higher  load  factors  and 
their  resultant  steeper  dive  angles 
require  greater  leads  (lower  lead 
airspeeds) .  The  aircraft  should 
pass  through  level  flight  (+15 
degrees  from  horizontal)  just  as 
the  airspeed  reaches  the  trim  air¬ 
speed  with  aim  g  loading  and  steady 
stick  forces.  Achieving  the  trim 
airspeed  through  level  flight,  +15 
degrees,  and  holding  steady  stick 
forces  to  give  a  steady  pitch  rate 
are  of  primary  importance.  The 
variation  in  altitude  (+1,000  feet) 
at  the  pull-up  is  less  Important. 
The  g  loading  need  not  be  exact, 
but  should  be  steady.  Data  is 
recorded  as  the  aircraft  passes 
through  level  flight  +15  degrees. 
The  aircraft  is  then  climbed  to  an 
altitude  above  the  test  altitude 


and  the  maneuver  is  repeated  at 
another  load  factor  at  the  same 
trim  airspeed. 

B.4  DATA  WADOJCTION  MITHODS 

The  maneuvering  flight  test 
is  conducted  at  high,  medium,  and 
low  altitudes  at  three  different 
airspeeds  or  Mach  numbers  through¬ 
out  the  flight  envelope.  The  air¬ 
craft  is  flown  with  a  forward  and 
an  aft  eg.  Oscillograph  recordings 
give  a  readout  of  stick  force,  ele¬ 
vator  deflection,  angle  of  attack, 
and  load  factor  obtained  with  the 
constant  airspeed,  varying  g,  flight 
test  method.  Data  will  normally  be 
recorded  by  use  of  the  camera  in 
both  the  T-33  and  B-57  aircraft. 

The  oscillograph  will  be  used  in 
the  T-38.  A  sample  data  card  is 
shown. 


STUDENT  FLIGHT  RECORD 
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The  first  step  in  data  re¬ 
duction  is  to  plot  stick  force,  Fs, 
against  load  factor  for  each  test 
point.  A  sample  plot  is  shown  in 
figure  5.2.  In  this  figure,  the 
breakout  force  is  determined  and 
labeled  Point  A.  Point  B  is  lo¬ 
cated  where  the  stick  force  curve 
becomes  erratic.  This  point  (ap¬ 
proximately  85  percent  of  the  limit 
load  factor)  may  be  defined  by 
heavy  buffet  or  change  of  sign  of 
stick  force  gradient.  The  line 
connecting  points  A  and  B  is  the 
average  gradient.  The  local  gra¬ 
dient  is  the  slope  at  any  point 
along  the  curve. 


Flgm  5.2  DETERMINATION  OF  AVERAGE 
GRADIENT  FOR  IRREGULAR  CURVE  OF 
Ft  vs  n 


n 


FIGURE  5.3  ELEVATOR  DEFLECTION  v» 
LOAD  FACTOR 


The  slope,  d6e/dn,  is  deter¬ 
mined  for  several  load  factors  at 
the  two  eg  positions  and  is  plotted 
as  shown  in  figure  5.4. 


FIGURE  5.4  SLOPE  OF  ELEVATOR  DEFLECTION 
PER  LOAD  FACTOR  vt  eg  POSITION  (WORKING  PLOT) 


POINT 


Stick-Fixed  Maneuvering  Flight: 

Elevator  deflections,  6e, 
are  plotted  versus  load  factor,  n, 
for  each  trim  airspeed  at  a  par¬ 
ticular  altitude. 


The  eg  position  where  the  slope 
d<5^/dn  is  zero,  is  the  maneuver 
point  location  for  that  load  fac¬ 
tor  at  the  designated  trim  Mach  and 
airspeed.  Nine  plots  of  6e  vs  n 
and  nine  plots  of  d6e/dn  vs  eg 
yield  the  following  summary  plot. 

Stick-Free  Maneuvering 

Flight : 

Stick  force,  Fs,  is  plotted 
versus  load  factor,  n,  for  each  of 
nine  trim  Mach  numbers  (three  at 
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FIGURE  5.5 

STICK-FIXED  MANEUVER  POINT 
VARIATION  WITH  LOAD  FACTOR 


FIGURE  5.6 

ST'CK-FORCF.  VERSUS  LOAD  FACTOR 


each  of  three  altitudes) .  One  plot 
for  a  single  trim  Mach,  M]_ ,  at  a 
particular  altitude,  Hi,  is  shown 


in  figure  5.6.  The  load  factor  at 
buffet  onset  should  also  be  indicated. 

It  should  be  noted  that  the 
above  curves  dc  not  necessarily 
go  through  zero  stick  force  at  one 
g.  This  is  because  there  will 
usually  be  seme  breakout  force 
required  to  allow  movement  of  the 
longitudinal  control. 

The  average  stick  force  gra¬ 
dient  should  be  found  and  the  local 
gradient  examined  to  determine 
whether  or  not  the  local  gradient 
is  within  50  percent  of  the  aver¬ 
age  gradient. 

The  plot  of  dFs/dn  versus  eg 
position  is  derived  from  the  stick 
force  versus  load  factor  curves  to 
determine  the  stick-free  maneuver 
points . 


FIGURE  1.7 

SLOPE  OF  STICK-FORCE  PER  LOAD  FACTOR 
VERSUS  c,  POSITION  (WORKING  PLOT) 


The  eg  location  where  dFs/dn 
equals  zero  is  the  stick-free  ma¬ 
neuver  point  for  that  particular 
load  factor  at  the  given  trim  Mach 
and  altitude. 


Nine  plots  for  the  three  al¬ 
titudes  and  three  trim  Mach  num¬ 
bers  yield  the  following  summary 
plots  of  stick  free  maneuver  point 
variation  with  load  factor. 


A  cross  plot  of  figure  5.8 
can  also  be  made  to  show  how  stick- 
free  maneuver  points  vary  with  Mach 
number. 
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FIGURE  51$  STICK  FREE  MANEUVER  POINTS 
vs  LOAD  FACTOR 


Stick  Force  Gradients : 

It  is  not  sufficient  to  say 
that  local  stick  force  per  "g" 
gradients  do  not  differ  from  the 
average  gradient  by  more  than  50%. 
MIL-F-8785  specifies  minimum  and 
maximum  values  of  the  local  gradient 
which  must  be  met.  These  gradients 
are  specified  in  absolute  numbers, 
x/njj  -  1,  or  in  x/n^/a.  Require¬ 
ments  for  local  gradients  specified 
in  terms  of  x/ni,  -  1  or  in  absolute 
numbers  can  be  determined  from  the 
data  used  to  plot  figure  5.2.  To 
satisfy  the  requirements  in  terms 
of  ng/a,  another  type  of  plot  is 
required.  First  form  the  ratio  of 

ny/a  in  lb/radian  (where  a  =  a 
“  point 

-  atrim) •  From  figure  5.2  determine 
the  Fs/g  gradient  at  the  correspond¬ 
ing  test  point.  Finally  plot  Fs/g 
vs  ng/a  on  a  log-log  plot  as  seen 
below  to  see  if  it  lies  within  the 
MIL-F-8785  requirements. 


S.S  DEMONSTRATION  MISSION 

A  demonstration  mission  will 
be  flown  in  the  T-38  to  demonstrate 
the  methods  and  techniques  used  to 
determine  stick  force  gradients 
and  forward  and  aft  center  of  grav¬ 
ity  limits  for  an  aircraft  in  accel¬ 
erated  flight.  No  data  reduction 
or  plots  are  required.  The  pro¬ 
cedures  to  be  followed  are  out¬ 
lined  below. 

Procedures : 

1.  The  student  will  perform  an 
afterburner  takeoff  and  climb 
to  30,000  feet. 

2.  He  will  then  stabilize  at 
300  KIAS  and  30,000  feet. 

3.  The  instructor  will  demon¬ 
strate  the  stabilized  g  meth¬ 
od  at  300  KIAS  and  30,000 
feet. 

4.  The  student  pilot  will  then 
perform  using  the  stabilized 
g  method  under  the  same 
trim,  altitude,  and  airspeed 
conditions . 

5.  The  instructor  will  demon¬ 
strate  the  slowly  varying  g 
method  at  300  KIAS  and  30-000 
feet. 


6.  The  student  pilot  will  next 
perform  the  slowly  varying 
g  method  at  300  KIAS  and 
30,000  feet. 


7.  The  student  will  then  sta¬ 
bilize  at  350  KIAS  and  30,000 
feet. 


8.  The  student  will  perform  the 
stabilized  g  method  at  350 
KIAS  and  30,000  feet. 

9.  Next,  he  will  perform  the 
slowly  varying  g  method  at 
350  KIAS  and  30,000  feet. 


S.T 


Then  the  student  will  per¬ 
form  the  constant  g,  slowly 
varying  airspeed  method  - 
pulling  3  g's  at  20,000  feet 


Finally,  the  student  will 
perform  two  pull-up  maneu¬ 
vers;  one  of  2  g's  at  300 
KIAS  and  20,000  feet;  and 
the  other  of  3  g's  at  300 
KIAS  and  20,000  feet. 


Instrumentation : 


None . 


Simulate  picture  taking  at 
stabilized  g  points  by  call¬ 
ing  out  "picture." 


•  e.1  PURPOSE 

The  purpose  of  this  test  is 
to  ascertain  the  magnitude  of  con¬ 
trol  force  changes  associated  with 
normal  configuration  changes,  trim 
system  failure,  or  transfer  to  al¬ 
ternate  control  systems  in  relation 
to  specified  limits.  It  must  also 
be  determined  that  no  undesirable 
flight  characteristics  accompany 
these  configuration  changes. 

•  e.2  TEST  CONDITIONS 

Pitching  moments  on  aircraft 
are  normally  associated  with  changes 
in  the  condition  of  any  of  the  fol¬ 
lowing:  landing  gear,  flaps,  speed 

brakes,  power,  bomb  bay  doors, 
rocket  and  missile  doors,  or  any 
jettisonable  device.  The  magnitude 
of  the  change  in  control  forces 
resulting  from  these  pitching  mo¬ 
ments  is  limited  by  Military  Specif¬ 
ication  F-8785,  and  it  is  the  re¬ 
sponsibility  of  the  testing  organi¬ 
zation  to  determine  if  the  actual 
forces  are  within  the  specified 
limits . 

The  pitching  moment  resulting 
from  a  given  configuration  change 
will  normally  vary  with  airspeed, 
altitude,  eg  loading,  and  initial 
configuration  of  the  aircraft. 

The  control  forces  resulting  from 
the  pitching  moment  will  further 
depend  on  the  aircraft  parameter 
being  held  constant  during  the  con¬ 
figuration  change.  These  factors 
should  be  kept  in  mind  when  deter¬ 
mining  the  conditions  under  which 
the  given  configuration  change 
should  be  tested.  Even  though  the 


specification  lists  the  altitude, 
airspeed,  initial  conditions,  and 
parameter  to  be  held  constant  for 
most  normal  configuration  changes, 
some  variations  may  be  necessary  on 
a  specific  aircraft  to  provide  in¬ 
formation  on  the  most  adverse  con¬ 
ditions  encountered  in  operational 
use  of  the  aircraft.  The  altitude 
and  airspeed  should  be  selected  as 
indicated  in  the  specifications  or 
for  the  most  adverse  conditions. 

In  general,  the  trim  change  will 
be  greatest  at  the  highest  airspeed 
and  the  lowest  altitude.  The 
effect  of  eg  location  is  not  so 
readily  apparent  and  usually  has 
a  different  effect  for  each  con¬ 
figuration  change.  A  forward  load¬ 
ing  may  cause  the  greatest  trim 
change  for  one  configuration  change, 
and  an  aft  loading  may  be  most 
severe  for  another.  For  this  reason, 
a  mid  eg  loading  is  normally  selected 
since  rapid  movement  of  the  eg  in 
flight  will  probably  not  be  possible. 
If  a  specific  trim  change  appears 
critical  at  this  loading,  it  may  be 
necessary  to  test  it  at  other  eg 
loadings  to  ascertain  its  accept¬ 
ability  . 

Selection  of  the  initial  air¬ 
craft  configurations  will  be  depen¬ 
dent  on  the  anticipated  normal 
operational  use  of  the  aircraft. 

The  conditions  given  in  the  specifi¬ 
cations  will  normally  be  sufficient 
and  can  always  be  used  as  a  guide, 
but  again  variations  may  be  neces¬ 
sary  for  specific  aircraft.  The 
same  holds  true  for  selection  of 
the  aircraft  parameter  to  hold 
constant  during  the  change.  The 
parameter  that  the  pilot  would  nor- 


mally  want  to  hold  constant  in  opera¬ 
tional  use  of  the  aircraft  is  the 
one  that  should  be  selected.  There¬ 
fore,  if  the  requirements  of  MIL-F- 
8785  do  not  appear  logical  or  com¬ 
plete,  then  a  more  appropriate  test 
should  be  added  or  substituted. 


In  addition  to  the  conditions 
outlined  above,  it  may  be  necessary 
to  test  for  some  configuration 
changes  that  could  logically  be 
accomplished  simultaneously.  The 
force  changes  might  be  additive  and 
could  conceivably  be  objectionably 
large.  For  example,  on  a  go-around, 
power  may  be  applied  and  the  landing 
gear  retracted  at  the  same  rime. 

If  the  trim  chances  associated  with 
each  configuration  change  are 
'appreciable  and  in  the  same  direc¬ 
tion,  the  combined  changes  should 
definitely  be  investigated. 

The  specifications  require 
that  no  objectional  buffet  or  un¬ 
desirable  flight  characteristics 
be  associated  with  normal  trim 
changes.  Some  buffet  is  normal 
with  some  configuration  changes, 
e.g.,  gear  extension;  however,  it 
would  be  considered  objectionable 
in  this  case  if  this  buffet  tended 
to  mask  the  buffet  associated  with 
stall  warning.  The  judgment  of  the 
pilot  is  the  best  measure  of  what 
actually  constitutes  "objectionable" 
but  anything  that  would  interfere 
with  normal  use  of  the  aircraft 
would  certainly  be  considered  ob¬ 
jectionable.  The  same  is  true  for 
"undesirable  flight  characteris¬ 
tics."  An  example  would  be  a  strong 
nose-down  pitching  moment  associated 
with  gear  or  flap  retraction  after 
takeoff . 

The  specification  also  sets 
limits  on  the  trim  changes  result¬ 
ing  from  transfer  to  an  alternate 
control  system.  The  limits  vary 
with  the  type  of  alternate  system 
and  the  configuration  and  speed  at 
the  time  of  transfer,  but  in  no 
case  may  a  dangerous  flight  condi¬ 
tion  result.  It  will  probably  be 


necessary  for  the  pilot  to  study 
the  operation  of  the  control  sys¬ 
tems  and  methods  of  effecting 
transfer  in  order  to  determine  the 
conditions  most  likely  to  cause 
an  unacceptable  trim  change  upon 
transferring  from  one  system  to  the 
other.  As  in  all  flight  testing, 
a  thorough  knowledge  of  the  air¬ 
craft  and  the  objectives  of  the 
test  will  improve  the  quality  and 
increase  the  value  of  the  test 
results . 

•  0.3  EXAMPLE  TEST  METHODS 

The  pre-flight  preparation 
for  the  trim  change  test  should 
start  with  a  study  of  the  applicable 
paragraphs  of  Military  Specifica¬ 
tion  F-8785.  By  comparing  the 
specification  requirements  with 
the  expected  operational  use  of  the 
aircraft,  it  will  be  possible  to 
determine  all  the  configuration 
changes  and  the  conditions  under 
which  they  should  be  tested. 

When  all  the  required  changes 
have  been  determined,  some  time 
should  be  spent  in  laying  out  the 
sequence  in  which  to  test  the  vari¬ 
ous  items  in  order  to  conserve 
flight  time.  Most  of  the  configura¬ 
tion  changes  can  be  planned  so  that 
at  the  end  of  one  test,  the  aircraft 
will  be  ready  for  the  condition  de¬ 
sired  on  the  next  test.  This  will 
result  in  a  minimum  delay.  Table 
X  in  the  specification  can  be  used 
as  an  excellent  guide  in  establish¬ 
ing  the  most  advantageous  sequence, 
but  this  sequence  may  vary  depending 
on  the  specific  aircraft.  In  an 
actual  test  program,  much  of  the 
trim  change  information  would  prob¬ 
ably  be  obtained  during  other  tests 
as  the  aircraft  was  placed  in  the 
required  test  conditions.  For 
example,  the  trim  change  with  gear 
extension  might  be  tested  in  the 
landing  pattern  after  completion 
of  another  test. 

After  the  required  configura¬ 
tion  changes  and  the  sequence  has 
been  determined,  a  data  card  or 
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cards  should  be  prepared.  Many 
forms  are  possible  but  the  card 
should  include  all  the  information 
required  by  the  pilot  in  flight  and 
should  be  clearly  legible.  This 
test  does  not  lend  itself  to  the 
standard  data  card  format,  there¬ 
fore  a  card  wi 11  have  to  be  made 
up  from  a  blank  one.  A  suggested 
form  follows: 


STUDENT _ 

TRIM  CHANCES 

INSTRUCTOR 

DATE 

A/C  No  CAMERA  No 

GRND  SHOT _ 

TEST 

TOTAL  FUEL, 

C0I1FIGURATI0N 

CG- 

Prior  to  leaving  the  line 
a  normal  ground  photo  will  be  taken 
to  insure  that  all  force  and  posi¬ 
tion  measuring  equipment  is  func¬ 
tioning  properly.  Following  the 
flight  data  card,  the  aircraft 
should  be  placed  in  the  desired 
condition  and  trimmed  for  pilot 


comfort.  Excessive  time  should  not 
be  wanted  on  being  exactly  trimmed 
since  a  change  in  control  forces  is 
the  objective  rather  than  the  mag¬ 
nitude  of  the  total  force.  When 
trimmed  and  stabilized  the  oscillo¬ 
graph  should  be  started,  (speed  3 
is  recommended)  and  then  the  de¬ 
sired  configuration  change  is  made. 
Actuating  the  event  marker  at  the 
same  time  the  configuration  change 
is  initiated  will  facilitate  inter¬ 
pretation  of  the  recorded  data. 

The  desired  parameter  (attitude, 
altitude,  rate-of-climb,  etc.) 
should  be  held  constant  with  force 
alone  f or  approximately  5  seconds 
and  then  normal  trimming  action 
employed  to  relieve  the  forces. 

It  ' s  important  to  pick  out  the 
most  logical  parameter  to  hold 
constant,  and  then  smoothly  hold 
that  parameter  constant.  The 
control  force  changes  which  occur 
are  often  strongly  affected  by 
overcontrolling  or  allowing  the 
supposedly  constant  parameter  to 
vary.  Both  extremes  must  be 
avoided.  While  tramming,  a  quali¬ 
tative  evaluation  of  the  adequacy 
of  the  aircraft  trim  should  be 
made.  If  it  is  too  fast  or  too 
slow  or  there  is  insufficient  trim 
available  to  relieve  the  forces, 
a  notation  should  be  made  on  the 
data  card.  It  should  also  be  pos¬ 
sible  to  trim  the  control  forces  to 
zero  throughout  the  operational 
envelope  of  the  aircraft.  While 
there  is  no  specific  test  for  this 
requirement,  the  pilot  should  be 
alerted  to  note  non  compliance  dur¬ 
ing  other  tests.  When  approximately 
trimmed,  the  oscillograph  should 
be  turned  "OFF"  and  the  aircraft 
readied  for  the  next  test  condi¬ 
tion  . 

This  same  general  procedure 
will  be  repeated  until  all  the 
points  lifted  on  the  data  card 
have  been  accomplished.  The  test 
for  transfer  to  alternate  control 
modes  will  have  to  be  done  twice. 

The  first  one  done  with  the  controls 
free  and  the  second  test  done  with 
the  pilot  maintaining  attitude  and 


50 


B.1 


zero  sideslip  throughout.  As  always, 
fuel,  time,  and  orientation  should 
be  kept  in  mind. 

The  oscillograph  traces 
will  be  used  to  determine  the 
changes  in  forces  and  control  de¬ 
flections  associated  with  each 
configuration  change.  If  all  the 
force  changes  are  within  the  specif¬ 
ication  limits,  all  that  is  neces¬ 
sary  is  a  table  of  values  similar 
to  the  example  below.  However, 
for  one  configuration  change  a 


time  history  will  be  included. 

This  should  be  for  a  configuration 
change  that  exceeded  the  limits  of 
the  specification.  If  none  exceeded 
the  specification,  then  a  time 
history  of  a  typical  change  will 
be  made.  The  time  history  will 
include,  but  not  be  limited  to, 
airspeed,  altitude,  load  factor, 
angle  of  pitch,  angle  of  bank, 
elevator  force,  aileron  position, 
rudder  position,  and  rudder  force 
plotted  against  time.  The  table 
will  be  as  shown  below. 


TABULAR  SUMMARY  OF  RESULTS 


o 


i  * 


CHAPTER 

-DIRECTIONAL 
FLIGHT  TESTS 


•  7.1  INTRODUCTION 

7.1  With  lateral-directional 
theory  as  a  background,  it  is  pos¬ 
sible  to  look  at  the  flight  test 
techniques  used  to  investigate  the 
actual  lateral-directional  static 
stability  of  an  aircraft. 

Basically,  the  lateral- 
directional  characteristics  of  an 
aircraft  are  determined  by  two 
different  flight  tests;  the  Side¬ 
slip  Test  and  the  Aileron  Roll  Test. 
The  tests  do  not  measure  lateral 
and  directional  characteristics 
independently.  Rather,  each  test 
yields  information  concerning  both 
the  lateral  and  the  directional 
characteristics  of  the  aircraft. 

In  this  chapter,  both  the 
Sideslip  Test  and  the  Aileron  Roll 
Test  will  be  covered.  As  each  test 
is  discussed,  the  required  results, 
as  determined  by  MIL-F-8785 
will  also  be  covered.  Finally,  an 
example  test  mission  in  the  T-33 
aircraft  will  be  discussed. 

•  7.2  SIDESLIP  FLIGHT  TEST 
TECHNIQUE 

7.2  The  purpose  of  the  sideslip 
test  is  to  investigate  the  static 
lateral  and  directional  stability 
characteristics  of  a  particular  air¬ 
craft  in  each  of  several  configura¬ 
tions.  Since  the  static  lateral 
and  directional  stabilities  are 
functions  of  Mach  number,  angle  of 
attack,  elasticity  and  configura¬ 
tion,  it  is  important  to  check  the 
aircraft  in  various  configurations 
at  several  a’titude-airspeed  com¬ 
binations.  In  so  doing,  the  sense 
{+)  of  the  lateral  and  directional 
stabilities  and  the  characteristics 
of  the  side  force  can  be  determined 
throughout  the  flight  envelope. 


All  equations  relating  to  the 
static  directional  stability  of  an 
aircraft  were  developed  under  the 
assumption  that  the  aircraft  was  in 
a  "steady  straight  sideslip."  This 
is  the  maneuver  used  in  the  Side¬ 
slip  Test.  To  develop  a  ground  for 
discussion,  it  is  appropriate  to 
discuss  the  basic  mechanics  the 
pilot  must  perform  to  establish  a 
"steady  straight  sideslip."  First, 
the  aircraft  is  trimmed  at  the  de¬ 
sired  altitude-airspeed  combination. 
The  rudder  is  then  depressed  and 
an  increment  of  sideslip  is  de¬ 
veloped.  In  order  to  maintain 
"straight"  or  constant  heading 
flight,  it  will  then  be  necessary 
for  the  pilot  to  bank  the  aircraft 
in  a  direction  opposite  that  of 
the  applied  rudder.  The  aircraft 
is  then  stabilized  in  this  condi¬ 
tion.  Thus,  the  pilot  establishes 
a  "steady  straight  sideslip."  To 
understand  the  forces  and  moments 
at  play  in  this  condition,  consider 
figure  7.1.  In  this  figure  the 
aircraft  is  in  a  steady  sideslip. 
Thus ,  the  moment  created  by  the 
rudder,  V&r,  must  equal  the  moment 
created  by  the  aerodynamic  forces 
acting  on  the  aircraft,  r,  g .  it 
can  be  seen,  however,  that  in  this 
condition  the  side  forces  are  un¬ 
balanced  and  that  this  will  cause 
an  acceleration.  The  force,  Fyg , 

will  always  be  greater  than  Fyfir- 

Thus,  in  the  case  depicted,  the 
aircraft  will  accelerate,  or  turn, 
to  the  right.  In  order  to  stop 
this  turn,  it  is  necessary  to  bank 
the  aircraft;  in  this  case  to  the 
left  (figure  7.2).  The  bank  allows 
a  component  of  aircraft  weight, 
Wsin0,  to  act  in  the  y  direction 
and  thus  balance  the  previously 
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FIGURE  7.1  STEADY  SIDESLIP 


FIGURE  12  STEADY  STRAIGHT  SIDESLIP 


unbalanced  side  forces.  Thus,  the 
pilot  establishes  a  "straight  side¬ 
slip."  By  holding  this  condition 
constant  with  respect  to  time,  or 
varying  it  so  slowly  in  a  contin¬ 
uously  stabilized  condition  that 
rate  effects  are  negligible,  he 
establishes  a  "steady  straight 


sideslip"  -  the  condition  that  was 
used  to  derive  the  flight  test  re¬ 
lationships  in  static  directional 
stability  theory. 

By  simply  establishing  a 
steady  straight  sideslip,  the  side 
force  characteristics  of  the  air¬ 
craft  can  be  investigated.  MIL-F- 
8785,  paragraph  3. 3.6.2  states 
that  "an  increase  in  right  bank 
angle  must  accompany  an  increase 
in  right  sideslip,"  where  right 
sideslip  is  defined  by  the  incident 
airflow  approaching  from  the  right 
side  of  the  plane  of  symmetry. 


One  property  of  basic  impor¬ 
tance  in  the  sideslip  test  is  the 
directional  stiffness  of  an  air¬ 
craft  or  its  static  directional 
stability.  To  review,  the  static 
directional  stability  of  an  air¬ 
craft  is  defined  by  the  initial 
tendency  of  the  aircraft  to  return 
to  or  depart  from  its  equilibrium 
angle  of  sideslip  when  disturbed 
from  the  equilibrium  condition. 

In  order  to  determine  if  the  air¬ 
craft  possesses  static  directional 
stability,  it  is  necessary  to  deter¬ 
mine  how  the  yawing  moments  change 
as  the  sideslip  angle  is  changed. 
Thus,  the  slope  of  a  line  in  a  plot 
such  as  figure  7.3  is  of  interest. 
For  positive  directional  stability 
a  plot  of  C Tjp  must  have  a  positive 
slope . 


Figure  7.3  WIND  TUNNEL  RESULTS  OF  YAWING  MOMENT 
COEFFICIENT  vs  SIDESLIP  ANGLE 
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Plots  like  those  presented 
in  figure  7.3  would  be  obtained 
from  wind  tunnel  data.  The  air¬ 
craft  model  would  be  placed  at 
various  angles  of  sideslip  with 
various  angles  of  rudder  deflection, 
and  the  unbalanced  moments  would  be 
measured.  However,  it  is  impos¬ 
sible  to  determine  from  flight 
tests  the  unbalanced  moments  at 
varying  angles  of  sideslip.  It 
was  shown  in  static  directional 
theory,  however,  that  the  amount 
of  rudder  deflection  required  to 
fly  in  a  steady  straight  sideslip 
is  considered  to  be  an  indication 
of  the  amount  of  yawing  moment 
present  tending  to  return  the  air¬ 
craft  to  or  remove  it  from  its 
original  trimmed  angle  of  sideslip. 
Thus,  in  order  to  determine  the 
sign  of  the  rudder  fixed  static 
directional  stability,  C-rjg,  a  plot 
is  made  of  rudder  deflection  re¬ 
quired  versus  sideslip  angle. 

The  apparent  stability  param¬ 
eter,  3  6r/3  6  ,  for  a  directionally 
stable  aircraft  is  shown  in  figure 
7.4.  For  a  stable  aircraft,  this 
plot  has  a  negative  slope. 


MIL-F-8785 ,  paragraph  3. 3.6.1  re¬ 
quires  that  right  rudder  pedal 
deflection  (+6r)  accompany  left 
sideslips  (-6).  Further,  for  angles 
of  sideslip  between  +15  degrees,  a 
plot  of  3  6 r/ 3  e  shoulcF  be  essentially 
linear.  For  larger  sideslip  angles, 
an  increase  in  B  must  require  an 
increase  in  6r.  In  other  words, 
the  slope  of  36r/3B  cannot  go  to 
zero. 


It  should  be  remembered  that 
drastic  changes  occur  in  the  tran¬ 
sonic  and  supersonic  speed  regions. 

In  the  transonic  region  where  the 
flight  controls  are  most  effective, 
a  small  6r  may  give  a  large  8  and 
thus  3  6r/3  0  may  appear  less  stable. 
However,  as  speed  increases,  con¬ 
trol  surface  effectiveness  decreases, 
and  3 <5r/3 8  will  increase  in  slope. 
This  apparent  change  in  C7)g  is  due 
solely  to  a  change  in  control  sur¬ 
face  effectiveness  and  can  give  an 
entirely  erroneous  indication  of 
the  magnitude  of  the  static  direc¬ 
tional  stability  if  not  taken  into 
account. 
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FIGURE  7 A  RUDDER  DEFLECTION  v*  SIDESLIP 


It  is  now  necessary  to  inves¬ 
tigate  the  control  free  stability 
of  an  aircraft.  As  discussed  in 
the  theory  of  static  directional 
stability,  a  plot  of  rudder  force 
required  versus  sideslip,  3Fr/38, 
is  an  indication  of  the  rudder-free 
static  directional  stability  of  an 
aircraft.  It  was  shown  that  a  plot 
of  3Fr/36  must  have  a  negative  slope 
for  positive  rudder-free  static 
directional  stability.  MIL-F-8785 
paragraph  3. 3. 6.1  requires  that 
a  plot  of  3Fr/?B  be  essentially 
linear  between  +10  degrees  of  8 
from  the  trim  condition.  However, 
at  greater  angles  of  sideslip,  the 
rudder  forces  may  lighten  but  may 
never  go  to  zero,  or  overbalance. 
These  requirements  are  depicted  in 
figure  7.5. 


F,  (-) 

FIGURE  7 £  CONTROL  FREE  SIDESLIP  DATA 


The  control  fo  ce  informa¬ 
tion  in  figure  7.5  is  acceptable  in 
accordance  with  MIL-F-8785  as 
long  as  the  algebraic  sign  of  Fr/8 
is  negative.  It  can  be  seen  that 
at  very  large  sideslip  angles,  the 
slope  3Fr/38  may  be  positive.  This 
is  acceptable  as  long  as  the  rudder 
force  required  does  not  go  to  zero. 


Static  lateral  character¬ 
istics  are  also  investigated  during 
the  sideslip  test.  It  was  shown 
in  the  theory  of  static  lateral 
stability  that  36a/38  may  be  taken 
as  an  indication  of  the  control- 
fixed  dihedral  effect  of  an  air¬ 
craft,  Cl&  (Fixed)’  For  stable 
dihedral  effect,  it  was  shown  that 
a  plot  of  36a/3B  must  have  a  posi¬ 
tive  slope.  MIL-F-8785  specifies 
that  right  aileron  control  deflec¬ 
tion  shall  accompany  right  sideslips 
and  left  aileron  control  shall 
accompany  left  sideslips.  A  plot 
of  36a/38  for  stable  dihedral  effect 
is  presented  in  figure  7.6. 


MIL-F-8785,  paragraph  3.3.6.3b, 
limits  the  amount  of  stable  dihe¬ 
dral  effect  an  aircraft  will  exhibit 
by  specifying  that  no  more  than  75 
percent  of  full  aileron  cockpit 
control  deflection  will  be  required 
in  any  of  the  mandatory  sideslip 
tests  required  by  paragraph  3.3.6. 
MIL-F-8785  paragraph  3.3.6.3b  limits 
the  amount  of  dihedral  effect  an 
aircraft  may  have.  It  states  that 
no  more  than  10  pounds  of  aileron 
stick  force  or  20  pounds  of  aileron 
wheel  force  is  allowed  for  side¬ 
slips  which  may  be  experienced  in 
operational  employment. 


The  theoretical  discussion 
of  control  free  dihedral  effect  re¬ 
vealed  that  3Fa/38  will  give  an 
indication  of  cS-8  (Fre^)  '  that 

for  stable  dihedral  effect  3Fa/38 
is  positive.  Refer  to  figure  7.7. 
MIL-F-8785  paragraph  3. 3.6.3  states 
that  the  left  aileron  force  should 
be  required  for  left  sideslips  and 
that  a  plot  of  3Fa/38  should  be 
essentially  linear  for  all  of  the 
mandatory  sideslips  tested. 
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MIL-F-8785,  paragraph  3.3.6.3a 
does  permit  an  aircraft  to  exhibit 
negative  dihedral  effect  in  wave- 
off  conditions  as  long  as  no  more 
than  50  percent  of  available  roll 
control  or  10  pounds  of  aileron  con¬ 
trol  force  is  required  in  the  nega¬ 
tive  dihedral  direction. 


A  longitudinal  trim  change 
will  most  likely  occur  when  the 
aircraft  is  sideslipped.  MIL-F- 
8785  paragraph  3. 2. 3. 7,  places 
definite  limits  on  the  allowable 
magnitude  of  this  trim  change.  It 
is  prefered  that  an  increasing  pull 
force  accompany  an  increase  in  side¬ 
slip  angle  and  that  the  magnitude 
and  direction  of  the  trim  change 
should  be  similar  for  both  left  and 
right  sideslips.  The  specification 
also  limits  the  magnitude  of  the 
control  force  accompanying  the  lon¬ 
gitudinal  trim  change  depending  on 
the  type  of  controller  in  the  air¬ 
craft  (stick  or  wheel) .  A  plot 
of  elevator  force  versus  sideslip 
angle  that  complies  with  MIL-F- 
8785  is  presented  in  figure  7.8. 


FIGURE  7.8  ELEVATOR  FORCE  VERSUS  SIDESLIP 
ANGLE 


Paragraph  3.3.6  of  MIL-F-8785 
outlines  the  sideslip  tests  that 
must  be  performed  in  an  aircraft. 

The  specification  requires  that 
sideslips  be  tested  to  full  rudder 
pedal  deflection,  250  pounds  of  rud¬ 
der  pedal  force,  or  maximum  aileron 
deflection,  whichever  occurs  first. 
Often  sideslips  must  be  discontinued 
prior  to  reaching  these  limits  due 
to  controllability  or  structural 
problems . 

The  following  is  a  complete 
list  of  MIL-F-8785  paragraphs 
that  apply  to  sideslip  tests: 

3. 2. 3. 7 

3.3.6 

3. 3. 6.1 

3 . 3 . 6 . 2 

3. 3.6.3,  3.3.6.3a,  3.3.5.3b 

•  7. 8  LIMITATIONS 

On  student  data  missions  at 
the  Aerospace  Research  Pilot  School 
it  is  not  possible  to  conform  to 
all  aspects  of  MIL-F-8785  that 
concern  sideslip  tests.  Therefore, 
certain  general  limitations  must 
be  applied  to  all  student  sideslip 
tests . 


1.  In  the  cruise  configuration, 
sideslip  tests  will  be  con¬ 
ducted  at  three  different 
altitudes.  At  each  altitude, 
three  different  airspeeds 
will  be  investigated. 
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2.  In  the  power  approach  con¬ 
figuration,  sideslip  tests 
will  be  conducted  at  10,000 
feet  AGL,  at  the  minimum 
speed  for  normal  final 
approach. 

3.  Sideslip  tests  will  be  con¬ 
ducted  within  the  limitations 
outlined  in  the  appropriate 
aircraft  Flight  Manual. 

4.  Within  these  limitations, 
the  student  test  program 
will  be  set  up  to  investi¬ 
gate  all  of  the  requirements 
concerning  sideslip  tests 
that  are  outlined  in  the 
applicable  paragraphs  of 
MIL-F-8785. 

5.  To  void  excessive  data  re¬ 
duction,  all  results  will  be 
plotted  against  . 

Sample  data  plots  of  sideslip 
test  results  are  presented  in  fig¬ 
ures  7.9  and  7.10. 


FIGURE  7.9  STEADY  STRAIGHT  SIDESLIP  CHARACTERISTICS 
CONTROL  FORCES  VERSUS  SIDESLIP 


FIGURE  7.10  STEADY  STRAIGHT  SIDESLIP  CHARACTERISTICS 

CONTROL  DEFLECTIONS  AND  BANK  ANGLE  VERSUS 
SIDESLIP 


•  7.4  AILKRON  ROLL  IrLIOHT 
TKST  TICHNIQUI 

Generally,  the  aileron  roll 
flight  test  technique  is  used  to 
determine  the  rolling  performance 
of  an  aircraft  and  the  yawing  mo¬ 
ments  generated  by  rolling.  Roll 
coupling  is  another  important  air¬ 
craft  characteristic  normally  in¬ 
vestigated  by  using  the  aileron 
roll  flight  test  technique.  The 
roll  coupling  aspect  of  the  aileron 
roll  test  will  not  be  investigated 
at  the  Aerospace  Research  Pilot 
School.  However,  the  theoretical 
aspects  of  roll  coupling  will  be 
covered  in  a  later  course. 

It  is  necessary  to  under¬ 
stand  the  basic  mechanics  involved 
in  the  aileron  roll  flight  test 
technique.  The  aircraft  is  first 
trimmed  in  the  desired  configura¬ 
tion  at  the  desired  altitude-air¬ 
speed  combination.  Then,  the  lateral 
control  is  abruptly  placed  to  a  par¬ 
ticular  control  deflection  (1/4, 

1/2,  3/4,  or  full).  Normally,  the 
desired  control  deflection  is  ob¬ 
tained  by  using  some  mechanical 
restrictor  such  as  a  chain  stop. 

With  the  lateral  control  at  the  de¬ 
sired  deflection,  the  aircraft  is 
rolled  through  a  specified  incre¬ 
ment  of  bank.  For  control  deflec¬ 
tions  less  than  maximum,  the  air¬ 
craft  is  normally  rolled  through 
90  degrees  of  bank.  Because  of 
the  higher  roll  rates  obtained  at 
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full  control  deflection,  it  is 
usually  desirable  to  roll  the  air¬ 
craft  through  360  degrees  of  bank 
when  using  maximum  lateral  control 
deflection.  To  facilitate  aircraft 
control  when  rolling  through  a  bank 
angle  change  of  90  degrees,  start 
the  roll  from  a  4 5 -degree  bank  angle. 
During  the  roll,  a  mechanical  re¬ 
corder,  such  as  an  oscillograph, 
is  used  to  record  the  following 
information:  aileron  position, 
aileron  force,  bank  angle,  sideslip 
and  roll  rate.  Aileron  rolls  are 
normally  conducted  in  both  direc¬ 
tions  to  account  for  roll  varia¬ 
tions  due  to  engine  gyroscopic 
effects.  Aileron  rolls  are  per¬ 
formed  with  rudders  free;  with 
rudders  fixed;  and  are  coordinated 
with  6=0  throughout  roll. 


Caution  should  be  exercised 
in  testing  a  fighter  type  airplane 
in  rolling  maneuvers.  The  stability 
of  the  airplane  in  pitch  and  yaw 
is  lower  while  rolling.  The  incre¬ 
mental  angles  of  attack  and  side¬ 
slip  that  are  attained  in  rolling 
can  produce  accelerations  which 
are  disturbing  to  the  pilot  and 
can  also  cause  critical  structural 
loading.  The  stability  of  an  air¬ 
plane  in  a  rolling  maneuver  is  a 
function  of  Mach  number,  roll  rate, 
dynamic  pressure,  angle  of  attack, 
configuration,  and  control  deflec¬ 
tions  during  the  maneuver . 

The  most  important  design 
requirement  imposed  upon  ailerons 
or  other  lateral  control  devices 
is  the  ability  to  provide  sufficient 
rolling  moment  at  low  speeds  to 
counteract  the  effects  of  vertical 
asymmetric  gusts  tending  to  roll 
the  airplane.  This  means,  in 
effect,  that  the  ailerons  must  pro¬ 
vide  a  minimum  specified  roll  rate, 
and  a  rolling  acceleration  such 
that  the  required  rate  of  roll  can 
be  obtained  within  a  specified 
time,  even  under  loading  condi¬ 
tions  that  result  in  the  maximum 
rolling  moment  of  inertia  (e.g., 
full  tip  tanks) ,  The  steady  roll 


rate  and  the  minimum  time  required 
to  reach  a  particular  change  in 
bank  angle  are  the  two  parameters 
presently  used  to  indicate  rolling 
capability.  Pilot  opinion  surveys 
reveal  that  time  to  roll  a  specified 
number  of  degrees  provides  the  best 
overall  measure  of  rolling  perfor¬ 
mance. 

The  minimum  rolling  perfor¬ 
mance  required  of  an  aircraft  is 
outlined  in  MIL-F-8785,  table  VI. 
This  rolling  performance  is  ex¬ 
pressed  as  a  function  of  time  to 
reach  a  specified  bank  angle.  Table 
VI  is  supplemented  further  by  roll 
performance  required  of  Class  IV 
airplanes  in  various  flight  phases. 
The  specific  requirements  for  Class 
IV  airplanes  are  spelled  out  in 
MIL-F-8785,  paragraphs  3.3.4.1a,  lb, 
lc,  Id.  Paragraph  3. 3. 4. 2  and 
table  VII  of  MIL-F-8785  specify 
the  maximum  and  minimum  aileron 
control  forces  allowed  in  meeting 
the  roll  requirements  of  table  VI 
and  the  supplemental  requirements 
concerning  Class  IV  aircraft.  Para¬ 
graph  3. 3. 2. 3  specifies  the  maximum 
rudder  force  permitted  for  coordi¬ 
nating  the  required  rolls. 

In  addition  to  examining  time 
required  to  bank  a  specified  number 
of  degrees  and  aileron  forces,  Fa, 
it  is  ne  pessary  to  examine  the 
maximum  roll  rate,  Pmax,  to  get  a 
complete  picture  of  the  aircraft's 
rolling  performance.  Therefore, 
in  any  investigation  of  aircraft 
rolling  performance,  the  maximum 
roll  rate  obtained  at  maximum 
lateral  control  displacement  is 
normally  plotted  versus  airspeed. 


Paragraph  3. 3.4. 3  of  MIL-F- 
8785  states  that  there  should  be 
no  objectionable  nonlinearities  in 
roll  response  to  small  aileron  con¬ 
trol  deflections  or  forces.  To 
investigate  this  area,  it  is  neces¬ 
sary  to  observe  the  roll  response 
to  aileron  deflections  less  than 
maximum-  -  such  as  1/4  and  1/2  aile¬ 
ron  deflections. 
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MIL-F-8785,  paragraph  3. 3. 4. 5 
states  that  it  should  be  possible 
to  raise  a  wing  by  using  the  rudder 
pedal  alone,  and  that  right  rudder 
pedal  force  should  be  required  for 
right  rolls.  Further,  it  states 
that  with  the  aileron  cockpit  con¬ 
trol  free,  it  should  be  possible  to 
produce  a  roll  rate  of  3  degrees 
per  second  by  use  of  rudder  pedal 
forces  of  50  pounds  or  less.  Turn 
coordination  requirements  are  spelled 
out  in  MIL-F-8785,  paragraph  3. 3. 2. 4 
for  steady  turning  maneuvers. 

The  other  area  of  prime  in¬ 
terest  in  the  aileron  roll  flight 
test  is  the  amount  of  sideslip  that 
is  developed  in  a  roll  and  the  phas¬ 
ing  of  this  sideslip  with  respect 
to  the  roll  rate.  Associated  with 
this  characteristic  is  the  roll  rate 
oscillation.  These  factors  influ¬ 
ence  the  pilot's  ability  to  accom¬ 
plish  precise  tracking  tasks. 

The  following  is  a  complete 
list  of  MIL-F-8785  paragraphs  that 
apply  to  aileron  roll  tests: 

3. 3. 2. 3 

3. 3. 2. 4 

3.3.4 

3. 3. 4.1,  3.3.4.1a,  3.3.4.1b, 

3.3.4.1c,.  3.3.4.1c 

3 . 3.4 .3 

3. 3. 4. 4 

3. 3. 4. 5 

3.3.5 

3. 3. 5.1,  3.3.5.1a 

3. 3. 5. 2 

7.8  SCHOOL  TKST 
LIMITATIONS 

The  following  limitations  will 
apply  to  all  student  data  missions 
at  the  Aerospace  Research  Pilot 
School : 

1.  In  the  cruise  configuration, 
aileron  roll  tests  will  be 


conducted  at  three  different 
altitudes.  At  each  altitude, 
three  different  airspeeds 
will  be  investigated. 

2.  In  the  power  approach  con¬ 
figuration,  aileron  roll 
tests  will  be  conducted  at 
final  approach  speed  at  10,000 
feet  AGL. 

3.  Aileron  roll  tests  will  be 
conducted  within  the  limita¬ 
tions  outlined  in  the  appro¬ 
priate  aircraft  Flight  Manual. 

4.  Within  these  limitations,  the 
student  test  program  will  be 
set  up  to  investigate  all 

of  the  requirements  concern¬ 
ing  aileron  roll  tests  that 
are  outlined  in  the  applicable 
paragraphs  of  MIL-F-8785 (ASG) . 

5.  To  avoid  excessive  data  re¬ 
duction,  all  results  will  be 
plotted  against  Vi .  Sample 
plots  of  aileron  roll  data 
are  presented  in  figure  7.11. 


•  7.8  DEMONSTRATION  MISSION 

To  unify  all  that  has  been 
said  concerning  the  sideslip  and 
aileron  roll  flight  test  techniques, 
a  complete  description  of  an  ex¬ 
ample  demonstration  mission  in  the 
T-33  will  be  presented. 

1.  After  engine  start,  and  with 
aileron  boost  on,  visually 
position  the  ailerons  to 
approximately  1/4 ,  1/2  and 
3/4  deflections.  Mark  each 
position  on  the  instrument 
panel  with  masking  tape. 

Prior  to  leaving  the  ramp,  a 
ground  shot  will  be  taken  to 
ascertain  proper  functioning 
of  the  force  and  control  de¬ 
flector  indicator.  The  ground 
shot  will  consist  of  a  con- 
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MAXIMUM  ROLL  RATE  MAXIMUM  AILERON  FORCE  MAXIMUM  AILERON  DEFLECTION 

(D«g/S«c) _  _ (Poundt)  (D«y .) 


MACH 

FIGURE  7.11  MAXIMUM  AILERON  ROLL  TEST  RESULTS 
ONE  ALTITUDE 


tinuous  recording  of  all  con¬ 
trol  deflections  and  forces 
from  neutral  to  full  positive 
to  full  negative,  and  then 
back  to  neutral.  This  will 
help  eliminate  confusion  in 
reading  the  film  and  the 
oscillograph  paper.  While 
taxiing,  the  pilot  should 
practice  making  1/4,  1/2, 

3/4,  and  full  aileron  de¬ 
flections  . 


2.  Climb  to  20,000  feet  and  trim 
the  aircraft  in  the  cruise 
configuration  at  250  KIAS 
using  the  back  side  trim  tech¬ 
nique.  Obtain  a  photo  panel 
shot  with  the  aircraft  trimmed 
in  this  condition. 

3.  If  a  yaw  string  is  available 
and  it  is  not  centered  during 
the  trim  shot,  align  it  with 
the  longitudinal  axis  of  the 
aircraft  and  obtain  a  photo 
panel  shot.  If  a  sideslip 
indicator  is  available  for 
inflight  use,  this  zero  side¬ 
slip  shot  can  be  used  to 
calibrate  it.  The  photo  panel 
shot  with  zero  sideslip  should 
be  examined  on  the  ground  tc 
ascertain  that  the  zero  side¬ 
slip  indication,  as  obtained 
from  the  calibration  book,  is 
correct. 

4.  During  the  sideslip  test, 
altitude  will  be  lost  if  trim 
power  and  250  KIAS  are  main¬ 
tained.  Therefore,  this  test 
will  be  conducted  at  20,000 
+1,000  feet.  After  the  trim 
shot  at  20,000  feet  has  been 
obtained,  note  trim  power 
and  climb  to  21,000  feet. 

5.  The  instructor  pilot  will 
demonstrate  the  stabilized 
sideslip  flight  test  tech¬ 
nique.  Starting  from  a  zero 
sideslip  condition,  establish 
a  steady  straight  sideslip  of 
approximately  two  degrees 
while  holding  trim  airspeed. 
This  may  best  be  done  by 
applying  a  small  amount  of 
rudder  and  then  coming  in 
with  just  enough  bank  to  hold 
a  constant  heading.  A  point 
on  the  outside  horizon  will 
provide  the  pilot  with  the 
most  accurate  means  of  hold¬ 
ing  a  constant  heading.  The 
needle  of  the  turn  and  slip 
indicator  may  also  be  an  aid 
in  holding  constant  heading, 
zero  yawing  velocity  flight. 
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Constant  trim  velocity  should 
be  maintained  as  the  sideslip 
is  increased  in  approximately 
2  degree  increments  until 
reaching  the  maximum  sideslip 
obtainable  (if  no  other  re¬ 
striction  applies) ,  or  until 
a  dangerous  flight  condition 
is  anticipated.  A  photopanel 
shot  will  be  taken  at  each 
stabilized  sideslip  condition. 
Sideslips  in  the  T-33  will  be 
discontinued  at  rudder  buf- 
fet,  or  a',  plus  or  minus  14 
degrees  of  sideslip  in  the 
cruise  configuration  to  pre¬ 
vent  inadvertent  tumbling  and 
possible  structural  damage. 

The  T-33  is  restricted  from 
full  rudder  deflection  side- 
slips.  If  no  sideslip  gauge 
is  available  in  the  cockpit, 
the  following  guide  may  be 
used:  At  approximately  12 
degrees  of  sideslip,  the 
standard  airspeed  indicator 
will  jump  approximately  5 
knots.  The  pilot  may  con¬ 
tinue  the  sideslip  investiga¬ 
tion  approximately  two  de¬ 
grees  past  this  point  if  no 
other  adverse  indications  are 
noted.  If  an  airspeed  cali¬ 
bration  is  available  for  the 
boom  airspeed  system  at  vari¬ 
ous  angles  of  sideslip,  this 
correction  should  be  used 
while  attempting  to  hold  a 
constant  airspeed.  If  such 
a  calibration  is  not  avail¬ 
able,  an  indication  of  the 
magnitude  of  the  position 
urror  due  to  sideslip  can  be 
obtained  by  placing  the  air¬ 
craft  in  a  sideslip  and  rapid¬ 
ly  coming  back  to  zero  side¬ 
slip  while  noting  the  magni¬ 
tude  of  the  airspeed  change. 
This  correction  can  be  ig¬ 
nored  if  this  change  is  only 
one  or  two  knots.  It  should 
be  immediately  apparent 
whether  back  or  forward  stick 
is  necessary  to  hold  a  con¬ 
stant  airspeed  as  the  side¬ 
slip  is  increased,  and  thus 
the  correct  control  movement 
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should  be  anticipated  as  the 
sideslip  is  increased.  Through¬ 
out  the  test,  lead  all  inputs 
with  the  rudder.  This  tech¬ 
nique,  coupled  with  slow, 
deliberate  control  inputs, 
will  help  keep  Dutch  roll  at 
a  minimum.  If  a  Dutch  roll 
should  develop,  stop  it  with 
the  rudder;  aileron  inputs 
will  only  reinforce  the  motion. 
After  the  maximum  sideslip 
point  is  reached,  the  aircraft 
should  be  smoothly  returned 
to  trim  and  then  similar  side¬ 
slip  points  should  be  made  in 
the  opposite  direction.  Smooth¬ 
ness  in  this  test,  as  in  all 
tests,  is  imperative  in  order 
to  get  good  stabilized  points 
quickly.  Anticipation  of  cor¬ 
rect  control  movement  is  a 
great  aid  in  establishing 
good  test  points  quickly.  A 
record  should  be  kept  of 
beginning  and  final  photo 
correlation  numbers  as  well 
as  a  list  of  any  unreliable 
points. 


6.  The  pilot  will  practice  the 
stabilized  sideslip  flight 
test  technique.  Maintain 
altitude  at  20,000  +1,000 
feet. 


7.  The  instructor  pilot  will 

demonstrate  the  slowly  vary¬ 
ing  sideslip  method.  This 
is  an  alternate  method  of 
obtaining  sideslip  informa¬ 
tion.  Starting  from  zero 
sideslip,  continuously  in¬ 
crease  the  sideslip  angle  at 
not  more  than  one  degree  per 
second  while  maintaining  head¬ 
ing  and  velocity.  A  contin¬ 
uous  photo  record  :  3  taken 
out  to  the  maximum  sideslip 
angle.  This  method  is  con¬ 
siderably  more  difficult  to 
fly  properly  than  the  sta¬ 
bilized  sideslip  method. 
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8.  The  pilot  will  practice  the 
slowly  varying  sideslip 
method.  Maintain  20,000 
+1,000  feet. 

9.  At  the  completion  of  the 
sideslip  practice,  the  pilot 
will  return  the  aircraft  to 
21,000  feet  and  250  KIAS. 

The  instructor  pilot  will 
demonstrate  the  aileron  roll 
flight'  test  technique.  Using 
trim  power  and  holding  250 
KIAS,  roll  the  aircraft  into 
a  45  degree  bank.  Stabilize 
the  aircraft  in  this  condi¬ 
tion,  holding  the  rudder 
pedals  fixed  to  hold  trim 
sideslip.  The  recording 
trigger  is  depressed  prior 

to  starting  a  roll  to  permit 
some  leader  on  the  oscillo¬ 
graph  paper.  The  stick  is 
rapidly  moved  to  1/4  aileron 
deflection,  and  the  aircraft 
is  rolled  to  45  degrees  of 
bank  in  the  opposite  direc¬ 
tion.  This  control  input 
should  be  a  "step  input." 

The  pilot  may  avoid  stick 
"bobble"  by  using  both  hands 
on  the  stick.  The  recording 
trigger  is  held  depressed 
throughout  the  roll.  The 
airspeed  should  be  held  as 
close  as  possible  to  the  aim 
Vi  throughout  the  roll.  When 
the  roll  is  complete,  rapidly 
re-establish  a  45-degree  bank 
at  250  KIAS.  This  will  pre¬ 
vent  needless  altitude  loss 
and  airspeed  excursion.  This 
procedure  is  repeated  in  the 
opposite  direction.  When 
the  aircraft  has  been  rolled 
in  both  directions  at  1/4 
aileron  deflection,  repeat 
the  procedure  at  1/2  aileron 
deflection.  The  full  deflec¬ 
tion  aileron  roll  is  started 
from  wings  level  flight  at 
250  KIAS.  Apply  full  aileron 
deflection  in  the  desired  di¬ 
rection  of  roll.  In  order  to 
determine  exactly  how  much 
aileron  force  it  required  to 


hold  full  aileron  deflection, 
it  will  be  necessary  to  slowly 
relax  the  control  force  prior 
to  completing  360°  of  roll. 

Once  on  the  ground,  the  oscil¬ 
lograph  trace  will  allow  the 
pilot  to  match  a  control  force 
against  the  point  where  the 
aileron  deflection  first  starts 
to  decrease.  The  full  deflec¬ 
tion  aileron  roll  will  be 
repeated  in  the  opposite  di¬ 
rection.  For  the  sake  of 
demonstration,  the  instructor 
pilot  may  roll  in  only  one 
direction  for  each  control 
deflection  tested.  The  in¬ 
structor  will  then  demonstrate 
a  step  aileron  input  that  will 
accomplish  a  45c-45°  roll  in 
approximately  6  seconds. 

10.  The  pilot  will  practice  the 
aileron  roll  test  with  rud¬ 
ders  fixed.  When  complete, 
he  will  repeat  the  full  de¬ 
flection  roll  with  rudders 
free.  He  will  then  practice 
the  step'  aileron  input  needed 
to  get  a  45°-45°  roll  in 
approximately  6  seconds . 


11.  The  pilot  will  descend  to 
10,000  feet  pressure  altitude 
in  an  area  that  will  allow 

at  least  5,000  feet  terrain 
clearance.  The  aircraft 
will  be  placed  in  the  power 
approach  configuration,  i.e., 
gear  down,  full  flaps,  speed 
brakes  up.  Obtain  a  trim 
shot  at  10,000  feet  and  120 
knots  plus  fuel  using  the 
backside  trim  technique. 
Obtain  a  photopanel  shot  with 
the  aircraft  trimmed  in  this 
condition.  Alsr,  obtain  a 
photopanel  shot  in  a  zero 
sideslip  condition. 

12.  This  test  will  be  conducted 
at  10,000  +1,000  feet.  After 
the  10,000  foot  trim  shot  has 
been  obtained,  note  trim 


32 


7.11 


power  and  climb  to  11,000 
feet. 


The  instructor  pilot  will 
demonstrate  the  stabilized 
sideslip  flight  test  tech¬ 
nique  in  the  power  approach 
configuration.  Because  of 
the  low  "q" ,  rudder  forces 
will  be  very  light  and  care 
should  be  exercised  to  avoid 
overcontrolling.  Sideslips 
in  the  T-33  will  be  discon¬ 
tinued  at  rudder  buffet  or 
at  plus  or  minus  10  degrees 
of  sideslip  in  the  power 
approach  configuration  to 
prevent  inadvertent  tumbling. 
Care  should  be  exercised  in 
returning  from  maximum  side¬ 
slip  to  the  trim  condition. 
Climb  when  necessary  in  order 
to  remain  within  the  allow¬ 
able  altitude  band  (+1.000 
feet)  . 


The  pilot  will  practice  the 
stabilized  sideslip  flight 
test  technique  in  the  power 
approach  configuration. 


15.  The  instructor  pilot  11 
demonstrate  the  aileron  roll 
flight  test  technique  in  the 
power  approach  configuration. 
During  this  low  "q"  condition 
considerable  sideslip  will 
develop.  Recover  from  the 
roll  using  aileron  only. 
Overcontrolling  or  putting  in 
incorrect  rudder  inputs  can 
create  a  hazardous  situation. 
Therefore,  360-degree  rolls 
will  not  be  accomplished  in 
the  power  approach  configura¬ 
tion  . 

16.  The  pilot  will  practice  the 
stabilized  sideslip  flight 
test  technique  in  the  power 
approach  configuration  with 
the  rudders  fixed.  When  this 
is  completed,  he  will  repeat 
the  1/2  aileron  deflection 
point  with  rudders  free. 
Recovery  will  be  made  with 
rudders  free. 

17.  Landing  will  be  made  from 

a  simulated  flameout  pattern 
set  up  by  the  instructor 

Dilot. 
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ENGINE-OUT  OPERATION 


•  8.1  INTRODUCTION 

The  problems  associated  with 
an  engine  failure  in  a  multi-engine 
aircraft  may  be  classified  into 
two  types;  control  problems  and 
performance  problems.  The  severity 
of  one  may  greatly  overshadow  the 
other  in  certain  aircraft;  but  in 
general,  the  pilot  is  confronted 
with  a  generous  portion  of  both. 

•  8.8  THI  CONTROL  PROBLKM 

The  control  problem  may  be 
simply  stated  -  the  pilot  must  be 
able  to  achieve  and  maintain 
straight  unaccelerated  flight  fol¬ 
lowing  che  loss  of  an  engine.  Thus 
the  engine-out  control  problem  can 
be  divided  into  cases;  the  non¬ 


steady  state  dynamic  case  and  the 
steady  state  equilibrium  case.  The 
dynamic  case  Begins  when  an  engine 
fails  and  terminates  when  the 
equilibrium  rise  has  been  achieved. 

When  a  pilot  intentionally 
shuts  down  an  engine  in  an  aircraft 
with  adequate  control  authority  to 
maintain  equilibrium,  the  dynamic 
case  is  usually  not  severe  and  the 
transients  encountered  are  mild. 

If,  however,  an  engine  fails  sud¬ 
denly  on  takeoff,  or  the  pilot  makes 
a  sudden  application  of  go--around 
power  to  asymmetric  engines,  a 
potentially  divergent  rolling  and 
yawing  motion  can  ensue. 

These  hazardous  dynamic 
situations  are  caused  by  a  rapid 
sequence  of  events,  as  illustrated 


FIGURE  8.1 
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in  the  following  hypothetical 
sequence : 

1.  The  aircraft  is  in  a  critical 
flight  phase  such  as  takeoff 
or  go-around  when  a  large 
yawing  moment  due  to  asym¬ 
metric  thrust  appears  very 
suddenly.  The  aircraft  yaws 
rapidly  through  a  large  angle. 

2.  The  pilot  allows  a  large  side¬ 
slip  angle  to  develop  because 
of  the  high  yaw  rate  and  the 
surprise  factor.  A  rolling 
moment  into  the  bad  engines 

is  generated  by  the  dihedral 
effect.  This  rolling  moment 
is  augmented  by  wing  blanking 
on  swept-wing  configurations 
and  by  asymmetric  slipstream 
effects  on  propeller  aircraft. 


3.  As  the  angular  momentum 
builds  up  in  roll  and  yaw, 
larger  compensating  moments, 
over  and  above  the  steady 
state  requirements,  are  re¬ 
quired  to  arrest  the  motion. 
Large  control  deflections  are 
required  because  of  the  re¬ 
duced  control  effectiveness 
at  slow  speed,  and  adverse 
yaw  adds  to  the  forcing  mo¬ 
ment.  If  full  control  is 
insufficient  to  achieve  equi¬ 
librium,  a  power  reduction 

on  the  good  engines  will  be 
required. 

4.  But  a  power  reduction  aggra¬ 
vates  an  already  critical 
performance  problem.  Speed 
is  difficult  to  maintain  be¬ 
cause  of  decreased  thrust 
and  increased  drag.  If  the 
down-going  wing,  which  is 

at  a  high  angle  of  attack 
because  of  the  slow  speed 
and  the  rolling  velocity,  is 
allowed  to  reach  stall,  the 
dynamic  case  may  terminate 
without  ever  reachinq  equi¬ 
librium. 


The  severity  of  such  responses 
is  difficult  to  predict  by  theo¬ 
retical  analysis,  and  flight  test 
of  critical  situations  is  required 
to  establish  safe  flight  boundaries. 
Slow  speed  restrictions  due  to  de¬ 
creased  control  effectiveness  are 
most  common,  although  others  may 
exist  in  the  supersonic  range  due 
to  reduced  stability.  The  dynamic 
case  boundaries  are  usually  (al¬ 
though  not  necessarily)  more  re¬ 
strictive  than  those  due  to  the 
equilibrium  case. 

For  every  given  set  of  asym¬ 
metric  conditions  there  is  a  speed 
below  which  aerodynamic  control  is 
insufficient  to  maintain  the  equi¬ 
librium  case.  This  is  called  the 
minimum  control  speed. 

FIGURE  8.2 


Obviously,  this  minimum  speed  will 
vary  with  the  prevailing  conditions. 
Not  sc  obvious,  however,  is  the 
fact  that  for  a  given  condition  the 
equilibrium  case  can  be  maintained 
with  different  combinations  of  bank 
angle,  sideslip  angle,  and  rudder 
deflection  and  that  the  minimum 
speed  will  vary  according  to  the 
combination  used. 
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Engine-out  definitions  and 
terminology  are  not  standard  through- 
on*-  the  aviation  industry  and  in  any 
discussion  it  must  be  clearly  under¬ 
stood  what  the  conditions  are,  and 
that  everyone  is  talking  about  the 
same  thing.  Several  more  or  less 
standard  definitions  are  discussed 
below. 

Minimum  Control  Speed: 

It  is  possible  that  there  will 
be  no  minimum  control  speed  for  a 
multi-engine  aircraft  because  it 
can  be  controlled  up  to  aerodynamic 
stall.  This  is  the  desired  situa¬ 
tion.  MIL-F-8'785  (para  3. 3. 9. 2) 
specifies  that  straight  flight  must 
be  possible  during  takeoff  at  any 
speed  above  minimum  takeoff  speed 
aid  further  specifies  the  control 
forces  and  deflections  that  may  be 
used  to  accomplish  this.  This 
establishes  the  minimum  control 
speed  required  for  every  possible 
gross  weight  condition.  It  might 
therefore  seem  that  a  minimum  con¬ 
trol  speed  is  only  of  academic  in¬ 
terest,  but  there  may  be  instances 
where  a  multi-engine  aircraft  could 
meet  the  specifications  at  takeoff 
but  be  operated  at  a  speed  in  some 
operational  or  approach  flight, 
phase  which  would  be  lower  than 
minimum  takeoff  speed  and  hence  the 
asymmetric  thrust  minimum  control 
speed  must  still  be  determined  by 
flight  test. 

Ground  Minimum  Control  Speed: 

Control  of  asymmetrically 
powered  multi-engine  aircraft  on 
the  ground  also  presents  a  problem 
that  must  be  considered.  If  a  pilot 
loses  the  most  critical  engine  dur¬ 
ing  takeoff  roll,  he  must  decide 
whether  to  continue  the  takeoff  or 
abort.  MIL-F-8785  (para  3. 3. 9.1) 
specifies  that  the  pilot  must  be 
able  to  maintain  a  path  on  the  run¬ 
way  that  does  not  deviate  more  than 
30  feet  from  the  original  path  if 
he  decides  to  continue  the  takeoff 
and  is  above  the  refusal  speed 


(based  on  the  shortest  runway  from 
which  the  airplane  is  designed  to 
operate) .  If  the  pilot  decides  to 
abort,  the  directional  control  re¬ 
quirements  are  still  specified  but 
the  pilot  is  allowed  to  use  addi¬ 
tional  controls  such  as  nosewheel 
steering  and  differential  braking. 
Flight  (ground)  testing  is  required 
to  show  compliance  with  the  specifica¬ 
tion  so  a  ground  minimum  control 
speed  can  be  determined.  This  is 
defined  as  the  lowest  speed  at  which 
directional  control  can  be  maintained 
on  the  ground  when  the  most  critical 
engine  fails  during  takeoff  roll. 

•  8. 8  THI  PINFORMANCK 
PROBLKM 

Reduced  climb  performance, 
service  ceiling  and  range  capability 
accompany  an  engine  failure  as  a 
natural  result  of  decreased  thrust 
and  increased  drag.  The  effect  of 
engine  failure  on  takeoff  perfor¬ 
mance,  however,  is  a  complex  subject 
requiring  additional  definitions 
and  operational  techniques. 

Tukeoff  Performance: 

The  basic  requirement  is 
simple;  at  every  instant  throughout 
the  takeoff  roll  the  pilot  must 
have  an  acceptable  course  of  action 
available  to  him  in  the  event  of 
engine  failure.  During  the  first 
part  of  the  roll,  this  action  will 
be  to  abort  the  takeoff  and  stop. 
Beyond  a  certain  poin*-  the  action 
will  be  to  continue  the  takeoff  with 
the  engine  failed.  The  dividing 
point  between  these  courses  of 
action  is  a  function  of  aircraft 
performance. 

Consider  an  aircraft  at  a 
particular  configuration  and  gross 
weight  starting  its  takeoff  roll 
on  a  qiven  day.  For  a  given  run¬ 
way  length  there  is  a  maximum  speed 
to  which  it  can  accelerate  on  all 
engines,  lose  the  critical  engine 
and  then  just  complete  a  maximum 
effort  stop  at  the  far  end  of  the 
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runway.  This  speed,  called  the 
refusal  speed,  is  relatively  high 
for  long  runways  and  relatively 
low  for  short,  ones. 

FIGURE  8.3 


REFUSAL  SPEED 

REFUSAL  SPEED  is  thus  defined  as 
the  maximum  speed  to  which  the  air¬ 
craft  can  make  a  normal  takeoff 
acceleration,  lose  the  critical 
engine  at  that  speed  and  then  stop 
on  the  remaining  runway.  Stopping 
technique  and  devices  to  be  used 
must  be  specified. 

Now  considei  the  same  air¬ 
craft  making  the  same  takeoff  under 
identical  conditions.  For  a  given 
runway  length  there  is  a  minimum 
speed  to  which  it  can  accelerate 
on  all  engines,  lose  the  critical 
engine  at  that  speed  and  then  con¬ 
tinue  the  taxeoff  with  the  engine 
failed,  getting  airborne  just  at 
the  far  end  of  the  runway.  This 
speed  (a  "minimum-continue"  speed) 
varies  with  runway  length  in  a 
manner  opposite  that  of  refusal 
speed,  i.e.,  it  is  relatively  low 
for  long  runways . 

FIGURE  8.4 


The  gap  between  the  minimum- 
continue  speed  and  the  Refusal 
Speed  reflects  the  size  of  the 
safety  margin  provided  by  a  given 
runway  for  the  particular  condi¬ 
tions  . 


FIGURE  8.5 
SAFE  TAKEOFF 
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FIGURE  8.6 
UNSAFE  TAKEOFF 


FIGURE  fa. 7 

CRITICAL  FIELD  LENGTH 
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Critical  Engine  Failure  Speed: 

If  the  critical  engine  fails 
at  this  speed,  the  distance  re¬ 
quired  to  complete  the  takeoff  is 
identical  to  the  distance  required 
to  stop.  The  total  runway  re¬ 
quired  to  accelerate  to  this  speed, 
lose  an  engine,  and  then  stop  or 
go  is  the  Critical  Field  Length. 

Initial  Climb  Performance: 

The  period  between  lift-off 
and  attainment  of  best  engine-out 
climb  speed  can  be  very  critical. 
Military  multi-engine  aircraft  are 
routinely  loaded  to  gross  weights 
that  provide  as  low  as  50  feet-per- 
minute  rate  of  climb  with  an  engine 
inoperative.  Obviously,  this  level 
of  performance  allows  little  margin 
for  mis-management  ot  attitude  or 
configuration.  Flap  retraction  may 
have  to  be  accomplishc  incremen¬ 
tally  on  a  very  tight  speed  schedule 
to  keep  sufficient  lift  for  a  posi¬ 
tive  climb  gradient  without  excessive 
drag.  Unexpected  characteristics 
may  be  encountered  in  this  phase. 

For  example,  the  additional  drag 
due  to  doors  opening  might,  make  it 
desirable  to  delay  gear  retraction 
until  late  in  the  clean-up  phase 
or  in  another  instance,  the  time 
available  to  obtain  the  clean  con¬ 
figuration  might  be  limited  by  the 
supply  of  water  injection  fluid  if 
dry  thrust  is  insufficient  to  main¬ 
tain  the  climb.  Careful  flight  test 
exploration  of  this  phase  is  an 
obvious  requirement. 


Decision  Speed/Distance: 

All  the  performance  discus¬ 
sions  above  are  concerned  with  what 
the  aircraft  will  actually  do.  It 
still  remams  for  the  pilot  or 
operational  authority  to  decide  at 
what  particular  speed  or  distance 
the  course  of  action  will  change 
from  stop  to  go  in  the  event  of 
engine  failure.  This  defines  the 
decision  point. 


If  the  initial  climb  per¬ 
formance  is  going  to  be  critical  on 
the  takeoff  in  question,  the  decision 
point  may  be  near  the  higher  speed 
end  of  the  safety  margin. 


The  B-47  illustrates  the 
opposite  case.  This  aircraft  has 
a  very  poor  record  for  successful 
aborts  and  is  operated  with  the 
decision  point  relatively  early 
(near  the  low  speed  end)  of  the 
safety  margin. 


Other  cases  may  be  decided 
by  the  nature  of  the  overrun  or 
the  terrain  beyond  the  runway, 
i.e.,  is  it  better  to  go  off  the 
far  erd  almost  stopped  or  almost 
flying? 

•  8.4  KNO  INK-OUT  FLIOHT 
TKS.TINO 

Military  aircraft  are  usually 
designed  with  relatively  low  safety 
margins  in  order  to  attain  the 
desired  performance  -  the  marginal 
ergine-out  climb  capability  pre- 
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vious3.y  mentioned  is  an  example. 

In  fact,  during  war  emergency 
operation  the  gross  weight  may  be 
so  high  that  engine-out  operation 
is  not  possible  at  all.  Flight 
tests  of  these  critical  phases, 
on  or  near  the  ground,  require  a 
high  level  of  crew  skill  and  pro¬ 
ficiency;  each  point  must  be  care¬ 
fully  planned  and  flown. 


With  the  aircraft  in  the 
specified  configuration,  and  with 
the  critical  engine  failed,  a 
series  of  stabilized  points  are  re¬ 
corded  at  decreasing  speeds.  A 
plot  of  the  critical  control  param¬ 
eter  (this  will  most  frequently  be 
rudder  force  or  deflection)  versus 
airspeed  is  made  to  determine  the 
minimum  control  speed. 


Such  tests  are  a  normal  part 
of  the  Category  I  and  II  testing 
of  a  new  aircraft.  They  also  play 
a  vital  part  in  side-by-side  eval¬ 
uations  of  assault  or  VSTOL  trans¬ 
ports  where  the  ability  to  carry 
a  useful  load  in  and  out  of  a  given 
landing  area  is  frequently  limited 
by  engine-out  performance.  Indi¬ 
vidual  evaluations  to  determine  if 
an  aircraft  meets  the  contractor's 
guarantees  may  also  hinge  on  this 
area  of  operation. 


Flight  Minimum  Control  Speed: 

It  will  be  shown  later  in 
paragraph  8.5  that  an  aircraft  with 
an  engine  inoperative  can  be  sta¬ 
bilized  in  straight  (unaccelerated) 
flight  in  various  combinations  of 
ban*  angle,  sideslip  angle,  and 
rudder  deflection.  For  determina¬ 
tion  of  minimum  control  speed,  the 
maximum  bank  angle  of  5  degrees 
allowed  by  MIL-F-8785  will  be  held 
constant,  and  the  other  two  param¬ 
eters  adjusted  as  necessary  to 
achieve  straight  flight. 


The  critical  engine  is  always 
an  outboard  engine.  For  reciprocat¬ 
ing  aircraft  with  clockwise  rotating 
propellers  (looking  forward) ,  the 
left  outboard  is  critical  due  to 
torque.  Assuming  there  is  no 
angular  motion  of  the  aircraft  to 
provide  gyroscopic  couples  from 
rotating  engines,  left  or  right  is 
usually  not  critical  on  a  jet  pow¬ 
ered  aircraft  (the  distinction  may 
be  important  for  dynamic  points, 
however)  . 


FIGURE  8.10 


CRITICAL 

CONTROL 

PARAMETER 


The  minimum  control  speed 
usually  increases  at  lower  altitude 
due  to  increased  engine  thrust;  the 
test  must  be  accomplished  at  more 
than  one  altitude,  including  one 
as  low  as  is  safely  possible,  to 
provide  an  extrapolation  to'  sea 
level . 

FIGURE  8.11 

ALTITUDE 


Care  must  be  exercised  to 
obtain  points  that  are  unaccelerated 
and  well  stabilized.  The  outside 
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visual  attitude  is  primary  for 
maintaining  airspeed,  bank  angle, 
and  zero  yaw  rate,  using  the  cock¬ 
pit  instruments  for  cross  check. 

The  ball,  which  in  unaccelerated 
flight  will  always  be  at  the  bottom 
of  the  race,  is  the  primary  refer¬ 
ence  used  to  eliminate  accelera¬ 
tions  that  result  from  unbalanced 
forces  in  the  y  direction.  These 
lateral  translations  are  difficult 
to  discern  visually. 

Dynamic  Engine  Failure; 

The  military  specifications 
(MIL-F-8785  para  3. 3. 9. 3)  require 
that  a  pilot  be  able  to  avoid  dan¬ 
gerous  conditions  that  might  result 
from  the  sudden  loss  of  an  engine 
during  flight.  The  method  to  test 
compliance  with  this  specification 
is  to  stabilize  with  symmetrical 
power  and  dynamically  fail  the  most 
critical  engine.  After  observing 
a  realistic  time  delay  for  pilot 
realization  and  diagnosis,  the  pilot 
arrests  the  aircraft  motion  and 
achieves  the  equilibrium  engine-out 
condition.  Since  it  obviously  re¬ 
quires  more  control  to  arrest  the 
motion  than  to  maintain  equilibrium, 
this  dynamic  situation  must  be  con¬ 
sidered  in  determining  the  minimum 
control  speed. 

Minimum  control  speed  should 
not  be  set  by  any  factor  other  than 
insufficient  control.  If  the  air¬ 
craft  stalls  before  reaching  the 
minimum  control  speed,  a  statement 
that  "at  this  gross  weight,  the 
aircraft  is  controllable  down  to 
the  stall"  is  preferable  to  calling 
the  stall  speed  the  "minimum  con¬ 
trol  speed." 

Ground  Minimum  Control  Speed: 

The  ground  minimum  control 
speed  will  differ  from  the  flight 
value  because  of: 

1.  The  inability  to  use  side¬ 
slip  and  the  restriction  on 

the  use  of  bank  angle. 


2.  Cross  wind  components. 

3.  The  additional  yaw  moments 
produced  by  the  landing  gear, 
whicn  in  turn  vary  with:  the 
landing  gear  configuration; 
the  amount  of  steering  used; 
the  vertical  loads  on  each 
gear;  and  runway  condition. 

There  are  two  basic  test 
methods,  one  involving  acceleration 
and  the  other  deceleration.  If  the 
aircraft  will  decelerate  with  the 
asymmetric  power  condition  set  up 
(symmetrical  pairs  of  non-critical 
engines  may  also  be  retarded)  the 
"back-in"  method  may  be  used.  The 
test  is  started  at  a  ground  speed 
in  excess  of  the  expected  minimum 
and  the  power  condition  is  set.  As 
the  speed  decreases,  more  aerody¬ 
namic  control  deflection  is  required; 
the  speed  where  directional  control 
cannot  be  maintained  is  the  minimum 
control  speed. 

Some  high  performance  air¬ 
craft  accelerate  iYi  the  test  condi¬ 
tion  and  the  acceleration  method 
is  required.  The  asymmetric  yaw¬ 
ing  moment  is  gradually  increased 
(by  throttle  manipulation)  as  in¬ 
creasing  speed  provides  more  con¬ 
trol.  The  speed  where  sufficient 
control  is  available  to  hold  the 
full  asymmetric  power  condition 
is  the  minimum  control  speed.  This 
method  requires  considerable  skill 
and  coordination  to  obtain  good 
results  -  the  aircraft  is  essen¬ 
tially  at  minimum  control  speed 
throughout  the  acceleration. 

Both  of  the  methods  above 
determine  equilibrium  control 
speeds.  When  sufficient  experi¬ 
ence  has  been  obtained,  sudden 
engine  cuts  are  performed  to  deter¬ 
mine  if  dynamic  effects  are  more 
restrictive . 

In-Flight  Performance: 

Normal  performance  flight 
test  methods  may  be  used  to  deter- 
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mine  the  climb,  range,  and  endur¬ 
ance  at  altitude  with  engines  in¬ 
operative  . 

Landing  Performance: 

Restricted  reversing  capa¬ 
bility  and  possible  higher  approach 
speeds  required  to  maintain  minimum 
safe  speeds  will  affect  landing  per¬ 
formance.  Normal  flight  test  meth¬ 
ods  are  valid,  but  caution  must  be 
exercised  in  go-around  situations. 

•  8.0  EFFECT  OF  BANK  ANGLE 
ON  THK  (EQUILIBRIUM  CASK 

If  torque  and  gyroscopic 
effects  due  to  rotating  engines 
or  propellers  are  neglected,  all 
the  forces  acting  on  an  aircraft 
in  flight  with  an  engine  inopera¬ 
tive  are  shown  in  figure  8.12. 

FIGURE  8.12 


FIGURE  8.13 


Ris  now  the  remaining  portion  of 
the  total  aerodynamic  reaction, 
such  that: 


lT«  T 


+  +  al* + + 


R  has  a  point  of  action  that  is 
near,  but  not  necessarily  at,  the 
aircraft  c.p.  Assuming  mass  to  be 
symmetrically  distributed,  the 
weight  vector  acts  through  the  eg 
at  the  origin  of  the  body  axis  sys¬ 
tem.  Because  of  the  possibility  of 
sideslip,  none  of  the  aerodynamic 
force  vectors  necessarily  pass 
through  a  body  axis,  i.e.,  they 
may  all  produce  moments  in  three 
directions.  When  all  forces  are 
resolved  into  components  parallel 
to  the  body  axes,  the  representa¬ 
tion  in  figure  8.14  is  obtained. 


The  vector  R  is  the  total  aerody¬ 
namic  reaction  acting  at  the  air¬ 
craft  center  of  pressure.  This 
vector  may  be  thought  of  as  the 
sun  of  all  the  smaller  reactions 
acting  on  the  separate  parts  of 
aircraft.  For  the  present  discus¬ 
sion  it  is  convenient  to  handle 
separately  the  smaller  reactions 
that  act  on  the  ailerons  (A^ and 
AlI ,  the  vertical  fin  and  rudder 
(Or  and  the  horizontal  stabilizer 
and  elevator  (ElrT  as  shown  in  fig¬ 
ure  8.13. 


FIGURE  8.14 
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If  the  restriction  of  equi¬ 
librium  (unacceleratecP  flight  is 
now  imposed,  six  equations  result: 

Longitudinal  Lateral-Directional 


(5)  L/  +L/t  +  L/u  +  L/n+L/s  +  L/  =0 
K,  L>)  ^  _ J 


V 

very  small 
^♦equation  is  balanced  with  6a 


(1) 

Fx  =  0 

(4) 

o 

II 

>i 

fr. 

It  now  remains  to  be  shown 

(2) 

-  0 

(5) 

o 

II 

J 

that  the  side  force  equation  (4) 
and  the  yaw  equation  (6)  can  be 

(3) 

M  =  0 

(6) 

N  =  0 

simultaneously  balanced  using  an 

The  longitudinal  equations 
are  not  critical  in  the  achieve¬ 
ment  of  equilibrium;  they  are  bal¬ 
anced  by  the  usual  technique  of 
stabilized  points,  i.e.,  variation 
of  pitch  angle  (6) ,  angle  of  attack 
(a),  and  elevator  deflection  (5e). 


infinite  number  of  combinations  of 
bank  angle  (<J>)  ,  sideslip  (B)  ,  and 
rudder  deflection  (6r) . 


(4)  V/  +  U  +  S  +  E  +  A  +  A  =  0 
•'  •  ”  y  .  y  R  L  . 

I  y  y J 


♦ 

W  sin  (j> 


small  values  combined 
into  S 


If  the  forces  of  figure  8.14 
are  all  moved  to  the  eg  and  the 
moments  lost  by  the  move  are  re¬ 
placed,  the  six  equations  can  be 
expanded  as  shown  below. 


(1)  W  +  E  +  U  +  A  +  A  +  C  +  T  =  0 

•  X  i  X  X  iv  i  L  J  X 

O  V - ^ - 5JV 

control  drag  ‘-►other  drag 
-►equation  is  balanced  with  6 


(2)  N  +  E  +U  +  A  +  A  +W  +  T  =0 
^  z  ^z  RZ  Lzl  z  z 

- ^ 

very  small 


—►equation  is  balanced  with  O' 

(3)  M/r+  M/T  +  M/N  +  M/r  +  M/n  +  M/ 


U 


=  0 


R,  L) 


very  small 

►  equation  is  balanced  with  6e 


The  lateral-directional  equa¬ 
tions  are  of  most  interest  in 
achieving  equilibrium.  The  roll 
equation  (5)  is  usually  not  criti¬ 
cal,  although  in  some  cases  lack 
of  aileron  authority  may  be  the 
limiting  factor. 


Side  Force  Equation:  W  sin  <t>  +  U  +  S  =  0 


V 


(6)  ,N/t  +  N/c  +  N/e  +  N/a  +N/u  +  N/s=0 

^ - - - R,  Lj1  ' 


small  adverse  yaw, 

“V 


lumped  together  as  Njrorcing 


Yaw  Equation:  NForcing  +  N/y  +  N/g  =  0 


The  point  of  action  of  S  is 
related  to  the  directional  stability 
with  the  vertical  tail  removed. 
Certain  aircraft,  such  as  B-52  with 
its  long,  slab-sided  aft  fuselage 
and  swept  wings ,  might  have  some 
directional  stability  without  the 
vertical  tail  installed,  in  which 
case  S  would  operate  aft  of  the  eg. 


Aircraft  more  generally  will 
be  directionally  unstable  in  this 
condition,  and  S  will  operate  ahead 
of  the  eg. 


Equilibrium  with  6=0 


6  =  0 

$  =  reduced 

6r  =  moderate 


RW 


*  W  tin  jfr 


’  N  forcing 


In  either  case  S  will  have  a 
short  arm  compared  to  that  of  Uy 
and  the  sign  of  N/g  (which  in  the 
discussion  below  will  be  considered 
unstable)  or  the  effect  of  the 
other  simplifying  assumptions  will 
not  alter  the  diagrams  below. 

Equilibrium  with  6r  =  0 
0  from  good  engine  side 

ip  large 

6r  =  0 


W  sin  <p  =  Uy  +  S 


Equilibrium  with  <j>  =  0 
6  from  bad  engine  side 


N. 


Forcing  “  N//S  N//U 


It  may  be  shown  by  trial  and 
error  that  the  arrangements  above 
are  the  only  ones  possible  for  the 
conditions  specified  provided  the 
aircraft  is  truly  following  an  un- 
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accelerated  flight  path.  For  ex- 
ample,  if!  the  ^  =  0  condition  is 
attempted  with  8  from  the  good 
engine  side,  equilibrium  cannot 
be  obtained. 


False  <p  =  0  Point 


Aircraft  is  accel¬ 
erating  because  of 
insufficient  rudder  Because 


Uy  + 


RW 


i})  =  0  the 
point  may 
appear  tc  be 
in  equilibrium 


4N/S 


Compared  to  the  tr\e  $  =  0 
condition,  more  Uy  is  required  to 
balance  the  yaw  equation  (since 
N/s  is  now  added  to  Nporcing)  but 
it  is  obtained  with  less  6r  because 
of  the  favorable  8  at  the  tail. 

But  the  side  force  equation  is  not 
balanced  (Uy  +  S  ^  0)  and  the  air¬ 
craft  is  actually  accelerating  to 
the  left.  This  condition,  which 
can  be  readily  attained  in  flight 
if  insufficient  rudder  is  used  in 
the  4>  =  0  condition,  is  difficult 
to  see  visually  but  can  be  recognized 
by  a  displacement  of  the  ball  to  the 
right.  If  additional  right  rudder 
is  applied  until  the  ball  returns 
to  the  bottom  of  the  race,  the  side¬ 
slip  will  return  to  the  bad  engine 
side . 


The  relationship  between  <)> , 
6,  and  6r  revealed  above  is  sum¬ 
marized  in  figure  8.15. 


FIGURE  8.15 


<0  =  ♦ )  - -  INCREASING  BANK  INTO  THE  GOOD  ENGINE 


VARY  RUN  AIRCRAFT  DESIGN  AND  THE  MAGNITUDE 
OF  TNE  SECONDARY  EFFECTS  AND  ASSUMPTIONS 
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ION 

The  student  will  fly  an 
Engine-Out  demonstration  mission 
from  the  rear  cockpit  of  the  B-57. 

Performance  Evaluation  - 
Single-Engine  Climb: 

1.  Clean  configuration  trimmed 
for  normal  climb  (300  kt) . 

2.  Single-engine  climb  to 
assigned  altitude  with  left 
engine  at  idle,  right  engine 
at  100%. 

3.  With  time  to  climb  to  alti¬ 
tude  starting  at  5,000  feet 
and  maintaining  a  constant 
heading,  take  stabilized 
camera  readings  at: 

*  =  0°  ....  ,  ,  , 

holding  all  forces  constant 

4*  =  5° 

<(>  =  5°  rudder  forces  only  trimmed 

<(>  =  5°  rudder  and  elevator  forces 
trimmed 

<fr  =  5°  all  forces  trimmed 


Effect  of  Bank  Angle  on  Yaw 
Control : 


1.  Clean  configuration  stabilized 
at  assigned  altitude  at  a 
speed  slightly  above  minimum 
control  speed. 


2.  Holding  forces  with  left  en¬ 
gine  failed  and  right  engine 
at  100%,  record  at  trim 
airspeed : 

False  $  =0°  point 

4>  =  0° 

8  =  0° 

Fr  =  0 

$  into  engine  idle 


Directional  Control  Test 
TMIL-F-8785  para  3. 3. 9. 2): 

1.  The  takeoff  configuration  is 
trim  shot  power,  the  same  as 
required  for  the  previous 
test. 

2.  Left  engine  idle,  right 
engine  100%. 

3.  Record  stabilized  points  at 
equal  airspeed  increments 
from  trim  speed  to  Vmin.  Cort. 
first  at  <(>  =•  0°  and  then  re¬ 
peat  the  test  with  $  =  5°  and 
Sensitive  Bank  Angle  Indicator 
Operating. 

Asymmetric  Power  Test  (MIL- 
F-8785  para  3. 3. 9. 4): 

1.  Configuration  CR 

2.  Trim  to  90  percent  noseup 

3.  Set  both  engines  at  96.5 
percent  power 

4.  Airspeed  160  kt 

5.  Use  a  sawtooth  entry  1,000 
feet  below  the  assigned  alti¬ 
tude.  At  the  assigned  alti¬ 
tude,  an  engine  will  be 
chopped  to  idle.  Recover  with 
no  delay  using  the  ailerons, 
feet  on  the  floor. 

6.  Record  data  through  recovery 
(start  data  300  feet  prior 
to  reaching  the  assigned 
altitude) . 

7.  Hand-record  ^max  and  <t>max 
and  qualitatively  determine 
if  MIL-F-8785  requirements 
are  met. 

8.  Test.  Repeat  steps  1-7  using 
150  KIAS  (or  1.3  V0min  which¬ 
ever  is  higher) 

Trim  Evaluation  (MIL-F-8785 
para  3. 6 . 1 . 1) : 

1.  Configuration  -  CR 
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FIGURE  8.16 


EFFECT  OF  »ANX  ANCLE 


2.  Trim  -  as  set  for  trim  shot 

3.  Power:  Left  engine  -  As  re¬ 

quired 

Right  engine  -  Idle 

4.  Airspeed  -  Flight  Manual 

max  -  range 
single-engine 
cruise  speed, 

40,000  pounds  gross 
weight,  at  assigned 
altitude 

5.  Altitude  -  as  assigned 

6.  Test  -  with  4>  =  0 0 

7.  Record  -  holding  all  forces 

-  rudder  trimmed;  Fr  =  0 

-  aileron  trimmed; 

Fa  =  0 

-  all  forces  trimmed 


Dynamic  Engine  Failure  (MIL- 
F-8785  para  3. 3. 9. 3): 

1.  Configuration  CR 

2 .  Trim  -  as  required 

3.  Power  -  100  percent  both 

engines 

4.  Airspeed  -  140  KIAS 

5.  Start  1,000  feet  below 
assigned  altitude 

6.  Test  -  Climb  through  to  the 

assigned  altitude. 

The  IP  will  chop  an 
engine.  Delay  3 
seconds  and  then  re¬ 
cover.  Test  each  of 
the  following  recovery 
methods : 

-  ailerons  first,  then 
rudder 

-  rudder  first,  then 
ailerons 

-  rudder  and  aileron 
simultaneously 

7.  Qualitatively  record: 

-  ili  and  $  at  3  seconds  after 
throttle  chop 

-  '♦'max  and  ♦max  during  re¬ 
covery 

-  Altitude  lost  in  recovery 

8.  Photo  record  data  throughout 
recovery 

9.  Repeat  steps  1-8  @  130  and 
120  KIAS 

Single-Engine  Go  Around  Eval¬ 
uation: 

1.  Configuration  -  PA 

2.  Trim  -  As  required 

3.  Power  -  as  required  for  de¬ 

scent  at  135  KIAS, 
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•  8.7  DATA 


rate  of  descent  500 
feet  per  minute  with 
both  engines  operating. 

4.  Altitude  -  8,000  feet 

5.  Test  -  Qualitatively  evaluate 

with  an  engine  failed 
and  4>  —  5 0  maximum 

-  Power  required  to 
maintain  a  500  foot 
per  minute  descent  with 
flaps  up. 

-  Power  required  to  level 
off 

-  Accelerate  with  gear 
up  to  160  KIAS  and  go 
around. 

6.  Repeat  Test  5  with  the  flaps 
down . 

Single-Engine  Traffic  Pattern 
and  Landing: 

1.  Qualitative  analysis  of  sin¬ 
gle-engine  traffic  and  landing 
qualities . 

2.  Test  -  Consult  the  Technical 

Order  for  proper  sin¬ 
gle  engine  traffic 
and  landing  procedures 
(pay  particular  atten¬ 
tion  to  WARNINGS  CAU¬ 
TIONS  and  NOTES) . 

3.  Record  qualitative  comments. 
Single-Engine  Taxi  Evaluation: 

1.  Record  qualitative  comments. 


Data  to  Be  Recorded: 

The  photopanel  will  te  used 
for  all  stabilized  points  (parameters 
as  prescribed  in  ARPS  Special  Instru¬ 
mentation  Requirements) .  Normally 
a  continuous  oscillograpn  record 
of  dynamic  points  would  be  obtained. 
The  student  should  record  any  appli¬ 
cable  qualitative  comments  deemed 
necessary . 

Data  Presentation: 

Plots  similar  to  figures  8.10 
and  8.11  will  be  presented  in  the 
report.  Discussion  of  the  minimum 
control  speed  and  any  other  appli¬ 
cable  findings  should  be  included. 

A  plot  similar  to  figure  9.16  should 
also  be  prepared  to  illustrate  the 
effect  of  bank  angle. 


Several  methods  of  asymmetric 
data  presentation  are  presently  being 
developed.  They  are  worthy  of  note. 
As  aircraft  size  increases;  gross 
weight  and  bank  angle  become  impor¬ 
tant  considerations  in  determining 
minimum  control  speeds.  To  normalize 
this  consideration  a  plot  of  Cl 
sin  $  versus  Thrust  Moment  is  used. 
Temperature,  pressure  altitude,  and 
dynamic  pressure  also  effect  the 
minimum  control  speed.  To  normalize 
these  effects,  (colder  or  hotter 
than  standard  day)  a  plot  has  been 
developed  that  depicts  Thrust  Moment 
versus  Dynamic  Pressure. 
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CHAPTER 

DYNAMIC  STABILITY 


9.1  PURPOSE 

The  purpose  of  the  dynamic 
stability  flight  test  is  to  investi¬ 
gate  an  aircraft's  primary  modes 
of  motion.  This  investigation  will 
ascertain  the  acceptability  of 
these  modes  -  frequency  and  damping 
being  the  characteristics  of  pri¬ 
mary  importance . 

9.9  AIRCRAFT  MOCKS  OF 
MOTION 

The  characteristic  modes  of 
motion  of  a  modern  aircraft  are 
becoming  of  more  interest  as  flight 
regions  expand.  An  aircraft  that 
has  its  mass  primarily  distributed 
along  the  fuselage  and  is  designed 
for  high  speed  flight  could  foster 
undesirable  conditions  during  cer¬ 
tain  flight  regions.  The  dynamic 
response  of  an  aircraft  to  various 
pilot  control  inputs  is  important 
in  evaluating  its  handling  quali¬ 
ties.  The  aircraft  may  be  stati¬ 
cally  stable  yet  its  dynamic  re¬ 
sponse  could  be  such  that  a  danger¬ 
ous  or  impossible  flight  character¬ 
istic  results.  The  aircraft  must 
have  dynamic  qualities  that  will 
permit  the  design  mission  to  be 
accomplished.  One  of  the  test  pi¬ 
lot's  prime  responsibilities  is  to 
evaluate  these  handling  qualities 
with  respect  to  the  expected  mission. 

An  airplane  usually  has  five 
major  modes  of  free  motion.  (Phu- 
goid,  short  period,  rolling,  Dutch 
roll  and  spiral.)  This  chapter 
will  deal  with  two  longitudinal 
modes  first  (phugoid  and  short 
period)  then  two  lateral-directional 
modes  (Dutch  roll  and  sprial) .  The 
rolling  mode  is  covered  in  Chapter 
VII. 


There  are  several  different 
forms  that  the  modes  of  motion  may 
take.  Figure  9.1  shows  four  possi¬ 
bilities  for  aircraft  free  motion; 
a  pure  divergence,  a  pure  conver¬ 
gence,  a  damped  or  an  undamped  oscil¬ 
lation.  The  aircraft,  being  a  rather 
complicated  dynamic  system,  will  move 
in  a  manner  that  is  a  combination  of 
several  different  modes  at  the  same 
time.  One  of  the  problems  of  flight 
testing  is  to  initiate  the  excitation 
input  so  that  the  various  individual 
modes  can  be  picked  out  and  analyzed 
on  an  individual  basis. 

An  airplane  usually  has  two 
major  longitudinal  modes  of  free 
motion.  One  is  the  long  period 
mode  or  "phugoid"  which  is  essen¬ 
tially  a  variation  in  airspeed 
and  pitch  angle  at  nearly  constant 
angle  of  attack.  Its  period  is  of 
the  order  of  20  seconds  to  2  minutes. 
The  other  mode  is  of  short  period 
and  is  characterized  by  an  oscilla¬ 
tion  of  angle  of  attack  and  pitch 
angle  at  nearly  constant  airspeed. 

Its  period  is  usually  less  than 
four  seconds. 

The  phugoid  mode  is  generally 
not  considered  an  important  flying 
quality  because  its  period  is  usually 
of  sufficient  duration  that  the 
pilot  has  little  difficulty  in  con¬ 
trolling  it.  However,  under  cer¬ 
tain  conditions  it  is  possible  for 
the  damping  to  degenerate  sufficient¬ 
ly  so  that  the  phugoid  mode  becomes 
important.  The  phugoid  is  char¬ 
acterized  by  airspeed,  altitude, 
pitch  angle,  and  rate  variations 
while  at  essentially  constant  angle 
of  attack. 

The  short  period  mode  is  an 
important  flying  quality  because 
its  period  can  approach  the  limit 
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of  pilot  reaction  time  and  it  is 
the  mode  which  a  pilot  uses  for  lon¬ 
gitudinal  maneuvers  in  normal  flying 
The  period  and  damping  may  be  such 
that  the  pilot  may  induce  an  un¬ 
stable  oscillation  if  he  attempts 
to  damp  the  motion  with  control 
movements.  Hence,  heavy  damping 
of  this  mode  is  desirable.  In  most 
airplanes  the  short  period  mode  is 
sufficiently  damped,  but  some  air¬ 
planes  must  be  fitted  with  arti¬ 
ficial  damping  devices.  These 
airplanes  should  be  flight  tested 
with  dampers  on  and  off.  The  short 
period  is  characterized  by  pitcjj 
angle,  pitch  rate,  and  angle  or 
attack  change  while  essentially  at 
constant  airspeed  and  altitude. 

Damping  is  described  in  terms 
of  damping  ratio  or  number  of  cycles 
to  damp  to  a  specified  fraction  of 
initial  amplitude.  Although  heavy 
damping  of  the  short  period  mode  is 
desired,  investigations  have  shown 
that  damping  alone  is  insufficient 
for  good  flying  qualities.  In 
fact,  very  high  damping  may  result 
in  poor  handling  qualities.  It  is 
the  combination  of  damping  and  fre¬ 
quency  of  the  motion  that  is  impor¬ 
tant. 


FIGURE  9.1 


INPUT 


REPONSE 


The  longitudinal  modes  should 
be  flight  tested  for  open-loop  as 
well  as  closed-loop  stability,  since 
open-loop  longitudinal  modes  can 
also  be  important.  In  open-loop 
motion,  the  elevator  and  control 
system  is  free  to  move  (pilot  does 
not  hold  the  control)  so  that  its 
motion  is  coupled  with  the  longi¬ 
tudinal  stick-fixed  modes.  The 
influence  of  the  free  elevator 
depends  upon  the  magnitude,  fre¬ 
quency  and  phase  of  elevator  motion. 

Tests  for  short  period  sta¬ 
bility  should  be  conducted  from 
level  flight  at  several  altitudes 
and  Mach  numbers.  Closed  loop 
short  period  stability  tests  should 
be  made  also  at  various  normal 
accelerations  in  maneuvering  flight. 
This  stability,  when  coupled  to  the 
pilot,  is  especially  important  to 
tracking  and  formation  flying. 

fi.S  MILITARY  SPECIFICATION 
REQUIREMENTS 

MIL-F-8785  specifies  that  an 
aircraft's  short  period  response, 
controls  fixed  or  free,  shall  meet 
the  requirements  of  frequency  damp¬ 
ing  and  acceleration  sensitivity 
established  in  para.  3.2.2.1a, 
3.2.2.1b,  and  figure  1.  Residual 
oscillations  shall  not  be  greater 
than  0.05g  at  the  pilot's  station 
nor  more  than  +3  mils  of  pitch  ex¬ 
cursion  for  category  A  Flight  Phase 
tasks . 


S.4  EXAMPLE  TEST  METHODS 

The  phugoid  mode  may  be  exam¬ 
ined  by  stabilizing  the  airplane 
at  the  desired  flight  conditions  and 
trimming  the  control  forces  to  zero. 
Increase  or  decrease  the  airspeed 
by  some  small  increment  by  the  prop¬ 
er  control  pressure.  For  stick- 
fixed  stability  return  the  control 
to  neutral  and  hold  it  fixed.  For 
stick-free  stability,  return  the 


control  to  neutral  and  then  release 
it.  After  the  control  is  released 
or  returned,  it  may  be  necessary 
to  maintain  wings  level  by  light 
lateral  or  slight  directional  pres¬ 
sure.  Damping  and  frequency  of 
phugoid  motion  may  be  changed  appre¬ 
ciably  by  the  presence  of  small 
bank  angles  (5  to  15  degrees) .  It 
may  be  very  difficult  to  return  the 
control  to  its  trimmed  position  if 
the  aircraft  control  system  has  a 
very  large  friction  band.  In  such 
a  case,  the  airspeed  increment  may 
be  obtained  by  an  increase  or  de¬ 
crease  in  power  and  returning  it 
to  its  trim  setting  or  extending  a 
drag  device.  In  either  case  the 
aircraft  configuration  should  be 
that  of  the  trim  condition  at  the 
time  the  data  measurements  are  made. 

To  examine  the  short  period 
mode,  stabilize  the  airplane  at 
the  desired  flight  condition,  (al¬ 
titude,  airspeed,  normal  accelera¬ 
tion)  .  Trim  the  control  forces  to 
zero  (for  one  g  normal  accelera¬ 
tion)  .  Abruptly  deflect  the  lon¬ 
gitudinal  control  to  obtain  a  change 
in  normal  acceleration  of  about 
one-half  g.  For  stick-fixed 
stability,  return  the  control  to 
neutral  and  hold  fixed.  For  stick 
free  stability,  release  the  control 
after  it  is  returned  to  neutral 
(normally  conducted  only  from  one 
g  flight) .  The  aircraft  response 
should  be  examined  for  positive  and 
negative  changes  in  normal  accelera¬ 
tion.  If  the  aircraft  is  equipped 
with  artificial  stabilization  de¬ 
vices  the  test  should  be  conducted 
with  this  device  off  as  well  as  on. 

A  note  of  caution:  The  abruptness 
and  magnitude  of  the  control  input 
must  be  approached  with  due  care! 

Use  very  small  inputs  until  it  is 
determined  that  the  response  is  not 
violent.  A  suggested  technique  is 
to  apply  a  longitudinal  control 
doublet  (a  small  positive  displace¬ 
ment  followed  immediately  by  i 
negative  displacement  of  the  same 
magnitude  followed  by  rapidly  re¬ 
turning  the  control  to  the  t  rimmed 
position!.  Start  with  small  magni- 
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tudes  and  gradually  work  up  to  the 
desired  excitation. 

An  input  that  is  too  sharp 
or  too  large  could  very  easily 
excite  the  aircraft  structural  mode 
or  produce  a  flutter  that  might 
seriously  damage  the  airplane  and/ 
or  injure  the  pilot. 

Data  Required: 

For  trim  conditions,  pressure 
altitude,  airspeed,  weight,  eg  posi¬ 
tion,  and  configuration  should  be 
recorded. 

The  test  variables  of  concern 
are,  airspeed,  altitude,  angle  of 
attack,  normal  acceleration,  pitch 
angle,  pitch  rate,  control  surface 
position,  and  control  position. 


control  column  to  the  trim  position 
and  release  all  pressure.  When  the 
pitch  angle  reverses  start  timing. 
Record  the  maximum  airspeed  as  the 
nose  comes  through  level  flight. 

The  nose  of  the  aircraft  will  con¬ 
tinue  to  come  up,  reverse,  and 
start  down.  Record  the  minimum 
velocity  as  the  nose  again  passes 
through  level  flight.  As  the 
pitch  angle  reverses  again  mark 
the  time.  Continue  the  maneuver 
through  3  cycles. 

Slight  turbulence  or  imper¬ 
fect  lateral  trim  may  result  in 
wing  roll  during  the  pitch  oscilla¬ 
tions.  If  this  should  occur,  then 
control  the  bank  with  smooth  and 
light  rudder  pressures  being  care¬ 
ful  not  to  excite  aircraft  Dutch 
roll . 


Reduction  and  Presentation  of 
Data : 


Data  Reduction,  Phugoid. 


Time  histories  of  stick-fixed 
and  stick-free  oscillations  should 
be  presented.  A  complete  analysis 
would  present  damping  ratio  and  fre¬ 
quency  as  a  function  of  flight  con¬ 
dition.  If  the  motion  were  non- 
oscillatory  divergent,  the  insta¬ 
bility  could  be  represented  by  the 
time  required  to  attain  a  certain 
parameter  value  from  a  trimmed  con¬ 
dition. 

Short  period  mode  investiga¬ 
tions  have  shown  that  frequency  as 
well  as  damping  is  important  in  a 
consideration  of  flying  qualities. 
This  is  so  because  at  a  given  fre¬ 
quency,  damping  alters  the  phase 
angle  of  the  closed-loop  system 
(which  consists  of  a  pilot  coupled 
to  the  airframe  system) .  Phase 
angle  of  the  total  system  governs 
the  dynamic  stability. 


1.  Plot  a  time  history  to  in¬ 
clude  3  cycles  of  the  phugoid 
Label  airspeed,  pitch  rate 
and  angle  of  attack. 


FIGURE  9.2 


2.  Determine  the  frequency  of 

the  oscillation.  Plot  cycles 
versus  time  in  a  working  plot 


A.  Phugoid ; 


OSCHLATOPV 


_ Da WIPING  ENVELOP! 


Stabilize  the  aircraft  at 
the  test  altitude  and  the  test  air¬ 
speed.  Smoothly  increase  the  pitch 
angle  until  the  airspeed  reduces 
10  to  15  knots  below  the  trim  air¬ 
speed.  Very  smoothly  return  the 
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3.  Determine  the  phugoid  damping  4.  Determine  the  phugoid  undamped 

ratio  (c)  •  Sketch  the  damp-  nautral  frequency  (u>) . 

ing  envelope  on  the  oscillo- 
grapn  trace.  Measure  the 

width  of  the  envelope  at  the  u  =  ^Trf 

peak  values  of  the  oscilla-  n  •'l  -  T* 

tion.  Form  the  subsidence 
ratios  (Xm/Xo) .  From  figure 

9.4  or  9.5  find  the  damping  A  cycies  , 

ratio  for  each  subsidence  f  -  A  time —  from  figure  9.3 

ratio.  Average  these  damping 
ratios.  If  the  subsidence 
ratio  is  greater  than  1.0 
then  use  the  inverse  of  that 
subsidence  ratio.  The  damp¬ 
ing  ratio  thus  determined 
will  be  negative. 


FIGURE  9.3 


NUMBER  OF 
CYCLES 


SECONDS 
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FIGURE  9.5 
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5.  Plot  phugoid  frequency  and 
damping  ratio  versus  Mach 
number. 


FIGURE  9.6 


FIGURE  9.7 


EXAMPLE  NO.  1  OATA  REDUCTION  LIGHTLY  OAMPEO  OSCILLATION 


ONE  SECOND  TIMING  LINES 


X,  X; 

SUBSIOENCE  RATIOS  X„  * 

OAMPING  RATIOS  ,  il-O. 

PROM  FIG.  I0.S  jcycles 

OSCILLATION  FREQUENCY-  jj “ 

2rr(.207) 

NATURAL  FREOUENCY^^^  q6)2’  -1 


BANK  ANGLE  $ 


6.  In  the  test  results  include 
a  short  discussion  on  the 
effect  the  phugoid  mode  has 
on  the  aircraft  handling  quali¬ 
ties.  This  discussion  should 
be  presented  with  respect  to 
an  intended  mission  for  the 
aircraft.  Quantitatively 
compare  the  damping  ratios 
with  the  requirements  of  MIL- 
F-8735 . 

B.  Short  Period : 

Stick-Fixed. 

Stabilize  the  aircraft  at  the 
test  altitude  on  the  test  airspeed. 
Select  oscillograph  speed  4  and 
start  recording.  Smoothly  but 
abruptly  pull  back  on  the  control 
column;  push  it  forward,  and  then 
rapidly  return  it  to  the  trimmed 
position  and  hold  it  there.  When 
the  aircraft  transient  motion  stops, 
stop  recording  data.  Reverse  the 
order  of  the  input  pulse  and  repeat. 
The  airspeed  and  altitude  should 
remain  essentially  constant  during 
this  maneuver.  The  data  should  be 
taken  when  the  input  pulse  is 
approximately  one-half  g.  This  input 
pulse  should  be  started  small  and 
gradually  increased  as  the  pilot's 
technique  improves  and  if  the  air¬ 
craft  response  is  satisfactory. 

Stick-Free . 

Stabilize  the  aircraft  at 
the  test  altitude  on  the  test  air¬ 
speed.  Select  oscillograph  speed 
4  and  start  recording.  Smoothly 
but  abruptly  pull  back  on  the  con¬ 
trol  column,  push  it  forward,  re¬ 
turn  it  to  approximately  neutral 
and  release.  When  the  aircraft 
transient  motion  stops,  stop  re¬ 
cording  data.  Reverse  the  input 
order  and  repeat. 

Data  Reduction,  Short  Period. 

1.  Plot  a  time  history  of  the 

aircraft  response  for  closed- 


loop  and  open-loop.  Label 
elevator  deflection,  control 
deflection,  load  factor,  and 
angle  of  attack.  Examine  the 
phase  angle  between  the  stick 
movement  and  the  actual  ele¬ 
vator  deflection  for  compli¬ 
ance  with  MIL-F-8785. 


2.  Determine  the  short  period 
damping  ratio  (c) .  If  the 
short  period  response  is 
oscillatory  and  the  damping 
ratio  0.5  or  less  proceed  as 
outlined  for  the  phugoid 
mode.  If  the  damping  ratio 
is  between  0.5  and  2.0  then 
use  figure  9.9.  Select  the 
point  on  the  response  curve 
at  which  the  response  is  free. 
Divide  the  amplitude  into 
the  values  0.736,  0.406,  ana 
0.199.  Measure  time  values 
ti,  t2  and  t3.  Form  the 
time  ratios  t2/ti,  t3/ti,  and 
t3  -  t2/t2  -  t]_.  Enter  fig¬ 
ure  9.9  at  the  Time  Ratio 
side  and  find  a  damping  ratio 
for  each  time  ratio.  For 
this  damping  ratio  find  a 
frequency  time  product  for 
(wn  ti)  (wn  t2)  and  (wn  t3) . 
Average  the  damping  ratios. 


FIGURE  9.8 
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FREQUENCY  TIME  PRODUCT 


FIGURE  9.9 
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4.  Plot  short  period  natural 
frequency  and  damping  ratio 
versus  Mach  number. 


FIGURE  9.10 


MACH 


FIGURE  9.11 
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TIME  RATIO 


•  9.B  LATAft  AL-DIfVBCTION  AL 
DYNAMIC  STABILITY 

Dutch  Roll; 

The  lateral-directional 
oscillations  involve  roll,  yaw,  and 
sideslip.  The  stability  of  the 
Dutch  roll  mode  varies  with  air¬ 
plane  configuration,  ^ngle  of  attack, 
Mach  number,  and  damper  configura¬ 
tion.  Dynamic  stability  of  the 
lateral-directional  modes  is  governed 
primarily  by  the  static  lateral  and 
directional  stabilities  (C£g  and  Cng) , 
damping  in  roll  and  yaw  (C£p  and 
Cnr) ,  and  moments  of  inertia.  The 
presence  of  a  lightly  damped  oscil¬ 
lation  adversely  affects  aiming 
accuracy  during  bombing  runs,  fir¬ 
ing  of  guns  and  rockets  and  precise 
formation  work  such  as  in-flight 
refueling. 


EXAMPLE  NO.  2  DATA  REDUCTION  HEAVILY  DAMPED  RESPONSE 


'J 


5.  From  the  oscillograph  trace, 
form  the  ratio,  nz/a.  This 
is  determined  from  the  peak 
angle  of  attack  which  pro¬ 
duced  the  peak  "g."  See 
where  wn  versus  nz/a  is 
located  in  figure  1,  MIL- 
F-8785 . 

6.  In  the  test  results  include 
a  short  discussion  on  the 
effect  of  the  short  period 
characteristics  have  on  the 
handling  qualities  of  the 
aircraft . 


FIGURE  9.12 
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Stability  of  the  oscillations 
is  represented  by  the  damping  ratio; 
however,  the  frequency  of  an  oscil¬ 
lation  is  also  important  in  order 
to  correlate  the  motion  data  with 
the  pilot's  opinion  of  handling 
qualities . 


Military  Specification  Ra- 
quirements : 


Section  3.3  of  MIL-F-8785 
specifies  in  figure  2  the  require¬ 
ments  for  lateral  directional  hand¬ 
ling  qualities.  It  also  states  the 
residual  oscillation  that  may  be 
allowed  for  Category  A  Flight  Phases. 


Example  Test  Methods; 


Release  from  Steady  Side¬ 
slip. 


Stabilize  the  airplane  in 
level  flight  at  test  flight  condi¬ 
tions  and  trim  forces  to  zero. 
Establish  a  steady  straight-path 
sideslip  angle.  Rapidly  neutralize 
controls.  Either  hold  controls 
for  control-fixed  or  release  con¬ 
trols  for  control  free  response. 
Start  with  small  sideslip  in  case 
the  aircraft  diverges. 


Rudder  Pulse  (Doublet) . 


Stabilize  the  airplane  in 


level  flight  at  test  flight  condi¬ 
tions  and  trim.  Rapidly  depress 
the  rudder  in  each  direction  and 
neutralize.  Hold  at  neutral  for 
control-fixed  or  release  rudder  for 
control  free  response.  For  aircraft 
which  require  excessive  rudder 
force  in  some  flight  conditions, 
the  rudder  pulse  may  be  applied 
through  the  augmented  directional 
flight  control  system. 

Aileron  Pulse. 


Stabilize  the  airplane  in 
level  flight  at  test  flight  condi¬ 
tions  and  trim.  Hold  aircraft  in 
a  steady  turn  of  10  to  30  degrees 
of  bank.  Roll  level  at  a  maximum 
rate  reducing  the  roll  rate  to 
zero  at  level  flight.  CAUTION  . 

.  .  Such  a  test  procedure  must  be 
monitored  by  an  engineer  who  is 
thoroughly  familiar  with  the  iner¬ 
tial  coupling  of  that  aircraft  and 
its  effect  upon  structural  loads 
and  non-linear  stability. 


Data  Required. 


For  trim  condition,  pressure 
altitude,  airspeed,  weight,  eg 
position,  and  aircraft  configura¬ 
tion  should  be  recorded.  The  test 
variables  of  concern  are:  bank 
angle,  sideslip  angle,  yaw  rate, 
bank  rate,  control  positions,  and 
control  surface  positions. 


Reduction  and  Presentation 
of  Data. 

Flight  test  data  will  be 
obtained  as  time  histories.  When 
determining  the  damping  ratio  the 
roil  rate  parameter  usually  pre¬ 
sents  the  best  trace. 

Nonlinearities  in  the  air¬ 
craft  response  may  hinder  the  ex¬ 
traction  of  the  necessary  parameters. 
These  can  be  induced  by  large  input 
conditions.  Small  inputs  balanced 
with  instrument  sensitivity  give 
the  best  result. 
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moderately  damped  high  fre¬ 
quency  oscillation  may  be  less  satis¬ 
factory  than  a  lightly  damped  low 
frequency  oscillation.  If  the  fre¬ 
quency  is  higher  than  pilot  reaction 
time,  the  pilot  cannot  control  the 
oscillation,  and  in  some  cases  may 
reinforce  the  oscillation  to  an  un¬ 
desirable  amplitude.  Since  it  is 
the  damping  frequency  combination 
which  influences  pilot  opinion  more 
than  damping  alone,  some  effort 
should  be  made  to  correlate  this 
combination  with  pilot  opinion  of 
the  lateral-directional  oscillation. 

At  supersonic  speeds,  sta¬ 
bility  decreases  with  increased 
Mach  number  and  altitude  for  con¬ 
stant  g.  An  evaluation  should  pro¬ 
ceed  cautiously  to  avoid  posible 
divergent  responses  that  can  result 
from  nonlinear  aerodynamics. 


Control-Free  Dutch  Roll. 

Stabilize  the  aircraft  on 
test  altitude  and  airspeed.  The 
yaw  damper  and  rudder  power  should 
be  on.  Select  oscillograph  speed 
3  and  start  recording.  Smoothly 
establish  a  steady  straight  side¬ 
slip  using  rudder  and  aileron.  Re¬ 
lease  the  controls.  Start  counting 
and  timing  oscillations  when  the 
aircraft  nose  reaches  its  extreme 
position  from  where  it  was  released. 
Stop  recording  when  the  oscillation 
stops  or  after  5  to  8  cycles.  Use 
caution  and  avoid  any  excessive 
sideslip  angles. 


Restabilize  the  aircraft  with 
the  yaw  damper  off.  Select  speed 
3  on  the  oscillograph  and  start 
recording.  Establish  a  steady 
straight  sideslip  and  release  con¬ 
trols.  Start  counting  and  timing 
cycles  when  the  nose  reaches  its 
extreme  position  from  the  point  of 
release.  Stop. recording  after  5 
to  8  cycles.  Repeat  the  test  with 
the  rudder  power  off.  Use  caution 
in  this  configuration  and  avoid 
any  excessive  sideslip  angles. 


Data  Reduction. 

1.  Sketch  5  cycles  of  the  Dutch 
roll  in  each  configuration, 
(damper  and  rudder  power  on, 
damper  off,  dampers  and  rud¬ 
der  power  off ) .  Label  side¬ 
slip,  bank  angle  and  rudder 
deflection . 


FIGURE  9.13 


2.  Determine  the  frequency  of 

the  oscillation.  Plot  cycles 
versus  time  on  a  working  plot. 


FIGURE  9.14 


3.  Determine  the  Dutch  roll  damp¬ 
ing  ratio  (c)  and  natural 
frequency  (wn)  in  the  same 
manner  as  the  phugoid  mode. 


FREQUENCY 


•  9.m  SPIRAL  MODS 


4.  Plot  Dutch  roll  damping  ratio 
and  natural  frequency  versus 
Mach  number  for  each  configura¬ 
tion  (damper  on,  damper  off, 
rudder  power  off) . 


FIGURE  9.15 


MACH 


5.  Compare  the  “n  and  c  so  ob¬ 
tained  with  figure  2  of  MIL- 
F-8785  and  determine  compliance. 


The  spiral  mode  is,  in  general, 
relatively  unimportant  as  a  flying 
quality.  However,  a  combination  of 
spiral  instability  and  lack  of  pre¬ 
cise  lateral  trimmability  may  be 
bothersome  to  the  pilot.  This  prob¬ 
lem  will  be  evaluated  as  a  whole 
due  tc  the  difficulty  in  separating 
the  effects. 

The  divergent  motion  is  non- 
oscillatory,  and  is  most  noticeable 
in  the  bank  and  yaw  responses.  If 
an  airplane  is  spirally  divergent, 
it  will,  when  disturbed  and  not 
checked,  go  into  a  tightening 
spiral  dive.  This  divergence  can 
be  easily  controlled  by  the  pilot 
if  the  divergence  is  not  too  great. 


Military  Specification  Re¬ 
quirements: 


Spiral  Stability  is  specified 
in  MIL-F-8785  in  table  V.  This 
table  established  limiting  terms 
to  double  amplitude  when  the  air¬ 
craft  is  put  into  a  20-degree  bank 
and  the  controls  freed. 


Example  Test  Methods: 


Trim  the  aircraft  for  hands- 
off  flight,  insuring  that  particular 
attention  is  given  to  lateral  con¬ 
trol  and  the  ball  being  centered. 
Roll  into  a  20-degree  bank  in  one 
direction,  release  the  controls  and 
measure  the  time  it  takes  to  reach 
40  degrees  of  bank  if  the  bank  angle 
tends  to  diverge.  Repeat  the  maneu¬ 
ver  in  a  bank  to  the  opposite  side. 


Data  Required: 


Aircraft  configuration, 
weight,  eg  position,  altitude 
and  airspeed  should  be  recorded. 
The  test  variables  are  bank  angle, 
sideslip  angle,  control  position, 
and  control  surface  position. 


Excitation  of  the  spiral 
mode  only  is  difficult  because  of 
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its  relatively  large  time  constant. 
Any  practical  input  using  control 
surfaces  would  usually  excite  other 
modes  as  well.  If  a  deficiency  in 
lateral  trim  control  exists,  it  is 
often  difficult  to  determine  what 
portion  of  the  resultant  motion 
following  a  disturbance  is  caused 
by  the  spiral  mode.  This  flight  test 
is  used  to  determine  if  a  combined 
problem  of  lateral  trim  and  spiral 
stability  exists.  If  test  results 
show  a  definite  divergence  in  hands- 
off  flight,  the  problem  exists. 


FIGURE  9.17 


3.  Briefly  discuss  the  spiral 
mode  characteristics  with 
respect  to  an  intended  mission. 


Spiral  divergence,  on  its  own, 
is  of  little  importance  as  a  flying 
quality,  which  is  well  within  the 
control  capability  of  the  pilot. 

The  ability  to  hold  lateral  trim 
in  hands-off  flight  for  10  to  20 
seconds  is  important. 


•  9.7  DEMONSTRATION  MISSION 

The  purpose  of  this  mission 
is  to  demonstrate  and  practice  the 
techniques  used  to  investigate  an 
aircraft’s  dynamic  modes  of  motion. 
The  aircraft  used  will  be  a  B-57E. 


Spiral  Mode: 

Stabilize  the  aircraft  at 
test  altitude  and  airspeed.  Select 
oscillograph  speed  2  and  start  re¬ 
cording.  Establish  a  20-degree  bank 
and  release  controls.  Time  the 
motion  to  a  40 -degree  bank  angle  or 
40  seconds  elapse,  whichever  is 
shorter.  Stop  recording.  Estab¬ 
lish  an  opposite  40-degree  bank  and 
repeat.  Repeat  this  procedure 
with  the  yaw  damper  off  and  then 
with  the  rudder  power  off. 


Data  Reduction; 

1.  Sketch  a  time  history  of 
the  bank  angle. 


2.  Average  the  time  to  double 
amplitude  for  right  and  left 
banks  at  each  test  condition. 
Compare  with  table  V  of  MIL- 
F-8785. 


Procedures : 

1.  Takeoff  and  climb  to  20,000 
feet.  Practice  rudder  and 
stick  inputs. 

2.  Obtain  a  trim  point  at  300 
KIAS ,  20,000  feet,  in  the 
CR  configuration. 

3.  The  IP  will  demonstrate  the 
control  inputs  used  to  excite 
the  short  period  mode.  Vary 
frequency  of  input  from  struc 
tural  frequency  to  less  than 
the  natural  frequency.  In¬ 
puts  demonstrated  will  be 
singlets  and  doublets,  stick- 
fixed  and  stick-free. 

4.  Practice  inputs  and  observe 
aircraft  motion.  (Maintain 
300  +10  knots  and  20,000 
feet  +2,000  feet.) 

5.  The  IP  will  demonstrate  the 
methods  of  exciting  the  Dutch 
roll  mode. 
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Practice  inputs  and  observe 
aircraft  motion.  Estimate 
j?/6  ratio,  period  of  oscilla¬ 
tion  and  number  of  over¬ 
shoots  . 


Investigate  spiral  mode  from 
a  20-degree  bank  anqle.  Note 
the  effect  that  the  out  of 
trim  condition  has  on  results, 


Obtain  a  trim  point  at  200 
KIAS,  35,000  feet,  in  the  CR 
configuration . 

NOTE:  Maintain  airspeed  and 

altitude  within  +3  knots  and 
+500  feet  from  trim  points 
for  remainder  of  mission. 


Excite  and  observe  the  short 
period  mode. 


10.  Investigate  the  Dutch  roll 
motion  with  dampers  off  and 
with  the  rudder  power  on  and 
off.  Note  0/t>  ratio,  over¬ 
shoots,  and  period.  Use 
Caution  -  may  be  divergent. 

11.  Obtain  a  trim  point  at 

M  =  0.79  at  33,000  feet,  in 
the  CR  configuration. 

12.  Excite  the  phugoid  mode  with 
a  3-  to  4-knot  A  airspeed. 
Note  the  period  and  damping 
present . 

13.  Repeat  No.  12  using  a  10-*to 
12 -knot  A  airspeed.  Note  the 
divergence  due  to  Mu. 

14.  Investigate  the  short  period 
mode . 

15.  Investigate  the  Dutch  roll 
mode . 


Land  on  the  spot. 


9.18 
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QUALITATIVE  FLIGHT  TESTING 


0.1  PURPO 


The  purpose  of  the  qualita¬ 
tive  flight  test  is  to  determine 
the  maximum  amount  of  information 
in  the  minimum  amount  of  flying 
time  in  order  to  evaluate  an  air¬ 
craft  with  respect  to  its  entire 
mission  or  some  specific  area  of 
interest. 


Qualitative  flight  testing 
has  essentially  the  same  purpose 
as  quantitative  flight  testing, 
i.e.,  to  determine  how  well  the 
aircraft  flies  and  how  well  it  will 
perform  its  design  mission.  To 
accurately  evaluate  an  aircraft 
from  quantitative  data  requires 
analysis  of  large  amounts  of  pre¬ 
cisely  measured  data.  The  best  a 
pilot  can  hope  to  do  on  a  quali¬ 
tative  evaluation  is  to  measure  a 
limited  amount  of  quantitative  data. 
Thus,  the  test  pilot's  opinion  on 
the  acceptability  of  the  aircraft 
is  the  important  result  and  measured 
quantitative  data  when  available  is 
used  primarily  to  support  this 
opinion.  Quantitative  values  of 
stick  forces  measured  with  a  hand 
gage,  for  example,  should  be  in¬ 
cluded  in  the  report  to  support  the 
pilot's  opinion  of  acceptability. 
Estimations  of  values  of  stick  force 
can  be  made  if  no  reliable  measure¬ 
ments  are  available  or,  qualifying 
terms  such  as  "heavy",  "medium", 
or  "light"  can  be  used  to  describe 
the  forces.  The  point  is  that  the 
difference  in  evaluating  an  air¬ 
craft  qualitatively  and  quantita¬ 
tively  is  a  matter  of  degree.  "Use 
what  you've  got."  Pilot  opinion 
supported  by  measured  data  is  pri¬ 
mary  in  qualitative  testing  while 
the  reverse  is  true  in  quantitative 
testing.  The  general  rule  is  to 
first  decide  how  well  the  aircraft 
does  its  job  and  then  use  the  quan¬ 
titative  data  you  can  get  to  sup¬ 
port  your  opinion. 


•  10.8  PILOT  OPINION 


Naturally,  all  pilots  will 
not  have  exactly  the  same  opinion 
regarding  the  acceptability  or  un¬ 
acceptability  of  a  particular  air¬ 
craft  .characteristic.  No  two  people 
think  exactly  alike.  However,  the 
opinions  of  pilots  with  similar 
experience  and  background  will 
usually  not  differ  greatly,  par¬ 
ticularly  with  respect  to  the  capa¬ 
bility  of  an  aircraft  to  perform  a 
specific  mission.  In  other  respects, 
such  as  cockpit  arrangements,  the 
opinions  may  vary  more  markedly. 

For  this  reason,  it  is  important 
for  the  qualitative  test  pilot  to 
be  as  objective  as  possible  in  his 
evaluation.  Guides  which  specify 
military  requirements,  such  as  MIL 
SPEC  2 03E  and  MIL-F-8785  (ASG)  , 
should  be  used  wherever  possible  to 
establish  acceptability.  However, 
it  should  be  kept  in  mind  that  mere 
compliance  with  a  set  of  require¬ 
ments  does  not  necessarily  yield  a 
satisfactc  :y  aircraft.  The  primary 
question  is  "will  it  do  the  job?", 
not  "does  it  meet  the  specifica¬ 
tions.  " 

•  10.3  MISSION  PREPARATION 

A  very  limited  amount  of 
flight  time  is  normally  available 
for  a  qualitative  evaluation.  To 
acquire  the  information  necessary 
to  write  an  accurate  and  compre¬ 
hensive  report  on  an  aircraft  in 
this  limited  time  requires  a  great 
deal  of  pre-flight  study  and  planning. 

The  pre-flight  preparation 
for  a  qualitative  test  is  extremely 
important.  It  is  almost  impossible 
to  put  in  too  much  time  in  planning 
for  the  flights.  The  amount  of  in¬ 
formation  acquired  in  the  air  will 
be  directly  proportional  to  the 
amount  of  preparation  put  in  on  the 
ground.  A  pilot  who  doesn't  know 
what  he  is  looking  for  is  not  likely 
to  find  it,  and  to  know  exactly  what 
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•  10.4  PLIOHT  DATA  CARDS 


to  look  for  in  the  evaluation 
requires  considerable  knowledge 
of  the  aircraft  and  its  mission. 


The  precise  mission  of  the 
aircraft  is  important  in  deter¬ 
mining  what  specific  investigations 
should  be  made  in  the  evaluation. 

All  fighters,  for  instance,  do  not 
have  the  same  mission,  and  the 
characteristics  of  particular  im¬ 
portance  may  not  be  the  same .  The 
roll  characteristics  of  an  air 
superiority  fighter  would  be  more 
important  than  for  a  long  range 
strategic  fighter,  and  the  specific 
test  plan  should  take  this  fact 
into  account.  Expected  outstanding 
characteristics  or  weaknesses  should 
also  receive  particular  emphasis. 

Of  course,  the  evaluation  must  be 
conducted  within  the  cleared  flight 
envelope  of  the  aircraft,  and  the 
amount  of  flight  time  available  may 
limit  the  number  of  altitudes,  air¬ 
speeds  and  tests  that  can  be  inves¬ 
tigated.  However,  concentration  on 
the  extremes  of  altitudes,  air¬ 
speeds,  etc.,  and  the  areas  dictated 
by  the  primary  mission  will  provide 
the  best  approach  to  the  test 
planning. 


An  outline  of  the  test  to  be 
conducted  and  the  various  altitudes, 
airspeeds,  and  configurations  to  be 
used  will  aid  in  organizing  the 
flights  and  planning  the  flight 
data  cards.  The  points  included 
in  the  outline  should  be  compatible 
with  the  time  available  for  the  eval 
uation  but  it  is  always  wise  to 
overplan  the  flight  and  include  more 
than  seems  possible  to  accomplish 
in  the  allotted  time.  Leave  your¬ 
self  the  option  of  skipping  the 
less  important  parts  of  your  plan 
if  time  or  fuel  run  short.  The 
sequence  of  tests  should  be  such 
that  as  little  time  as  possible  is 
wasted.  With  proper  planning  a 
continuous  flow  from  one  investiga¬ 
tion  to  the  next  is  possible. 
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Before  planning  the  flight 
data  cards,  as  much  as  possible 
should  be  learned  about  the  air¬ 
craft.  Study  the  pilot's  handbook 
if  one  is  available,  discuss  the 
aircraft  with  the  engineers,  or 
with  other  pilots  who  have  flown 
it,  and  get  adequate  cockpit  time. 

The  more  the  pilot  knows  about  the 
aircraft  and  the  more  comfortable 
he  is  in  it,  the  more  thorough  will 
be  the  evaluation.  A  pilot  who 
doesn't  know  the  aircraft  procedures, 
both  normal  and  emergency  or  who  has 
to  spend  most  of  his  time  in  the  lir 
looking  for  controls  or  switches 
will  not  be  able  to  do  much  eval¬ 
uating. 

The  flight  data  cards  should 
be  self  explanatory  and  should  in¬ 
clude  all  the  points  it  is  desirable 
to  investigate  during  the  flight. 

They  should  be  designed  so  that  a 
minimum  of  writing  is  required  in 
the  air  because  time  will  not  be 
available  to  write  down  more  than 
a  word  or  two  about  each  point. 
Remember,  however,  to  provide 
places  in  the  flight  plan  to  write 
down  these  necessary  comments. 
Numerous  forms  for  the  data  cards 
are  possible  but  completeness  and 
legibility  are  essential. 

The  following  are  some  possi¬ 
ble  formats  for  planning  che  k 
lists  and  flight  data  cards: 


. ■■■■■■  ..mumMiaatt 
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Location 
Data  ~ 


Aircraft 
Runway  Length 
Waather 


AIRCRAFT  QUALITATIVE  EVALUATION  CHECK  LIST 


Teat  Craw:  Pilot _ 

Co-Pilot _ 

Plight  Mechanic _ 

Observers 


Runway  Temperature ' 

Press.  Altitude _ 

Surface  Winds 
5M 


10M 
15M“ 
20  M" 
25M~ 


Cllmb  Wind _ 

F reeling  Level 


Weight  and  Balance 
MAC _ 

MAC 


Operating  Weight 
Fuel  Weight 
*L  Gross  Weight 


T.O.  Gross  Weight  ~ 
Eat.  Fuel  Used 
_%  Est.  Landing  W e i'gkt 


Performance 


T.  O.  Distance 

Refusal  Speed 

T.O.  Speed 

Minimum  Control  Speed 
Climb  Schedule:  4M 

Abort 

Landing  Di 
8M 

stance 

VFX~ 

row 

12M 

T4M 

IbM 

18M 

20M 

Z2M 

24M 

26M  ” 

28M 

30M 

Cruise 

(Max~kange)  HI 

~  VI 

Pwr 

Operating  Limitations 

Gear  Down 

Flaps:  10  % 

50  * 

.  100  7. 

Landing  Light 

Cargo  Doors 

Para-defl 

Dive  Speeds:  30&1 

25M 

20M  15M  IS 

I0M 

.  5M 

Load  Factor  Weigh! 

Engine:  Sync  RPM 

- Sllve  RPM 

Over  speed 

TIT:  T.O.  (MRP)  .Normal 

Other 

Alrstart  VI 

T  orque 

Max. 

Cont. 

Remarks: 

Systems  Operation: 

DC  Generators 

Eng.  AC  Generators 

Eng. 

Booster  Hyd 

Eng.  Utility  H yd 

Eng. 

Auxiliary  Equipment  Operation; 
Auto-pilot _ 
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II.  PRE-OPERATION  evaluation 


4.  Support  Equipment 

1.  Power  Unit 
Type 
Capacity 

2.  Other 

B.  Cargo  Compartment 

1.  Entrance 

2.  Egress 

3.  Systems  Accessibility 

4.  Other 

C.  Flight  Deck 

1.  Crew  Stations 

a.  Pilot 

Seat  Adjustment 
Clearance 
Vision 
Rudder 

Pedal  Adjustment 

Restrictions 

Other 

b.  Copilot 

c.  Flight  Mechanic 

d.  Navigator 

2.  Instrument  Panel 

a.  Flight  Instruments 
Grouping 
Readability 
Adequacy 

b.  Engine  Instruments 
Grouping 
Readability 
Adequac  y 

c.  Warning  Lights 
Placards 
Switches 
Controls 

3.  Pedestal 

a.  Engine  Controls 
System  Controls 
Swit  -he? 

Guari  s 

Placards 

Lights 

Feel  Identification 
Accessibility 
Confusion  Factor 
Arrangement 

b.  Remarks 


4.  Overhead  Panel 

a.  Engine  Controls 
System  Controls 
Switches 
Guards 
Lights 
Placards 
Acces  sibility 
Feel  Identification 
Confusion  Factor 
Arrangement 


b.  Remarks 

5.  Side  Panels 

a.  Switches 
CSs 
Lights 

b.  Remarks 

o.  Flight  Controls 

a.  Rudder 
Break-out  Force 
T  ravel 
Adjustment 
Clearance 

Slop 

F  riction 

b.  Elevator 
Break-out  Force 
T  ravel 

Slop 

F  riction 
Clearance 

c.  Control  Wheel 
Aileron  Break-out  Force 
T  ravel 

Slop 

F  riction 
Clearance 
Grip 
Switches 

7.  General  Comments 
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5.  Vibration 

a.  Noise 

b.  Air  vent  deflectors 

c.  Ventllatlon/heatlng 

6.  Control  Required  To  Maintain  Proper  Taxi  Speed 

7.  Remarks 

Pre-Take-Off  (line  up  at  even  1,  000  feet  and  check  W/V) 

1.  Flight  Control  Check  With  Boost  Operating 

a.  b/o  force 

b.  rate 

c.  deflection 

d.  slop 

e.  friction 

2.  Flaps  Set _  Trim  Set _ 

3.  Engine  Power  Check 

a.  Acceleration 

Idle _  to _ (MRP) _ Sec . 

Asymmetric  ~ _ 

Ove  r  sh  oot _ 

b.  Stabilized  conditions:  OAT 


"/.RPM  Torque 


Throttle  Pos 


4.  Brakes  Hold  At  MIL  PWR 

5,  Fuel  reading _ lbs.  W/V 

Take-Off.  (Use  flight  data  on  knee  board) 

1.  Start  Time  Form  BRAKE  RELEASE  TO  START  CLIMB 

2.  Brake  Release  Action 

3.  Directional  Control,  Rudder  Effective  kts. 

4.  Elevator  Effective  (nose  wheel  off)  kts. 

5.  Aileron  Control  ktiT 

6.  T.O.  Distance  ~~  ft.  .Lift-Off  Speed 

Time _ sec. 

7.  Control  Force  Pitch  Trim 

8.  Trim -Out  -  Raise  Gear 

Time  sec. 


10.  Acceleration  to  MINIMUM  CONTROL  SPEED 

1 1.  Acceleration  to  Climb  Speed  (1,  000  ft) 

12.  Vlslb'ilty  and  Pitch  Angle _ 

13.  Remarks: 
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F.  Climb  (M  N 


90  to  W/V). 


1.  Visibility _ 

Pitch  Angle 

2.  Record:  FUEL  at  START  CLIMB 


TIME  Hi 


Vi 


R/C 


Ti 


V.RPM  TORQUE  TPT 


Wf 


_  4M_ 

_  6M_ 
8M_ 
_10M_ 
12M 
_14M_ 
16M_ 
I8M_ 
_20M_ 
_22M_ 
24M_ 
_26M_ 
_28M_ 
30M 


32M 


FUEL  at  LEVEL-OFF _ 

3.  Check  Cabin  Pressurization: 

10M 

1 5M 
20M 

25M _ 

30M  _ Note  any  fluctuations  or  surges. 

4.  Cabin  Heat  Adequacy 


a. 

Nesi  glass 

5. 

Remarks 

Cruise 

1. 

Vmax 

a. 

Hi 

b. 

Vi 

c. 

OAT 

d. 

Fit.  Controls 

e. 

RPM 

f. 

T  orque 

8- 

TIT 

h. 

Wf 

1. 

FUEL - 

m 


%  X 


$ 

% 


£ 
* " 

fe- 


2.  Dynamics  (Hi  Vi  )  Note  Control  Position 

a.  Phugold 

i.  Trim _ Viln _ V  max _ Vmln _ 


2.  Sec/cyc _ • _ Damping 


Porpoise  Mode,  input 

cycls 

ampl. 

Spiral  stability 

1.  RT  0  10* 

°l 

sec. 

2.  LFT"  " - 

i 

sec. 

3.  Remarks: 

Dutch  Roll 

i.  RT  sideslip  s/c 

Roll 

Yaw 

Damping 

(A) 

(2) 

(3) 

2.  LFT  sideslip  s/c 

Roll 

Yaw 

Damping 

(1) 

(2) 

(3) 

3.  (i)  Norm  (2)  Damper  Off  (3)  Rudder  Power  Off. 


e.  Short  Period 

1.  Fixed  (i.Og)  Damping 

2.  Fixed  (-1.  Og)  " 

3.  Free  (1.  Og)  " 

4.  Free  (-i.Og)  "  ' 

5.  Remarks:  ' 

3.  Maximum  Range  Data 

a.  Hi _ Vi _ OAT _ FUEL _ 

b.  RPM _ Torque _ TPT _ Wf _ 

c.  Remarks: 

4.  Systems  Check:  Hi _ Vi _ 

a.  Engine  shut-down.  No. 

1.  Time  to  feather  ~  Control  force _ 

2.  Procedure,  etc: 

b.  Engine  restart 

1 .  Time  to  Normal  power _ Surge _ Trim _ 

2.  Procedure,  etc: 

c.  Antl-lclng/de -icing  system 

1.  Full  operation  effect  on  engines 

2.  Nesi  glass  “ 

Other 

3.  Remarks: 

d.  GTU/ATM  operation _ 

e.  Presaurlzatlon/heatlng 

f.  Other: 

5.  Emergency  Descent,  Hi _ VI _ (initial) 

a.  Time  from  cruise  to  start  descent 

b.  Procedure:  GandF _ Clean  '  Pressurization 

c.  Time  from  CR  to  Hi  at  Vi 

d.  Visibility  Pitch  Control _ 

e.  Remarks: 


r 

i* 


1.30 


u.i 


6.  Static  Longitudinal  Stability  and  Performance  Hi 
a.  Acceleration  check  Trim  at  Max  Range  Yi 


1. 

Decel  to  Vi 

Control  force  *(Trim  setting) 

2. 

Speed/Pwr  Vi 

Rpm  Tq  TIT 

OAT 

Speed/Pwr  Vi 

Rpm  Tq  TIT 

3. 

Acceleration, 

(RESET  TRIM),  Time/ 10  kts  (MRP)  Initial  Vi 

10 

20 

30 

40 

50 

60 

70 

8(1  ~ 

V/S  ft/min.  Control  forces/gradient 

4.  Remarks:  FUEL 

b.  Trim  Changes:  Hi  Vi 

1.  Control  boost  oTF  on 

2.  Runaway  Trim:  ELev  ~  All  Rud 

5  sec  delay  (build-up) 

c.  Turning  Performance  and  Aileron  Rolls.  Cruise.  (Build-up). 
FULL  DEFLECT 

1.  60*  0,  Time  360“  Vmax  Hi 

2.  45*  Lft  -  45°Rt  (FIX)  Time  for'W1’ 

3.  45“  Rt  -  45“  Lft  (FIX)  Time  for  91* 

4.  60“  0,  Time  360“  Vi  Hi 

5.  45“  Lft  -  45“Rt  (FIX)  TI  >e  fo TW 

6.  45“  Rt  -  45“  Lft  (FIX)  Time  for  90' 

7.  60“  0,  Time  360“  Vi  HI  "~ 

8.  45“  Lft  -  45“  Rt  (F(X)  Time  for  9TP 

9.  45“  Rt  -  45“  Lft  (FIX)  Time  for  90“ _ 

POWER  APPROACH 

10.  45°  Lft  -  45“  Rt  (FIX)  Time  for  90“ _ 


11.  45“  Rt  -  45“  Lft  (FIX)  Time  for  90° 

d. 

Spiral  Stability  PA  Hi 

Vi 

Pwr 

1.  Rt  0  10“ 

0/ 

sec. 

2). 

2.  Lft  10“ 

0/ 

sec. 

2). 

e. 

Phugoid  (Hi  Q.) 

f. 

Sideslips,  TRIM  (L)  Hi 

Vi 

1.  Rt  °,  Fr 

Fa  Fs 

dr 

da 

de 

2.  Lft  “,  Fr 

Fa  Fs 

dr 

da 

de 

TRIM  (CR)  Hi 

Vi 

3.  Rt  °,  Fr 

Fa  Fs 

dr 

da 

de 

4.  Lft  °,  Fr 

Fa  Fs 

dr 

da 

de 

5.  D.E.  with  rudder  (Pick  up  wing) 

6.  Remarks: 

FUEL_ 

Stalls,  Gross  Weight 

Hi  Trim 

a. 

CR  l.Og  TRIM  Vi 

Vw 

Vs 

Hi 

b. 

CR  2,  Og  TRIM  Vi 

Vw 

Vs 

— Hi 

c. 

Remarks: 

d. 

PA  l.Og  TRIM  Vi 

Vw 

Vs 

Hi 

e. 

PA  1. 5g  TRIM  Vi 

Vw 

Vs 

Hi 

in 
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Asymmetric  Power  -  Hi _ 

a.  Climb  configuration  [MRP,  Climb  VI,  Trimmed-out) 

NTC  Feather  No.  1  Lng.  Rudder  Free,  L  ■. 

Decel  to  1. 4  Vs  1  _  ‘  kts.  4  and  sideslip 

(Cond.  permitting  cneck  2  out  on  one  side) 

T.O.  Configuration  at  Vmax Gear  and  T.  O.  Flaps  (168  kts. ) 


b. 


Fail  1  and  2  and  decelerate  holding  0  =  ZERO. 

V imln _ .  Check  0  =  5*  and  SIDESLIP  = 

AT  Min  control  speed  fail  3  and  4,  Fr 
Fs 


ZERO. 

Fa 


d.  Remarks: 


TRIM  OUT  HANDS  OFF  AT  1 . 2  Vsl 


Vi 


Boost  OFF  Operation  Hi 

a.  Asymmetric  Control  1  and  2  idle,  3  and  4  MRP 

b.  Response _ Fr _ Fa _ Fs 

c.  Remarks”  ~~ 


Pwr 


10.  Descent 

a.  CR  Configuration  Vi 
1.  Visibility 


_  V/S_ 

Attitude 


2.  Engine  operation  at  Idle 

3.  Pressurization,  systems,  etc. 

4.  Remarks: 


12. 


b.  L  Configuration  V! 

v/s 

1.  Visibility 

Attitude 

2.  Engine  operation  at  idle 

3.  Remarks: 

Trim  Changes  Trim  at  Placard  Speed,  PLF 

a.  Flaps  to  50  7.  Vi 

Hi 

PLF/Trim 

b.  Gear  DOWN  VI 

P  1 

PLF /Trim 

c.  Flaps  to  100  7. VI 

HI 

PLF /Trim 

d.  Power  to  IDLE  Vi 

hi 

T  rim 

e.  Idle  to  HRP  Vl 

Att 

“’Trim 

f.  Gear  UP  Vt 

v/S 

T  rim 

g.  Flaps  UP  Vi 

v/S 

Trim 

Asymmetric  Power  Go-around 
a,  Out,  Pa  VI  Hi 

Pwr 

b.  F?  Fa  Pe 

Response 

and  Control 

c.  Remarks: 

13.  General  Comments  Prior  to  Completion  of  Flying. 


H.  Approach  and  Landing 
1.  Pre-landing  check. 

Alt  Setting 
W/V 

Runway  _ Best  Flare  Spee"H“ 

(Pilot  Pwr  and  Steer)  Touchdown  speed_ 


Operating  Weight 
_ Fuel  Weight 


Landing  GR  WT 


(Copilot  Ailerons)  VSl 

i.  T raffic  pattern: 

a.  Visibility 

b.  Power  response 

c.  Remarks; 


Control 


3. 


Landing: 
a.  Flare 
F  ioat 


b. 

c.  Touchdown 


Response 


Control 


Reverse _ _ 

d.  Directional  control  with  ailerons 

e.  Stopping  distance _ 


Characteristics  in  ground  effect  ~ 

_ Nose -wheel  off _ Grd  Idle 

Brakes  Steering _ 


4.  Remarks: 


Post-flight  and  Shut-down 

1.  Normal  procedures.  Ease  ar.d  time  to  accomplish 

2.  Coordination _ 

F  uel  _ 

Flight  T^Ime  _ 


3. 

4. 

5. 


Squawks 


J.  Re-evaluate  Cockpit  and  A/C  In  General 
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Fighter  type  aircraft  -  Two  hour  flight  -  Plan  more 
than  can  be  accomplished. 


EXTERNAL  INSPECTION 


Remarks: 


TOD  START 
TOD  FINISH 


COCKPIT  EVALUATION 

1.  Ease  of  Entry  ladder 

Steps 

2.  Location  of  Instruments  and  Controls 

3.  Adjustment  of  Seat  and  Controls 

4.  Comfort 

5.  Ease  of  Identification  of: 

Switches 

Controls 

Emergency  Devises 
Warning  Lights 

6.  Egress  -  ground  and  Airborne 

BEFORE  STARTING  CHECKS  TCD 

Remarks 

Complexity: 
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STARTING  ENGINES  Fuel _  TOD 

Complexity: 

Ground  Support: 

Equipm  ent _ 

Personnel 


BEFORE  TAXI  CHECKS  TOD _ 

Estimated  Break-out  Force 

Longitudinal  + _ §  -  _ ^ 

Lateral  + _ ^  ^ 

Directional  + _ ^  ^ 

Trim  rate  (Longitudinal)  Aft _ Sec 

Fore  Sec 


Flap  Extension _ sec  Retraction _ sec 


TAXIING  Fuel _  TOD _ 

RPM  req  to  move _ 

Visibility 

Steering  N.W.S. 

Brakes 

Visibility 

Power  required _ rpm,  fuel/flow _ pp'n 

Runway  temp _ *F.  P.A. _ ft. 
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TAKEOFF 


Fuel 


#  TOD 


Do  brakes  hold  in  MIL  PWR  Yes 
Symmetry  of  brake  release 
Directional  control 

Rudder  effective  speed _ knots 

Ease  of  rotoation 

Lift-off  speed  knots 

Estimated  T/O  distance _ feet 

Gear  up  time  sec  Flaps  up  time 


No 


sec 


Trim  changes  Landing  gear  +  - _ 

Flaps  +  - _ 

Are  placards  hard  to  exceed?  Yes 

Visibility  during  T  /O  and  Initial  Climb 
Adequacy  of  T/O  trim  setting: 

Speed  stability  during  acceleration: 

CLIMB  Fuel _ #  TOD_ 

Control  during  climb 
Longitudinal 
Directional 
Lateral 

Climb  Schedule 


J 

# 


No 


5000  ft. 

.  89IMN 

550 

10000  ft. 

.  89IMN 

510 

15000  ft. 

.  90IMN 

470 

20000  ft. 

.  905IMN 

430 

25000  ft. 

.  910IMN 

390 

30000  ft. 

.  915IMN 

360 

35000  ft. 

.92  IMN 

320 

^39000  ft. 

.  92  IMN 
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LEVEL  OFF 
EASE 


FUEL 


#  TOD 


Attitude  Change _ o 

**+*******+*****>(<>(<  "fr******  *****  ********  ******  ************* 

CRUISE  90  '/,  RPM  .  86IMN  (recommended  cruise) 


Start 

Fuel_ 

_ § 

TOD 

1 

linear 

Sideslip: 

Clp 

Hvy  Med 

Lt 

Yes 

No 

Clp 

Hvy  Med 

Lt 

Yes 

No 

Dutch  Roll 

Period 

sec 

Damping 

Hvy 

Med  Lt 

Cycles  to  Damp _ 

CRUISE  cont.  39,  000  ft.  .  86IMN 
PIO  Tendency  Yes  No 

Short  Feriod  Cycles  to  Damp _ 

Period _  sec 

Do  controls  have  dynamic  tendency? 

Y  es  No 


Aileron  Rolls: 

l90 

R  L 

Adv.  Yaw 

V2  deflection 

sec 

sec 

Full  deflect. 

sec 

sec 

swwwwswwwwwwwwwwwwwwwwwDAMPERS 

Linear  ? 


Sideslip:  G/p 

Hvy  Med 

Lt 

Yes  No 

Cnp 

Hvy  Med 

Lt 

Yes  No 

Dutch  Roll: 

Period 

sec 

Damping 

Hvy 

Med  Lt 

Cycle s  to  damp 

PIO  Te-  ' 

Yes 

No 

S'no.  -  '  ■  Cycles  to  damp _ 

Period  sec 
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Finish:  Fuel  # 

TOD _ 

Speed  brake  trim  change 

Hvy 

Med 

Extend 

Push 

Pull 

Retract 

Push 

Pull 

MANEUVERING  FLIGHT  .  90 IMN  39-35,  000  ft. 

Fuel _ § 

Initial  buffet _  g 

Heavy  buffet _ g  "max  g 

Stick  force  Hvy  Med  Lt 

Linear  Yes  No 

***************4*********************************************** 

ACCELERATION  TO  1.20  IMN  at  35,  000  ft.  (trim.  90  IMN) 

Start:  Fuel _ #  TOD _ 

NB  Light  L _ sec  R _ sec 

NB  Trim  Change _ £_  Pu&h  Pull 

Stick  force  gradient _ 

Transonic  trim  change _ 

Finish  fuel _ #  TOD _ 

*****444*****’M>****************************’M.’**4*4****4’M.4*’M.’M. 


CRUISE  1.  15  TMN 

35,000  ft. 

Start:  Fuel 

_ # 

TOD _ 

Linear  ? 

Sideslips:  C|p 

Hvy 

Med 

Lt 

Yes 

No 

c/f3 

Hvy 

Med 

Lt 

Yes 

No 

Dutch  Roll: 

Period 

sec 

Damping  Hvy  Med  Lt 

Cycles  to  Damp _ 

PIO  Tendency  Yes  No 
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10.14 


1 

^  J 


m 

! 

! 


! 


t 


i 


i 


i  ■ 


f 

>■ 


t 


f 

I 


CRUISE  cont  1.15  IMN  35,000  ft. 

Short  Period:  Cycles  to  Damp 


Period  sec 


Fin  ??? ** n ** 

Sideslip  Cip  Hvy 

Med 

Lt 

Yes 

No 

Cnp  Hvy 

Med 

Lt 

Yes 

No 

Dutch  Roll: 

Period 

sec 

Damping  Hvy 

Med 

Lt 

Cycles  to  Damp 

PIO  Tendency 

Yes 

No 

Short  Period: 

Cycles 

to  Damp 

Period 

sec 

xxvxsvvvwssvrswxvvsitSTrsv'sDAMPERS  ONw 

srauLTuuuuais 

Aileron  Rolls 

tgo 

Adverse  Yaw 

R  L 

Vi  deflection 

sec 

sec 

Full  deflect 

sec 

sec 

Finish  Fuel 

TOD 

nsnnsisnsTtnsmsfstfimsniinsnssntntnsssnnntssn 


SPEED  BRAKE  TRIM  CHANGE  1.15-1-1.10  IMN 
Hvy  Med  Lt 
Extend  Push  Pull 

Retract  Push  Pull 

MANEUVERING  FLIGHT  1.10  IMN  35-30,000  ft. 
Fuel _ § 

Initial  buffet  _ g  Heavy  buffet _ g 

nm  ax _ g 

Stick  force  Hvy  Med  Lt 

Linear?  Yes  No 
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DECELERATION  TO  210  knots  30,000  ft.  (Long  Stat) 

Stick  Force  gradient _ 

*************************************************************** 


CRUISE 

210  knots 

30, 

000  ft. 

Start:  Fuel 

# 

TOD 

Linear? 

Sideslips:  Cj?p 

Hvy  Med 

Lt 

Yes 

No 

Cnp 

Hvy  Med 

Lt 

Yes 

No 

Dutch  Rolls 

Period 

sec 

Damping 

Hvy 

Med  Lt 

Cycles  to  Damp 

PIO  Tendency 

Yes 

No 

Short  period: 

Cycles  to  Damp 

Period 

sec 

VBBBSSKSsvsTOSsnnsirirsirffsirirDAMPERS  OFF vvavavvvvvvvvvvwiivvTiTm 

Linear  ? 

Sideslips:  Cjp 

Hvy  Med 

Lt 

Yes 

No 

Cnp 

Hvy  Med 

Lt 

Yes 

No 

CRUISE 

210  knots  at  30, 

000  ft. 

Dutch  Roll: 

Period 

sec 

Damping 

Hvy 

Med  Lt 

Cycles  to  Damp 

PIO  Tendency 

Yes 

No 

Short  Periods: 

Cycles  to  Damp 

Period 

Finish:  Fuel 

# 

TOD 
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**************************  dampers  on************************ 

AILERON  ROLLS  t90  Adverse  Yaw 

V2  Deflection  R _ sec  L _ sec _ 

Full  deflect  R _ sec  L _ sec _ 

*************************************************************** 

MANEUVERING  FLIGHT  at  210  knots 
Fuel _ # 

Initial  Buffet _ g  Heavy  Buffet _ g 

"max"  g 

Stick  force  gradient:  Hvy  Med  Lt 

************************************************************** 


STALLS  Cruise  Configuration  25,000  ft. 
Fuel  _ # 


Cr 

Vw 

knots 

Vs 

knots 

GLIDE 

vw 

kflots 

Vs 

knots 

Rem  arks 

POWER  APPROACH  CONFIGURATION 

Gear  extension _ sec 

Flap  extension _ sec 

Asymmetric  power  at  155  knots 

MIL  RWR  Rudder  Force  Hvy  Med  Lt 

MAX  TWR  Rudder  Force  Hvy  Med  Lt 

Trlmabllity  MIL _ MAX 

STALLS:  Fuel _ _ _ 

Vw _ knots  V8 _ knots 

Remarks: 


no 


iu? 


M 


Trim  at  160  knots 


Linear  ? 

Sideslip:  cfp  Hvy  Med  Lt  Yes  No 

Clp  Hvy  Med  Lt  Yes  No 

Dutch  Roll  Period  sec 


Damping  Hvy 

Cycles  to  Damp 

Med 

Lt 

PIO  Tendency 

Yes 

No 

Short  Period 

Cycles  to  Damp 

Period 

sec 

ww  »  w  v«  mt  viii  i 

Dutch  Roll 

Period 

sec 

Damping  Damping 

Hvy  Med  Lt 

Cycles  to  Damp 

PIO  Tendency?  Yes 

No 

Short  Period: 

Cycles  to  Damp 

Period 

sec 

wr»*«««»«««*w*»*»*wwwwwwwDAMPERS  ONwww»wn»wiMHMPriHHHM 

AILERON  ROLLS  I90  Adverse  Yaw 

V2  Deflection  R _  sec  L _ sec _ 

Full  Deflect  R _ sec  L _ sec _ 

**************************************************************** 

ACROBATICS 

Loop 

Immelman 
Barrel  Roll 
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INSTRUMENTS 

Holding  sit  2C,  000  Ft.  250  knots 

Penetration  S/B  270  knots 

Initial  Clean  220  knots 


90-92% 
90  % 

94  % 


Low  Cone  gear,  86%,  flaps,  155  knots 
LANDING 

Normal  traffic  pattern  60  %  flaps 

Single  engine  go-around  closed  pattern 
Full  stop  Full  flaps 

Touchdown  speed _ knots'  marker 

**********************  ***************************************** 

TAXIING  Fuel _ #  TOD _ 

Engine  acceleration  Idle  to  mil _ sec 

Turning  radius _ feet 

Re-evaluate  cockpits 
ENGINE  SHUTDOWN 

Check  servicing  for  turn-around 

Time _ 

Oil _ qts 

Hydraulic  fluid _ qts 

LOX  liters 


This  data  card  Is  also  for  a  fighter  type  aircraft  -  a  one 
hour  mission  to  evaluate  the  aircraft  for  a  pilot  training 
mission. 

TOD _ beside  A/C 

START  Procedure 

F  Flow _ RPM _ F  Flow _ 

Before  Taxi  Check 

TOD _ 

TAXI 

Power  to  roll _ Brakes  S  NS 

Nosewheel  steering  Turn  Rad. 

NWS  Off  Brake  turn _ 

Canopy  Operation 
Visibility 

TOD _ 

LINE  UP 

Brakes  Mil  Pwr _ 

Pump  one  brake 

Engine  Acc  Time _ 

RPM _ EOT _ FF _ 

Throttle  friction  S  NS 

FUEL  L _  R _ 

TOD 
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TAKEOFF 

Brake  release 
A/B  light 

NWS  rel  at  Rudder  Eff  A/S _ 

CONTROL  FORCES  L  M  H _ 

NW  LIFT  OFF _ 

T.O.  ROLL _ -t  A/S _ 

GEAR  UP _ sec.  ^LAPS  UP _ 

Trim  Changes _ 

Noises 

Press.  Sys 

Accelereleration  Rotation 

CLIMB 

Schedule  .  9  to  35M 

Control 

Trim 

Visibility 

Dampors 

35M  Time  Fuel  L _ 

Level  Off 


Throttle  Mil 


SUPERSONIC 

A/B  Light  ttme_ _ . 

TRIM  CHANGES 
STABILITY 

DAMPERS  PULSE  CYCLE 
ON  Elev 

Rud 

OFF  Elev 

Rud 


45'  Roll 

ONE  ENGINE  IDLE 
Wind  Up  Turn  to  g  Max. 

A/S _  rg". 

Stick  force  gradient 
Buffet 

FUEL  L _  R _ 


TIME 


TURNING  PERFORMANCE 


Zoom  to  Slow  A/C 


PWR  STALL 
230  Kts.  Flight 

STABILITY 
DAMPERS 
ON 

OFF 

Sideslip 


300  Kts 

WARN _ 

Roll 

PULSE 
Elev 
Rud 
Elev 
Rud 
6'  Apx. 


sec 

STALL 


CYCLE  TIME 


CUT  ONE  ENGINE 

EMERGENCY  GEAR  EXTENSION 
AIRSTART 

170  knots  Flaps  Down 

Aileron  Power 
Cycle  gear  Flaps  up 

FUFL  L  R 


sec 


TRIM 


TOD 


DIVE  450  Kts 


12M 


CLOVERLEAF 
BARREL  ROLL 
IMMELMAN 

Level  at  20  M  inbound  to  VOR 

200  Kts  F  FLOW _ 

250  Kts  F  FLOW _ 

300  Kts  F  FLOW 


HIGH  CONE 
240  Kts. 
1  g  stall 
200  Kts. 


Gear  Flaps 


Dive  Brakes 


STABILITY  Check 

STALL  RIGHT  TURN  190  Kts 

Clean  up  A/C  275  Kts.  turn  to  ILS 

350  Kts.  Speed  Brakes 

ISL  Gear,  Flaps,  D/C  170  Kts 


TOD 


Decelerate 


SINGLE  ENGINE  GO-AROUND 

SINGLE  ENGINE  TOUCH  AND  GO 

RE-ENTER 

PITCH  OUT  NO  FLAP  LANDING 

TRIM  CHANGES 


TAXI 

AFTER  LANDING  CHECK 


SHUTDOWN 


•  10.0  GENERAL  TICHNIQUIS 


The  cockpit  evaluation  can 
normally  be  made  while  getting 
cockpit  time  prior  to  the  first 
flight.  MIL  SPEC  203E  specifies 
the  standard  cockpit  arrangement 
for  the  various  types  of  aircraft 
in  considerable  detail  and  should 
be  used  as  a  guide  in  making  the 
cockpit  evaluation.  However,  a  sum¬ 
mary  of  some  of  the  points  to  note 
may  prove  helpful.  These  include: 
ease  of  entry,  comfort,  adjustment 
of  seat  and  controls,  location  of 
basic  flight  instruments,'  size  and 
legibility  of  instruments,  accessi¬ 
bility  of  switches  and  controls, 
ease  of  identification  of  switches 
and  controls,  location  and  identifi¬ 
cation  of  emergency  switches  and 
controls,  methods  of  escape  (both 
on  the  ground  and  airborne) ,  and 
general  impression  of  cockpit  layout. 

Several  points  should  be 
observed  and  recorded  during  the 
start  and  while  preparing  the  air¬ 
craft  for  flight.  These  should 
be  weighed  against  the  aircraft's 
mission  requirements.  An  all- 
weather  interceptor,  for  example, 
should  be  capable  of  fast,  uncom¬ 
plicated  starts  to  meet  its  alert 
and  scramble  requirements.  Starts 
for  other  types  may  not  be  so 
critical;  however,  no  starting 
procedure  should  be  unnecessarily 
complex  or  confusing.  Evaluation 
of  the  start  should  include:  com¬ 
plexity  of  start,  time  to  prepare 
for  start,  time  to  start,  external 
power  and  ground  support  equipment 
required,  ground  personnel  required, 
and  time  from  start  to  taxi.  The 
system  checks  and  normal  procedure 
requirements  from  start  to  taxi 
should  also  be  evaluated. 

An  evaluation  of  the  ground 
handling  characteristics  can  be 
made  while  taxiing.  How  much  power 
is  required  to  start  moving  and  to 
taxi  at  the  desired  speed?  Is 
braking  action  required  to  prevent 
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taxiing  too  fast?  Is  the  visibility 
adequate?  Is  the  directional  con¬ 
trol  satisfactory?  Is  the  braking 
action  satisfactory?  What  is  the 
turning  radius  of  the  aircraft? 

Does  the  aircraft  require  any  auxil¬ 
iary  equipment  such  as  removable 
wheels,  escape  ladders,  etc?  Is 
there  any  problem  with  clearing 
obstacles  with  any  part  of  the  air¬ 
craft? 

The  takeoff  distance  may  be 
difficult  to  determine  without 
assistance  from  outside  personnel, 
but  an  estimate  should  be  made 
using  whatever  aid  is  available  such 
as  runway  distance  markers.  Use 
the  recommended  takeoff  procedure, 
don't  try  to  make  a  maximum  perfor¬ 
mance  takeoff.  The  normal  ground 
roll  will  be  of  more  interest  than 
the  minimum  possible.  Some  of  the 
other  points  to  note  in  the  takeoff 
include:  ability  of  brakes  to 
hold  in  military  power,  directional 
control  during  ground  roll,  rudder 
effective  speed,  nose  lift-off  speed, 
visibility  after  nose  up  and  during 
initial  acceleration  and  climb, 
force  required  to  raise  nose,  any 
over-controlling  tendencies,  air¬ 
borne  speed,  adequacy  of  recom¬ 
mended  takeoff  trim  settings,  time 
to  retract  gear  and  flaps,  trim 
changes  with  retraction  of  gear 
and  flaps,  any  tendency  to  exceed 
gear  or  flap  speed  limitations, 
effectiveness  of  trimming  action 
during  acceleration,  and  any  dis¬ 
tracting  noises  or  vibrations. 

The  in-flight  techniques 
differ  very  little  from  the  tech¬ 
niques  used  in  flying  quantitative 
tests.  However,  it  generally  is 
not  necessary  to  be  as  precise  in 
holding  airspeeds  and  altitudes. 

To  do  so  would  only  waste  time  be¬ 
cause  differences  caused  by  varia¬ 
tions  of  a  few  hundred  feet  in 
altitude  or  a  few  knots  in  airspeed 
will  not  be  qualitatively  discernible 
so  far  as  qualitative  information 
is  concerned.  This  is  not  an  in¬ 
dorsement  for  being  lax  in  flying 
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the  aircraft.  Just  don't  waste 
time  with  preciseness  that  will 
not  contribute  to  the  evaluation 
of  the  aircraft.  If  speeds  are 
critical,  such  as  in  the  climb  or 
in  the  pattern,  then  hold  them  as 
closely  as  possible.  Otherwise, 
use  good  judgment  in  determining 
how  close  to  an  aim  condition  it 
is  necessary  to  be  and  fly  according¬ 
ly. 

If  the  climb  rate  of  the  air¬ 
craft  is  relatively  slow,  it  may 
be  possible  to  get  some  stability 
information  in  the  climb,  i.e., 
stick  pulses,  sideslips,  etc.  Most 
present  day  fighter  aircraft  climb 
so  rapidly  that  this  may  not  be 
practical.  If  so,  just  record 
climb  performance  information  (time, 
fuel,  and  indicated  speed)  at  in¬ 
tervals  of  approximately  5,000  feet. 
Start  the  time  at  brake  release. 
Intercept  the  climb  schedule  at  a 
comfortable  altitude  and  attempt 
to  fly  the  recommended  schedule 
precisely.  Continue  the  climb  only 
as  far  as  is  compatible  with  the 
objective  of  the  flight.  Unless 
climb  performance  is  of  primary 
importance,  this  will  probably  be 
to  the  altitude  selected  for  the 
first  series  of  investigations. 
General  aircraft  characteristics 
should  be  observed  during  the 
climb.  How  difficult  is  it  to  main¬ 
tain  the  recommended  climb  schedule? 
Are  the  control  responses  smooth?; 
too  fast?;  tco  slow?;  compatible? 

Is  visibility  adequate?  Is  there 
any  buffet'5 ;  vibration  or  excessive 
noise?  Are  the  ventilation  and 
pressurization  systems  satisfactory? 
Are  the  normal  procedures  required 
complicated  or  excessively  dis¬ 
tracting?  If  dampers  or  other 
artificial  stability  devices  are 
provided,  check  the  applicable 
characteristics  with  them  "ON"  and 
"OFF" . 

The  altitude  selected  for 
the  first  series  of  stability  in¬ 
vestigations  may  be  at  the  tropo- 
pause  since  this  is  where  the 
aircraft  will  probably  have  its 


best  performance.  However,  if  the 
designed  operating  altitude  is 
considerably  above  this  level  it 
may  be  advisable  to  select  an  alti¬ 
tude  at  or  near  the  aircraft's 
operating  altitude.  The  stability 
maneuvers  performed  will  be  essen¬ 
tially  the  same  at  all  the  altitudes 
and  airspeeds  selected.  These 
should  be  sufficiently  spaced  to 
assure  descernible  qualitative 
differences  in  the  aircraft's 
characteristics . 

The  stability  characteristics 
investigated  should  include:  lon¬ 
gitudinal  and  directional  static 
stability,  longitudinal  and  direc¬ 
tional  dynamic  stability,  aileron 
rolls,  and  maneuvering  flight  at 
several  different  airspeeds  and 
altitudes.  An  investigation  of 
the  transonic  trim  changes  also 
should  be  made.  All  the  dynamic 
characteristics  rho’i  .d  be  checked 
with  the  stability  augmentation 
devices,  if  any,  both  "ON"  and 
"OFF" .  With  proper  planning  these 
investigations  can  be  made  in  a 
minimum  amount  of  time.  The  longi¬ 
tudinal  static  stability  can  be 
checked  while  accelerating  to  Vmax, 
for  instance.  Once  at  Vmaxr  the 
aircraft  can  be  trimmed  for  approxi¬ 
mately  hands-off  flight  and  the 
static  directional  stability  checked 
by  entering  a  steady  sideslip  out 
to  maximum  rudder  deflection  (if 
the  aircraft  is  cleared  to  that 
limit) .  The  periods  of  the  dynamic 
modes  can  be  timed  using  a  stop 
watch  or  counting  the  seconds. 
Estimate  the  cycles  to  damp  com¬ 
pletely  or  to  one-half  amplitude 
as  the  case  may  be  for  all  the 
modes . 

Approach  the  aileron  rolls 
cautiously.  Make  several  partial 
deflection  rolls  before  making  any 
full  deflection  rolls.  The  time 
to  reach  90  degrees  of  roll  and  the 
time  to  roll  360  degrees  can  be  esti¬ 
mated  using  a  stopwatch  or  again  by 
counting  the  seconds.  It  is  advis¬ 
able  to  make  rapid  reversals  of 
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ailerons  and  other  rolling  maneu¬ 
vers  if  these  can  be  expected  in 
operational  use  of  the  aircraft. 

The  rolling  characteristics  should 
also  be  checked  in  accelerated 
flight  as  well  as  1  g  flight. 

After  completion  of  investi¬ 
gations  at  Vmax/  a  windup  turn  to 
limit  load  factor  can  be  made  to 
check  the  maneuvering  stability  of 
the  aircraft.  Then  zoom  back  to 
the  original  altitude  and  repeat 
these  investigations  at  the  second 
airspeed.  The  other  altitudes  and 
airspeeds  c~n  be  checked  in  the  same 
manner.  Any  differences  resulting 
from  the  altitude  or  speed  changes 
should  be  noted. 

Stalls  should  be  approached 
with  caution  if  the  aircraft  is 
cleared  for  such  a  maneuver,  and 
investigated  in  all  configurations 
and  types  of  entry.  Determine  the 
approximate  stall  warning  margin, 
what  defines  the  warning  and  the 
stall,  and  the  aircraft  character¬ 
istics  in  the  stall  and  the  re¬ 
covery.  If  possible,  determine  the 
best  method  of  breaking  the  stall 
and  altitude  loss  in  recovery  from 
several  points  in  the  stall. 

If  possible,  check  the  tactical 
mission  capability  of  the  aircraft. 
Simulated  dive  bombing  runs  or,  labs 
maneuvers  could  be  made  for  a  stra¬ 
tegic  fighter;  for  example.  All  the 
information  obtainable  will  be  help¬ 
ful  in  writing  an  accurate  and 
comprehensive  report. 

Fly  the  traffic  pattern  as 
recommended  and,  if  fuel  permits, 
make  a  go-around  on  the  first  pass. 
Note  the  power  response,  power 
required  in  the  pattern,  airspeed 
control  and  sink  rate,  trim  changes 
with  gear  and  flap  extension, 
trimming  action,  buffet  with  gear 
extension,  and  general  aircraft 
feel  in  the  pattern.  On  the  go- 
around,  recheck  the  trim  changes 
with  gear  and  flap  retraction  and 
with  drag  device  reaction.  Don't 
forget  to  look  at  engine  out  char¬ 


acteristics  if  time  and  fuel  permit. 
On  the  first  landing  in  the  air¬ 
craft  it  is  probably  not  advisable 
to  attempt  to  get  the  minimum  land¬ 
ing  roll.  Make  a  normal  touchdown 
and  use  normal  braking  action  (use 
the  drag  chute  if  provided) .  Note 
the  touchdown  speed,  the  effects  of 
any  crosswir.d,  directional  control, 
nose  lowering  speed,  etc.  As  with 
the  takeoff,  the  normal  landing 
roll  is  of  more  importance  than  the 
minimum  possible. 


While  taxiing  back  to  the 
parking  area,  review  the  flight, 
re-evaluate  the  cockpit,  and  attempt 
to  determine  whether  the  aircraft 
will  perform  its  design  mission  and 
is  safe  and  comfortable  to  fly. 

The  opinion  with  everything  fresh 
in  mind  is  probably  the  most  accu¬ 
rate  possible.  Continue  this  re¬ 
view  of  the  flight  immediately 
after  leaving  the  aircraft.  Put 
everything  remembered  about  the 
flight  and  the  impressions  of  the 
aircraft  down  on  paper.  Do  this 
immediately  and  before  talking  to 
anyone  about  the  airplane  or  the 
flight.  Waiting  or  discussing 
points  with  other  people  may  alter 
first  hand  impressions  or  cause 
important  aspects  of  the  flight  to 
be  forgotten. 


10.0  DATA  REDUCTION 

10.6  The  data  reduction  will  con¬ 
sist  of  writing  a  comprehensive 
report  on  everything  learned  about 
the  aircraft.  A  narrative  form  is 
normally  used  for  qualitative  re¬ 
ports.  Comparisons  with  other 
aircraft  can  be  used  to  assist  in 
describing  the  aircraft.  Care 
should  be  taken  however,  to  insure 
that  only  aircraft  familiar  to  most 
readers  are  used  for  comparison. 
Otherwise  the  comparison  will  mean 
nothing  to  them. 
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Keep  in  mind  the  purpose  of 
the  qualitative  evaluation  while 
writing  the  report.  Mere  figures 
are  normally  not  enough  to  describe 
the  stability  of  the  aircraft,  par¬ 
ticularly  on  a  qualitative  evaluation 
since  the  data  obtained  are  very 
limited.  Analyze  the  aircraft  char¬ 
acteristics  in  light  of  its  ability 
to  perform  its  design  mission,  give 
opinions  of  the  aircraft's  ability 
to  do  the  job  and  support  these 
opinions  with  the  facts  obtained  on 
the  evaluation  flights.  Comment  on 


anything  personnally  disliked  but 
be  objective  in  condemning  any  short 
comings.  Recommendations  for  spe¬ 
cific  changes  in  the  aircraft  are 
to  be  included  in  the  report.  The 
exact  manner  in  which  the  aircraft 
should  be  fixed  should  not  be 
specified  or  recommended.  The  test 
pilot's  job  is  to  evaluate  the 
existing  hardware  and  state  what 
should  be  changed.  It  is  then  the 
manufacturer's  responsibility  to 
determine  how  to  make  the  necessary 
changes . 


APPENDIX 

SPINNING 

REQUIREMENTS  FOR  AIRPLANES 


•  1.  SCOPE 


This  specification  contains 
the  spinning  requirements  for 
piloted  airplanes. 

1 . 2  Application 

For  all  airplanes  proposed 
or  contracted  for  subsequent  to  the 
effective  date  of  this  specifica¬ 
tion,  the  spinning  characteristics 
shall  be  demonstrated  in  accordance 
with  the  provisions  contained  here¬ 
in  unless  specific  deviations  are 
authorized  by  the  procuring  activity. 
Additional  requirements  for  spinning 
of  particular  airplanes  may  be  spec¬ 
ified  in  the  contract. 

1.3  Classification 


For  purposes  of  this  specifica¬ 
tion,  airplanes  shall  be  divided 
into  the  categories  given  below: 


Category  1 


♦ 


-  Liaison  and  observa¬ 
tion  airplanes,  and 
other  light  airplanes 
specifically  desig¬ 
nated  by  the  procur¬ 
ing  activity. 


Category  2  -  Primary  training 

airplanes . 


Category  3  -  All  other  high- 

maneuverability  types 
such  as  fighter, 
interceptor,  general 
purpose  attack,  and 
trainers  for  these 
airplanes,  except 
those  classified  in 
Category  3a. 


Category  3a  -  Airplanes  of  the 

type  of  Category  3 
specifically  desig¬ 
nated  by  the  procur¬ 
ing  activity.  (These 
aircraft  will  be 
judged  according  to 
their  missions. 
Normally,  aircraft 
used  solely  as  all- 
weather  interceptors 
and  low-load  factor 
airplanes  used  for 
tactical  ground  sup¬ 
port  will  fall  into 
this  category.) 

Category  4  -  All  low-maneuvera¬ 

bility  types  such 
as  horizontal  bomber, 
cargo,  transport, 
patrol,  early-warning, 
and  trainers  for 
these  airplanes. 


•  8.  APPLICABLE  DOCUMENTS 

2.1  The  following  specifications, 
standards,  drawings,  and  publica¬ 
tions,  of  the  issue  in  effect  on 
date  of  invitation  for  bids,  form 
a  part  of  this  specification: 

SPECIFICATIONS 

Military 

MIL-T-7378  Tank,  fuel,  air¬ 
craft,  external, 
removable,  general 
specifications  for 

MIL-F-8785  Flying  qualities 
of  piloted  air¬ 
planes  . 
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(Copies  of  specifications,  standards, 
drawings,  and  publications  required 
by  contractors  in  connection  with 
specific  procurement  functions 
should  be  obtained  from  the  procur¬ 
ing  activity  or  as  directed  by  the 
contracting  officer.) 

8.  RKQUIR1MSNTS 

3.1  General 

With  the  exception  noted  in 
3.5,  it  shall  be  possible  at  any 
combination  of  weight  and  loading 
normally  attainable  in  flight 
to  recover  readily  from  incipient 
and  fully  developed  spins  without 
exceeding  either  the  limit  airspeed 
or  the  limit  normal  acceleration  of 
the  airplane.  Compliance  with  this 
requirement  normally  may  be  shown 
by  performing  the  spin  tests  of 
table  I,  section  4. 

3.1.2  Right  and  Left  Spins 

All  required  spins  shall  be 
performed  in  both  directions  except 
in  the  cases  noted  below: 


3 „ 1,2.1  At  the  discretion  of  the 
procuring  activity  and  the  pilot, 
if  early  spins  in  both  directions 
appear  identical,  the  remaining 
spins  need  be  performed  in  one  di¬ 
rection  only. 


3 cl. 2. 2  At  the  discretion  of  the 
procuring  activity,  if  early  spins 
demonstrate  consistently  poorer 
recoveries  in  one  direction,  the 
most  critical  direction  only  may 
be  used  for  the  remaining  spins. 


3.1.3  Configurations 

The  following  terms  used  in 
this  specification  have  the  mean¬ 
ings  given  below: 


a.  Aft  Loading^  -  The  normal 
service  loading  which  results;  in 

a  combination  of  weight  and  center 
of  gravity  producing  minimum  static 
longitudinal  stability  (ordinarily 
the  lightest  gross  weight  at  which 
the  most  aft  center  of  gravity  can 
be  obtained  in  a  given  configura¬ 
tion  at  a  normal  service  loading.) 

b.  Fuselage  Loading!  -  That 
normal  service  loading  which  re¬ 
sults  in  the  minimum  algebraic  value 
of  the  inertia  yawing  moment  param¬ 
eter  (lx  -  Iy)/mb2.  (ix  and  Iy  are 
moments  of  inertia  about  the  x  and 

y  body  axes,  respectively;  m  is 
mass  of  airplane;  b  is  wing  span.) 

c.  Wing  Loading!  -  That  normal 
service  loading  which  results  in 
the  maximum  algebraic  value  of  the 
inertia  yawing  moment  parameter 
(Ix  -  Iy)/mb2. 


3.1.4  Standard  Recovery  Procedure 

For  erect  spins,  standard  re¬ 
covery  procedure  shall  consist  of 
briskly  reversing  the  directional 
control  to  its  full  deflection  (or 
maximum  force  limitation)  against 
the  spin,  and  returning  lateral  con¬ 
trol  to  neutral,  followed  approxi¬ 
mately  one-half  turn  later  by  a 
brisk  forward  movement  of  the  longi¬ 
tudinal  control,  as  required.  For 
inverted  spins,  standard  recovery 
procedure  shall  consist  of  briskly 
neutralizing  all  three  controls. 

Once  applied,  the  applicable  con¬ 
trol  positions  for  recovery  shall 
be  held  until  the  spin  stops;  re¬ 
covery  to  level  flight  shall  then 
be  made  in  the  normal  manner. 


On  oirplones  equipped  to  corry  external  stores,  oil  stores 
normolly  carried  except  Types  II  and  IV  (expendable)  tanks 
shod  be  considered  In  determining  the  laodings  given  obove 
to  the  extent  thot  loads  higher  thon  st'uctural  limits  will 
not  be  imposed  during  the  spin  tests.  When  stares  cause 
on  appreciable  chonge  in  the  oerodynomic  characteristics 
of  the  oirplone,  additional  or  substitute  laoding  moy  be 
required.  Externol  stores  are  defined  in  Specification  MIL¬ 
T-7378. 
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3.1.5  Control  Forces  in  Recovery 

Control  forces  for  recovery 
shall  not  exceed  the  values  specified 
in  Specification  MIL-F-8785  and  re¬ 
peated  below  for  reference: 


Rudder  (directional 
control) 

Elevator  (longitu¬ 
dinal  control) 

Aileron  (lateral 
control) 


250  pounds 


75  pounds 
35  pounds 


tendency  to  spin  in  moderately 
smooth  air  unless  essentially  full 
pro-spin  control  deflections  are 
applied  in  the  stall. 

3.3.1  In  the  required  clean  con¬ 
figuration  spins  of  table  I,  sec¬ 
tion  4,  the  airplane  shall  recover 
within  1  1/2  turns  after  initiation 
of  action  to  start  recovery;  re¬ 
covery  from  landing  configuration 
spins  shall  be  within  one  turn. 
These  recoveries  shall  be  made 
using  the  standard  recovery  pro¬ 
cedure  specified  in  3.1.4. 

3.4  Category  3  and  3a  Airplanes 


3 . 2  Category  1  Airplanes 

If  is  preferred  that  airplanes 
in  this  category  be  incapable  of 
spinning.  In  no  case  shall  there 
be  any  tendency  to  spin  in  moderate¬ 
ly  smooth  air  unless  essentially 
full  pro-spin  control  deflections 
are  applied  in  the  stall. 

3.2.1  In  the  required  clean  con¬ 
figuration  spins  of  table  I,  sec¬ 
tion  4,  the  airplane  shall  recover 
within  1  1/2  turns  after  initiation 
of  action  to  start  recovery;  re¬ 
covery  from  landing  configuration 
spins  shall  be  within  one  turn. 
Standard  recovery  procedure  is  de¬ 
sired;  if  nonstandard  recovery 
procedure  is  required,  the  optimum 
recovery  procedure  shall  be  deter¬ 
mined.  Special  emergency  spin- 
recovery  devices  are  not  acceptable 
for  service  use  in  Category  1  air¬ 
planes  . 

3.2.2  Altitude  loss  during  re¬ 
covery  in  the  required  spins  of 
table  I  shall  not  exceed  800  feet, 
measured  from  the  initiation  of 
action  to  start  recovery  until  re¬ 
gaining  level  flight. 

3 . 3  Category  2  Airplanes 

Airplanes  in  this  category 
shall  be  capable  of  spinning;  how¬ 
ever,  in  no  case  shall  there  be  any 


It  is  preferred  that  airplanes 
in  these  categories  be  incapable 
of  spinning. 

3.4.1  In  the  required  clean  con¬ 
figuration  spins  of  table  I,  sec¬ 
tion  4,  the  airplane  shall  recover 
within  two  turns  after  initiation 
of  action  to  start  recovery;  re¬ 
covery  from  landing  configuration 
spins  shall  be  within  one  turn. 
Standard  recovery  procedure  is 
desired;  but  in  any  case,  the  opti¬ 
mum  recovery  procedure  shall  be 
determined . 

Special  emergency  spin-recovery 
devices  will  be  accepted  for  service 
use  only  if  it  can  be  shown  to  the 
satisfaction  of  the  procuring  activ¬ 
ity  that  they  are  necessary  and  pro¬ 
duce  less  performance  penalty  than 
redesign  of  the  airplane  to  meet 
the  spinning  requirements. 

3.4.2  The  spin-recovery  requirements 
of  3.4.1  shall  apply  only  to  the 

low  altitude  spins  and  not  to  the 
high  altitude  spins  of  table  I, 
section  4.  Characteristics  of  the 
high  altitude  sp^ns,  however,  shall 
be  reported  in  accordance  with  4.5. 

3 . 5  Category  4  Airplanes 

These  airplanes  are  not  nor¬ 
mally  required  to  be  spun,  and  no 
recovery  requirements  are  specified. 
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Particular  care  shall  be  taken  in 
the  design  of  these  airplanes  that 
inadvertent  spins  are  unlikely. 

3 . 6  Government-Loaned  Property 

When  provided  for  in  the  con¬ 
tract,  spin  recovery  parachutes, 
release  mechanisms,  and  cockpit 
controls  for  the  chutes  for  use  in 
the  tests  required  herein  will  be 
furnished  by  the  Government  on  loan 
to  the  contractor  upon  his  request. 

•  A.  QUALITY  ASSURANCE 
PROVISIONS 

4 . 1  Acceptance  Test 

All  of  the  tests  required 
herein  for  the  spin  testing  of  air¬ 
planes  are  classified  as  acceptance 
tests.  The  necessary  sampling  tech¬ 
niques  and  testing  methods  are 
specified  in  this  section. 

4 . 2  Test  Conditions 

Spins  shall  be  conducted  in 
the  configurations  and  under  the 
conditions  specified  in  table  I. 

4 . 3  Sampling  Tests 

4.3.1'  One  airplane  representative 
of  the  production  configuration 
shall  be  subjected  to  the  tests 
specified  in  table  I.  Tests  shall 
be  conducted  by  the  contractor 
under  the  supervision  of  the  pro¬ 
curing  activity. 


4.3.2  Entry  into  the  required 
spins  may  be  made  with  any  neces¬ 
sary  use  of  the  controls  but,  once 
started,  +-he  spin  shall  thereafter 
be  maintained  with  the  directional 
and  longitudinal  controls  in  the 
full  pro-spin  position  and  the 
lateral  control  neutral.  Except 
as  noted  in  table  I,  the  erect, 
clean-configuration  spins  shall  be 
repeated  (but  the  requirements  for 
number  of  turns  and  altitude  loss 
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in  recovery  need  not  apply)  with 
lateral  control  in  the  steady  spin 
held  full  with  the  spin  and  full 
against  the  spin.  Characteristics 
of  all  spins  shall  be  reported  in 
accordance  with  4.5. 


4.3.3  If  no  spins  result  using 
the  entry  procedures  of  table  I, 
or  if  for  some  reason  such  as  en¬ 
gine  flame-out  during  stall  approach 
such  entries  are  not  feasible, 
other  entries  (such  as  from  a  zoom 
or  the  top  of  a  loop)  shall  be 
attempted.  The  requirements  of 
section  3  shall  then  apply  regard¬ 
less  of  the  type  ot  entry. 

4 . 4  Emergency  Spin-Recovery  Pro¬ 
visions 

On  all  spins  to  show  compli¬ 
ance  with  this  specification,  spin 
chutes,  spin-recovery  rockets,  or 
other  devices  acceptable  to  the 
procuring  activity  shall  be  pro¬ 
vided  to  effect  recovery  in  case 
of  failure  of  other  means.  Such 
devices  shall  be  designed  to  give 
sufficient  forces  and  moments  for 
recovery  in  two  turns  when  con¬ 
trols  remain  in  the  full  pro-spin 
position. 

4 . 5  Spin  Report 

After  completion  of  the  test 
required  herein,  the  contractor 
shall  submit  a  report  to  the  pro¬ 
curing  activity. 


4.5.1  The  report  shall  contain  the 
following  information  for  each  test: 
gross  weight,  general  arrangement 
of  loading,  center  of  gravity,  mo¬ 
ments  of  inertia,  locations  of  prin¬ 
cipal  axes,  gear  and  flap  positions, 
positions  of  cowl  flaps,  etc., 
starting  altitude,  method  of  entry, 
power  condition,  turns  of  spin  exe¬ 
cuted  before  applying  recovery  con¬ 
trols,  nature  of  the  steady  spin, 
time  per  turn,  altitude  loss  per 
turn,  control  positions  and  maximum 


156 


forces  during  recovery,  and  altitude 
loss  in  recovery. 

1.5.2  The  report  shall  contain  the 
following  information  for  each  test: 
time  histories  (starting  before 
initiation  of  spin  and  continuing 
through  recovery  to  level  flight) 

of  control  positions  cind  forces, 
airspeed,  altitude,  normal  and  lon¬ 
gitudinal  acceleration,  angles  and 
rates  of  pitch,  roll  and  yaw,  angles 
of  attack  and  sideslip. 

4.5.3  The  report  shall  describe  the 
emergency  spin-recovery  device  in¬ 
cluding  load  calculations. 


•  «.  NOT1S 


6 . 1  Intended  Use 

This  specification  contains 
the  spinning  requirements  for 
piloted  airplanes  and  shall  form 
one  of  the  basis  for  determination 
by  the  procuring  activity  of  air¬ 
plane  acceptability.  The  specifica¬ 
tion  shall  serve  as  design  and 
flight  test  requirements,  and  as 
criteria  for  use  in  spin  calcula¬ 
tions  and  spin  tunnel  tests  and 
evaluations. 


4.5.4  The  report  shall  include  a 
description  of  instrumentation. 

4. 5. 4.1  Satisfactory  instrumenta¬ 
tion  shall  be  provided:  for  example, 
gyros  not  subject  to  gimbal  lock, 
satisfactory  calibration  of  air¬ 
speed,  altitude,  angle  of  attack, 
and  sideslip  instrumentation  for  lag 
and  interference  effects,  satis¬ 
factory  count  of  number  of  turns 
during  spin  and  recovery. 

•  CE.  PREPARATION  FOR 
DTLIVKRV 

5.1  Marking  and  method  of  delivery 
of  the  spin  report  shall  be  as  con¬ 
tractually  required  tor  flight  test 
reports . 


PATENT  NOTICE:  When  Government 
drawings,  specifications,  or  other 
data  are  used  for  any  purpose  other 
than  in  connection  with  a  definitely 
related  Government  procurement 
operation,  the  United  States  Govern¬ 
ment  thereby  incurs  no  responsibil¬ 
ity  nor  any  obligation  whatsoever; 
and  the  fact  that  the  Government 
may  have  formulated,  furnished, 
or  in  any  way  supplied  the  said 
drawings,  specifications,  or  other 
data,  is  not  to  be  regarded  by  im¬ 
plication  or  otherwise  as  in  any 
manner  licensing  the  holder  or  any 
other  person  or  corporation,  or 
conveying  any  rights  or  permission 
to  manufacture,  use,  or  sell  any 
patented  invention  that  may  in  any 
way  be  related  thereto. 


TAtlE  1 

REQUIRED  SPIN  TESTS 


T  ype  of  Spin 

Entry 

loading 

Number  o'  Turn*  Before  Start  of  Recovery  ] 

Category 

Category 

Category 

Cut  *  g<  r  y 

3a 

Erect  ipin. 

From  power -off* etraign t 

Ait 

t 

S 

5 

3 

dean 

erect  itall 

F  u  jelage 

5 

5 

. 

confguratior 

Wing 

5 

5 

- 

From  2.5  "g"  turn;  power 

(thruat)  for  conitant 

Aft 

5 

5 

5 

3 

altitude  turn  on  tn^ougn 

Fuielage 

5 

3 

tint  turn 

Wing 

5 

3 

Erect  ipin. 

From  power  off*  etraignt 

landing 

erect  itall 

Aft 

1 

1 

1 

configurattoi 

Inverted  ipin 

From  power  off*etraignl 

clean 

inverted  e'all 

Aft 

. 

2 

2 

2 

configuration, 

-fign  altitude 

From  etrai^ht  erect  nail 

erect  ipin. 

at  combat  ce.ling,  power 

Aft 

- 

5* 

5* 

clean 

(tnruit)for  let  el  flight 

F  uielage 

- 

5* 

5* 

configuration 

on  througn  firit  turn. 

Wing 

5* 

\m 

I  throttle  clo*ed  or  at  (light  Idle  ictting. 

•  one  ipin  only,  with  aileron*  neutral;  required  only  if  combat  celling  ia  more  then 
10,  000  feel  above  starting  altitude  for  other  ipim  . 
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CHAPTER 


1 


INTRODUCTION 


1.1.0  This  book  is  written  as  a  general  class  rocm  text  for  the  theoretical  approach 
to  Stability  and  Centro 1  in  the  coarse  curriculum  of  the  LEAF  Aerospace  Research 
Pilot  School. 

The  theoretical  discussion  will,  of  necessity,  incorporate  certain  simplifying 
assumptions.  These  simplifying  assumptions  are  made  in  order  to  make  the  main 
elements  of  the  subject  more  clear.  The  equations  developed  are  by  no  means  suit¬ 
able  for  even  preliminary  design  of  modem  aircraft,  but  the  basic  method  of  attack¬ 
ing  the  problem  is  valid.  Now  that  analog  and  digital  computers  are  available,  the 
aircraft  designers' more  rigorous  theoretical  calculations,  modified  by  data  obtained 
from  the  wind  tunnel,  often  give  results  which  closely  predict  the  flying  qualities 
of  new  airplanes .  Neither  the  theoretical  nor  the  wind  tunnel  results  are  infal¬ 
lible.  Therefore,  there  is  still  a  valid  requirement  for  the  test  pilot  in  the 
development  cycle  of  new  aircraft. 

1.2.0  It  is  important  at  the  beginning  of  the  stability  and  control  theory  to  're¬ 
define  sene  of  the  terms  to  be  'used.  The  student  will  find  it  a  great  asset  to  be 
able  to  recall  at  a  glance  the  definition  represented  by  the  symbols  ocrmonly  used 
in  this  course. 

c  (M.A.C.)  Mean  Aerodynamic  Chord:  The  chord  of  an  imaginary  airfoil  which 

would  have  force  vectors  throughout  the  flight  range  identical  with  those  of 
the  actual  wing. 

c.p.  Center  of  Pressure:  The  point  cn  the  chord  of  an  airfoil,  actual  or  pro¬ 
longed,  which  is  the  intersection  of  the  chord  and  the  line  of  action  of  the 
resultant  force. 

C  Chordwise  Force:  The  oorrpenent  of  the  resultant  aerodynamic  foroe  that  is 
parallel  to  the  aircraft  reference  axis. 

N  Normal  Foroe:  The  ccrpcncnt  of  the  resultant  aerodynamic  foroe  that  is 
perpendicular  to  the  aircraft  reference  axis. 

L  Lift:  The  ccrrpcnent  of  the  resultant  aerodynamic  force  perpendicular  to  the 
relative  wind.  It  must  be  specified  whether  this  applies  to  a  complete  air¬ 
craft  or  to  parts  thereof. 

D  Drag:  The  ccnpcnent  of  the  resultant  aerodynamic  force  parallel  to  the 

relative  wind.  It  too  must  be  specified  whether  this  applies  to  a  complete 
aircraft  or  to  parts  thereof. 

R  Resultant  Aerodynamic  Force:  The  vector  sum  of  the  lift  and  drag  forces  on 
an  airfoil  or  airplane. 
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a.c.  Aerodynamic  Center:  A  point  located  cn  the  wing  chord  (approximately  one 

quarter  of  the  chord  Length  bade  cf  the  leading  edge)  about  which  the  moment 
coefficient  is  practically  constant  for  all  angles  of  attack. 
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Hinge  Moment:  A  moment  which  tends  to  restore  or  move  a  control  surface  to 
or  from  a  condition  of  equilibrium. 


Stability  Derivatires:  Ncndimensicnal  quantities  expressing  the  variation  of 
the  force  or  moment  coefficient  with  a  disturbance  from  steacty  flight. 
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(1.1) 
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Stability  Parameters:  A  quantity  that  expresses  the  variation  of  force  or 
nenent  cn  aircraft  caused  by  flight  as  well  as  a  disturbance  from  steady 
flight. 
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I  Moment  of  Inertia:  With  respect  to  any  given  axis,  the  "Moment  of  Inertia" 
is  the  sum  of  the  products  of  the  mass  of  each  elementary  particle  by  the 
square  of  its  distance  from  the  axis.  It  is  a  measure  of  the  angular 
acceleration  characteristics  of  a  body  or  section  about  a  given  axis. 

Static  Stability:  That  characteristic  of  an  aircraft  which  causes  it,  when 
its  condition  of  steady  flight  is  disturbed,  to  develop  moments  and  forces 
which  tend  to  restore  the  aircraft  to  its  original  condition  of  steady 
flight. 

Dynamic  Stability:  That  characteristic  of  an  aircraft  which  causes  it,  when 
disturbed  from  a  state  of  steady  flight,  to  return  to  its  original  flight 
attitude  because  as  the  airplane  diverges  from  its  original  steady  flight, 
pressures  are  set  up  in  a  direction  which  tend  to  return  the  airplane 
(sometimes  after  a  series  of  oscillations)  to  its  original  flight  attitude. 

Neutral  Stability:  A  neutrally  stable  airplane  is  one  which,  if  cnoe  dis¬ 
turbed  from  a  state  of  steady  flight,  will  not  return  to  its  original  flight 
attitude  but  may  seek  any  new  flight  attitude  and  state  of  steady  flic^it. 
Neutral  statically,  the  aircraft  would  have  no  tendency  to  move  from  its 
disturbed  condition.  Neutral  dynamically  with  static  stability,  the  air¬ 
craft  would  sustain  oscillation  started  by  a  disturbance. 
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Dynamically  Unstable:  An  aircraft  oscillation  whose  anplitude  increases  ocn- 
tinuouBly  intil  an  attitude  is  reached  from  which  there  is  no  tendency  to 
return  toward  the  original  attitude,  the  motion  becoming  a  steady  divergence. 

Statically  thstable:  A  characteristic  of  an  aircraft  such  that  when  dis¬ 
turbed  from  steady  fli^it  its  tendency  is  to  depart  further  or  diverge  from 
the  original  condition  of  steady  flight. 

Flight  Control  Sign  Convention:  Any  control  movement  or  deflection  that  causes 
a  positive  movement  or  moment  on  the  airplane  shall  be  considered  a  positive 
control  movement.  This  sign  convention  does  not  conform  to  the  convention 
used  by  NASA  and  some  reference  text  books.  This  convention  is  the  easiest 
to  renenber  and  is  used  at  the  Flight  Test  center,  therefore,  it  will  be  used 
in  the  School. 

Degrees  of  Freedom:  The  nurber  of  paths  that  a  physical  system  is  free  to 
follow. 


-2  DIRECTION 


Figure  1.1 
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1.3.0  OOORDINflirE  SYSTEM  FEUTICMSHIPS 

1.3.1  Coordinate  Systems  There  are  many  coordinate  systems  that  are  useful 
in  the  analysis  of  vehicle  motion.  In  accordance  with  general  practice,  we  will 
always  define  ours  to  be  right  hand  and  orthogonal. 

1.3. 1.1  True  Inertial  Coordinate  System 

Location  of  origin:  unknown 

Approximation  for  space  dynamics:  the  center  of 


Figure  1.2 


1.3. 1.2  Earth  Axes  There  are  two  Earth  Axis  Systems,  the  fixed 
and  the  moving. 


Location  of  Origin 

Fixed  System;  arbitrary  location 
Moving  System;  at  the  vehicle  eg 

The  Z  axis  (e  )  points  toward  center 
of  the  earth.  z 

The  xy  Plane  (containing  e  ,  e  )  is 
parallel  to local  horizontal.  ^ 

The  Orientation  of  the  X  axis  is 
arbitrary;  may  be  North  or  cn  the  initial 
vehicle  heading. 


Figure  1.3 
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1.3. 1.3  BOCK  AXIS  SYSTEMS  These  coordinate  systems  are  fixed  to 
the  \ehicle.  There  are  many  different  types,  e.g. , 

General  Body  Axis  System. 

Stability  Axis  System. 

Principal  Axis  System. 

Wind  Axis  System. 

The  General  Body  Axis  System  frequently  inherits  the  name  "body  Axes". 


"BOCK  AXES" 


Y  BODY  ■»  Y  STAB 

U,  THE  STABILITY  XZ  PLANE 
REMAINS  IN  THE  VEHICLE  PLANE  OF 
SYMMETRY 


The  Lhit  Vectors  are  1  j  jc. 

The  Origin  is  at  the  eg. 

The  x  z  plane  is  in  the  vehicle  plane 
of  symmetry. 

The  positive  x  axis  points  forward 
along  the  vehicle  horizontal 
reference  line. 

The  positive  z  axis  points  downward 
toward  the  bottom  of  the  vehicle. 

AXES" 


The  unit  vectors  are  1.  j  ,  it  . 
-  s  s  s 

The  origin  is  at  the  og. 

The  positive  x  axis  points  forward 
coincident  with  the  initial  position 
of  the  relative  wind. 

Th  e  x  z  plane  nust  remain  in  the 
vehicle  plane  of  symmetry,  hence  this 
stability  axis  system  is  restricted  to 
synretrical  initial  flight  conditions. 

The  positive  z  axis  points  downward 
toward  the  bottom  of  the  vehicle. 


Figure  1.5 


1(9 


1.6 


1.3.2  VECTOR  CEFTNITICNS 


The  Equations  of  Motion  describe  the  vehicle  motion  in  terms  of  four 
vectors.  The  ocnponents  of  these  vectors  resolved  along  any  body  axis  system  are 
shown  below. 


or  ?l 


1.3.2. 1  ?  -  Total  Linear  Force  (Applied) 

F  =  F  1  +  Ft  +  Fit. 

x  yJ  z 

1.3. 2. 2  G  -  Total  Manent  (Applied) 

2  =  G  l  +  G  j  +  G  k  . 

x  yJ  z 

(j  =  ^ _ ,  _  .  +  (j  , 

aerodynamic  other  sources  . 

^aerodynamic  “  Laero1  +  MaertP  +  Naero^  * 

3  .  =jz?i  +  +  ?lt  . 

aerodynamic  1 

Note:  Ocntrol  deflections  that  tend  to  produce  positive  od,  7?^, 
are  defined  at  ARPS  to  be  positive. 

1.3. 2. 3  VT  -  True  Velocity 


+ 

VT  =  ui  +  V]  +  wk  . 

where  u  =  forward  velocity, 
v  =  side  velocity, 
w  =  vertical  velocity. 

1.3.2. 4  hi  -  Angular  Velocity 

w  =  pi  +  qj  +  rk  . 

where  p  =  roll  rate, 
q  =  pitch  rate, 
r  =  yaw  rate. 
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1.3.3  POSITION  OF  THE  FELATIVF  WIND 


We  have  already  seen  that  the  position  of  the  relative  wind  in  relation 
to  the  Stability  Axis  System  is  fixed  by  definition.  The  position  in  relation  to 
two  other  axis  systems  leads  to  sane  necessary  definitions. 


In  Relation  to  the  ''Body  Axes" 


Figure  1.6 


a  -  Angle  of  Attack 
o  =  tan-1(-j) 

For  small  a  and  B 

„  .  -l,w  . _ w 

a  ss  ton 

T  T 


B  -  Sideslip  Angle 


„  •  “1/V  . 

S  -  sin  (r j~) 
T 


For  snail  B 


•  -5- 

T 


CAUTION  -  OTHER  EEFINITICNS  OF 
ARE  POSSIBLE 


In  Relation  to  the  Moving  Earth  Axes 


RW 


y  =  Flight  Path  Angle. 

The  angle  between  the  velocity 
vector  (V,p)  and  local  horizontal. 

(Holds  for  space  flic^it  also) . 


Figure  1.7 
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1.3.4  Euler  Angles  -  Trans  formation  front  the  Moving  Earth  Axis  System  to 
the  Body  Axis  System.  The  orientation  of  the  body  axis  system  (and  hence  the 
vehicle)  with  respect  to  the  moving  earth  axis  system  is  described  by  a  sequenced 
multiple  rotation  involving  Euler  Angles.  The  sequence  (YAW,  PITCH,  and  ROLL)  must 
be  maintained. 


Figure  1.8 


1.3. 4.1  Yaw  Angle  -  i|j  The  angle  between  the  projection  of  x  body 
axis  onto  the  horizontal  plane  and  the  initial  reference  position  of  the  X  earth 
axis.  (Yaw  angle  is  the  vehicle  heading  only  if  the  initial  reference  is  North) . 

1.3. 4. 2  Pitch  Angle  -  6  Ohe  angle  measured  in  a  vertical  plane 
between  the  x  body  axis  and  the  horizon tail  plane  (pitch  angle  is  not  necessarily 
the  flight  path  angle  a ) . 

1.3. 4. 3  Bank  Angle  -  4  Ihe  angle,  measured  in  the  y  z  plane  of  the 
body  system,  between  the  y  body  axis  and  the  horizontal  plane. 

1.3. 4. 4  Angular  Velocity  Transformation  The  following  relationships, 
derived  by  vector  resolution,  will  be  useful  later  in  the  study  of  dynamics. 

p  =  i  -  i  sin  9.  (1.5) 

•  • 

q  =  9  cos  <*>+!('  sin  $  cos  9.  (1.6) 

r  =  ij>  cos  $  cos  9  -  9  sin  (1.7) 
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So  that  equations  (1.5)  through  (1.7)  might  be  better  understood,  consider  an  air¬ 
plane  with  axes  in  the  instantaneous  position  of  the  x-.  y^,  z,  »  (Figure  1.9c) 
axes  displaced  front  the  steady  flight  axes  by  the  Eulerian  angles  ip,  e  and  The 
instantaneous  angular  velocities  are  p,  q  and  r,  and  the  vectors  representing  these 
angular  velocities  are  directed  along  the  x..,  y.  and  z^  axes  respectively.  The 
Eulerian  angle  ip  was  a  rotation  about  the  zJaxis. 


Figure  1.9a 

Note  that  axes  xyz  are  Orthogonal  and  (  is  a  vector  parallel  to  the  z,  z,  axis. 

Axes  x  and  y  are  displaced  by  ip  to  positions  x,  and  y  .  Next  we  pitch  the  axes 
system  x.,  y.,  z  through  an  angle  8  to  a  new  position  x.,,  y„,  z_.  (See  Figure  1.9b). 
This  rotation  isiabout  the  y^  axis;  therefore  8  is  a  vector  parallel  to  this  axis. 


Figure  1.9b 
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The  Euler  angle  $  is  a  rotation  about  the  x  body  axis,  (x^  axis  for  our  problem) . 


Figure  1.9c 

Since  the  x_  and  axis  are  the  sane,  $  is  a  rotation  about. the  x-.axis. 

(Figure  1.97.  Figure  1.9c  shews  all  three  angular  rates  (i,  9,  and$)  and  can  be 
used  to  write  equations  (1.5)  through  (1.7). 


In  sumrary,  we  have  the  following  results: 
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1.4.0  DERIVATION  OP  TIE  AIRCRAFT  EQUATIONS  OF  MOTICN 
1.4.1  Me chod  of  Derivation: 


START -WITH 

NEWTCN'S  SECOND  L Pi'l 

+ 

-► 

JF _ = 

d 

dt 

(3  linear  degrees 
of  freedom) . 

externally 

linear 

applied  force 

momentum 

. 

G  = 

a 

dt 

<P\ 

(3  rotational  degrees 
of  freedan) . 

externally 

angular 

applied  moment 

momentum 

Six  Equations  for  the  Six  Degrees  of  Freedom  of 

a  Rigid  Body. 

Algebraic  I  Manipulation  Using  TVo  "Tools"  : 

1st  Tool  -  Expression  for  a  vector  derivative  in  a 
moving  reference  system. 

2nd  Tool  -  Expression  for  the  angular  momentum  of  a 
rigid  body. 


OBTAIN  THE  6  AIRE-AFT  EQUATIONS  OF  MOTION 


F  =  m  (u  +  q  w  -  r  v) . 

longitudinal  F  =  m  {w  +  p  v  -  q  u) . 

G  =  q  I  -  pr  (I  -  I  )  +  (p2  -  r2)  I 
y  y  r  z  x  xz 


(1.8) 

(1.9) 

(1.10) 


lateral- 

Directicnal 


Fy  =  m  (v  +  r  u  -  p  w)  . 

G  =  p  I  +  qr  (I  -  I  )  -  (r  +  pq)  I 
x  r  x  ^  z  y  xz 


G  =  rl  +  pq  (I  -  I)  +  (qr  -  p)  I 
z  z  1  1  y  x  1  ^  xz 


(1.11) 

(1.12) 

(1.13) 


1.12 
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1.4.2  Development  of  the  First  'Pool  -  Vector  Derivative  in  a  Moving 
Reference. 

1.4. 2.1  Sane  Properties  of  Vectors; 

PROPERTY  1  A  vector  is  invariant  with  changes  in  reference. 

-►  -►  -+ 

A  =  Xe  +  Ye  +  Ze  =  xi  +  yj  +  zk  . 
x  y  z  J  J 


(1.14) 


Hence  we  are  free  to  change  coordinates  at  any  time,  even  in  the 
middle  of  a  discussion. 


PROPERTY  2  The  rotation  of  a  vector  is  conveniently  expressed  by  the 
use  of  another  vector,  using  the  right-hand  rule. 


/  \  \ 


THESE  TWO  IDENTICAL  ROTATION  VECTORS  DESCRIBE 
‘DESCRIBES  THE  SAME  ROTATION  OF  XT* THEY  DO  NOT 
^  HAVE  TO  BE  ATTACHED. 


Figure  1.10 

PROPERTY  3  A  vector  is  changed  cnly  by  growth  and  rotation,  not  by 
translation.  .Severed  different  forms  of  Vector  Derivatives  that  express  these 
changes  are  shewn  on  the  next  page. 


_7/  TRANSLATION 


GROWTH 


Si  ROTATION 


Figure  1.11 


r;7 


1.13 


1.4. 2. 2  General  Expression  for  \fector  Derivatives 


"EASY"  POFM: 


dA 

dt 


XYZ 


•  a 

Xe  +  Ye  +  Ze 
xyz 

V _ _ J 

describes  both  growth 
and  rotation  changes 


-*■ 

dA 

dt 


xyz 


c  \ 

•-t  —t  ■+ 

xi  +  yj  +  zk 


ORDINARY  FORM: 


rotation  of  A 


l  in  XYZ 


growth  rotation 

changes  changes 


-¥ 

dA 

dt 


xyz 


rotation  of  A 
in  xyz 


r;8 


(1.15) 


(1.16) 


(1.17) 


(1.18) 
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1.4. 2. 3  Vector  Derivative  in  a 


INERTIAL  REFERENCE-  NO  ROTATION 


■  TOTAL  (inertial)  ROTATION  of  A 


HAS  ROTATION 


^  IS  THE  ROTATION  OF  A  IN  RESPECT 

TO  THE  BODY  REFERRENCE  SYSTEM  \  | 


Figure  1.12 

By  PROPERTY  1  we  dioose  to  express  all  vectors  in  terms  of  the  moving 
reference  system 

A  =  xi  yj  +  zk 

ft  -=  4  +  w  .  (1.19) 

Substituting  in  Equation  (1.17)  gives 


dA  j  -*• 

gr  -  =■  |A  |a  +  (4  +  u)  X  A, 

XYZ 


=  He  |A  la  +$XA+wXA. 


dA 

By  Equation  (11)  this  is  — 


in  XA 


THE 

"FIRST  TOOL" 


(1.20) 


This  is  an  extremely  convenient  form  -  it  expresses  the  INERTIAL  TIME 
LERI  VOTIVE  in  terms  of  the  moving  reference  system,  i.e. ,  snail  x,  y, 
and  z's. 
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1.4. 2. 4  Alternate  Method  of  Derivation: 


dA 

dt 


XYZ 


A  =  xi  +  yj  zk 
By  the  product  rule  of  calculus: 

=  xH+xi  +  y|Uyj  ■  -  * 


dt 


+  z  ^  +  zk 


(1.21) 


The  total  rotation  of  the  unit  vectors  i,  j,  k  is  by  definition 
the  rotation  of  the  srall  axis  system,  hence  u  ray  be  substituted 
for  fl  in  Equation  1.17  to  get 


di 

dt 


Similarly: 

-► 

di  I  ->  -> 

S  =  (Pk  -  ri) 
az 'm 


dk 

at 


XYZ 


*  (qi  “  pd)  • 


Rearranging  Equation  (1.21)  gives 


XYZ 


=  xi  +  y j  +  zk  +  (aq-yr)i  +  (xr-zp)j  +  (yp  -  xq)k 


Fran  Eqn  (9) 
this  is 


dA 

dt 


xyz 


By  inspection 
this  is 


i  j  k 
p  q  r 
xyz 


X  A 


dA 
* 


dA 

dt 


+  u  X  A 


'xyS 


(1.22) 


Hence  the  FIRST  TOOL  is  confirmed. 


ISO 


1.4. 2. 5  Velocities  are  a  Special  Case 

Note  that  thus  far  velocity  has  not  been  mentioned  -  it  is 
a  special  case  application  of  vector  derivatives.  The  velocity  of  a  particle 
relative  to  a  reference  is  the  derivative,  as  seen  from  that  reference,  of  a 
position  vector  of  the  particle. 


Figure  1.13 


The  local  (  car  relative)  velocity  of  P  is 
The  absolute  (or  inertial)  velocity  of  P  is 


xyz 


dr 

dt 


xyz 


It  is  not  convenient  to  use  r  (where  is  the  center  of  inertial  space?) 
But  we  note  that 


Hence 


r  =  R  +  p 


v  = 
abs  dt 


dR 

dt 


^  + 


•xyz  'xyz 

We  then  apply  the  FI PST  TOOL 


0  =4 

abs  dt 


XYZ 


+  *> 
dt 


'  xyz 


dp 

dt 


XYZ 


+  to  X  p 


(1.23) 

(1.24) 

(1.25) 


velocity 
of  eg 

(Translation) 


local  velocity  due  to 

velocity  rotation  of  aircraft 
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1.4.3  Angular  Maantua  of  a  Rigid  Body 


Linear  Mcmentur. 


LINEAR  MOMENTUH-aa 


Figure  1.14 


ANGULAR  MaogtM  (or  Marent^f-ManantiBn) 


REFERENCE^ 


/ 

/ 


M 


VELOCITY  U  IN  RESPECT 
TO  THE  SPECIFIED  REFERENCE 


> 


ANGULAR  MOMEHTUMssmtl 


PERPENDICULAR 
^  DISTANCE 


figure  1.15 

Three  types  of  references  may  be  used: 

1.  A  point  fixed  in  inertial  space. 

2.  A  point  at  the  eg  of  a  system  of  particles. 

3.  A  point  accelerating  toward  the  eg. 

The  use  of  vector  cross  products  greatly  facilitates  the  expression 
of  angular  numentun. 


M 


figure  1.16 


H  *  m  [p  X  u]  (1.26) 
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We  will  now  extend  this  vector  definition  to  a  rigid  body  which  can  be  thought  of  as 


(1.27) 


where  a  is  the  velocity  with  respect  to  the  eg. 


-*■  a? 

ui  =  dt 

• 

XYZ 

(i.e., 

with  respect  to  a  moving  Earth 

Axis  System  at  the  eg)  '  *  ' 

We  are  free,  however,  to  EXPRESS 

ALL  VECTORS  in  terms  of  the  small  Body  Axis 

System,  i.e.. 

-►  -► 

-► 

-► 

H  -  V 

+  V 

+  H  k 
z 

• 

+  ■+ 

■* 

Pi  =  x±i 

+ 

+  zdc 

• 

The  First  Tool  is  perfect  for  the  job  of  converting  Equation  (1.28)  to  the  Body  Axis 
System,  although  another  method  is  shown  for  ccrrpariscn. 


USING  THE  FI PST  TOOL 

Zero,  rigid  body 


do 


xyz 


+  w  X  pjL 


USING  VECTOR  DERIVATIVE  (EQUATION  1.17) 


“x  “'Ml  1  » 

^•Zero. 

-*■  v*  -*• 

a  =\  +  w 

'  7airr\ 


X  p 

Zero,  no  growth,  rigid  body 


Also  Q  = 


Zero,  no  internal  rotation 


=  u>  X 


(1.29) 
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Substituting  Equation  (1.29)  into  Equation  (1..27)  gives 


H  =  E  ^  X  (us  X  p-H  , 


where 

-+ 

pi 

■+ 

0) 


and 


w  X  p. 


a  scalar 

■t  4  4 

xii  +  yij  +  zik 
pi  +  qj  +  rk 


i  j  k 
p  q  r 


xi  yi2i 


DROPPING  THE  SUBSCRIPTS  and  expanding: 

+  +  + 
w  X  p  =  ((qz  -  ry)i  +  (rx  -  pz)  j  +  (py  -  qx)k) 

Equation  (1.30  becomes: 


H  =  £  m 


Hence  the  conponents  of  H  are: 


i  3 

x  y 

(qz-ry)  (rx-pz) 


(py-qx) 


Hv  =  £  ny(py-qx)  -  £  mz (rx-pz)  , 


=  £  mz  (qz-ry)  -  £  tro  (py-qx) 


Hz  =  £  mx (rx-pz)  -  £  ny  (qz-ry) 
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(1.30) 


(1.31) 

(1.32) 

(1.33) 


1.21 


Jtearranging  Equations  (1.31), 


(1.32)  and  (1.33)  gives 


2  2 

p  E  m(y  +  z  )  -  q 
q  E  m(z2  +  x2)  -  r 
r  E  mfx2  +  y2)  -  p 

Define  M3MEMTS  OF  INERTIA: 

Ix  =  E  m(y2  +  z2)  . 

1^  =  E  m(x2  +  z2)  . 

I  =  E  m(x2  +  y2)  . 

z 

These  are  a  measure  of  resistance 
to  rotation  -  they  are  never  zero 


E  racy  -  r  E  mxz  , 

(1.34) 

E  nyz  -  p  E  mxy  , 

(1.35) 

E  mxz  -  q  E  nyz 

(1.36) 

Figure  1.18 


«x  = 
- 


Define  PRODUCTS  OF  INERTIA: 


!xy  =  Emxy. 


yz 


E  nyz  . 


I  =  E  mxz  . 
xz 

These  are  a  measure  of  symmetry. 
They  are  zero  for  views  having  a 
line  of  symmetry. 


Figure  1.19 


The  Angular  Momentum  of  a  rigid  body  is  therefore: 

H  =  Hi  +  +  Hzk  ,  (1.37) 

So  that 


Hx 

=  pi  - 
L  X 

ql 
*  xy 

-  rIxz  ' 

(1.38) 

H 

y 

=  qiy  - 

rl 

yz 

-  PJxy  ' 

(1.39) 

Hz 

=  rIz  “ 

PJxz 

qIyz  ' 

(1.40) 

185 


1.21 


i  n 


Figure  120 

Hie  angular  morrentum  of  a  syimetxic  aircraft  there f ere  siirplifies  to 
_  THE  SEOCND  TOOL  _ 

-*■  -y  -*■ 

H  =  (pl„  -  rl — )i  +  qlj  +  (rlz  -  pl^Jk 


We  have  now  obtained  the  two  tools  necessary  to  derive  the  equations 
of  notion  from  Newton's  second  law. 


1.4.5  Derivation  of  the  Three 


Starting  with  Newton's  Second  Law 


a  -  §L 
G  "  dt 


(1.42) 


we  apply  the  FIRST  TOOL 


p  _  dH 

G  "  dt 


+  u  X  H 


(1.43) 


and  utilize  the  "easy  form"  of  vector  derivatives,  Equation  (1.20)  to  get 


j  k 


G  =  Hi  +  H  j  +  H  k  +  p  q 
x  yJ  z  r  m 


(1.44) 


H  H  H 
x  y  z 


We  next  utilize  the  SECCND  TOOL: 

H  =  (PIx  -  rl^)!  4  (qIy)  j  +  (rlz  -  pl^k  ,  (1.45) 

and  note  that  the  Moments  and  Products  of  Inertia  are  constant  with  respect 
to  the  body  axis  system. 


G=  (PIx'rIxz)i  +  (qIy)j  +  {rIz"pIxe)k+ 


(1.46) 


(pIx“rlxz)  (qIy)  ^V^xz* 


Finally  we  equate  vector  cortpcnents,  obtaining  the  the  three  rotational  equations: 


■  P1-  +  qI,I2  -  V  -  Ir  +  PJ)IKZ 


(1.47) 


Gy  »  qly  -  prd2  -  y  4  <P2  -  r2)Ixz 


Gz  =  *  m(iy  -  y  ♦  (qr  -  p)y 


(1.48) 


(1.49) 


1.23 


1.4.6  Derivation  of  the  Three  Linear  Equations 
Starting  with  Newton' s  Second  Law 


F  = 


<2(mVT) 

dt 


XYZ 


(1.50) 


We  assume  the  mass  is  constant 


F  =  m 


dV, 

dt 


xyz 


(1.51) 


and  apply  the  FIRST  TOOL 


“  -*• 

-* 

F  =  m 

1 

dt 

+  u  X  V 
xyz 

(1.52) 


Next  we  utilize  the  "easy  form"  of  vector  derivatives,  Equation  (1.20)  to 


F  =  m 

ui  +  vj  +  wk  + 

i  j  k 

p  q  r 

1 

U  V  w 

(1.53) 


Finally  we  equate 

F 

-  m(u 

X 

F 

-  m(v 

y 

and 

F 

z 

• 

=  m(w 

vector  ccnpcnents  to  obtain  the  three  linear  equations: 


qw  - 

rv) 

f 

(1.54) 

ru  - 

pw) 

t 

a.55) 

PV  - 

qu) 

• 

(1.56) 
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1.5.0  RESTRICTIONS  AND  SIMPLIFICATIONS 


1.5.1  RESTRICTIONS 

Ihfe  aircraft  aquations  of  motion  (Equations  1.8  through  1.13)  are 
quite  general;  only  four  restrictions  apply. 


1.5. 1.1  Rigid  Body  -  Aeroelastic  effects  must  be  considered 


separately. 


1.5. 1.2  Earth  and  atmosphere  must  be  assumed  fixed  -  Allows  use  of 
Moving  Earth  Axis  System  as’ an  "inertial  reference" ,  and  true  airspeed  as  absolute 
velocity.  (Changes  in  are  of  more  interest  than  the  actual  magnitude  of  . 

1.5. 1.3  Constant  Mass  -  Most  motion  of  interest  in  stability  and  con¬ 
trol  takes  place  in  a  relatively  short  tire. 

1.5. 1.4  The  x  z  plane  must  be  a  plane  of  symmetry  -  This  restriction 
applies  to  the  RHS  of  the  equations  only  (sh^pe  and  -iass  distribution) ;  it  does  not 
preclude  unbalanced  forcing  functions  (F  or  G  cn  the  IHS)  such  as  asymretric  thrust. 
If  necessary,  this  restriction  can  be  easily  removed  by  deriving  the  equations 
using  the  oatplete  expression  for  angular  momentum  (Equations  1.38,  1.39  and  1.40) 
instead  of  the  "Second  Tool. "  An  indication  of  the  extent  of  sinplificaticn  that 
results  from  this  fourth  restriction  is  given  below  for  the  pitch  equation: 

G  =  q  I  -  pr  (I  -  I  )  +  (p2  -  r2)  I 

^symmetric  Y  z  x 

aircraft 

•  • 

G  =  G  +  (pq  -  r)I  -  (p  +  qr)  I 

^general  ^symnetric  ^ 

rigid  aircraft 

body 


1.5.2  TEH-mOLDGY 

1.5.2. 1  St 
steady  with  time. 


Light:  Fliglit  in  which  the  existing  motion  remains 


1.5. 2.1  Symmetric  Flight: 


Flight  in  which  the  vehicle  plane  of  symmetry  remains  fixed 


v  =  0  p  =  r=  0 


(8  =  0)  (<t>  and  =  0) 


iso 


Flight  in  which  the  vehicle  plane  of  syimetxy  does  not  ntrain 

fixed  in  space. 

v  f  0  p  and/or  r  /  0 

(6^0)  ($  and/or  i  /  0) 

1.5.2  SOME  SPECIAL-CASK  VEHICLE  MOTIONS 


LNACCELERATEL  FUCflT: 

(Also  called  straight  f light  or  equilibrium  f  light) . 

F  =  0  F  =  0  F  =  0 

x  y  z 

Hence  the  og  travels  a  straight  path  at  constant  speed. 

Note  that  equilibrium  does  net  mean  steady  state.  For  exanple, 

=  m  (u  +  qw  -  rv)  =  0 

could  be  maintained  zero  by  fluctuation  of  the  three  terms  cn 
the  right  in  an  unsteady  manner.  In  practice,  however,  it  is 
difficult  to  predict  that  nen-s beady  motion  will  remain 
unaccelerated  and  hence  the  straight  motions  most  often  discussed 
are  also  steady  state. 


1.21 


ISO 


yrCTBKfilED  ELIOTT: 
(Non-equilibrium  flight) 


Cne  or  moi?  of  the  linear  equations  is  not  zero,  henae  the 
og  is  not  travelling  a  straight  path.  Again  the  steady  cases 
are  of  most  interest. 


STEADY  TURNS: 

SYMMETRICAL  PULL  UP: 

An  unbalanced  horizontal  force  results 

Here  an  u'lalanaed  z  force  is 

in  the  og  being  constantly  deflected 

constantly  deflecting  the  eg 

inward  toward  the  center  of  a  curved 

upward. 

path.  This  results  in  a  constantly 

• 

changing  yaw  angle  .  By  the  Euler 
angle  transform, 

q  =  e  , 

F  ^mqw  , 

p  =  -i/6  (assumes  small  6) 

and 

q  =  sin  4>  cos  6  =  i  sin  $ 

Fz  ~  -mqu 

r  =  i/  COS  *  COG  0  =  i  COS  (J| 

This  is  a  quasi-steady  motion 

and  henoe 

since  u  and  w  cannot  long 

remain  zero. 

Fy  =  m  (i  cos  <j>)u  , 

F  =  -m  (i  sin  4>)u  .  (Assumes  Je 
is  very  very 

snail) 

Includes  moderate  climbs  and  descents . 

1.6.0  PREPARATION  FOR  EXPANSION  OF  THE  LEFT  HMD  SIDE 

We  have  seen  that  the  Equations  of  Motion  relate  the  vehicle  motion  to  the 
applied  forces  and  moments. 


etc. 
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The  ri^it  hand  side  (FHS)  of  each  of  these  six  equations  has  been  completely  expanded 
in  terns  of  easily  measured  quantities.  We  must  now  likewise  expand  the  left  hand 
side  (LHS)  in  terms  of  convenient  variables,  to  include  Stability  Parameters  and 
Derivatives.  Before  this  can  be  accomplished,  however,  the  following  topics  must 
be  discussed  and  understood.  (1.61  through  1.63) 

1.6.1  Initial  Breakdown  of  the  LHS 

In  general  the  applied  forces  and  moments  can  be  broken  up  according 
to  source  as  shown  below. 


SOURCE 

Aero¬ 

dynamic 

Direct 

Thrust 

Gravity 

Gyro¬ 

scopic 

Other 

F 

X 

X 

X 

g 

0 

X 

oth 

F 

z 

z 

S 

z 

g 

0 

Zoth 

% 

0 

M 

gyro 

Moth 

ry 

Y 

yt 

Y 

g 

0 

Yoth 

Gx 

t 

0 

Lgyro 

Loth 

Gz 

n 

0 

Ngyro 

Noth 

mu  + - 

(1.57) 

nw  +  -  — 

(1.58) 

v  -  -  - 

(1.59) 

mv  + - 

(1.60) 

pi  + - 

v  X 

(1.61) 

rl  + - 

z 

(1.62) 

Gravity  Forces:  These  vary  with  orientation  of  the  weight  vector. 


X  =  -mg  sin  6  Y  =  mg  cos  9  sin  $ 
g  g 


Z  =  mg  oose  cos  4> 

g 


Gyroscopic  Moments;  These  occur  as  a  result  of  large  rotating  masses  such  as 
engines  and  props. 

Direct  Thrust  Forces  and  Moments;  Ihese  terms  include  the  effect  of  the 
thrust  vector  itself  -  they  usually  do  not  include  the  indirect  or  induced 
effects  of  jet  flow  or  running  propellers. 

Aerodynamic  Forces  and  Moments:  These  will  be  further  expanded  into 
Stability  Parameters  and  Derivatives . 


Other  Sources:  These  include  spin  chutes,  reaction  controls,  etc. 


l.a 
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1.6.2  Choice  of  Axis  System 

The  derivation  cf  the  Equations  of  Motion  made  use  of  a  body  axis 
system.  As  discussed  earlier,  there  are  several  different  types,  e.g. ,  the  General 
Body  Axis  System  ("Body  Axes")  and  the  Stability  Axis  System.  It  will  be  convenient 
for  us  to  continue  to  think  of  the  RIS  in  terms  Of  the  "Booty  Axes"  but  to  expand 
the  aerodynamic  forces  and  moments  cn  the  LHS  in  terms  of  the  Stability  Axis 
System. 


i 


BOTH  AXES  ARE  RIGIDLY  ATTACHED  TO  THE  AIRCRAFT 


USE  STABILITY  AXES  ON  LHS 


USE  BODY  AXES  ON  RHS 


FACILITATES  EXPANSION  OF  THE  lx,  ly,  etc  REMAIN  CONSTANT 

AERODYNAMIC  FORCES  AND  MOMENTS  P,  1.  »  CAN  BE  MEASURED  BY 

RIGIDLY  MOUNTED  GYROS 


Figure  i.21 

Fortunately  this  seemingly  irresponsible  procedure  can  be  utilized  without 
loss  or  sacrifice,  for  the  following  reasons: 

1.  Any  quantity  in  one  system  can  be  easily  expressed  in  the  other 
by  means  of  a  trigonometric  transform  involving  c^. 

For  exaitple: 

-  X  =  Decs  a  -  L  sin  «• 
o  u 

Numerical  analyses  can  be  made  completely  accurate  in  this 
rrenner,  particularly  if  a  computer  is  used. 


VJ3 


1.21 


2 


.  The  actual  errors  resulting  frcra  use  of  the  different  systems 
are  \sually  small  enough  to  allow  them  to  be  disregarded  in 
discussions  of  stability  and  control.  In  other  words,  we  can 
frequently” accept  the  following  approximation  . 


stab 


Pstab  *y 


stab 


At  this  point,  and  for  the  reminder  of  the  discussion,  we  will 
utilize  the  stability  axis  system  on  the  US  and  assume  proper 
allowance  has  been  made  on  the  FHS. 

The  equations,  which  of  course  retain  the  same  form,  are  now  as 
shown  below. 


’DRAG” 

-D 

+ 

*r 

+ 

x  + 
g 

Xoth 

s 

mu 

+ - 

(1.63) 

'LIFT" 

-L 

+ 

ZT 

+ 

z  + 
q 

Zoth 

= 

mw 

+ - 

(1.64) 

'PITCH” 

K 

+ 

+ 

M 

gyro 

+  Moth 

m 

+  ---- 

(1.65) 

'SIDE" 

Y 

+ 

yt 

+ 

Y  + 

g 

Yoth 

- 

nv 

+ - 

(1.66) 

'BOLL" 

£ 

+ 

+ 

L 

gyro 

+  Loth 

= 

K 

+ - 

(1.67) 

'YAW" 

n 

+ 

+ 

N 

gyro 

+  Noth 

= 

+ - 

(1.68) 

1.6.3  The  Small  Disturbance  Assumption: 

The  aerodynamic  forces  and  mcments  are  primarily  a  function  of  the 
following  variables: 

1.  Tenperature  and  altitude 

Accounted  for  by  p,  M,  Re  . 

Angular  Velocities 

Accounted  for  by  p,  q,  r  . 

3.  Control  Deflections 

Accounted  for  by  6  ,  5  ,  6  . 

6  a  r 


1.S0 
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.  Position  and  Magnitude  of  the  Relative  Wind 


Accounted  for  by  the  components  u,  v,  w  of  true  velocity,  or 
alternately,  by: 


u, 


6  * 


v 


significant. 


In  general,  the  tine  derivatives  of  these  variables  could  also  be 
In  other  words: 


D  -v 


L 


Are  a 
Function 
of 


VARIABLE 

1st  DERIVATIVE 

HIGHER  ORDER  TEFMS 

•  •  • 

M 

u  a  6 

u  a  0 

u - 

p  q  r 

• 

p  -  - 

•  • 

p - 

6  6  6 

6  -  - 

ear 

e 

vpMS  ■>  assumed  constant 
e 


Ihis  rather  formidible  list  can  be  reduced  to  workable  proportions  by 
making  the  assumption  that  the  vehicle  motion  will  consist  only  of  small  deviations 
from  some  initial  reference  condition.  Fortunately,  this  small-disturbanoe 
assumption  applies  to  many  cases  of  practical  interest,  and,  as  a  bonus,  stability 
parameters  and  derivatives  derived  under  this  assumption  continue  to  give  good 
results  for  motions  somewhat  larger. 

The  variables  are  considered  to  consist  of  seme  initial  value  plus  an 
incremental  change,  called  the  "perturbated  value."  The  notation  for  these  pertur- 
bated  values  is  sometimes  lower  case  and  sometimes  lower  case  with  a  bar. 

P  =  PQ  +  P-  P  =  PQ  +  P  • 

U  =  U  +  u  .  u  =  u  +  u  . 

o  o 

It  has  been  found  from  experience  that  when  operating  under  the  small 
disturbance  assumption  the  vehicle  motion  can  be  thought  of  as  two  independent 
motions  each  of  which  is  a  function  only  of  the  variables  shown  below. 

IX3NGITUDINAL  M3TICN: 

(D,  L,^)  =  f  (U,  a,  «,  Q,  60)  .  (1.69) 
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LKTERAL-DiRECTICNAL  M3T1CN: 

(¥/  •£»  7?)  =  g  (a,  0,  P»  Rf  «A»  «J  .  '1.70) 

a  i 


1.7.0  EXPANSION  OF  IKE  AERODYNA1-HC  FORCES  AND  MCMEKTS: 

1.7.1  Initial  Perditions . 

It  will  be  assured  that  the  metier  consists  of  small  perturbations 
about  some  initial  oenditien  of  steady  straight  syimetrical  flight.  Fran  this  and 
the  definition  of  stability  axes,  the  following  can  be  stated: 


V.  =  U  =  constant 
t  o 


o< 

II 

O 

T» 

O 

II 

0 

o* 

II 

ii 

o° 

o 

constant 

!! 

0° 

Q  =  R  =  0  . 

o  o 

(p,  M,  R  , 

aircraft  )  ■ 

constant 

e 

configuration. 

Normalization  of 

the  Equations. 

To  obtain  the:  stability  derivatives  and  parameters  most  carmen iy 
used  throughout  the  industry,  the  equations  are  "normalized"  to  arrange  the  first 
term  on  the  RHS  into  a  convenient  form. 


NORMALIZING  FIRST  TERM  IS  NOW  . 


EQUATION 

FACTOR 

PURE  ACCEL  OR 

ct  B 

UNITS 

"DRAG" 

1 

m 

-§♦ 

S— - 

m 

= 

U  + - 

(1.71) 

sec 

"LIFT" 

1 

mLL 

-hr* 

mu 

3K 

SL+  — 
u 

[Eg] 

sec 

(1.72) 

o 

o 

o 

o 

"PITCH" 

1 

I 

= 

q  + - 

l2tl 

(1.73) 

y 

y 

y 

sec 

"SIDE" 

l 

mU 

k* 

mu 

S 

5-- 

[2§] 

sec 

(1.74) 

o 

o 

o 

"ROLL" 

1 

I 

r  + 

= 

p  +  — 

|S3jj 

(1.75) 

X 

X 

X 

sec 

"YAW" 

1 

:Z 

?*— 

z 

= 

• 

r  +  — 

|2%] 

sec 

(1.76) 
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1.7.3  PTfiFTT-TTY  PARGETS  PS  FROM  TAYLOR'S  EXPANSION: 

RS  previously  noted,  the  longitudinal  notion  can  be  assured  to  be  a 
function  of  five  variables,  U,  a,  a,  Q,  6.  The  normalized  aerodynamic  forces  and 
norents  can  therefore  be  expressed  by  a  Taylor's  expansion. 


But  we  have  decided  to  express  the  variables  as  the  sum  of  an  initial  value  plus  a 
small  perturbated  value 

U  =  U  +  u  where  u  =  U  ~  UD  *  (1*78) 


(1.79) 

(1.30) 

(1.81) 
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2  2 

Dropping  higher  order  terms  involving  u  ,  q  ,  etc.,  Equation  (1.77)  now  becomes 


rL0  1  3L  1  !L  ,  1  3L*  .  1  Ml  ,  1  3L  .  rradi  n  ooi 

i sr  f  sr  3^  +  isr 7^  sr ^  +  Hrir6e  te1  (1*82) 

o  3a  o  ^  oe 


Hi 


The  indicated  quantities  are  defined  as  STABILITY  PARAMETERS 


AT, 

— —  =  L  u  +  L  a  +  L*o  +  L  q  +  L,  6 
rriU  u  a  a  q^1  6  e 

o  e 


igi 

sec 


(1.83) 


Stability  parameters  have  various  dimensions  depending  on  whether  they  are 
multiplied  by  a  linear  velocity,  an  angle,  or  an  angular  rate. 


VTEi  u  <=c>  ■  Ijil  •  L.  lifel  •  Ml  -  1^1  ' 


L*  [none]  a  [jg]  =  [2*] 
a  lsec  sec 

Hie  lateral-directional  notion  is  a  function  of  6,  B,  P,  R,  6  ,  6  ,  and  can  be 
handled  in  a  similar  manner.  For  exanple,  the  normalized  aerraynSmic  rolling 
moment  becomes: 


¥  =  K*  +  +  -<  [-4]  » 


6v 

a 
a 


'6  “r  1  2J 
r  sec 


(1.84) 


where 


=  _1  2*  r  1  ,1 

I  3B  2 
x  sec 


etc. 


These  stability  parameters  are  sometimes  called  "Dimensional  derivatives"  but  we 
will  reserve  the  word  "derivative"  to  indicate  the  non-dimensional  form  which  can 
be  obtained  by  rearrangement,  as  shown  on  the  following  pages. 
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1.7.4  Stability  Derivatives 


The  Stability  Parameters  can  be  rearranged  into  a  form  that  includes 
the  non-dimensional  stability  Derivatives.  The  process  is  best  illustrated  by 
example. 

EXfiMPIE  1.  Rearrange  the  parameter  M  to  include  the  derivative  C  . 
-  q  m a 

PROCEDURE.  Mentally  start  with  the  normalized  pitch  equation: 


=  Mu  +  Mci  +  M-a  +  Mq  +  M.6 
I  u  a  a  o  e 

y  ^  e 


,  [2S,I 

sec 


(1.85) 


then  write  the  desired  parameter  in  general  form 


M  -  i_  ™ 

Mq  ‘  \  Sq  ' 


(1.86) 


1  2 

Substitute  the  coefficient  form,  M  =  j  pUQ  S  c  to  get 


Mq  -  ^  Iq'l  »"o2s!=Cm» 


(1.87) 


Excract  the  constants,  i.e. ,  those  variables  that  are  not  dependent  on  q: 


PU  2  Sc  f  3C  . 

M  =  -2- _  . _ 5?  I 

Mq  21  «  3q  ^ 


this  has  m[dim'less]  =  .  .  m 

dimensions  3q [rad/sec]  1  *  ' 


There  exist  certain  predetermined  "compensating  factors"  which  are  shown  later. 
For  this  case  the  compensating  factor  is 


C  [ft] 

2Uq  [ft/sec] 
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Applying  the  oaipensating  factor 


M  = 

q 


pud  sc 
21 


^2Uc 

&2UC 


''  V 

'  3q  j ' 


(1.89) 


Ihe  circled  quantity  is  rearranged  and  defined  as  the  Stability  Derivative  C  . 

V  -  ‘‘TS^L,  -  tt.9W 

■J  J  'Sff 1  fa/sec  1 


Hence 


pU  S  c 

M  =  - -  C 

q  4  1  m 

y  q 


L  Derivative  is  dimension  less 
Constants 


Parameter  has  dimensions,  [ - 1 

sec 


(1.91) 


Both  the  Derivative  and  the  Parameter  describe  the  variation  of  the  aerodynamic 
pitching  moment  with  pitch  rate,  i.e.,  "pit*  danping." 

Additional  stability  notation  has  now  appeared: 

ANGULAR  RATES  NOJ-DIMENSICKAL  ANGULAR  RATES 


P  = 

q  = 

r  = 

6  = 

a  = 


rad 

sec 

rad 

sec 

rad 

sec 

rad 

sec 

rad 

ESC 


A 

P 


A 

q 


A 

r 


A 

6 

A 

a 


!^y-  dimensionless 


rb 

2uc 

6b 

2U„ 


ac 


(1.92) 


■i  '» 
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These  ncn-dimensianal  angular  rates  are  used  in  conjunction  with  the  Stability 
Derivatives 

4  A  A, 

C£  =  Cj  +  Co  6  +  C/.6  +  C/P  V  C^r  +C/  i  +C;  i  .  (1.93) 

o  8  6  '  p  r  6  a  6  r 

a  r 


EXAMPLE  2.  Rearrange  the  pararteter  M  ,  to  include  the  derivative  C  . 

-  u  m 

u 

PROCEDURE.  Mai  tally  visualize  the  nonralized  pitch  equation  and  write  the  desired 
parameter  in  general  form 


M  =  L.  iH 

u  Iy  3u 


Substitute  the  coefficient  form 


r,  _  1  3  ,  1  .2 

Lu  "  I  3u  (  2  pU^ 


Sec  ) 

m 


extract  the  constants 

pS  C  3  ,.2  .  pS  C  3U 

M„  =  ~r~  —  (IJ  C_)  =  2~i~  <2u. 


2  Iy  3u 


m 


.  .  C  +  U 
o  3u  m  < 
o 


,  3C 
2  _ m. 

)  3u  ' 


Q. 94) 


(1.95) 


(1.96) 


Rearrange  the  last  term  to  isolate  the  proper  ccnpensating  factor,  in  this  case 


V2 


M  =  .  P  (2U  C 

U  2  1  uo  m 

y  o 


;  u  3c  ' 

+  on  °  ™  1 

2Uo  ',2  3u  > ) 


(1.97) 


this  is  C_ 


m 


Hence 


pUo  S  C 


(C 


m 


+  cm  ) 

"V. 


(1.98) 


:oi 


1.17 


1.7.5  Basic  Factors:  The  stability  student  nust  be  able  to  expand  the 
parameters  indicated  on  this  page.  Memorization  of  the  basic  relationships  shown 
will  allow  this  to  be  accomplished  by  the  procedure  illustrated  above. 


EQUATION 

I 

COEFFICIENT 

Drag 

D  =  I  plj2  S  % 

Lift 

Pitch 

4  du2  s  c  c 
v  ^  m 

NORMALIZING 

FACTOR 


PARAMETERS 


Du  D{  (Da  requires  special  derivation) 
.  ® 

(Da  and  D  are  insignificant) 


L  L*  L  Lx 
u  a  q  6 
^  e 

(L  requires  special  derivation) 


M  M  M*  M  M. 
U  a  a  q  6 


LINEAR  VELOCITY 

ANGIES 

ANGULAR  RATES 

Independent 

Variables 

u 

a  fie 

a  q 

Compensating 

Factors 

Uo 

2 

None 

c 

EQUATION  COEFFICIENT 


Side 


IATERAL-r  ERECTIONAL  MOTION 
NORMALIZING  ! 

FACTOR 


71  -  4  eu2  s  b  c 


Independent 

Variables 


z 


ANGLES 


PARAMETERS 


8  fia  6r 


Y  Y  Y 
B  -B  -p  r  6fl  6r 


a  r 


_  _ d _ r 


ANGULAR  RATES 


6  p 


Compensating 

Factors 
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LONGITUDINAL  STATIC  STABILITY 


•  S.1  DEFINITION  OF  LONGITU¬ 
DINAL  STATIC  STABILITY 

Static  stability  is  the 
reaction  of  a  body  to  a  disturbance 
from  equilibrium.  To  determine  the 
static  stability  of  ?  body,  the 
body  must  be  initially  disturbed 
from  its  equilibrium  state.  If 
when  disturbed  from  equilibrium, 
the  body  returns  to  its  original 
equilibrium  position,  the  body  dis¬ 
plays  positive  static  stability  or 
is  stable.  If  the  body  remains  in 
the  disturbed  position,  the  body 
is  said  to  be  neutrally  stable. 
However,  should  the  body,  when  dis¬ 
turbed,  continue  to  displace  from 
equilibrium,  the  body  has  negative 
static  stability  or  is  unstable. 

Longitudinal  static  stability 
or  "gust  stability"  of  an  aircraft 
is  determined  similarly.  If  an 
aircraft  in  equilibrium  is  momen¬ 
tarily  disturbed  by  a  vertical  gust, 
the  resulting  change  in  angle  of 
attack  causes  changes  in  lift  co¬ 
efficients  on  the  aircraft.  (Ve¬ 
locity  is  constant  for  this  time 
period.)  The  changes  in  lift 
coefficients  produce  additional 
aerodynamic  forces  and  moments  in 
this  disturbed  position.  If  the 
aerodynamic  forces  and  moments 
created  tend  to  return  the  air¬ 
craft  to  its  original  undisturbed 
condition,  the  aircraft  possessses 
positive  static  stability  or  is 
stable.  Should  the  aircraft  re¬ 
main  in  the  disturbed  position,  it 
possesses  neutral  stability.  If  the 
forces  and  moments  cause  the  air¬ 
craft  to  diverge  further  from 
equilibrium,  the  aircraft  possesses 
negative  longitudinal  static  sta¬ 
bility  or  is  unstable. 


•  S.S  ANALYSIS  OF  LONGITU¬ 
DINAL  STATIC  STABILITY 

Longitudinal  static  stability 
is  only  a  special  case  for  the 
total  equations  of  motion  of  an 
aircraft.  Of  the  six  equations  of 
motion,  longitudinal  static  sta¬ 
bility  is  concerned  with  only  one, 
the  pitch  equation,  that  equation 
describing  the  aircraft's  motion 
about  the  y  -  axis. 

G  -  ql  -  pr(I  -  I  )  +  (p2  - r2)I  (2.1) 
y  y  v  7  x  r  xz 

The  fact  that  theory  pertains  to 
an  aircraft  in  straight,  steady, 
symmetrical  flight  with  no  unbal¬ 
ance  of  forces  or  moments  permits 
longitudinal  static  stability  motion 
to  be  independent  of  the  lateral  and 
directional  equations  of  motion. 

This  is  not  an  oversimplification 
since  most  aircraft  spend  much  of 
the  flight  under  symmetric  equilib¬ 
rium  conditions.  Furthermore  the 
disturbance  required  for  stability 
determination  and  the  measure  of 
the  aircraft's  response  takes  place 
about  the  y  -  axis  or  in  the  longi¬ 
tudinal  plane. 

Since  longitudinal  static 
stability  is  concerned  with  resul¬ 
tant  aircraft  pitching  moments 
caused  by  momentary  changes  in 
angle  of  attack  and  lift  coeffi¬ 
cients,  the  primary  stability 
derivatives  become  Cma  and  Cmc^* 

The  value  of  either  derivative  is 
a  direct  indication  of  the  longi¬ 
tudinal  static  stability  of  the 
particular  aircraft. 

'.o  determine  an  expression 
for  the  derivative,  an  air- 


r 


2(3 


2.1 


craft  in  stabilized,  equilibrium 
flight  with  horizontal  stabilizer 
control  surface  fixed  will  be 
analyzed.  A  moment  equation  will 
be  determined  from  the  forces  and 
moments  acting  on  the  aircraft. 

Once  this  equation  is  nondimension- 
alized,  in  moment  coefficient  form, 
the  derivative  with  respect  to  Cl 
will  be  taken.  This  differential 
equation  will  be  an  expression  for 
CmcL  an<^  will  relate  directly  to 
the  aircraft's  stability.  Indi¬ 
vidual  term  contribution  to  sta¬ 
bility  will  in  turn  be  analyzed. 

A  flight  test  relationship  for 
determining  the  stability  of  an  air¬ 
craft  will  be  developed  followed’ 
by  analysis  of  the  aircraft  with 
a-  free  control  surface. 

•  2.8  THI  STABILITY  AQUATION 

To  derive  the  longitudinal 
pitching  moment  equation,  refer  to 
the  aircraft  in  figure  2.1.  Writ¬ 
ing  the  moment  equation  using  the 
sign  convention  of  pitchup  being  a 
positive  moment  and  assuming  a 
small  angle  of  attack  o  so  that 
cos  a  ~  1  and  sin  a  s:  a; 


If  an  order  of  magnitude 
check  is  made,  some  of  the  terms 
can  be  logically  eliminated  because 
of  their  relative  size.  Op  can  be 
omitted  since 


10  "  100 

Macij  is  zero  for  a  symmetrical 
airfoil  horizontal  stabilizer 
section.  Rewriting  the  simplified 
equation : 


Mco-sA  +  c.z»-M«  +  “f-Vi 

It  is  convenient  to  express 
equation  2.3  in  nondimensional 
coefficient  form  by  dividing  both 
sides  of  the  equation  by  qwSwcw 


CG 


O  <L> 

w  w 


ac 


q  S  c 

WWW 


^^w  Cw  ^^w  S#  ^^w  S* 


qwSw  %  S^w  S* 


(2.4) 


MCG  -  NwXw  +  Vw  ‘  Mac  +  Mf  -  ¥t  +  -  MaCr  <2-2) 


*> 


CM 


2.2 


Substituting  the  following  coeffi¬ 
cients  in  equation  2.4: 


■  — - -  total  pitching  moment 

mCG  %  wcw  coefficient 


M  wing  aerodynamic 

-  pitching  moment 

coefficient 


fuselage  aerodynamic 
g— c  "  pitching  moment  co- 
**w  w  w  efficient 


N 

CN  »  — —  wing  aerodynamic  nor- 

Vw  mal  force  coefficient 


qTST 


tail  aerodynamic  nor¬ 
mal  force  coefficient 


Cc 


Cw 

q  S 
^w  w 


wing  aerodynamic 
chordwise  force  co¬ 
efficient 


Equation  2.4  may  now  be  written: 


X  Z 

c  «CM—  +  c  —  -  c  +  c 
N  c  c  c  m  m, 

CG  ac  f 


"/t 


(2.5) 


where  C  and  cw  are  used  interchange¬ 
ably  to  represent  the  mean  aerody¬ 
namic  chord  of  the  wing.  To  have 
the  tail  term  in  terms  of  a  coeffi¬ 
cient,  multiply  and  divide  the  term 
by  qTST 


NT^p  qT**T 

qwSwCw  qTST 


Substituting  tail  efficiency  fac¬ 
tor  nT  =  qT/qw  and  designating  tail 

volume  coefficient  VH  =  8,TST/cwSw , 
Equation  (2.5)  becomes: 


+  C, 


-  c 


(2.6) 


Equation  2.6  is  referred  to  as  the 
equilibrium  equation  in  pitch.  If 
the  magnitudes  of  the  individual 
terms  in  the  above  equation  are 
adjusted  to  the  proper  value,  the 
aircraft  may  be  placed  in  equilib¬ 
rium  flight  where  Cm  =  0. 


Taking  the  derivative  of  equa¬ 
tion  2.6  with  respect  to  Cl  and 


assuming  that  Xw 
do  not  vary  with 

,  Zw,  VH,  and 

cL, 

TIT 

dC 

mCG  . 
dCL 

dCN  Xv 
dCL  C 

+  is* 

dCL 

z 

V 

c 

dC 

m 

ac 

dCL 

WING 

dC 

+ 

dCL 

dCNT 

"dCL 

✓  i  - 

Vt 

(2.7) 

FUSELAGE 


TAIL 


Equation  2.7  is  the  stability  equa¬ 
tion  and  is  related  to  the  stability 
derivative  Cma  by  the  slope  of  the 
lift  curve,  a. 


(2.8) 


Equation  2.6  and  equation  2.7 
determine  the  two  criteria  neces¬ 
sary  for  longitudinal  stability: 

1.  The  aircraft  is  balanced. 

2.  The  aircraft  is  stable. 

The  final  condition  is  satis¬ 
fied  if  the  pitching  moment  equa¬ 
tion  may  be  forced  to  Chiqq  =  0  for 
all  useful  positive  values  of  Cl. 
This  condition  is  achieved  by 


trimming  the  aircraft  so  that  mo¬ 
ments  about  the  center  of  gravity 
are  zero  (i.e.,  M^q  =  0). 

The  second  condition  is 
satisfied  if  equation  2.7  or  dC,^^ 

dCL  has  a  negative  value.  From 
figure  2.2  a  negative  value  for 
equation  2.7  is  necessary  if  the 
aircraft  is  to  be  stable.  Should 
a  gust  cause  an  angle  of  attack 
increase  and  a  corresponding  in¬ 
crease  in  Cl,  a  negative  QnCG  should 

be  produced  to  return  the  aircraft 
to  equilibrium,  or  ^CG  =  0.  The 
greater  the  slope  or  the  negative 
value,  the  more  restoring  moment 
is  generated  for  an  increase  in  CL. 
The  slope  or  dC^/dCL  is  a  direct 
measure  of  the  "gust  stability"  of 
the  aircraft. 

FIGURE  2.2 


If  the  aircraft  is  retrimmed 
from  one  angle  of  attack  to  another, 
the  basic  stability  of  the  aircraft 
or  slope  dCm/dCL  does  not.  change. 
Note  figure  2.3. 

FIGURE  2.3 


However,  if  the  eg  is  changed 
or  values  o  f  Xw,  Zw,  and  Vjj  are 
changed,  the  slope  or  stability  of 
the  aircraft  is  changed.  See  equa¬ 
tion  2.7.  For  no  change  in  trim 
tab  setting,  the  stability  curve 
may  shift  as  in  figure  2.4. 

FIGURE  2.4 


S.4  EXAMINATION  OF  THI 
WINO,  FUSILAOI,  AND  TAIL 
CONTRIBUTION  TO  THI 
STABILITY  BQUATION 

The  Wing  Contribution  to 
Stability : 


The  lift  and  drag  are  by  defi¬ 
nition  always  perpendicular  and 
parallel  to  the  relative  wind.  It 
is  therefore  inconvenient  to  use 
these  forces  to  obtain  moments,  for 
their  arms  to  the  center  of  gravity 
vary  with  angle  of  attack.  For 
this  reason,  all  forces  are  re¬ 
solved  into  normal  and  chordwise 
forces  whose  axes  remain  fixed  wi^h 
the  aircraft  and  whose  arms  are 
therefore  constant: 


FIGURE  2.5 
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Making  an  additional  assumption  that 

„  2 


Cn  ~  ^D. 


parasite  it®  e 


and  if 


CDparas^te  is  constant  with  change 
in  Cl: 


Then 


dCD  = 

dCT  it®  e 

Lt 


Assuming  the  wing  lift  to  be 
the  airplane  lift  and  the  argle  of 
attack  of  the  wing  to  be  the  air¬ 
plane's  angle  of  attack,  the  follow¬ 
ing  relationship  exists  between  the 
normal  and  lift  forces  (figure  2.5): 

N  ■  L  cos  o  +  D  sin  a  (2.9) 


If  the  angles  of  attack  are  small 
such  that  cos  a  =  1.0  and  sin  a  «  a, 
equations  2.13  and  2.14  become: 


l  +  CLa 


_2 _ 

tt®  e 


+ 


S 


da 

dCL 


(2.15) 


C  ■  D  cos  a  -  L  sin  a  (2.10) 

dcc 

2  c  -  c_ 

da 

■  ■  ■■■  n 

Therefore,  the  coefficients  are 
similarly  related: 

dS 

:®e  1  S 

_  „  r  da 

dS 

(2.16) 

s 


cos  a  +  Cp  sin  a  (2.11) 


Cc  ■  Cp  cos  a  -  CL  sin  a  (2.12) 


The  stability  contributions,  dC^/dCL 
and  dCc/dCL,  are  obtained: 


is 

dC, 


dCL  .  da 

dCT  cos  a  -  CL  dr  sin  1 

L  L 

dCn 

+  dC^  Sina  +  CDd^  C0S  ° 


(2.13) 


Examining  the  above  equations 
for  relative  magnitude, 

Cd  is  on  the  order  of  0.3 

Cl  usually  ranges  from  .2  to 

2.0 

a  is  small,  ~  .2  radians 

is  nearly  constant  at  .2 
radians 

2 

-=r  is  on  the  order  of  ,1 
irflRe 

Making  these  substitutions,  equa¬ 
tions  2.15  and  2.16  become 


CD  da 

—  cos  a  -  CD  — -  sin  a 

L  L 


dC 


dS 


L  .  „  da 

sin  a  -  cos  a 


(2.14) 


1  -.04  +  .06 

1.02  =  1.0 


(2.17) 


2(7 


2.S 


t- 


dCc 

dc[  “  -1  °L  -  *°12  -  *2  "  *2CL 

-  -  (.2  +  .1  C^)  (2.18) 


By  definition  the  coefficient 
of  moment  about  the  aerodynamic  cen¬ 
ter  is  invariant  with  respect  to 
angle  of  attack.  Therefore, 


d(^ac 

dCL 


-  0 


Rewriting  the  wing  contribution  of 
the  stability  equation  2.7, 


—  -  (.2  +  .1  CT )  —  (2.19) 

c  L  c 


From  figure  2.5  when  a  in¬ 
creases,  the  normal  force  increases 
and  the  chordwise  force  decreases. 
Equation  2. IS  shows  the  relative 
'magnitude  of  these  changes.  The 
position  of  the  eg  above  or  below 
the  aircraft  chord  (a.c.)  has  a 
much  smaller  effect  on  stability 
than  does  the  position  of  the  eg 
ahead  or  behind  the  a.c.  With  the 
eg  ahead  of  the  a.c.,  the  normal 
force  is  stabilizing.  From  equa¬ 
tion  2.19,  the  more  forward  the 
eg  location,  the  more  stable  the 
aircraft.  With  the  eg  below  the 
a.c.f  the  chordwise  force  is  sta¬ 
bilizing  since  this  force  decreases 
as  cl ?.  angle  of  attack  increases. 
The  tu.Lher  the  eg  is  located  below 
the  a.c.,  the  more  stable  the 
aircraft  or  the  more  negative  the 
value  of  dCm/dCL.  The  wing  contri¬ 
bution  to  stability  depends  on  the 
eg  and  a.c.  relationship  shown  in 
figure  2.6. 


FIGURE  2.6 

WING  CONSTRUCTION  TO  STABILITY 
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STABILIZING 


For  a  stable  wing  contribution  to 
stability,  the  aircraft  should  be 
designed  with  a  high  wing  aft  of 
the  center  of  gravity. 


2.1 
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Symmetrical  Wing  Contri¬ 
bution. 


For  controls  fixed,  the  stability 
equation  becomes , 


Fighter  type  aircraft  and 
most  low  wing,  large  aircraft  have 
cg's  very  close  to  the  top  of  the 
mean  aerodynamic  chord.  Zw  is  on 
the  order  of  .03.  For  these  air¬ 
craft,  the  chordwise  force  contri¬ 
bution  to  stability  can  be  neglected. 
The  wing  contribution  then  becomes : 

,  J±  (2.20) 

c 


dC 


dC 


Sjing 


The  Flying  Wing. 


In  order  for  a  flying  wing 
to  be  a  usable  aircraft,  it  must 
be  balanced  (fly  in  equilibrium  at 
a  useful  positive  Cl)  and  be  stable. 
The  problem  may  be  analyzed  as 
follows: 


For  the  wing  in  figure  2.7, 
assuming  that  the  chordwise  force 
acts  through  the  eg,  the  equilibrium 
equation  in  pitch  may  be  written: 


dC 


CG 


dC. 


dC. 


w 

c 


(2.23) 


Equations  2.22  and  2.23  show  that 
the  wing  in  figure  2.7,  is  balanced 
and  unstable.  To  make  the  wing 
stable,  or  dC^/dC^  negative,  the 
center  of  gravity  must  be  ahead  of 
the  wing  aerodynamic  center.  Mak¬ 
ing  this  eg  change,  however,  now 
changes  the  signs  in  equation  2.21. 
The  equilibrium  and  stability  equa¬ 
tions  become: 


cm  (2.24) 


dC 


CG 


dC, 


fN  \ 

dCL  c 


(2.25) 


The  wing  is  now  stable  but  unbal¬ 
anced.  The  balanced  condition  is 
possible  with  a  positive  Cmac. 

Three  methods  of  obtaining 
a  positive  Cm  are: 

aC 

1.  Use  a  negative  camber  air¬ 
foil  section.  The  positive 
Cmac  9ive  a  flying  wing 

that  is  stable  and  balanced 
(figure  2.8). 

FIGURE  2.8 

NEGATIVE  CAMBERED  FLYING  WING 
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This  type  of  wing  is  not  realistic 
because  of  unsatisfactory  dynamic 
characteristics,  small  eg  range, 
and  extremely  low  Cl  capability. 

2.  A  reflexed  airfoil  section 
reduces  the  effect  of  camber 
by  creating  a  download  near 
the  trailing  edge.  Similar 
results  are  possible  with  an 
upward  deflected  flap  on  a 
symmetrical  airfoil. 

3.  A  symmetrical  airfoil  section 
in  combination  with  sweep  and 
wing  tip  washout  (reduction 
in  angle  of  incidence  at  the 
tip)  will  produce  a  positive 
cm  _  bY  virtue  of  the  aero-- 
dynamic  couple  produced  be¬ 
tween  the  down  loaded  tips 
and  the  normal  lifting  force. 


Figure  2.9  shows  idealized 
Cmcg  versus  Cl  for  various  wings 

in  a  control  fixed  position.  Only 
two  of  the  wings  are  capable  of 
sustained  flight. 

The  Fuselage  Contribution  to 

Stability ; 

The  fuselage  contribution  is 
difficult  to  separate  from  the  wing 
terms  because  it  is  strongly  in¬ 
fluenced  by  interference  from  the 
wing  flow  field.  Wind  tunnel  tests 
of  the  wing  body  combination  are 
used  by  airplane  designers  to  obtain 
information  about  the  fuselage  in¬ 
fluence  on  stability. 

A  fuselage  by  itself  is  al¬ 
most  always  destabilizing  because 
the  center  of  pressure  is  usually 


FIGURE  2.9 
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ahead  of  the  center  of  gravity. 

The  magnitude  of  the  destabilizing 
effects  of  the  fuselage  requires 
their  consideration  in  the  equilib¬ 
rium  and  stability  equations. 

dCm 

■37; -  =  Positive  quantity 

dCLpuS 

The  Tail  Contribution  to 

Stability : 

From  equation  2.7,  the  tail 
contribution  to  stability  was  found 
to  be: 


From  figure  2.10, 

°T  “  “w  "  iw  +  iT  "  £  (2.29) 

Substituting  equation  2.29  into 
2.28  and  taking  the  derivative  with 
respect  to  C^,  where  aw  =  dC^/da 


m  T 

dF  “  “  dc7  VHnT  (2.26) 

hail  L 

For  small  angles  of  attack,  the 
lift  curve  slope  of  the  tail  is 
very  nearly  the  same  as  the  slope 
of  the  normal  force  curve  (i.e., 


of  factoring  out  1/a^ 


dC„ 


dC, 


h  (i  _  & 


1  "  da j 


(2.31) 


Substituting  equation  2.31  into 
2.26,  the  expression  for  the  tail 
contribution  becomes, 


aT 


There fore : 


dCN 

d°Taii 


(2.27) 


ST  ”  *1°!  (2.28) 

An  expression  for  aT  in  terms  of  CL 

is  required  before  solving  for 
dCNT/dCL. 

FIGURE  2.10 


TAIL  ANGLE  OF  ATTACK 


(2.32) 

The  value  of  a>r/aw  is  very  nearly 
constant.  These  values  are  usually 
obtained  from  experimental  data. 

The  tail  volume  coefficient, 
Vh,  is  a  term  determined  by  the 
geometry  of  the  aircraft.  To  vary 
this  term  is  to  redesign  the  air¬ 
craft. 


The  further  the  tail  is  located 
aft  of  the  eg  (increase  J.ij>)  or  the 
greater  the  tail  surface  area  (St) , 
the  greater  the  tail  volume  coeffi¬ 
cient  Vfj  which  increases  the  tail 
contribution  to  stability. 
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The  expression,  nT,  is  the 
ratio  of  the  tail  dynamic  pressure 
to  the  wing  dynamic  pressure  and 
n<p  is  greater  than  unity  for  a  prop 
aircraft  and  less  than  unity  for  a 
jet.  For  power-off  considerations, 
nT  a  1.0. 


The  term  (1  -  de/da)  is  an  im¬ 
portant  factor  in  the  stability 
contribution  of  the  tail.  Large 
positive  values  of  de/da  produce 
destabilizing  effects  by  reversing 
the  sign  of  the  term  (1  -  de/da) 
and  consequently,  the  sign  of  dCm/ 


For  example  at  high  angles  of 
attack  the  F-104  experiences  a 
sudden  increase  in  de/da.  The  term 
(1  -  de/da)  goes  negative  causing 
the  entire  tail  contribution  to  be 
positive  or  destabilizing,  causing 
aircraft  pitchup.  The  stability 
of  an  aircraft  is  definitely  in¬ 
fluenced  by  the  wing  vortex  system. 
For  this  reason  the  downwash  varia¬ 
tion  with  angle  of  attack  should 
be  evaluated  in  the  wind  tunnel. 


The  horizontal  stabilizer 
provides  the  necessary  positive 
stability  contribution  (negative 
dCm/dCij)  to  offset  the  negative  sta¬ 
bility  of  the  wing  and  fuselage  com¬ 
bination  and  to  make  the  entire 
aircraft  stable  and  balanced  (figure 
2.11)  . 

FIGURE  2.11 


CONTRIBUTIONS  TO  STABILITY 


The  stability  equation  2.7  may  now 
be  written  as. 


dC 
_ n 

dC. 


w 

c 


1-  f- 

da 


dC 


dC. 


Fus 


*T 

-  T  VH"T 

w 


(2.33a) 


The  Power  Contribution  to 
Stability: 

The  addition  of  a  power  plant 
to  the  aircraft  may  have  a  decided 
effect  on  the  equilibrium  as  well 
as  the  stability  equations.  The 
overall  effect  may  be  quite  compli¬ 
cated.  This  section  will  be  a 
qualitative  discussion  of  the  power 
effects.  The  actual  end  result  as 
to  the  power  effects  on  trim  and 
stability  should  come  from  large 
scale  wind  tunnel  models  or  actual 
flight  test. 

The  power  effects  on  a  pro¬ 
peller-driven  aircraft  which  in¬ 
fluence  the  static  longitudinal 
stability  of  the  aircraft  are: 

1.  Thrust  force  effect  -  effect 
on  stability  from  the  thrust 
force  acting  along  the  pro¬ 
peller  axis. 

2.  Normal  force  effect  -  effect 
on  stability  from  a  force  nor¬ 
mal  to  the  thrust  line  and  in 
the  plane  of  the  propeller. 

3.  Indirect  effects  -  power 
plant  effects  on  the  stability 
contribution  of  other  parts 

of  the  aircraft. 
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FIGURE  2.12 

PROLLER  THRUST  AND  NORMAL  FORCE 


Writing  the  moment  equation  for  the 
power  terms  as : 

/T* 

MCC  ■  «T  +  “p*!  <2-34> 


In  coefficient  form. 


The  direct  power  effect  on  the  air¬ 
craft's  stability  equation  is  then: 


dC 


L 


power 


(2.36) 


The  sign  of  dCm/dCr  then  depends 

power 

on  the  sign  of  the  derivatives  dCw/ 
dCL  and  dOp/dCL .  P 


We  shall  first  consider  the 
dC-p/dCL  derivative.  As  speed  varies 

at  different  flight  conditions, 
throttle  position  is  held  constant. 
Consequently,  C-p  varies  in  a  manner 
that  can  be  represented  by  dC-p/dCL. 
The  coefficient  of  thrust  for  a 
reciprocating  power  plant  varies 
with  Cl  and  propeller  efficiency. 
Propeller  efficiency  which  is  avail¬ 


able  from  propeller  performance 
estimates  in  manufacturer's  data, 
decreases  with  increase  in  velocity. 
Coefficient  of  thrust  variation  with 
Cl  is  nonlinear  with  the  derivative 
large  at  low  speeds.  The  combina¬ 
tion  of  these  two  variations  approx¬ 
imately  linearize  C«p  versus  Cl  (fig¬ 
ure  2.13)  .  The  sign  of  dCm/dCL  is 
positive . 

FIGURE  2.13 

COEFFICIENT  OF  THRUST  CURVE  RECIPROCATING 
POWER  PLANT  WITH  PROPELLER 


V. 


The  derivative,  dC^p/dCL,  is 
positive  since  the  normal  propeller 
force  increases  linearly  with  the 
local  angle  of  attack  of  the  pro¬ 
peller  axis,  arj.. 

The  direct  power  effects  are 
then  destabilizing  if  the  eg  is  as 
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shown  in  figure  2.12,  or  where  the 
power  plant  is  ahead  and  below  the 


eg . 

dC 

dC  ZT 

dCN 

m 

T  T 

+  _ P  — i.  (2  37) 

dC 

L 

‘  dCL  c 

dCL  c 

power 

The 

i ndirect 

power  effects 

must  also  be  considered  in  evaluat¬ 
ing  the  overall  stability  contri¬ 
bution  of  the  propeller  power  plant. 
No  attempt  will  be  made  to  deter¬ 
mine  their  quantitative  magnitudes; 
however,  their  general  influence  on 
the  aircraft's  stability  and  trim 
condition  can  be  great. 

1.  Increase  of  Angle  of  Downwash, 

e  ; 

Since  the  normal  force  on  the 
propeller  increases  with  angle  of 
attack  under  powered  flight,  the 
slipstream  is  deflected  downward 
netting  an  increase  downwash  at  the 
tail.  The  downwash  in  the  slip¬ 
stream  will  increase  more  rapidly 
with  angle  of  attack  than  the  down- 
wash  outside  the  slipstream.  The 
derivative  dc/da  has  a  positive  in¬ 
crease  with  power.  The  term  (1  - 
de/da)  in  equation  2.32  is  reduced 
causing  the  tail  trim  contribution 
to  be  less  negative  or  less  stable 
than  the  power-off  situation. 

2.  Increase  of  ht  =  (qT/qw) : 

The  dynamic  pressure,  qT,  of 

the  tail  is  increased  by  the  slip¬ 
stream  and  nT  is  greater  than  unity. 
From  equation  2.32,  the  increase  of 
nT  with  addition  of  a  power  plant 
increases  the  tail  contribution  to 
stability.  However,  if  the  tail  is 
carrying  a  download  at  trim  and  if 
it  should  move  into  a  high  velocity 
region  of  the  slipstream  at  higher 
Cl,  more  of  a  noseup  moment  would 
be  present  as  Cl  increased,  causing 
an  obvious  destablizing  effect. 

Both  slipstream  effects  men¬ 
tioned  above  may  be  reduced  by  lo¬ 


cating  the  horizontal  stabilizer 
high  on  the  tail  and  out  of  the 
slipstream  at  operating  angles  of 
attack. 

Power  Effects  on  Jet  Air¬ 
craft. 

The  magnitude  of  the  power 
effects  on  jet-powered  aircraft 
are  generally  smaller  than  on  pro¬ 
peller-driven  aircraft.  By  assum¬ 
ing  that  jet  engine  thrust  does  not 
change  with  velocity  or  angle  of 
attack,  and  by  assuming  constant 
power  settings,  smaller  power  effects 
would  be  expected  than  with  a  simi¬ 
lar  reciprocating  engine  aircraft. 

There  are  three  major  contri¬ 
butions  of  a  jet  engine  to  the 
equilibrium  static  longitudinal 
stability  of  the  aircraft.  These 
are  the  direct  thrust  effects,  the 
normal  force  effects  at  the  air  duct 
inlet,  and  the  indirect  effect  of 
the  induced  flow  at  the  tail. 

The  thrust  and  normal  force 
contribution  may  be  determined  from 
figure  2.13a. 

FIGURE  2.13a 

TEST  THRUST  AND  NORMAL  FORCE 
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With  the  aircraft  in  unaccelerated 
flight,  the  dynamic  pressure  is  a 
function  of  lift  coefficient. 

W 

q  "  C7S  (2.40) 

1j 

There  fore , 


the  distance  the  inle_  duct  is  ahead 
of  the  center  of  gravity. 

For  a  jet  engine  to  definitely 
contribute  to  positive  longitudinal 
stability,  (dC^/dCL  negative),  the 
jet  engine  would  be  located  above 
and  behind  the  center  of  gravity. 


I 

W  c 


CL  + 


(2.41) 


If  thrust  is  considered  indepen¬ 
dent  of  speed,*  then 


dC 


m 


T  ft 

W  c  dCL  c 


('•••42) 


The  thrust  contribution  to  stability 
then  depends  on  whether  the  thrust 
line  is  above  or  below  the  eg. 
Locating  the  engine  below  the  eg 
causes  a  destablizing  influence, 
and  above  the  eg  a  stabilizing 
influence. 

Thn  normal  force  contribution 
depends  on  the  sign  of  the  deriva¬ 
tive  dCN^/dCi,.  The  normal  force 
Nt  is  created  at  the  air-duct  inlet 
to  the  turbojet  unit.  This  force 
is  created  as  a  result  of  the  momen¬ 
tum  change  of  the  free  stream  which 
bends  to  flow  along  the  duct  axis. 
The  magnitude  of  the  force  is  a 
function  of  the  mass  airflow  rate, 
Wa,  and  the  angle  aT  between  the 
local  flow  at  the  duct  entrance 
and  the  duct  axis. 


With  an  increase  in  a rp,  NT  will  in¬ 
crease,  causing  dCNT/dCL  to  be  posi¬ 
tive.  The  normal  force  ccntribution 
will  be  destabilizing  if  the  inlet 
duct  is  ahead  of  the  center  of 
gravity.  The  magnitude  of  the  de¬ 
stabilizing  moment  will  depend  on 


For  oircraft  which  h ov*  lorge  thrust  voriotlon  with  olrsresd,  th« 
pitching  momant  coefficient  must  be  colculoted  for  different 
values  of  the  aircraft’s  lift  coefficient. 


The  indirect  contribution  of 
the  jet  unit  to  longitudinal  sta¬ 
bility  is  the  effect  of  the  jet 
induced  downwash  at  the  horizontal 
tail.  This  applies  to  the  situation 
where  the  jet  exhaust  passes  under 
or  over  the  horizontal  tail  surface. 
The  jet  exhaust  as  it  discharges 
from  the  tail  pipe  spreads  outward. 
Turbulent  mixing  causes  outer  air 
to  be  drawn  in  towards  the  exhaust 
area.  Downwash  at  the  tail  is  di¬ 
rectly  affected.  With  the  exhaust 
below  the  tail  surface,  the  downwash 
is  increased,  causing  the  tail  term 
to  be  less  stabilizing. 

From  the  above  discussion  it 
can  be  seen  that  several  factors 
are  important  in  deciding  the  power 
effect  on  stability.  Each  aircraft 
must  be  examined  individually.  This 
is  the  reason  that  aircraft  are 
tested  for  stability  in  several  con¬ 
figurations  and  at  different  power 
settings . 

•  2.8  THK  NEUTRAL  POINT 

The  stick-fixed  neutral  po..nt 
is  defined  as  the  center  of  gravity 
position  at  which  the  aircraft  dis¬ 
plays  neutral  stability  or  where 
dCm/dCL  =0. 

The  symbol  h  is  used  for  cen¬ 
ter  of  gravity  position  where, 

XCG 

h  -  — ^  (2.44) 
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The  stability  equation  for  the 
powerless  aircraft  is: 


(2,43) 


dC 


dCL 


Fus 


(2.45) 


Looking  at  the  relationship  between 
eg  and  a.c.  in  figure  2.14, 


The  stick-fixed  static  stability 
is  equal  to  the  distance  between 
the  eg  position  and  the  neutral 
point  in  percent  of  the  mean  aero¬ 
dynamic  chord.  "Static  Margin" 
refers  to  the  same  distance  but 
is  positive  in  sign  for  a  stable 
aircra ft . 


FIGURE  2.14 

eg  AND  A.C.  RELATIONSHIP 


"Static  Margin"  «  hn  -  h  (2.50) 

It  is  the  test  pilot's  responsibil¬ 
ity  to  evaluate  the  aircraft's 
handling  qualities  and  to  detent' ne 
the  acceptable  static  margin  for 
the  aircraft. 

•  8.6  ILKVATOR  POWER 

As  previously  mentioned,  for 
an  aircraft  to  be  a  usable  flying 
machine,  it  must  possess  stability 
and  must  be  capable  of  being  placed 
in  equilibrium  (C,ncg  =  0)  throughout 

the  useful  Cj,  range  (balanced) . 


Substituting  equation  2.46  into 
equation  2.45  and  setting  dCm/dCi, 
equal  to  zero. 


V'T 


dC 


dCL 


Fus 


(2.47) 


Solving  for  h  which  is  hn. 


hh  " 


ac 


dC 


dC, 


Fus 


+  T  Vt 

V 


i-  £ 
da 


(2.48) 


Substituting  equation  2.48  back 
into  equation  2.47,  the  stick- 
fixed  stability  derivative  in  terms 
of  eg  positions  becomes, 


For  trimmed  or  equilibrium 
flight,  QnCg  must  be  zero.  Some 

means  must  be  available  for  balanc¬ 
ing  the  various  terms  in  the  moment 
coefficient  of  equation  2.51-, 


+  C 
m 


ac 


T  C 
in 


£ 


“tV^t 


(2.51) 


Several  possibilities  are  available. 
The  center  of  gravity  could  be 
moved  fore  and  aft  or  up  and  down 
thus  changing  Xw/C  or  Zw/C.  How¬ 
ever,  this  would  not  only  affect 
the  equilibrium  lift  coefficient 
but  would  also  change  the  stability 
dCjn/dCi,  in  the  stability  equation 
2.52.  This  is  undesirable. 


2.14 
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dCN 


X  dC„  Z  dC 

w  +  _ C  _w  _ n 

dC.  c  d(l  c  dC, 


Fus 


~  VHnT 

V 


1  -f 

da 


(2.52) 


The  pitching  moment  coefficient 
about  the  aerodynamic  center  could 
be  changed  by  effectively  changing 
the  camber  of  the  wing  by  using 
trailing  edge  flaps  as  is  done  in 
flying  wing  vehicles.  On  the  con¬ 
ventional  tail-to-the-rear  aircraft, 
trailing  edge  wing  flaps  are  in¬ 
effective  in  trimming  the  pitching 
moment  coefficient  to  zero. 

The  remaining  solution  is  to 
change  the  angle  of  attack  of  the 
horizontal  stabilizer  to  achieve  a 
CmCg  =  0  without  a  change  to  the 

basic  aircraft  stability.  .  The  con¬ 
trol  means  is  either  an  elevator 
on  the  stabilizer  or  an  all  moving 
stabilizer  (called  a  slab) .  The 
slab  is  used  in  most  high  speed  air¬ 
craft  and  is  the  most  powerful  means 
of  longitudinal  control. 

Movement  of  the  slab  or  ele¬ 
vator  changes  the  effective  angle 
of  attack  of  the  horizontal  sta¬ 
bilizer  and,  consequently,  the  lift 
on  the  horizontal  tail.  This  in 
turn  changes  the  moment  about  the 
center  of  gravity  due  to  the  hori¬ 
zontal  tail.  It  is  of  interest  to 
know  the  amount  of  pitching  moment 
change  associated  with  a  degree  of 
elevator  deflection.  This  may  be 
determined  by  differentiating  equa¬ 
tion  2.51  with  respect  to  <5e. 

dCm  daT 

dT"  Cm,  “  aTVHnT  aT~  (2.53) 

e  6  e 

e 

This  change  in  pitching  moment  co¬ 
efficient  with  respect  to  elevator 
deflection  Cm^e  is  referred  to  as 
"elevator  power."  It  indicates  the 
capability  of  the  elevator  in  pro¬ 
ducing  moments  about  the  center  of 
gravity. 


The  term  daT/d6e  in  equation 
2.53  is  termed  elevator  effective¬ 
ness  and  is  given  the  shorthand 
notation  t.  The  elevator  effective¬ 
ness  may  be  considered  as  the  equiva¬ 
lent  change  in  effective  tail  plane 
angle  of  attack  per  unit  change  in 
elevator  deflection.  The  relation¬ 
ship  between  elevator  effectiveness 
t  and  the  effective  angle  of  attack 
of  the  stabilizer  is  seen  in  figure 
2.15. 

FIGURE  2.15 

CHANGE  IN  EFFECTIVE  ANGLE  OF  ATTACK 
WITH  ELEVATOR  DEFLECTION 


As  seen,  elevator  effectiveness  is 
a  design  parameter  and  is  determined 
from  wind  tunnel  tests.  Elevator 
effectiveness  is  a  negative  number 
for  all  tail  to  the  rear  aircraft. 
The  values  range  from  zero  to  the 
limiting  case  of  the  all  moving 
stabilizer  (slab)  where  x  equals 
(-1).  The  tail  angle  of  attack 
would  change  plus  one  degree  for 
every  minus  degree  the  slab  moves. 
For  the  elevator  stabilizer  combina¬ 
tion,  the  elevator  effectiveness  is 
a  function  of  the  ratio  of  overall 
elevator  area  to  the  entire  hori¬ 
zontal  tail  area. 


•  2.7  STABILITY  CURVES 


Figure  2.16  is  a  wind  tunnel 
plot  of  versus  Cl  for  an  aircraft 
tested  under  two  eg  positions  and 
two  elevator  positions. 
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FIGURE  2.16 

eg  AND  S,  VARIATION  ON  STABILITY 


Assuming  the  elevator  effectiveness 
and  the  elevator  power  to  be  con¬ 
stant,  then  equal  elevator  deflec¬ 
tions  produce  equal  moments  about 
the  eg.  Points  A  and  B  represent 
the  same  elevator  deflection  corre¬ 
sponding  to  the  QnCg  needed  to  main¬ 
tain  equilibrium.  The  pilot  selects 
elevator  deflection  of  10  degree... 

In  the  aft  eg  condition,  the  air¬ 
craft  will  fly  in  equilibrium  at 
point  B.  If  the  eg  is  moved  forward 
with  no  change  to  the  elevator  de¬ 
flection,  the  equilibrium  point  is 
now  at  A  or  at  a  new  Cl.  Note  the 
increase  in  the  stability  of  the 
aircraft  (greater  negative  slope 
dCm/ QCl ) . 

If  the  pilot  desires  to  fly 
at  a  lower  Cl  or  at  A  and  not  change 
the  eg,  he  does  so  by  deflecting 
the  elevator  to  5  degrees.  The  sta¬ 
bility  level  of  the  aircraft  has 
not  changed  (same  slope) . 

A  cross  plot  of  figure  2.3 
is  elevator  deflection  versus  CL 
for  Cm  =  0.  This  is  shown  in  fig¬ 
ure  2.17.  The  slopes  of  the  eg 
curves  are  indicative  of  the  air¬ 
craft's  stability. 


FIGURE  2.17 


•  t.B  PLIGHT  TEST 
RELATIONSHIP 

The  stability  equation  2.52 
derived  previously  pertains  to 
theoretical  applications  and  text 
book  solutions.  The  equation  has 
no  use  in  flight  testing.  There 
is  no  aircraft  instrumentation 
which  will  measure  the  change  in 
pitching  moment  coefficient  with 
change  in  lift  coefficient  or  angle 
cf  attack.  Therefore  an  expression 
involving  parameters  easily  measur¬ 
able  in  flight  is  required.  This 
expression  should  relate  directly 
to  the  stick-fixed  longitudinal 
static  stability  dCm/dCL  of  the 
aircraft. 

The  external  moment  acting 
longitudinally  on  an  aircraft  is: 

M  ■  f(o,  a,  q,  V,  6g)  (2.54) 

Assuming  further  that  the  aircraft 
is  in  equilibrium  and  in  unacceler¬ 
ated  flight,  then 

M  "  «e)  (2.55) 
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Therefore, 

AM  _  3M  .  3M 

AM  ■  -r—  Aa  +  — ■ 

3a  36 


C  +  C  6 
“a  m6  e 


where  A  a  =  a  -  aQ  =  a 
A6e  -  ae  _  6g  = 


assuming  aD  =  0 


6~  =  0 


(2.56) 


(2.57) 


IMITATIOI 

rABILITV 


The  degree  of  stability  toler¬ 
able  in  an  aircraft  is  determined 
by  the  physical  limits  of  the  longi¬ 
tudinal  control.  The  elevator  power 
and  amount  of  elevator  deflection 
is  fixed  once  the  aircraft  has  been 
designed.  If  the  relationship  be¬ 
tween  6e  required  to  maintain  the 
aircraft  in  equilibrium  flight  and 
Cl  is  linear,  then  the  elevator 
deflection  required  to  reach  any 
CL  is. 


Zero  Lift 


dcT  CL  <2*61> 

L 


The  elevator  deflection  required 
to  maintain  equilibrium  is, 


C  a 
m 

^  m  _ a 

e  “  ”  C 
m6 

e 


(2.58) 


Taking  the  derivative  of  6e  with 
respect  to  CL, 


_ m  da 

da  dCT 


dCL  (2.59) 
C 

*« 

e 


The  elevator  stop  determines 
the  absolute  limit  of  the  elevator 
deflection  available.  Similarly, 
the  elevator  must  be  capable  of 
bringing  the  aircraft  into  equilib¬ 
rium  at  CLwax. 

Recalling  the  flight  test 
relationship, 


(2.62) 


Substituting  equation  2.62  into 
2.61  and  solving  for  dCm/dCi*. 
corresponding  to  Ci^  x 


In  terms  of  the  static  margin,  the 
flight  test  relationship  is, 


h  -  h 
n 


(2.60) 


Zero  Lift 


'Limit' 


(2.63) 


The  amount  of  elevator  required  to 
fly  at  equilibrium  varies  directly 
as  the  amount  of  static  stick-fixed 
stability  and  inversely  as  the  amount 
of  elevator  power. 


Given  a  maximum  Cl  required  for 
landing  approach,  equation  2.63 
represents  the  maximum  stability 
possible,  or  defines  the  most  for¬ 
ward  eg  movement.  A  eg  forward  of 
this  point  prevents  obtaining  maxi¬ 
mum  Cl  with  limit  elevator. 


CM  O 


If  a  pilot  were  to  maintain 
the  Ci^ax  for  the  approach,  the 

value  of  dCm/dCL  corresponding  to 
this  ClMsx  would  be  satisfactory. 

However,  as  is  the  case,  the  pilot 
desires  additional  Cjj  to  maneuver 
as  in  flaring  the  aircraft.  Addi¬ 
tional  elevator  is  required.  This 
requirement  then  dictates  a  dQn/ 

less  than  the  value  required 

aX 

for  only. 

In  addition  to  maneuvering 
the  aircraft  in  the  landing  flare, 
the  pilot  must  adjust  for  ground 
effect.  The  ground  imposes  a 
boundary  condition  which  affects 
the  downwash  associated  with  the 
lifting  action  of  the  wing.  This 
ground  interference  places  the  hori¬ 
zontal  stabilizer  at  a  reduced 
angle  of  attack.  The  equilibrium 
condition  at  the  desired  Cl  is  dis¬ 
turbed.  To  maintain  the  desired 
Cl,  the  pilot  must  increase  5e  to 
obtain  the  original  tail  angle  of 
attack.  The  maximum  stability  dCm/ 
dCL  must  be  further  reduced  to 
obtain  additional  6e  to  counteract 
the  reduction  in  downwash. 

The  three  conditions  that 
limit  the  amount  of  static  longi¬ 
tudinal  stability  or  most  forward 
eg  position  ares 

a.  The  ability  to  land  at  high 
Cl  in  ground  effect. 

b.  The  ability  to  maneuver  at 
landing  Cl  (flare  capability) . 

c.  The  total  elevator  deflection 
available . 

Figure  2.17A  illustrates  the  limita¬ 
tions  in  dCm/dCLj^. 

•  B.IO  STICK-PItll  STABILITY 

The  name  stick-free  stability 
comes  from  the  era  of  reversible 
control  systems  and  is  that  varia¬ 
tion  related  to  the  longitudinal 
stability  which  an  aircraft  would 
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possess  if  the  longitudinal  control 
surface  were  left  free  to  float  in 
the  slip  stream.  The  control  force 
variation  with  a  change  in  airspeed 
is  a  measure  of  this  stability. 

If  an  airplane  had  an  elevator 
that  would  float  in  the  slip  stream 
when  the  controls  were  free,  then 
the  change  in  the  dynamic  pressure 
pattern  of  the  stabilizer  would 
cause  a  change  in  the  stability 
level  of  the  airplane.  The  change 
in  the  stability  contribution  of  the 
tail  would  be  manifested  by  the  float¬ 
ing  characteristics  of  the  elevator. 
Thus,  the  stick -free  stability  would 
depend  upon  the  elevator  hinge  mo¬ 
ments,  control  friction,  or  any 
device  that  would  affect  the  moment 
of  the  elevator. 

An  airplane  with  am  irrevers¬ 
ible  control  system  has  very  little 
tendency  for  its  elevator  to  float. 

Yet  the  control  forces  presented  to 
the  pilot  during  flight,  even  though 
artificially  produced,  appear  to  be 
the  effects  of  having  a  free  ele¬ 
vator.  If  the  control  feel  system 
can  be  altered  artifically,  then 
the  pilot  will  see  only  good  hand¬ 
ling  qualities  and  be  able  to  fly 


FIGURE  2.17a 
LIMITATIONS  ON  dC/dC, 

m  LMox 
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what  would  normally  be  an  unsatis¬ 
factory  flying  machine. 

Stick-free  stability  can  be 
analyzed  by  considering  the  effect 
of  freeing  the  elevator  of  a  tail- 
to-the-rear  aircraft  with  a  revers¬ 
ible  control  system.  In  this  case 
the  stick  free  stability  would  be 
indicated  by  the  stick  forces  re¬ 
quired  to  maintain  the  airplane  in 
equilibrium  at  some  speed  other 
than  trim. 

The  change  in  stability  due 
to  freezing  the  elevator,  is  a  func¬ 
tion  of  the  floating  characteristics 
of  the  elevator.  The  floating  char¬ 
acteristics  depend  upon  the  ele¬ 
vator  hinge  moments  which  depend 
upon  the  change  in  pressure  distri¬ 
bution  over  the  elevator  associated 
with  changes  in  elevator  deflection 
and  tail  angle  of  attack. 

The  analysis  will  look  at 
the  effect  that  pressure  distri¬ 
bution  has  on  the  elevator  hinge 
moments,  the  floating  character¬ 
istics  of  the  elevator,  and  then 
the  effects  of  freeing  the  elevator. 

For  a  standard  stable  tail  to 
the  rear  airplane,  the  pressure  dis¬ 
tribution  would  produce  a  downward 
load  on  the  tail. 

FIGURE  2.18 


When  the  stabilizer  angle  of  attack 
is  changed  the  pressure  distribution 
is  also  changed. 


FIGURE  2.20 


When  the  pressure  distribution  is 
changed,  the  hinge  moments  are 
changed.  In  order  to  deflect  the 
elevator,  the  pilot  had  to  apply 
a  force  to  the  stick  and  create  a 
moment  on  the  elevator  hinge. 

The  elevator  hinge  moment  the  pilot 
applied  is  now  balanced  by  a  moment 
caused  by  the  pressure  distribution 
on  the  control  surface ,  and  the 
elevator  remains  in  the  deflected 
position . 

The  pilot  normally  pulls  back 
on  the  stick  in  order  to  produce 
a  pitchup  moment  on  the  airplane. 

The  hinge  moment  produced  tends  to 
move  the  control  such  that  a  posi¬ 
tive  moment  on  the  airplane  rer alts. 
Therefore,  the  hinge  moment  is  called 
positive.  The  pilot  applies  a  posi¬ 
tive  moment  to  move  che  elevator. 

The  pressure  distrioutLon  produces 
a  negative  moment  that  opposes  that 
of  the  pilot. 


When  the  elevator  is  deflected  the 
pressure  distribution  is  changed. 


FIGURE  2.19 


A  plot  of  the  pilot's  hinge 
moment  to  deflect  the  elevator 
would  be: 


FIGURE  2.21 
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The  hinge  moment  produced  by  the 
pressure  distribution  would  be  as 
shovn  in  figure  2.22. 


When  the  stabilizer  angle  of  attack 
(a*r)  is  changed,  the  pilot  must 
produce  a  control  force  in  order  to 
keep  the  elevator  from  floating  in 
the  slip  stream. 

Normally  as  the  angle  of 
attack  is  increased  the  elevator 
would  tend  to  float  up  and  the 
pilot  would  have  to  apply  a  negative 
push  force  in  order  to  keep  the 
stick  from  moving. 


The  hinge  moment  produced  by  the 
pressure  distribution  to  float  the 
elevator  would  be  as  shewn  in  fig¬ 
ure  2.24. 


FIGURE  2.24 


H. 


If  we  consider  the  moments 
produced  by  the  pressure  distribu¬ 
tion  on  the  elevator  only,  then  we 
could  analyze  the  floating  char¬ 
acteristics  of  the  elevator. 


The  hinge  moment  produced  by 
the  pilot  to  maintain  trim  deflec¬ 
tion  would  be: 

FIGURE  2.23 


H. 


The  hinge  moments  can  be  put 
in  coefficient  form  in  much  the  same 
manner  as  the  airplane's  aerody¬ 
namic  moments.  The  He  Restore  Slope 
due  to  elevator  deflection  in  co¬ 
efficient  form  would  be: 

«Q» 

-  C  (2.64) 

The  Hepioat  slope  due  to  angle  of 
attack  change  in  coefficient  form 
would  be: 

Float  "  Si  (2.65) 

•  a 

Examining  a  floating  elevator,  it 
is  seen  that  the  total  hinge  moment 
is  a  function  of  elevator  deflec¬ 
tion,  angle  of  attack,  and  mass 
distribution. 
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(2.66) 


H 

e 


*<«e.  aT,  W) 


If  the  elevator  is  held  at  zero 
elevator  deflection  and  zero  angle 
of  attack  there  may  be  some  residual 
aerodynamic  hinge  moment  ChQ .  The 
total  hinge  moment  where  W  =  weight 
of  the  elevator  would  be: 

°»  ■  \  +  +  V«  +  v  « 

(2.67) 


The  weight  effect  is  usually 
eliminated  by  mass  balancing  the 
elevator.  Proper  design  of  a  sym¬ 
metrical  airfoil  will  cause  ChQ  to 
be  negligible. 

When  the  elevator  assumes  its 
equilibrium  position  the  total 
hinge  moments  will  be  zero  and  solv¬ 
ing  for  the  elevator  deflection  at 
this  floating  position. 


6 

®Float 


(2.68) 


The  stability  of  the  aircraft  with 
the  elevator  free  is  going  to  be 
affected  by  this  floating  position. 

If  the  pilot  desires  to  hold 
a  new  angle  of  attack  from  trim,  he 
will  have  to  deflect  the  elevator 
from  this  floating  position  to  the 
position  desired. 

The  floating  position  will 
greatly  affect  the  forces  the  pilot 
is  required  to  use.  If  the  ratio 
Cha/Ch(5  can  be  adjusted,  then  the 
forces  the  pilot  is  required  to  use 
can  be  controlled. 

If  cha/ch6  is  small,  then  the 
elevator  will  not  float  very  far  and 
the  stick-free  stability  character¬ 
istics  will  be  much  the  same  as 
those  with  the  stick-fixed.  But  Chj 
must  be  small  or  the  stick  forces 


\ 

required  to  hold  deflection  will  be 
unreasonable.  The  values  of  Cha  and 
Chj  can  be  controlled  by  aerodynamic 
balance.  Types  of  aerodynamic  bal¬ 
ancing  will  be  covered  in  a  later 


•  *.11  STICK-PUB*  STABILITY 
BQUATIONS 

Stick  free  stability  may  be 
considered  the  summation  of  the 
stick-fixed  stability  and  the  con¬ 
tribution  to  stability  of  freeing 
the  elevator. 


dC 


dC, 


Stick-Free 


dC 


dCT 


Stick -Fixed 


dC 


dC, 


“Freeing  Elevator 
(2.69) 


Solving  first  for  the  effect  to 
stability  of  freeing  the  elevator. 


dC 


m 


dCL 

Free  Elev. 


d6 


e 


(2.70) 


The  stability  contribution  of  the 
free  elevator  depends  upon  the 
elevator  floating  position.  Equa¬ 
tion  2.68  relates  this  position. 


6 

e Float 


(2.71) 
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Substituting 


for  a<j<  from  figure  2.10, 


6 

* Float 


(a 


+  *T  -  0 

(2.72) 


Taking  the  derivative  of  equation 
2.72  with  respect  to  CL, 


Solving  for  dCm/dCLp^  Elev>  in 
equation  2.70  and  substituting  the 
expression  for  elevator  power. 


C-5  ‘  '  VVHnT 


(2.74) 


dC 


L 


Free 

Elevator 


(2.75) 


Substituting  equation  2.75  and  equa¬ 
tion  2.33a  (dCm/dCL^^^^j)  into  equa¬ 
tion  2.69,  the  stick-free  stability 
becomes 


dC 

_ m _ 

dCL 

stick  Free 


dC 


dCL 


Fus 


—  V  n 
a  HnT 
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F  depends  on  the  relative  magnitudes 
of  t  and  the  ratio  of  Cha/Ch6.  An 
elevator  with  only  slight  floating 
tendency  has  a  small  Cha/Ch$  giving 
a  value  of  F  around  unity.  The 
stick  fixed  and  stick  free  stability 
are  practically  the  same.  If  the 
elevator  has  a  large  floating  ten¬ 
dency  (ratio  of  Cha/Chfi  large) ,  the 
stability  contribution  of  the  hori¬ 
zontal  tail  is  reduced  materially 
(dCm/dCLp^g  is  less  negative)  . 

For  instance,  a  ratio  of  C^/Ch^  = 

-2  and  a  t  of  -.5,  the  floating 
elevator  can  obviate  the  whole  tail 
contribution  to  stability.  Gen¬ 
erally,  freeing  the  elevator  causes 
a  destablizing  effect.  With  ele¬ 
vator  free  to  float,  the  aircraft 
is  less  stable. 


The  stick-free  neutral  point, 
hn,  is  that  eg  position  at  which 
dCm/dCi,pree  is  zero.  Continuing 
as  in  the  stick-fixed  case,  the 
stick-free  neutral  point  is, 


-JC 


dC. 


"Fus 


(2.77) 


and 


dC 


dCT 


"Free 


(2.78) 


The  stick-free  static  margin  is 
defined  as. 


Static  Kargin  ■  -  h  (2.79) 


(2.76) 

The  difference  between  stick-fixed 
and  stick-free  stability  is  the 
multiplier  in  equation  2.76,  (1  - 
T  Cha/Ch,$)  ,  called  the  "free  ele¬ 
vator  factor"  and  which  is  desig¬ 
nated  F.  The  magnitude  and  sign  of 


•  S.1S  STICK- Pit  ■■  FLIOHT 
TSST  RELATIONSHIP 

As  was  done  for  stick-fixed 
stability,  a  flight  teit  relation¬ 
ship  is  required  that  will  relate 
measureable  flight  test  parameters 
with  the  stick-free  stability  of 
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prevent  the  elevator  from  returning 
all  the  way  back  to  5e^  when  the 

controls  are  released.  The  aircraft 
will  return  only  to  V2  or  V3.  With 
the  trim  tab  at  5t]_,  the  aircraft 
is  content  to  fly  at  any  speed  be¬ 
tween  V2  and  V3.  The  more  friction 
that  exists  in  the  system,  the  wider 
this  speed  range  becomes. 

Therefore,  if  there  is  a 
significant  amount  of  friction  in 
the  control  system,  it  becomes  im¬ 
possible  to  say  that  there  is  one 
exact  speed  for  which  the  aircraft 
is  trimmed.  Equation  2.93  then, 
is  something  less  than  perfect  for 
predicting  the  stick-free  neutral 
point  of  ar.  aircraft.  To  reduce 
the  undesirable  effect  of  friction 
in  the  control  system,  a  different 
approach  is  made  to  equation  2.38. 

If  equation  2.88  is  divided 
by  the  dynamic  pressure  q,  then. 


•  2.13  APPARENT  STICK-PR22 
STABILITY 

Speed  stability  or  stick  force 
gradient  dFs/dV  in  most  cases  does 
not  reflect  the  actual  stick-free 
stability  dCm/dCLpree  of  an  aircraft. 
In  fact  this  apparent  stability 
dFs/dV  may  be  quite  different  from 
the  actual  stability  of  the  air¬ 
craft.  Where  the  actual  stability 
of  the  aircraft  may  be  marginal 
(dCm/dCLpree  small) ,  or  even  un¬ 
stable  (dCm/dCLpree  positive) ,  the 

apparent  stability  dFs/dV  may  be 
such  as  to  make  the  aircraft  quite 
acceptable.  In  flight,  the  test 
pilot  feels  and  evaluates  the  appar¬ 
ent  stability  of  the  aircraft  and 
not  the  actual  stability  dCm/dCLpree. 

The  apparent  stability  dFs/dV 
is  affected  by: 

1.  Changes  in  dCm/dCLpree 


acl<V 
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Differentiating  with  respect  to  CL, 
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Free 


Trim  velocity  is  now  eliminated 
from  consideration,  and  the  pre¬ 
diction  of  stick-free  neutral  point 
h„  is  more  exact.  A  plot  of  dFs/q/ 
dCL  versus  eg  position  may  be  extrap¬ 
olated  to  obtain  hn- 


2.  Aerodynamic  balancing 

3.  Downsprings  and/or  bob  weights. 

The  apparent  stability  or 
the  stick  force  gradient  through  a 
given  trim  speed  increases  if  dCm/ 
dCLpree  is  made  more  negative.  The 

constant  K2  of  equation  2.90  is 
made  more  positive  and  in  order  for 
the  stick  force  curve  to  continue 
to  pass  through  the  desired  trim 
speed,  a  more  positive  tab  selection 
is  required.  An  aircraft  operating 
at  a  certain  eg  with  a  tab  setting 
is  shown  on  figure  2.29,  line  1. 

FIGURE  2.29 


227 


2.21 


If  dCm/dCLpree  is  increased  by  mov¬ 
ing  the  eg  forward,  Y 2,  which  is  a 
function  of  dCm/dCLFree  in  equation 

2.89  becomes  more  positive  or  in¬ 
creases.  The  new  equation  becomes, 

Fg  -  Kive2  +  K2  (2.97) 


This  equation  plots  as  line  2  in 
figure  4.7.  The  aircraft  with  no 
change  in  tab  setting  operates 
on  line  2  and  is  trimmed  to  V2 . 

Stick  forces  at  all  airspeeds  have 
increased.  At  this  juncture,  al¬ 
though  the  actual  stability  dCm/ 
dCLprge  ^as  increased,  there  has 
been  no  effect  on  the  stick  force 
gradient  or  apparent  stability. 

(The  slopes  of  line  1  and  line  2 
being  the  same.)  So  as  to  retrim 
to  the  original  trim  airspeed  Vi , 
the  pilot  applies  additional  nose 
up  tab  to  <5t2-  The  aircraft  is 
now  operating  in  line  3.  The  stick 
force  gradient  through  Vp  has  in¬ 
creased  because  of  an  increase  in 
the  Ki  term  in  equation  2.89.  The 
apparent  stability  dFs/dV  has  in¬ 
creased. 

The  same  effect  on  apparent 
stability  as  eg  movement  may  be 
obtained  by  means  of  aerodynamic 
balancing.  This  is  a  design  means 
of  controlling  the  hinge  moment  co¬ 
efficients,  Cha  and  Chj .  The  pri¬ 
mary  reason  for  aerodynamic  balanc¬ 
ing  is  to  i.. crease  or  reduce  the 
hinge  moments  and,  in  turn,  the 
control  stick  forces.  Changing  Ch$ , 
affects  the  stick  forces  as  seen 
in  equation  2.89.  In  addition  to 
the  influence  on  hinge  moments, 
aerodynamic  balancing  may  ver”  well 
affect  the  real  and  apparent  sta¬ 
bility  of  the  aircraft.  Assuming 
that  the  restoring  hinge  moment 
coefficient  Ch{  is  increased  by  an 
appropriate  aerodynamic  balanced 
control  surface,  the  ratio  of  Cha/ 
Ch{  in  stability  equation  2.98 
is  increased. 
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The  combined  increase  in  dC^/dCLp 
and  Chj ,  increases  the  K2  term  Free 
in  equation  2.90  since 
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Figure  2.29  shows  the  effect  of 
increased  K2 .  The  apparent  sta¬ 
bility  is  not  affected  by  the  in¬ 
crease  in  K2  while  the  aircraft 
retrims  at  V2.  However,  once  the 
aircraft  is  retrimmed  to  the  original 
airspeed  Vp  by  increasing  the  tab 
setting  to  6x2*  the  apparent  sta¬ 
bility  is  increased. 

Types  of  aerodynamic  balanc¬ 
ing  used  to  control  the  hinge  mo¬ 
ment  coefficients  are  as  follows: 


Set-Back-Hinge : 

Perhaps  the  simplest  method 
of  reducing  the  aerodynamic  hinge 
moments  is  simply  to  move  the  hinge 
line  rearward.  Thus  the  hinge  mo¬ 
ment  is  reduced  because  of  the 
moment  arm  between  the  elevator 
lift  and  the  elevator  hinge  line 
is  reduced.  (One  may  arrive  at  the 
same  conclusion  by  arguing  that 
part  of  the  elevator  lift  acting 
behind  the  hinge  .line  has  been  re¬ 
duced,  while  that  in  front  of  the 
hinge  line  has  been  increased.) 

The  net  result  is  a  reduction  in 
the  absolute  value  of  both  Cha  and 
Ch{ .  In  fact  if  the  hinge  line  is 
set  back  far  enough,  the  sign  of 
both  derivatives  can  be  chanced. 
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FIGURE  2.30 

SET-BACK -HINGE  L. 
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Overhang  Balance: 

This  method  is  simply  a  spe¬ 
cial  case  of  set-back  hinge  in 
which  the  elevator  is  designed  so 
when  the  leading  edge  pro¬ 
trudes  into  the  airstream,  the 
local  velocity  is  increased  sig- 
nif icantly ;  causing  an  increase  in 
negative  pressure  at  that  point. 
This  negative  pressure  peak  creates 
a  hinge  moment  which  opposes  the 
normal  restoring  hinge  moment,  re¬ 
ducing  Ch5.  Figure  2.31  shows  an 
elevator  with  an  overhang  balance. 

FIGURE  2.31 
OVERHANG  BALANCE 


NEGATIVE  PEAK  PRESSURE 


J 


HELPING 

moment 


Horn  Balance : 

The  horn  balance  works  on 
the  same  principle  as  the  set-back 
hinge,  i.e.,  to  reduce  hinge  moments 
by  increasing  the  area  forward  of 
the  hinge  line.  The  horn  balance, 
especially  the  unshielded  horn,  is 
very  effective  in  reducing  Cha  and 
ch£.  This  arrangement  shown  in 
figure  2.32,  is  also  a  handy  way 
of  improving  the  mass  balance  of 
the  control  surface. 


FIGURE  2.32 
HORN  BALANCE 


Internal  Balance  or  In te r n a 1 
Seals  - - — 


— - occu  dnows  tne 

negative  pressure  on  the  upper  sur¬ 
face  and  the  positive  pressure  on 
the  lower  surface  to  act  on  an  in¬ 
ternal  sealed  surface  forward  of 
the  hinge  line  in  sucn  a  way  that 
a  helping  moment  is  created,  again 
opposing  the  normal  hinge  moments. 

As  a  result,  the  absolute  values  of 
Cha  and  Ch$  are  both  reduced.  This 
method  is  good  at  high  indicated  air- 
speeds  but  is  sometimes  troublesome 
at  high  Mach  numbers. 


FIGURE  2.33 
INTERNAL  SEAL 
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Elevator  Modifications: 

Bevel  Angle  on  Top  or  on 

Bottom  of  the  Stabilizer. 

This  device,  which  causes 
flow  separation  on  one  side  but 
not  on  the  other,  reduced  the  abso¬ 
lute  values  of  Cha  and  Ch$ . 

Trailing  Edge  Strips. 

This  device,  found  on  the 
B-57 ,  increases  both  Cha  and  Ch6 • 

In  combination  with  a  balance  tab, 
trailing  edge  strips  produce  a  very 
high  positive  Cha/  but  still  a  low 
Chs .  Thus  results  in  what  is  called 
a  favorab1e  "Response  Effect,"  i.e., 
it  takes  a  lower  control  force  to 
hold  a  deflection  than  was  originally 
required  to  produce  it. 

Convex  Trailing  Edge. 

This  type  surface  produces 
a  more  negative  Chfi  ,  but  tends  as 
well  to  produce  a  dangerous  short- 
pericd  oscillation. 

Tabs: 

A  tab  is  simply  a  small  flap 
which  has  been  placed  on  the  trail¬ 
ing  edge  of  a  larger  one.  The  tab 
greatly  modifies  the  flap  hinge 
moments  but  has  only  a  small  effect 
on  the  lift  of  the  elevator  or  the 
entire  airfoil.  Tabs  in  general 
are  designed  to  modify  stick-forces 
and  therefore  Chs  but  will  not 
affect  Cha.  A  positive  tab  deflec¬ 
tion  is  one  which  will  tend  to  move 
the  elevator  in  a  positive  direc¬ 
tion. 

Trim  Tab. 

A  tab  which  is  controlled  by 
a  switch  or  control  separate  from 
the  normal  cockpit  pilot  control 
is  called  a  trim  tab.  The  purpose 
of  the  trim  tab  is  to  reduce  the 
elevator  hinge  moment  and,  there¬ 
fore,  the  stick  force  to  zero  for 
a  given  flight  condition.  A  satis  - 
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factory  trim  tab  should  be  able  to 
accomplish  this  throughout  the  air¬ 
craft  flight  envelope.  Ordinarily, 
a  trim  tab  will  not  significantly 
vary  Cha  or  Chs*  The  functions  of 
the  spring  and  trim  or  balance  and 
trim  tabs  may  be  combined  in  a 
single  tab.  Another  method  of 
trimming  an  aircraft  is  the  use 
of  an  adjustable  horizontal  sta¬ 
bilizer.  Normally  the  trim  tab  or 
horizontal  stabilizer  setting  will 
have  a  small  effect  on  stability. 

Balance  Tab. 

A  balance  tab  is  a  simple 
tab  which  is  mechanically  geared 
to  the  elevator  so  that  a  certain 
elevator  deflection  produces  a 
given  tab  deflection.  If  the  tab 
is  geared  to  move  in  the  same  direc¬ 
tion  as  the  surface,  it  is  called 
a  leading  tab.  If  it  moves  in  the 
opposite  direction,  it  is  called 
a  lagging  tab.  The  purpose  of  the 
balance  tab  is  usually  to  reduce 
the  hinge  moments  and  stick  forces 
(lagging  tab)  at  the  price  of  a 
certain  loss  in  control  effective¬ 
ness.  Sometimes,  however,  a  lead¬ 
ing  tab  is  used  to  increase  control 
effectiveness  at  the  price  of  in¬ 
creased  stick  forces.  The  leading 
tab  may  also  be  used  for  the  ex¬ 
press  purpose  of  increasing  control 
forces.  Thus  Ch6  may  be  increased 
or  decreased,  while  Cha  remains 
unaffected.  If  the  linkage  shown 
in  figure  2.34  is  made  so  that  the 
length  may  be  variedly  the  pilot, 
then  the  tab  may  also  serve  as 
a  trimming  device. 

FIGURE  2.34 
BALANCE  TAB 
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Servo  or  Control  Tab. 

The  servo  tab  is  linked 
directly  to  the  aircraft  control 
system  in  such  a  manner  that  the 
pilot  moves  the  tab  and  the  tab 
moves  the  elevator,  which  is  free 
to  float.  The  summation  of  elevator 
hinge  moments,  therefore,  always 
equals  zero  since  the  elevator  will 
float  until  the  hinge  moment  due  to 
elevator  deflection  just  balances 
out  the  hinge  moments  due  to  as  and 
Sf  The  stick  forces  are  now  a  func¬ 
tion  of  the  tab  hinge  moment  or  Ch6>p. 
Again  Cha  is  not  affected. 

Spring  Tab . 

A  spring  tab  is  a  lagging 
balance  tab  which  is  geared  in 
such  a  way  that  the  pilot  receives 
the  most  help  from  the  tab  at  high 
speeds  where  he  needs  it  the  most, 

i.e.,  the  gearing  is  a  function  of 
dynamic  pressure.  The  basic  prin¬ 
ciples  of  its  operation  are: 

FIGURE  2.35 
SPRING  TAB 


1.  At  increase  in  dynamic  pres- 
st  re  causes  an  increase  in 
hinge  moment  and  stick  force 
for  a  given  control  deflection. 

2.  The  increased  stick  force 
causes  an  increased  spring 
deflection  and,  therefore,  an 
increased  tab  deflection. 


3.  The  increased  tab  deflection 
causes  a  decrease  in  stick 
force.  Thus  an  increased 
proportion  of  the  hinge  mo¬ 
ment  is  taken  by  the  tab. 

4.  Therefore,  the  spring  tab  is 
a  geared  balance  tab  where 
the  gearing  is  a  function  of 
dynamic  pressure. 

5.  Thus  the  stick  forces  are 
more  nearly  constant  over  the 
speed  range  of  the  aircraft. 
That  is,  the  stick  force  re¬ 
quired  to  produce  a  given  de¬ 
flection  at  300  knots  is  still 
greater  than  at  150  knots, 
but  not  by  as  much  as  before. 

6 .  After  full  spring  oi  tab 
deflection  is  reached  the 
balancing  feature  is  lost 
and  the  pilot  must  supply  the 
full  force  necessary  for  fur¬ 
ther  deflection.  (This  acts 
as  a  safety  feature.) 

Because  of  the  very  low  force 
gradients  in  most  modern  aircraft 
at  the  aft  center  of  gravity  (dCm/ 
dCLpree  less  negative) ,  improve¬ 
ments  in  the  stick-free  longitu¬ 
dinal  stability  are  obtained  by 
devices  which  produce  a  constant 
pull  force  on  the  stick  independent 
of  airspeed  which  allows  a  more 
noseup  tab  setting  and  steeper  stick 
force  gradients .  Two  such  gadgets 
for  improving  the  stick  force  gra¬ 
dients  are  the  downspring  and  bob- 
weight.  Both  effectively  increase 
the  apparent  stability  of  the  air¬ 
craft. 

FIGURE  2.36 
DOWNSPRING 
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Downspring : 

A  virtually  constant  stick 
force  may  be  demanded  of  the  pilot 
by  incorporating  a  downspring  or 
bungee  into  the  control  system 
which  tends  to  pull  the  top  of  tha 
stick  forward.  From  figure  2.36, 
the  force  required  to  counteract 
the  spring  is, 

F,  -  If  -  K3  (2.100) 

Downspring  2 

If  the  spring  is  a  long  one,  the 
tension  in  it  will  be  increased 
only  slightly  as  the  top  moves  rear¬ 
ward  and  can  be  considered  to  be 
constant. 

The  equation  with  the  downspring 
in  the  control  system  becomes, 

V,  -  V,2  +  K 2  +  \  ,  (2-101) 

As  shown  in  figure  2.36,  the 
apparent  stability  will  increase 
when  the  aircraft  is  once  again 
re  rimmed  to  the  original  trim 
airspeed  by  increasing  the  tab  set¬ 
ting.  Note  that  the  downspring 
increases  apparent  stability  but 
does  not  affect  the  actual  sta¬ 
bility  dCm/dCLpj-ee  (no  change  to  K2> 
of  the  aircraft. 

FIGURE  2.37 
BOBWEIGHT 


Bobweight : 

Another  method  of  introducing 
a  nearly  constant  stick  force  is  by 
placing  a  bobweight  somewhere  in 
the  control  system  which  causes  a 
constant  moment  which  must  be  over¬ 
come  by  the  pilot.  The  force  which 
the  pilot  must  apply  to  counteract 
the  bobweight  is, 

h 

F  -  nWjt  •  K  (2.102) 

"Bobweight  2  J 

Like  the  downspring  the  bobweight 
increases  the  stick  force  through¬ 
out  the  airspeed  range  and,  at  in¬ 
creased  tab  settings,  the  apparent 
stability  or  stick  force  gradient. 
The  bobweight  has  no  effect  on 
the  actual  dCm/dCLFree  of  the  air¬ 
craft. 

Elevator  Unbalance: 

There  are  other  devices  which 
increase  the  stick  force  gradient 
through  trim  or  apparent  stability. 
The  unbalance  in  the  control  system 
resulting  from  the  center  of  gravity 
of  the  elevator  falling  aft  of  the 
hinge  line  is  shown  in  figure  2.38. 

FIGURE  2.38 
ELEVATOR  UNBALANCE 


From  the  figure  it  can  be  seen  that 
an  elevator  eg  behind  the  hinge  line 
will  tend  to  rotate  the  top  of  the 
stick  forward.  This  must  be  counter¬ 
acted  by  a  positive  pull  stick  force. 
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As  the  elevator  is  moved  from  the 
horizontal,  the  him/e  moment  is  re¬ 
duced  by  the  cosine^  of  the  deflec¬ 
tion  angle;  this  moment  remains 
virtually  constant.  Thus  a  forward 
hinge  line  which  usually  produces  a 
destabilizing  (positive)  Ch<*  will 
also  produce  a  "stabilizing"  elevator 
unbalance. 


Comment; 

Since  hn  is  usually  found  by 
equation  2.96,  it  would  be  worth¬ 
while  to  examine  the  effect  of  the 
stick  force  gradient  dFs/dV  on  this 
equation.  Rewriting  equation  2.88, 
with  a  downspring  used  as  the  con¬ 
trol  system  gadget. 


s 

Aq(B  +  6  >  -  ACLq 

6T  m6 


dC 


+  K. 


Gadget 


dCL 

LFree 

No  Gadget 
(2.103) 


dC 


V  -  *(B  +  C  V  -  ACl  F 


k^cl 


w/s 


dC 


LFree 
No  Gadget 

(2.104) 


d_Vl 

dC, 


dC 


*2 


dCL 

Free 

No  Gadget 


w/s 


(2.105) 


Obviously  the  eg  location  at  which 
dFs/q/dCL  goes  to  zero  will  not  be 
the  true  h^.  However,  the  only 
reason  that  the  term  dQn/dCLFree 
was  of  interest  in  the  first  place 
was  because  it  was  proportional  to 
the  stick  force  gradient.  The  pilot 
is  more  interested  in  the  apparent 
stability  for  the  same  reason.  The 
fact  that  the  addition  to  the  stick- 


free  stability  caused  by  this 
gadgetry  is  "artificial"  rather 
than  genuine  is  only  of  academic 
interest. 

•  S.14  HIOH  SPUD 

LONOITUDKNAL  STATIC 
STABILITY 

The  effects  of  high  speeds 
(transonic  and  supersonic)  on  longi¬ 
tudinal  static  stability  can  be 
analyzed  in  the  same  manner  as  that 
done  for  subsonic  speeds.  The 
assumptions  that  were  made  for  the 
incompressible  flow  are  no  longer 
valid  and,  therefore,  cannot  be 
neglected. 

Compressibility  associated 
with  the  transonic  and  supersonic 
speed  regime  has  noticeable  effect 
upon  both  the  gust  stability  (lon¬ 
gitudinal  static  stability  CmCi,)  a°d 
speed  stability  (Fs/V) .  The  gust 
stability  depends  mainly  on  the 
contributions  to  stability  of  the 
wing,  fuselage,  and  tail  in  the 
stability  equation  below  during 
transonic  and  supersonic  flight. 
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The  terms  in  the  stability  equation 
will  be  examined  in  turn. 


The  Wing  Contribution; 

In  subsonic  flow  or  low  Mach 
flight,  the  aerodynamic  center  is 
at  the  quarter  chord.  As  subsonic 
Mach  approaches  unity  or  the  tran¬ 
sonic  speed  is  approached,  flow 
separation  occurs  behind  the  shock 
formations  causing  the  aerodynamic 
center  to  move  forward  of  the  quarter 
chord  position.  The  immediate  effect 
is  a  reduction  in  stability  since 
Xw/c  increases.  Following  the  flow 
separation  behind  the  shocks  at 
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positions  of  sonic  speed,  the  flow 
pattern  on  the  airfoil  eventually 
transitions  to  supersonic  flow. 

The  shocks  move  off  the  surface  and 
the  wing  recovers  lift.  The  aero¬ 
dynamic  center  now  moves  aft  towards 
the  50-percent  chord  position.  There 
is  a  sudden  increase  in  the  wing's 
contribution  to  stability  since 
Xw/c  is  reduced  (figure  2.1). 

The  extent  of  the  aerodynamic 
center  shift  forward  and  rearward 
depends  greatly  on  the  aspect  ratio 
of  the  aircraft.  The  shift  is  least 
for  low  aspect  ratio  aircraft.  Among 
the  plan  forms,  the  rectangular  wing 
has  the  largest  shift  for  a  given 
aspect  ratio  whereas  the  triangular 
wing  as  the  least  (figures  2.39  and 
2.14)  . 


FIGURE  2.39 

A.C.  VARIATION  WITH  MACH 
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The  Fuselage  Contribution; 

In  supersonic  flow  the  fuse¬ 
lage  center  of  pressure  moves  for¬ 
ward  causing  a  positive  increase  in 
the  fuselage  dCm/dCL  or  a  destabiliz¬ 
ing  influence  on  the  stability  equa¬ 
tion.  The  fuselage  term  variation 
with  Mach  number  will  be  ignored. 


The  Tail  Contribution; 

The  tail  contribution  to  sta¬ 
bility  depends  on  the  variation  of 
lift  curve  slopes,  aw  and  ax,  plus 
downwash  e  with  Mach  during  transonic 
and  supersonic  flight.  It  is  ex¬ 
pressed  as:  -aip/aw  Vnnx  (i  ~  de/da) 

During  subsonic  flight  ax/aw 
remains  approximately  constant.  The 
slope  of  the  lift  curve,  aw  varies 
as  shown  in  figure  2.40.  This  vari¬ 
ation  of  aw  in  the  transonic  speed 
range  is  a  function  of  geometry  (i.e., 
aspect  ratio,  thickness,  camber, 
and  sweep) .  Limiting  further  dis¬ 
cussion  to  aircraft  designed  for 
transonic  flight  or  aircraft  which 
employ  airfoil  shapes  with  small 
thickness  to  chord  ratios,  then 
aw  increases  slightly  in  the  tran¬ 
sonic  regime.  For  all  airfoil 
shapes  the  value  of  aw  decreases 
as  the  airspeed  increases  super¬ 
sonically.  The  a<r/aw  contribution 
is  therefore  destabilizing  in  the 
transonic  regime  and  stabilizing 
in  the  supersonic  regime. 


FIGURE  2.40 

LIFT  CURVE  SLOPE  VARIATION  WITH  MACH 
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The  tail  contribution  is  fur¬ 
ther  affected  by  the  variation  in 
downwash,  e,  with  Mach  increase. 

The  downwash  at  the  tail  is  a  re¬ 
sult  of  the  vortex  system  asso¬ 
ciated  with  the  lifting  wing.  It 
is  recognized  that  the  tail  loca¬ 
tion  will  have  considerable  in¬ 
fluence  as  to  the  degree  of  varia¬ 
tion  of  6e  with  Ae.  An  aircraft 
such  as  the  F-100  has  a  great  deal 
more  variation  of  6e  due  to  downwash 
effects  than  the  F-104.  Since  down- 
wash  is  a  direct  function  of  wing 
lift,  a  sudden  loss  of  downwash 
occurs  transonically  with  a  result¬ 
ing  increase  in  tail  angle  of  attack. 
The  effect  is . to  require  the  pilot 
to  apply  additional  up  elevator  with 
increasing  airspeed  to  maintain  al¬ 
titude.  This  additional  up  elevator 
contributes  to  speed  instability. 
(Speed  stability  will  be  covered 
more  thoroughly  later.)  Downwash 
variation  with  Mach  is  seen  in  fig¬ 
ure  2.41. 

FIGURE  2.41 

DOWNWASH  VARIATION  WITH  MACH 


The  variation  of  dc/da  with 
Mach  number  greatly  influences  the 
aircraft's  gust  stability  dCm/dCL. 
Recalling, 
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Since  the  downwash  angle  behind 
the  wing  is  directly  proportional 
to  the  lift  coefficient  of  the 
wing,  it  is  apparent  that  the  value 
of  the  derivative  de/da  is  a  func¬ 


tion  of  aw.  The  general  trend  of 
de/da  is  an  initial  increase  with 
Mach  starting  at  subsonic  speeds. 
This  increase  follows  a  trend  simi¬ 
lar  to  but  at  a  lesser  slope  than 
the  increase  of  the  lift  curve 
slope,  aw,  of  the  wing.  Above  Mach 
1.0,  de/da  decreases  and  approaches 
zero.  This  variation  depends  on 
the  particular  wing  geometry  of 
the  aircraft.  As  shown  in  figure 
2.42,  de/da  may  dip  for  thicker  wing 
sections  where  considerable  flow 
separation  occurs.  Again,  de/da  is 
very  much  dependent  on  aw. 

FIGURE  2.42 

DOWNWASH  DERIVATIVE  vs  MACH 
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For  an  aircraft  designed  for 
high  speed  flight,  the  variation 
of  de/da  with  increasing  Mach  num¬ 
ber  results  in  a  slight  destabiliz¬ 
ing  effect  in  the  transonic  regime 
and  contributes  to  increased  sta¬ 
bility  in  the  supersonic  speed  regime. 

As  the  wing  surface  becomes 
a  less  efficient  lifting  surface, 
a  loss  of  stabilator  effectiveness 
is  experienced  in  supersonic  flight. 
The  elevator  power,  Cm5e,  increases 
as  airspeed  approaches  Mach  1.0. 

Beyond  Mach  1.0,  elevator  effective¬ 
ness  decreases.  Consequently,  in¬ 
crease  of  elevator  power  causes  a 
positive  A6e  contribution  or  again 
an  indication  of  speed  instability 


as  Mach  1.0  is  approached.  With 
decrease  in  elevator  power ,  a  nega¬ 
tive  A6e  contribution  once  again 
produces  speed  stability .  For  the 
F-104  the  relative  order  of  magni¬ 
tude  of  these  values  cause  an 
initial  increase  in  gust  stability 
in  the  transonic  regime  followed 
by  a  steadily  decreasing  stability 
influence  as  Qn6e  approaches*  zero. 
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The  overall  effect  of  tran¬ 
sonic  and  supersonic  flight  on  gust 
stability  or  dCm/dCL  is  shown  in 
figure  2.43.  Static  longitudinal 
stability  increases  transonically 
and  then  decreases  supersonically. 
The  speed  stability  of  the  air¬ 
craft  is  affected  as  well.  Recall¬ 
ing  the  pitching  moment  coefficient 
equation, 


AC 


C  +  C  Aa  +  C  A-  +  C  A6 
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(2.109) 


FIGURE  2.43 

MACH  VARIATIONS  ON  CM0,Cmg#  AND  CBCl 
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and  since  OnCL  =  i-  Qna  ,then: 

Assuming  no  change  in  speed  or 
pitch  rate,  and  since  under  com¬ 
pressibility  Cmo  is  not  zero,  the 

elevator  required  to  maintain  steady 
flight  is: 


Speed  stability  depends  on  the 
variations  of  6e  with  transonic 
and  supersonic  speeds  and  accord¬ 
ing  to  equation  2.110,  depends  on 
how  QtiQ,  Cm{e,  and  CmcL  vary. 


If  equation  2.110  is  analyzed 
using  the  plots  in  figure  2.43, 
speed  instability  during  transonic 
flight  becomes  obvious.  The  value 
of  -  Cnio/QmSg  increases  from  approx 
imately  zero  in  the  subsonic  range 
to  some  positive  value  as  the  air¬ 
craft  passes  through  Mach  1.0.  The 
value  of  CmcL/Qnse  increases  to  a 
very  large  number  in  comparison  to 
Cmo/cm6e  through  this  same  range. 
The  result  is  a  positive  A6e  or  a 
reversal  of  elevator  deflection 
with  increasing  airspeed.  This 
manifests  itself  as  a  relaxation 
of  forward  pressure  or  even  a  pull 
force  to  maintain  attitude  or  pre¬ 
vent  a  nose  down  tendency.  As  the 
aircraft  speed  increases  to  super¬ 
sonic  speed,  A5e  again  becomes  nega 


tive  and  the  pilot  regains  speed 
stability  or  decreasing  6e  with 
increasing  airspeed.  The  actual 
results  of  some  aircraft  flown  in 
this  range  are  shown  in  figure  2.44. 

FIGURE  2.44 
8.  v* MACH 
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Whether  the  speed  instability 
or  reversal  in  elevator  deflections 
and  stick  forces  are  objectionable, 
depends  on  many  factors  such  as 
magnitude  of  variation,  length  of 
time  required  to  transverse  the 
region  of  instability,  control  sys¬ 
tem  characteristics,  and  conditions 
of  flight.  It  is  impossible  for 
the  engineer  to  determine  from  data 
plots  if  the  degree  of  instability 
is  acceptable.  The  pilot  is  the 
only  one  capable  of  evaluating  these 
effects . 

In  the  F-100C ,  a  pull  force 
of  14  pounds  was  required  when 
accelerating  from  Mach  0.87  to 
Mach  1.0.  The  test  pilot  described 
this  trim  change  as  disconcerting 
while  attempting  to  maneuver  the 
aircraft  in  this  region  and  recom¬ 
mended  that  a  "q"  or  Mach  sensing 
device  be  installed  to  eliminate 


this  characteristic.  Consequently, 
a  mechanism  was  incorporated  to 
automatically  change  the  artificial 
feel  gradient  as  the  aircraft  accel¬ 
erates  through  the  transonic  range. 
Also,  the  longitudinal  trim  is 
automatically  changed  in  this  region 
by  the  use  of  a  "Mach  Trimmer." 

In  the  F-104 ,  the  test  pilot 
stated  that  transonic  trim  changes 
required  an  aft  stick  movement  with 
increasing  speed  and  a  forward  stick 
movement  when  decreasing  speed,  but 
described  this  speed  instability  as 
acceptable . 

In  the  F-106  the  pilot  stated 
that  the  1.0  to  1.1  Mach  region  is 
characterized  by  a  moderate  trim 
change  necessitating  pilot  technique 
to  avoid  large  variations  in  alti¬ 
tude  during  accelerations.  Minor 
trim  changes  are  encountered  up  to 


{ 
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?735-  His  report  concluded 
tiiat  the  speed  instabilities  were 
not  unsatisfactory. 


*-he  T-38  which  embodies 
the  latest  design  concept,  a  de¬ 
parture  is  noted  from  the  low  tail 
configuration  difficulties  where 
the  pilot  described  the  transonic 
trim  change  as  being  hardly  per¬ 
ceptible.  ‘ 


Aircraft  design  considerations 
are,  of  course,  influenced  by  the 
stability  aspects  of  high  speed 
flight.  It  is  desirable  to  desiqn 
an  aircraft  where  trim  changes 
through  transonic  speeds  are  small. 

A  flat  wing  without  camber,  twist 
or  incidence  or  a  low  aspect  ratio 
wing  and  tail  provide  values  of 
Xw/c,  aw,  aT,  and  dc/da  which  vary 


minimaHy  over  the  Mach  number  range. 
An  all-moving  tail  (slab)  for  con- 
rol  gives  negligible  variation  of 
t  with  Mach  and  maximum  control 
effectiveness.  A  full  power,  irre¬ 
versible  control  system  is  desirable 
to  counteract  the  erratic  changes 
in  pressure  distribution  which  affect 
Cha  and  Ch6e. 


In  the  transonic  speed  re¬ 
gime  the  meaning  or  importance  of 
neutral  point"  is  reduced.  At 
transonic  speeds  the  variation  of 
control  angle  and  trim  force  with 
speed,  although  important,  is  not 
affected  by  eg  position.  Instead 
of  relating  trim  gradients  to  a  eg 
margin,  it  is  more  useful  to  view 
variation  of  control  for  trim  as 
a  function  of  compressibility  and 
ignore  eg  position. 


CHAPTER 


MANEUVERABILITY 


•  S.1  MANIUVIRINO  PLIOHT 

The  method  used  to  analyze 
maneuvering  flight  will  be  to  de¬ 
termine  stick-fixed  maneuver  points 
(hlrt)  and  stick-free  maneuver  points 
(hm) .  It  will  be  seen  that  these 
are  analogous  to  their  counterparts 
in  static  stability,  the  stick 
fixed  and  stick  free  neutral  points. 
The  maneuver  points  will  also  be 
defined  in  terms  of  the  neutral 
points  and  the  theory  will  help  to 
predict  which  of  these  points  will 
be  critical  as  regards  the  aft  cen¬ 
ter  of  gravity  location.  It  will 
also  be  shown  how  the  forward 
center  of  gravity  is  affected  by 
the  parameters  that  define  the 
maneuver  points. 

Maneuvering  flight  will  be 
analyzed  much  in  the  same  manner 
used  in  determining  a  flight  test 
relationship  in  longitudinal  sta¬ 
bility.  For.  stick-fixed  longitu¬ 
dinal  stability,  the  flight  test 
relationship  was  determined  to  be 
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(3.1) 


This  equation  gave  the  static  lon¬ 
gitudinal  stability  of  the  aircraft 
in  terms  that  could  easily  be  mea¬ 
sured  in  flight  test. 

In  maneuvering  flight,  a  simi¬ 
lar  stick-fixed  equation  relating 
to  easily  measurable  flight  test 
quantities  is  desirable.  Where  in 
longitudinal  stability,  the  ele¬ 
vator  deflection  was  related  to 
lift  coefficient  or  angle  of  attack, 
one  may  surmise  that  in  maneuver¬ 
ing  flight  elevator  deflection  will 
relate  to  load  factor  n. 


To  determine  this  expression, 
one  must  refer  to  the  aircraft's 
basic  equations  of  motion.  As  in 
longitudinal  stability,  the  six 
equations  of  motion  are  the  basis 
for  all  analysis  of  aircraft  sta¬ 
bility  and  control.  In  maneuvering 
an  aircraft  the  same  equations  will 
hold  true,  but  one  additiona  deriva¬ 
tive  will  have  to  be  added  to  the 
analysis.  Recalling  the  pitching 
moment  equation 


M  =  qly  +  pr  (Ix  -  Iz)  +  (p2  -  r2)  1^ 

(3.2) 


and  the  fact  that  in  static  sta¬ 
bility  analysis  we  have  no  roll 
rate,  yaw  rate,  or  pitch  accelera¬ 
tion,  equation  3.2  reduces  to: 

M  =  q  Iy  -  0  (3.3) 

The  variables  that  cause 
external  pitching  moments  on  an 
aircraft  are  infinite,  i.e.,  speed 
brakes,  canopy,  elevator,  etc. 

There  are,  however,  five  primary 
variables  that  we  can  consider. 


M  =  f(V,  a ,  a,  5e,  q) 


(3.4) 


If  any  or  all  of  these  vari¬ 
ables  change,  there  will  be  a 
change  of  total  pitching  moment  that 
will  equal  the  sum  of  the  partial 
changes  of  all  the  variables.  This 
is  written  as : 
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Since  in  maneuvering  flight,  AV 
and  A4  are  zero,  equation  3.5  be¬ 
comes  : 


4*4"  +  A, 

da  o  5a  e  ^<5 


and  since  M  =  qSc  Cm,  then 
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Substituting  these  values  into 
equation  3.6,  and  multiplying  by 
1/q  Sc, 
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ferent  load  factors  will  define 
the  stick-fixed  maneuver  point. 

The  immediate  goal  then  is  to  de¬ 
termine  the  change  in  angle  of 
attack.  Act,  and  change  in  pitch 
rate,  Aq,  in  terms  of  load  factor  n. 

•  3.»  THK  PULL  UP 
MANSUVIR 

3.3  In  the  pull  up  maneuver,  the 
change  in  angle  of  attack  of  the 
aircraft,  Ao,  may  be  related  to 
the  lift  coefficient  of  the  air¬ 
craft.  In  the  pull  up  with  con¬ 
stant  velocity,  the  angle  of  attack 
of  the  whole  aircraft  will  be 
changed  since  the  aircraft  has  to 
fly  at  a  higher  Cl  to  obtain  the 
load  factor  required.  The  change 
in  Cl  required  to  maneuver  at  high 
load  factors  at  a  constant  velocity 
comes  from  two  sources:  (1)  load 
factor  increase,  (2)  elevator  de¬ 
flection.  Although  often  ignored 
because  of  its  small  value  when 
compared  to  total  Cl,  the  change 
in  lift  with  elevator  deflection 
^L5eA6e  will  be  carried  along  for 
a  more  general  analysis. 

Figure  3.1.  LIFT  COEFFICIENT  VERSUS  ANGLE 


The  derivative  3Cm/3q  is 
carried  instead  of  Cnw  since  the 
compensating  factor  c/2V  is  not 
used  at  this  time. 

Solving  for  the  change  in 
elevator  deflection  A6e, 


Jc  Id 
m  q 
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The  analysis  of  equation  3.11 
may  be  continued  by  substituting 
in  values  for  A  a  and  Aq.  The  final 
equation  obtained  should  be  in  the 
form  of  some  flight  test  relation¬ 
ship.  Since  maneuvering  is  re¬ 
lated  to  load  factor,  the  elevator 
deflection  required  to  obtain  dif- 
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Referring  to  figure  3.1,  the 
aircraft  is  in  equilibrum  at  some 
Cl0  corresponding  to  some  a0  before 
the  elevator  is  deflected  to  ini¬ 
tiate  the  pull  up.  If  the  elevator 
is  considered  as  a  flap,  i*s  de¬ 
flection  will  affect  the  lift  curve 
as  follows.  When  the  elevator  is 
deflected  upward,  the  left  curve 
shifts  downward  and  does  not  change 
slope.  This  says  that  a  certain 
amount  of  lift  is  initially  lost 
when  the  elevator  is  deflected  up¬ 
ward.  The  loss  in  lift  because  of 
elevator  deflection  is  designated 
Cl,;  A6e.  The  increase  in  down¬ 
loading  on  the  tail  or  increase  in 
negative  lift  on  the  horizontal 
stabilizer  causes  a  moment  on  the 
aircraft  which  creates  a  nose  up 
pitch  rate.  The  aircraft  continues 
to  pitch  upward  and  increase  its 
angle  of  attack  until  it  reaches 
a  new  Cl  and  an  equilibrium  load 
factor.  In  other  words  a  pitch 
rate  is  initiated  and  a  increases 
until  a  maneuvering  lift  coefficient 
CLman  ;‘‘s  reached  for  the  deflected 
elevator  6e.  The  change  in  angle 
of  attack  is  Aa.  The  change  in  Cl 
has  come  partially  from  the  de¬ 
flected  elevator  and  mainly  from 
the  pitching  maneuver.  The  change 
in  Cl  due  to  the  maneuver  is  from 
CL0’to  CLj^jg*  Since  it  did  not 
change  the  slope  of  the  lift  curve, 
if  the  change  in  lift  caused  by 
elevator  deflection  is  included, 
the  expression  for  Aa  becomes: 


CL  =  aa 


(3,12) 


To  put  equation  3.14  in  terms  of 
load  factor,  must  be  defined. 

This  is  the  change  in  lift  from 
the  initial  condition  to  the  final 
maneuvering  condition.  This  change 
can  occur  from  one  g  flight  to  some 
other  load  factor  or  it  can  start 
at  2  or  3  g ' s  and  progress  to  some 
new  load  factor.  If  Cl  is  at  one 
g  then 
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n  -  final  load  factor 

(3.17) 


A  Clman  =  Clman  '  \ 
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Finally  substituting  aClm,m  into 
equation  3.14, 


Aa  =  i  [cL  (n-nD)  -  CL6e  A6e]  (3.19) 


Equation  3.19  is  now  ready  for 
substitution  into  equation  3.11. 

An  expression  for  Aq  in  equa¬ 
tion  3.11  will  be  derived  using  the 
pull  up  maneuver  analysis. 
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Figure  3.2  CURVI  UNEAR  MOTION 


Therefore : 
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Substituting  from  equation  3.22, 
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Now  equations  3.30  and  3.19  may  be 
substituted  into  equation  3.11. 

A  8e  =  "C®a  a  [CL  (n  '  V  "  CL&e  A  5e] 
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Equation  3.35  is  now  in  the 
form  that  will  define  the  stick 
fixed  maneuver  point  for  the  pull 
up.  The  definition  of  the  maneuver 
point  (hm)  is  the  eg  position  at 
which  the  elevator  deflection  per 
g  goes  to  zero.  Taking  the  limi+- 
of  equation  3.35,  where  An  io  de¬ 
fined  as  (n  -  nD) , 
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Setting  equation  3.37  equal  to  zero 
will  give  the  eg  position  (h)  as 
the  maneuver  point  (hm) . 
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From  longitudinal  stability. 
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Also  to  help  further  in  reducing 
the  equation  to  its  simplest  terms, 


Solving  equation  3.38  for  hn  and 
substituting  into  equation  3.37, 
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(3.33)  where  (hm  -  h)  is  defined  as  che 

stick-fixed  maneuver  margin. 
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Substituting  equations  3.34,  3.33 
and  3.22  into  equation  3.31  and 
turning  +-he  algebra  crank,  results 


in. 

aCL 

+ 

n-n 

0 

Cm\ 

“  be  e 

[h  -  h  +  P  C 

(3.35) 


The  significant  points  to  be 
made  about  equation  3.39  are: 

1.  The  derivative  d6e/dn  varies 
with  the  maneuver  margin. 

The  more  forward  the  eg,  the 
more  elevator  will  be  required 
to  obtain  the  limit  load  fac¬ 
tor.  That  is,  as  the  cq 
moves  forward,  more  elevator 
deflection  is  necessary  to 
obtain  a  given  load  factor. 

2.  The  higher  the  Cl,  the  more 
elevator  will  be  required  to 
obtain  the  limit  load  faclo... 
That  is,  at  low  speeds  (high 


2-13 


3.5 


Cl)  more  elevator  deflection 
is  necessary  to  obtain  a 
given  load  factor  than  is 
required  to  obtain  the  same 
load  factor  at  a  higher 
speed  (low®r  Cl) • 


Substituting  the  appropriate  Cl 
expression  for  load  factor, 


AC 


(3.44) 


3.  The  derivative  d6e/dn  should 
be  linear  with  respect  to  eg 
at  a  constant  Cl- 

<8, 

Figure  3.4  vt  eg 


Another  approach  to  solving 
for  the  maneuver  point  (hm)  is  to 
return  to  the  original  stability 
equation. 


dC 
_ m 

dCT 


h  - 


ac 


dC 
_ n 

dC 


iFus. 


a 

w 


V 

T 


<l-3T> 


(3.40) 


The  effect  of  pitch  damping 
on  the  aircraft  stability  will  be 
determined  and  added  to  equation 
3.40.  Recalling  the  relationship: 


dC 
_ m 

dq 


or 


(3.41) 


4c„  -sS1’  <3-‘2> 

Substituting  the  value  obtained 
for  Aq  from  equation  3.30, 


Ac 

m 


C£_ 

2V2 


S,  <n  -  n0) 


(3.43) 


if 


A°L  =  ^n'^o  ’ 


then 


lim  _ 

An  — »o  Ac. 


Ac  dC 

m  m 


=  P  c 
aC^  4m  m 

Lpitch  Damping  ** 

(3.45) 


This  term  may  now  be  added  to 
equation  3.45.  If  the  sign  of  Cmq 
is  negative,  then  the  term  is  a 
stabilizing  contribution  to  the 
stability  equation.  Cmq  will  be 
analyzed  further. 


h 


dC 

m 


da  ; 


+  fi 


Sc 


C 


4m  m 


(3.46) 


The  maneuver  point  is  found  by 
setting  dCm/dCL  equal  to  zero  and 
solving  for  the  eg  position  where 
this  occurs. 


h 

m 


dC 


dCT 


Fus 


V 

T 


(1  '  IT>  -  Cm  (3-47> 

q 

The  first  three  terms  on  the  right 
side  of  equation  3.47  may  be  iden¬ 
tified  as  the  expression  for  the 
neutral  point  hn.  If  this  substi¬ 
tution  is  made  in  equation  3.47, 
equation  3.38  is  again  obtained. 


h 

m 


h 

n 


-  P  p-  C 
4m  m 


(3.48) 
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t  The  derivative  Cmq  found  in 
equation  3.37,  3.38,  and  3.46  needs 
to  be  examined  before  proceeding 
with  further  discussion. 


referred  to  as  the  tail  efficiency 
factor  nx* 

Equation  3.51  may  then  be  written: 


The  damping  that  comes  from 
the  pitch  rate  established  in  a 
pull  up.  comes  from  the  wing,  tail, 
and  fuselage  components.  The  tail 
is  the  largest  contributor  to  the 
pitch  damping  because  of  the  long 
moment  arm.  For  this  reason  it  is 
usually  used  to  derive  the  value 
of  Cmq.  Sometimes  an  empirical 
value  is  added  to  account  for  the 
rest  of  the  aircraft  but  more  often 
than  not,  the  value  for  the  tail 
alone  is  used  to  estimate  the  deriva¬ 
tive.  The  effect  of  the  tail  may 
be  calculated  in  the  following 
manner : 


Fleur*  3.5  PITCH  DAMPING 


The  pitching  moment  effect  on  the 
aircraft  from  the  downward  moving 
horizontal  stabilizer  is: 


AM  -  -  -i  A  L 
T  T 

where 


q_  S  c  Ac 
w  w  m 


(3.49) 


AL„ 


q_  S_  A  C.  1 
T  T  L_ 
T 


.  Solving  for  ACm, 
**T 


AC 


m 


q  c  S 
v  w  w 


(3.50) 


(3.51) 


The  combination  &tst/cwsw  can 
be  recognized  as  the  tail  volume 
coefficient  Vh.  The  term  qxAlw  is 


(3.52) 


which  can  be  further  refined  to: 

4C»  '  -VH  \*T  N  <3'53> 


From  figure  3.5,  the  change  in 
angle  of  attack  at  the  tail  caused 
by  the  pitch  rate  will  be: 


AorT  =  tan-1  Aq~"  =  Aq  ~Y-  (3*54) 


Substituting  equation  3.54  into  3.53 

/T 

AC  =  .  a  v  V  —I  \  „ 
m  T  H  T  V  q 


(3.55) 


Taking  the  limit  of  equation  3.55 
gives 


Jl 


m 


-  V, 


4 


T  H  T  V 


(3.56) 


Eq’uation  3.56  shows  that  the  damp¬ 
ing  expression  dCm/dq  is  a  function 
of  airspeed,  i.e.,  this  term  is 
greater  at  lower  speeds. 


Solving  for  Cmg, 


C 

m 

q 


2V 

c 


V 

T 


A 

C  (3.57) 


The  damping  derivative  is  not  a 
function  of  airspeed  but  rather 
a  value  determined  by  design  con¬ 
siderations  only  (subsonic  flight) . 
The  damping  in  pitch  derivative 
may  be  increased  by  increasing  S<r 
or  &ip . 


When  this  value  for  Cmq  is 
substituted  into  equation  3.48, 


i.i 


h 

m 


5  ^  T 

v^-V-1  VH 


(3.58) 


The  following  conclusions  are 
apparent  from  equation  3.58. 

1.  The  maneuver  point  should 
always  be  behind  the  neutral 
point.  This  is  verified 
since  the  addition  of  a  pitch 
rate  increases  the  stability 
(Cniq  is  negative  in  equation 
3.46)  of  the  aircraft.  There¬ 
fore,  the  stability  margin 
should  increase . 

2.  Aircraft  geometry  is  influ¬ 
ential  in  locating  the  maneu¬ 
ver  point  aft  of  the  neutral 
point. 

3.  As  altitude  increases,  the 
distance  between  the  neutral 
point  and  maneuver  point  de¬ 
creases  . 

4.  As  weight  decreases  at  any 
given  altitude,  the  maneuver 
point  moves  further  behind 
the  neutral  point  and  the 
maneuver  stability  margin  in¬ 
creases  . 

5.  The  largest  variation  between 
maneuver  point  and  neutral 
point  occurs  with  a  light 
aircraft  flying  at  sea  level. 


•  3.3  AIRCRAFT  BENDING 

Before  the  pull  up  analysis 
is  completed,  one  more  subject 
should  be  covered.  One  of  the 
assumptions  made  early  in  stability 
was  that  the  aircraft  was  a  rigid 
body.  It  is  a  well  known  fact 
that  all  aircraft  bend  when  a  load 
is  applied.  The  bigger  the  air¬ 
craft,  the  more  they  bend.  The 
effect  on  the  aircraft  bending  is 
shown  in  figures  3.5,  and  3.6. 


Figure  3.5.  RIGID  AIRCRAFT  UNDER  HIGH  LOAD 
FACTOR 


Figure  3.5.  NON-RIGIO  AIRCRAFT  UNDER  HIGH 
LOAD  FACTOR 


The  angle  of  attack  of  the  tail  is 
approximately  the  same  as  the  angle 
of  attack  of  the  wing  with  the  ex¬ 
ception  of  downwash,  incidence, 
etc. ,  for  a  particular  elevator  de¬ 
flection.  As  the  non-rigid  air¬ 
craft  bends,  the  angle  of  attack 
a>p  of  the  horizontal  stabilizer 
decreases.  In  order  to  keep  the 
aircraft  at  the  same  overall  angle 
of  attack,  the  original  angle  of 
attack  of  the  tail  must  be  reestab¬ 
lished.  This  requires  an  increase 
in  the  elevator  (slab)  deflection 
or  a  A6e  to  reestablish  the  neces¬ 
sary  ctij>  and  to  maintain  the  re¬ 
quired  maneuvering  Cl.  This  addi¬ 
tional  elevator  requirement  under 
aircraft  bending  gives  an  apparent 
increase  in  the  maneuvering  sta¬ 
bility  of  the  aircraft  or  an  addi¬ 
tional  A 6q  per  load  factor. 

3.4  THE  TURN  MANEUVER 

The  subject  of  maneuvering  in 
pull  ups  has  been  thoroughly  dis¬ 
cussed  and  while  it  is  the  easiest 
method  for  a  test  pilot  to  perform, 
it  is  also  the  most  time  consuming. 


3.8 


vJ 


l_ 


* 


f 


Therefore,  most  maneuvering  data 
is  collected  by  turning.  There 
are  several  methods  used  to  collect 
data  in  a  turn  and  these  are  dis¬ 
cussed  in  the  flight  test  portion 
of  this  text. 

In  order  to  analyze  the 
maneuvering  turn,  equation  3.11 
is  recalled: 


A  6. 


Acr 


-  <Jc  /  Jq 

m 


Aq 


(3.59) 


The  expression  for  Aa  in 
equation  3.19,  derived  for  the 
pullup  maneuver,  is  also  applicable 
to  the  turning  maneuver. 

4°  ■  I  [CL  CL  40.]  <3'“) 


Such  is  not  the  case  for  the  Aq 
expression  in  equation  3.59. 
Another  expression  for  Aq  pertain¬ 
ing  to  the  turn  maneuver  must  be 
developed. 


Referring  to  figure  3.7,  the 
left  vector  will  be  statically 
balanced  by  the  weight  and  centrif¬ 
ugal  force.  One  component  (L  cos  $) 
balances  the  weight  and  the  other 
(L  sin  <(>)  balances  the  centrifugal 
force . 


FIGURE  S.Ta 


Fleurs  3.7  AIRCRAFT  IN  THE  TURN  MANEUVER 


a  «<■  # 

a  eti  # 
R 


(3.61) 


(3.62) 

(3.63) 


Now  dividing  3.61  by  3.62  and  re¬ 
arranging  terms : 


V  _  &  sin  0 
R  V  cos  0 


(3.64) 


Referring  to  figure  3.7  where 
pitch  rate  is  represented  by  a 
vector  along  the  wings  and  yaw  rate 
a  vector  vertically  through  the 
center  of  gravity,  the  following 
relationships  can  be  derived. 


n  =  |  (3.65) 

q  =  fl  sin  0  (3.66) 

9  =  \  sin  0  (3.67) 


i 


247 


Substituting  3.64  into  3.67, 

R  sin2  0 
4  V  cos  0 


(3.68) 


A  5 


S.'i.'"  -”o)  +  S*5(°  •%)(l  +  sr) 

4V  O 


Sx  ClB  "  C“6  a 

e  e 


(3.76) 


g  1  -  cos  0 
^  "  V  cos  0 


q  *  ^  _  .  co8  0\ 

4  V  'cos  0  ' 


(3.69) 


(3.70) 


Now 

=  a  (h  -  hn)  and  V2  =  W 


hP* 


q  = 


,  & 


b  8 


aC. 


V  <n  *  V 


(3.71) 


When  maneuvering  from  initial  con¬ 
ditions  of  nQ  to  n,  the  Aq  equation 
becomes, 

*'  ■  "o  •  f  -f  ;  > 

o 

(3.72) 

(3.73) 


aq 


£  (n  -  no)  (1  +  —) 


nn 


The  general  expression  for  Aq  in 
equation  3.73  and  th?  value  for 
Aa  in  equation  3.60  may  now  be  sub¬ 
stituted  into  equation  3.59  to  de¬ 
termine  A6e 

*  ‘S,  1  [CL<"  -  ”o>  ‘X16.] 


(3.74) 


JC  „  i 

JT2  *  (n  -  “  )(1  +-J-) 

d  q  V  o  nn 


Substituting 

dc 


_ 2  £-  r 

dq  =  2V  % 


C  CTc 
m  L8 
a  e 


&S  = 
e 


S*  CL 


(n  -  no) 


-  <*,  <n  -  n)  (1  +  (3.75) 

^  2V  ° 


(n  -  nQ) 


Cnla  Cl8  ‘  Sb  3 

e  e 


<h  •  h»>  ♦  s^a  ♦  =-> 


o 

(3.77) 


Taking  the  limit  of  A6e/An  in  equa¬ 
tion  3.77  and 


dn 


aC, 


CmaCL8  ‘  Ctng  3 
e  e 


h  -  h  + 


4m  v’mq  (1  +  2^ 

n  n 


(3.78) 


The  maneuver  point  is  deter¬ 
mined  by  setting  d6e/dn  equal  to 
zero  and  solving  for  the  eg  posi¬ 
tion  at  this  point. 

h»  "  \  -  S  (1  +  <3-”> 

n 


The  maneuver  point  in  a  turn 
differs  from  the  pullup  by  the 
factor  (1  +  l/n2) .  This  means  that 
at  low  load  factors  the  turn  and 
pullup  maneuver  points  will  be  very 
nearly  the  same.  If  equation  (3.79) 
is  solved  for  hn  and  substituted 
back  into  equation  3.76,  the  result 
is : 


d8  aC 

=  r — rv -  r - I  <h  “  hJ  (3.80> 

d"  C%CL&  -  a  m 


3.11 
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The  conclusion  that  d5e/dn  is 
the  same  for  both  pullup  and  turn 
would  be  untrue  since  hm  in  equa¬ 
tion  3.80  for  turns  (includes  the 
factor  (1  +  l/n2)  is  different  from 
the  hm  found  for  the  pullup  maneu¬ 
ver.  The  same  conclusions  reached 
for  3.39  and  3.58  apply  to  3.80  and 
3.81  as  well. 


hn  +  PSaT 


2 

— —  v  (i  +  I/O 

(3.81) 


dC 

dC 

1  -  — 

+  A  _5 

!  dc. 

dC. 

L 

Stick  Fixed 

Stick  Fixed 

Aircraft  Pitching 


Effect  of  The 
Pitch  Rate 


For  the  stick- free  case,  the  follow¬ 
ing  must  be  true, 


■Stick  Free 
Aircraft  Pitching 


13.84) 
Effect  of 


Itlck  Fixed  Ef**ct  °f  ‘Eff*Ct  °l 
Aircraft  Free  E^evator  Pitch  Rate 


S.B  RECAPITULATION 

Before  looking  further  into 
the  stick-free  maneuverability 
case,  it  would  be  well  to  review 
the  development  in  the  preceding 
paragraphs  and  relate  it  to  the 
results  of  chapter  II. 

The  basic  approach  to  longi¬ 
tudinal  stability  was  centered 
around  finding  a  value  for  dCm/dCL. 

It  was  found  that  a  negative  value 
for  this  derivative  meant  that  the 
aircraft  was  statically  stable. 

The  derivative  was  analyzed  for 
the  stick-fixed  case  first  and 
then  the  stick-free  case.  The  eg 
position  where  this  derivative  was 
zero,  was  defined  as  the  neutral 
point.  Static  margin  was  defined 
as  the  difference  between  the  neutral 
point  and  the  eg  location.  The 
stick-free  case  was  determined  by: 


jnl 

dC 

a 

+  -i 

dC 
_ m 

H 

dCL 

dCL 

Stick  Free 

Stick  Fixed 

Effect  of 

Aircraft 

Aircraft 

Free  F.  leva  tor 

The  free  elevator 

case  was 

merely 

the 

basic  stability  of  the 

aircraft  with  the  effect  of  freeing 
the  elevator  added  to  it. 

When  the  maneuvering  case  was 
introduced,  it  was  shown  that  there 
was  a  new  derivative  to  be  discussed 
but  the  basic  stability  of  the  air¬ 
craft  would  not  change  -  only  the 
effect  of  pitch  rate  was  added  to 
it. 


dC 

,  dC 

a 

+ 

dCi 

dCT 

Stick  Free  L 

Stick  Free  L 

Aircraft  Pitching 


Aircraft 


Effect  of 
Pitch  Rate 


•  S.«  STICK  mil 

M  ANIUV'Sff  INO 

The  first  analysis  of  stick- 
free  maneuvering  requires  a  review 
of  longitudinal  stability.  It  was 
determined  in  chapter  II  that  the 
effect  of  freeing  the  elevator  was 
to  multiply  the  tail  term  by  the 
free  elevator  factor  F  which  equaled 
(1  -  T  Cha/Ch6).  Consequently,  to 
free  the  elevator  in  the  maneuvering 
case  and  find  the  stick-free  maneu¬ 
ver  point,  the  tail  effect  of  stick- 
fixed  maneuvering  must  be  multiplied 
by  this  free  elevator  factor.  Re¬ 
calling  equation  3.47  from  the 
stick-fixed  maneuvering  discussion. 


+  JL  v  ’  • 

aw  H  T 


/I  ^  ^  \  0  Sc  _ 

(1  ‘  da  )  % 


(3.86) 


Multiplying  the  tail  terms  by  F, 


X  dc  a 

-2£ _ -  +  _£  v  1 

c  dCLF„8  \  H  1 


(1  -  >  -  'H  s F  ,3-S7) 
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The  first  three  terms  on  the 
right  are  the  expression  for  stick- 
free  neutial  point,  hn. 


h'  = 
m 


(3.88) 


This  is  the  stick  free  maneuver 
point  in  terms  of  the  stick  free 
neutral  point  for  the  pullup  case. 
It  may  be  extended  to  the  turn 
case  by  using  the  term  for  the 
pitch  rate  of  the  tail  in  a  turn. 


h' 

m 


F  (1  +  ~) 
n 


(3.89) 


These  equations  do  not  give 
any  flight  test  relationship  and 
so  it  is  necessary  to  derive  this 
from  stick  forces,  as  was  done  in 
longitudinal  static  stability. 

The  method  used  will  be  to  relate 
the  stick  force-per-g  to  the  stick 
free  maneuver  point  since  stick 
forces  can  be  related  to  the  freeing 
of  the  elevator.  Starting  with  the 
relationship  of  stick  force,  gear¬ 
ing,  and  hinge  moments  that  was 
derived  in  chapter  II, 

F  =  -GH  (3.90) 

s  e 


H 

e 


9 


c 

e 


(3.91) 


F 

s 


-  Gq  S  c 
e  e 


(3.92) 


The  change  in  stick  force  for  a 
change  in  load  factor  becomes , 


A  F 
_ s 

A  n 


-  Gq  S 

e 


c 

e 


*Che 

A  n 


(3.93) 


where 


Stick-Free  Pullup  Maneuver: 

AChe  must  be  written  in  terms 
of  load  factor  and  substituted  back 
into  equation  3.93.  This  will  re¬ 
quire  defining  Acit  and  A<5e  in  terms 
of  load  factor.  The  change  in 
angle  of  attack  of  the  tail  comes 
partly  from  the  change  in  angle  of 
attack  of  tha  wing  due  to  downwash 
and  partly  from  the  pitch  rate. 

4«t  ‘  4‘V<1  -3T)+  %-T  (3'55) 

where  Act^  +  Aq  in  the  above  equa¬ 
tion  are 


4<V;  [CL  <»  -  »0>  -  cL6e  4  ».]  (3.96) 
Aq  =  V  (n  '  n0)  0.97) 


ac. 


A  8 


C  cLc  "  Cn>-  a 


m  ^8 
a  e 


(h  -  h  )  (n  -  n  ) 
m  o 

(3.98) 


If  the  equations  above  are 
substituted  into  3.94,  the  results 
would  be  cumbersome  at  best.  To 
simplify  things  Cl^  will  be  assumed 
small  enough  to  ignore.  (Reason¬ 
able  assumption  since  total  change 
in  lift  of  the  aircraft  when  the 
elevator  is  deflected  is  small.) 

The  above  equations  simplify  to: 


(n  -  n  )  +  *=  X  (n  -  n  )  (3.99) 
o  T  o 


A 


(h  -  h  ) 
m 


(n 


no)  (3.100) 


+  CL 


(3.94) 


Substituting  equations  3.99  and 
3.100  into  3.94, 


3.12 


250 


AC*e  CL  d  € 

- —  =  C.  —  (1  -  4^-)  +  C.  g  — l 

n  -  n  ha  da  h  °  _  2 

o  a  a  V 


V  —  <h  -  V  (3-101) 

6 


Substituting  =  W/psCL  and  Cm(5 
=  -ae  VH  and  isolating  the  maneu¬ 
ver  margin  (h  -  hm)  by  factoring 
out  (-  Ch6  CL/Cm<5e)  »  the  result  is: 


A  Ct 


n  -  n 


S  CL 

Cm50 


ch„  „  ■t’l 


ch, 


a  / 1  d  t  . 

(1  "  j — )  a  V„ 

da  e  H 


Ch83W 


+  _2  P~~  s  a  V  +  h  -  h 
Chg  2m  e  H  m 


(3.102) 


From  longitudinal  stability, 

h  .  h.  =  S  vH  (1  -  ^-)  (3.103) 

n  n  Ch&  aw  H  da 

and  if  the  second  term  in  the  paren¬ 
thesis  is  multiplied  by 

-2caT 

-2ca~  an<3  knowin9  that 


-2.  5l/c 

T  c 


a  /a_ 
e  T 


1  -  T 


% 

ChB 


(3 . 104) 


(3.105) 


(3.106) 


The  second  term  becomes : 


(3.107) 


Rewriting  equation  3.102, 

A  C. 


n  -  n 


=  + 


fh'  -  h 

n  n 


5slc. 

L 


+  (1  -  ¥)P 


Sc 

4m 


S-h  +  hm] 


but 


h  =  h  -  P  —  c 
m  n  4m  ®q 


(3.108) 


(3.109) 


Therefore: 

Ach 

C*8 

n  -  n 

0 

C% 

U- 

i  Sc 


4m  “q 


(3.110) 

Substituting  equation  3.110  back 
into  3.93  and  taking  the  limit 

dF  2  Chc 

zrm  G 1/2  fiw  V.  ^  v 

[h  -  K  *  '’s  S F]  am) 


Defining  the  stick-free  maneuver 
point  as  the  eg  position  where 
dFs/dn  is  equal  to  zero, 


h'  =  h'  -  f3  7^  Cm  F 
m  n  4m  q 


(3.112) 


which  is  the  same  equation  as  3.88 
previously  derived.  Equation  3.111 
may  be  written, 


dF 


ch] 


8 


— —  =  G  1/2  Pv  S  c  -  CT 
dn  e  e  C,^  L 


h  -  h'  I 

mj 


(3.113) 


Equation  3.113  may  be  rearranged 
if  the  following  substitutions  are 
made. 
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3.13 


C“&e 


a  V 
e  H 


T 

aT  6  6  VH 
e 


"L8C 


£  rp  S,^ 

c  S 

w  w 


(3.114) 


2W 

/°V2S 


(3.115) 


Substituting  equations  3.118  and 
3.119  into  ec/uation  3.94  and  per¬ 
forming  the  same  factoring  and 
substitutions  as  in  the  pullup 
case  j 


ich  cHcl 

n'"o  C"6 

e 


The  stick-force-per-g  equation 
becomes : 


-  G  (S 


c  W 
e 


V 


7 

T  T 


h 


h' 

m 


(3.116) 


Stick-Free  Turn  Maneuver; 

The  procedure  used  for  deter¬ 
mining  the  dFs/dn  equation  and  an 
expression  for  the  stick-free  maneu¬ 
ver  point  for  the  turning  maneuver 
is  practically  identical  to  the 
pullup  case.  For  the  turn  condi¬ 
tion  Aq  is  now. 


h-h;+,°SsF  (14  i/n2) 

-  . 


(3.120) 


Substituting  3.120  into  3.93 


dF 


—  =  G  1/2  /°V  Sc 
dn  e  e  C, 


ChcC 


5L 


mg 


[  ■  K  *  'f.  \ F  (1  +  7> 


(3.121) 


And  solving  for  the  stick-free 
maneuver  point, 


h' 


m 


h'  ./0|£  cn  F  (1  +  1/n2)  (3.122) 

n  4m  q 


=  & 


<n  -  “  )  (1  +  ~) 


nn 


(3.117) 


The  change  in  angle  of  attack  of 
the  tail,  Aa-p  and  A6e  become 


A  a  =  (n  -  n  )  (1  -  + 

T  a  o  da 


£ 

J  (n  -  %)(1  +  ^~)  (3-H8) 


A6 


(h-h)(n-n)+ 
n  o 


'“H  %(n-"o)(1  +  dr> 

o 


Further  substitution  puts  equation 
3.121  into  the  following  form: 


dF 


-r-5  =  -  G  (S  c  W  Cho )  -z------ - 

dn  e  e  n6  £ _  S„,  CT 

T  T  L6c 


['■  - h;] 


(3.123) 


Again,  the  turning  stick- 
force-per-g  equation  3.123  appears 
identical  to  the  stick-free  pullup 
equation.  However,  the  expression 
for  the  maneuver  point  h^  is  dif¬ 
ferent. 


The  term  in  tne  first  paren¬ 
thesis  represents  the  hinge  moment 
of  the  elevator.  The  second  term 
is  the  elevator  power  and  the  last 
term  is  the  negative  value  of  the 


(3.119) 


stick-free  maneuver  margin.  The 
following  conclusions  are  drawn 
from  this  equation. 

1.  The  stick-force-per-g  appears 
to  vary  directly  with  the 
weight.  However,  weight  also 
appears  inversely  in  hm* 
Therefore,  the  full  effect 

of  weight  cannot  be  truly 
analyzed  since  one  effect 
could  cancel  the  other. 

2.  Since  airspeed  does  not 
appear  in  the  equation,  the 
stick-force-per-g  will  be 
the  same  at  all  airspeeds  for 
a  fixed  eg. 


•  9.7  IPPKST  OF 

■OBWKIOHTS  AND 
SPRINGS 

The  effect  of  bobweights  and 
springs  on  the  stick-free  maneuver 
point  and  stick-force  gradients  is 
of  interesc .  The  result  of  adding 
a  spring  or  a  bobweight  to  the  con¬ 
trol  system  adds  an  incremental 
force  to  the  system.  The  effect 
of  the  spring  is  different  from 
the  effect  of  the  bobweight.  The 
spring  exerts  a  constant  force  on 
the  stick  no  matter  what  load 
factor  is  applied.  The  bobweight 
exerts  a  force  on  the  stick  pro¬ 
portional  to  the  load  factor. 

Figure  3.8  BOBWEIGHT  AND  DOWNSPRING 


From  equation  3.112,  come  the 
following  conclusions. 

1.  The  difference  between  the 
stick-fixed  and  stick-free 
maneuver  point  is  a  function 
of  the  free  elevator  factor, 

F. 

2.  The  stick- free  maneuver 
point,  h^,  varies  directly 
with  altitude,  becoming 
closer  to  the  stick-free 
neutral  point,  the  higher  the 
aircraft  flies. 

3.  The  location  of  the  stick- 
free  maneuver  point  is  of  aca¬ 
demic  interest  only  since  it 
occurs  at  the  point  where 
dFs/dn  =  0.  It  is  difficult 
to  fly  an  aircraft  with  this 
type  gradient.  Consequently, 
military  specifications  limit 
the  minimum  value  of  dFs/dn 

to  three  pounds  per  g. 

4.  The  forward  eg  is  limited  by 
stick  force  per  g.  The  maxi¬ 
mum  value  is  limited  by  the 
type  aircraft  (bomber,  fighter, 
or  trainer);  i.e.,  heavier 
gradients  in  bomber  type  and 
lighter  ones  in  fighters. 


bobweight  downspring 


(i)  <*> 


The  force  increment  for  the 
downspring  and  bobweight  are: 


AF 

s 

Spring 


G  S 

e 


c 

e 


WGh5 


sT 


C 

w 


(h  h^)(n  -  no)  +  T  §  (3.124) 
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3.15 


af 

s 

Bobweight 


G  Se  ce  W  C^5 
ST  CL„ 


c  . 
w 


(h  -  h' )  (n  -  n  )  +  W  £  (n-n  ) 
m  o  D  o 

(3.125) 


When  the  derivative  is  taken 
with  respect  to  load  factor,  the 
effect  on  dFs/dn  of  the  spring  is 
zero.  The  stick  force  gradient 
is  not  affected  by  the  spring  mr 
is  the  stick-free  maneuver  point 
changed. 


dF 
_ s 

dn 

Spring 


c  s.  c.  "  Ch 

vA  c» <h  ■ h:) 


m 

(3.126) 


3.8  AERODYNAMIC 
BALANCING 


Aerodynamic  balancing,  is  used 
to  affect  the  stick  force  gradient 
and  stick  free  maneuver  point. 
Aerodyanmic  balancing  or  varying 
values  of  C h  and  Ch^  affects  the 
following  stick  free  equations. 


G  Se  Ce  W  Ch5 
ST  CL_ 


(h  -  h')  (3.128) 
in 


h' 

m 


S  F 


(3.129) 


For  the  bobweight,  the  stick 
force  gradient  dFs/dn  becomes : 


f.  G  se  %  “  % 

d"  '  '  ST  CL. 

Bobweight  °e 


(h  -  h1)  +  W  £ 

ni  D 

(3.127) 


F  =  i  -  T  (3.130) 

ch8 

Decreasing  Ch<$  and/or  increas¬ 
ing  Cha  by  using  two  such  aero¬ 
dynamic  balanced  devices  as  an 
overhang  balance  or  a  lagging  bal¬ 
ance  tab,  does  the  following: 


Consequently,  the  addition 
of  the  bobweight  (positive)  in¬ 
creases  che  stick  force  gradient, 
moves  the  stick  free  maneuver  point 
aft,  and  shifts  the  allowable  eg 
spread  aft  (the  minimum  and  maxi¬ 
mum  eg  positions  as  specified  by 
force  gradients  are  moved  aft) . 

See  figure  3.9. 


Figure  3.9  EFFECTS  DF  ADDING  A  BOBWEIGHT 


1.  The  free  elevator  factor,  F, 
decreases . 

2 .  The  stick  free  maneuver 
point  hm  moves  forward. 

3 .  The  maneuver  margin  term 
(h  -  hj^)  decreases. 

4 .  The  stick  force  gradient 
decreases . 

5.  The  forward  and  aft  eg  limits 
move  forward. 


Increasing  Ch^  and/or  decreas¬ 
ing  cha  by  using  a  convex  trailing 
edge  or  a  leading  balance  tab  does 
the  following: 

1.  The  free  elevator  factor,  F, 
increases . 


2 .  The  stick  free  maneuver 
point  hm  moves  aft. 


3.16 
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3.  The  maneuver  margin  term 
(h  -  hm)  increases. 

4.  The  stick  force  gradient 
increases . 

5.  The  forward  and  aft  eg  limits 
move  aft. 

•  3.9  eg  RESTRICTIONS 

The  restrictions  on  the  air¬ 
craft's  center  of  gravity  location 
may  be  examined  by  referring  to  the 
mean  aerodynamic  chord  in  figure 
3.10. 

Figurt  UO  RESTRICTIONS  TO  CENTER  OF 
GRAVITY  LOCATIONS 


8.  For  -IF, 

Cl  Mo»  *>  M.,  •‘"Ml"  h'„  h„  h'm  hm 


1 

1 

_1_ 

_ 1 - 

■ - 1 - 

1.0 

- 1 

2.0 

r 

3.0 

» 

4.0 

and  maneuver  points  ahead  of 
their  respective  stick  fixed 
points . 

2.  The  stick-free  neutral  point, 
hn,  can  be  moved  aft  arti- 
fically  with  a  downspring. 

The  stick  free  maneuver  point, 
hj|i,  can  be  moved  aft  with  a 
bobweight  but  not  a  down¬ 
spring  . 

3.  The  desired  aft  eg  location 
may  be  unsatisfactory  because 
it  lies  aft  of  the  eg  posi¬ 
tion  giving  minimum  stick 
force  gradient.  The  require¬ 
ment  for  bobweight  or  a  par¬ 
ticular  aerodynamic  balancing 
would  exist  in  order  to  shift 
the  eg  for  minimum  stick  force 
gradient  aft  of  the  desired 
aft  eg  position. 

The  equations  which  pertain 
to  maneuvering  flight  are  repeated 
below: 

Pull  Ups,  Stick-Fixed 


The  forward  eg  travel  is 
normally  limited  by: 

1.  Maximum  stick-force-per-g 
gradient  -  dFs/dn. 


h  = 
m 


-  P~C, 


4m  mq 


(3.131) 


(h  -  hJ 

m 

(3.132) 


2 .  Elevator  required  to  land  at 
ClMAX* 

The  aft  eg  travel  is  normally 
limited  by: 


Pull  Ups,  Stick-Free 


Minimum  stick-force-per-g  - 
dFg/dn. 

h' 

m 

■  % p 

(3.133) 

Stick  free  neutral  point- 

dF 
_ s 

G  S  c  W  Chc  c 
e  e  "5  w 

(h  -  h') 
m 

pewer  on  -  h^. 

dn 

'  ST  \ 

Additional  considerations: 

°e 

(3.134) 

1.  Freeing  the  elevator  causes 
a  destabilizing  moment  that 
locates  the  stick  free  neutral 


Turns;  Stick-Free 


dF 
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dn 

Bobweight 


G  S  c  W  0ho 


ST  CL„ 


(3.135) 


h' 

m 


=  hi'^S(1+  1/rZ)  (3.138) 


Turns;  Stick-Fixed 


h  =  h  -  /°p-  (1  +  -4) 

m  n  4m  1 

n 


dF 


G  S  c  W  Ch„ 
e  e  “5 


(3.136) 


Cw  (h  -  h^(3-139) 


% 

dn 


a  C. 


Grn  CT  “  C  Sl 
“a  L  m 

8  8 
e  e 


(h  -  hm)(3.137) 
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•  4  1  INTRODUCTION 


i 


) 


An  analysis  of  the  equations 
of  aircraft  motion  leads  to  the 
following  mathematical  description 
of  aircraft  lateral-directional 
motion : 

Fy  =  mv  +  mru  -  pwm  (-+.1) 

Gx  =  K  +  qr(V  y-  f  pq)Ixz  (4.2) 

Cz  =  rlz  +  pq(Iy-  Ix)+  (qr  .  p)Ixz  (4<3) 

These  equations  will  yield  a 
bounded  or  "stable"  solution  for 
a  bounded  or  "stable"  input.  Thus, 
an  analysis  of  aircraft  lateral- 
directional  motion  need  only  con¬ 
sider  the  left  side  of  the  equations 
to  determine  aircraft  stability. 
Further  analysis  of  the  aircraft 
equations  of  motion  reveals  the 
left  side  of  the  foregoing  equa¬ 
tions  to  be  composed  primarily  of 
contributions  from  aerodynamic 
forces  and  moments,  direct  thrust, 
gravity,  and  gyroscopic  moments. 

Of  these,  only  the  aerodynamic 
forces  and  moments  (Y,  L,  N)  will 
be  analyzed  because  the  other 
sources  ar  :  usually  eliminated 
through  proper  design. 

It  has  been  found  from  experi¬ 
ence  that  when  operating  under  a 
small  disturbance  assumption,  air¬ 
craft  lateral-directional  motion 
can  be  considered  independent  of 
longitudinal  motion  and  that  it 
can  be  considered  as  a  function  of 
the  following  variables: 

<*>«£*?>  =  0..  P,  r,  5  ,  6  )  (4.4) 


The  side  forces,  Y,  acting 
on  the  aircraft,  can  be  repre¬ 
sented  by  a  couple  at  the  aircraft 
eg.  The  resulting  moment  is  con¬ 
sidered  as  a  part  of  the  aero¬ 
dynamic  moment  about  the  eg,  ft. 

The  remaining  force  is  useful  only 
in  determining  the  magnitude  of 
the  sideslip  angle,  6.  In  the 
treatment  of  aircraft  lateral- 
directional  motion,  sideslip  angle, 
6,  is  considered  the  independent 
variable,  therefore,  the  side  force 
equation  will  not  be  considered 
further. 

The  two  remaining  forcing 
functions  can  be  expressed  in 
terms  of  non-dimensional  stability 
derivatives,  angular  rates  and 
angular  displacements: 


Cn  '  V  +  +  +  <4-5> 

+  S&rBr 

c4  =  c/ff+  +  V  +  +  (A,6) 

c4a&a  + 

The  analysis  of  aircraft 
lateral-directional  motion  is 
based  on  these  two  equations.  A 
cursory  examination  of  these  equa¬ 
tions  reveals  the  presence  of 
"cross-coupling"  terms,  e.g., 

C»ipP  and  Cn£a6a  i-n  the  yawing 
moment  equation  (4.5).  It  is  for 
this  reason  that  aircraft  lateral 
motions  and  directional  motions 
must  be  considered  together  -  each 
one  influences  the  other. 
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4.1 


■A 


Static  directional  st  ability 
will  be  considered  first  Each 
stability  derivative  in  equation 
(4.5)  will  be  discussed  and  its 
contribution  to  aircraft  stability 
will  be  analyzed.  A  summary  of 
these  stability  derivatives  follows: 

•  4.S  Cn  -STATIC  DIMQCTIONAL 

P 

STABILITY  OR  WKATHKRCOCK 
STABILH  Y 


develop  which  create  moments  about 
all  three  axis.  The  moments 
created  about  the  Z  axis  tend  to 
turn  the  nose  of  the  aircraft  into 
or  away  from  the  relative  wind. 

The  aircraft  is  statically  direc¬ 
tionally  stable  if  the  moments 
created  by  a  sideslip  angle  tend 
to  align  the  nose  of  the  aircraft 
with  the  relative  wind.  By  con¬ 
vention,  sideslip  angle  is  defined 
as  positive  if  the  relative  wind 
is  displaced  to  the  right  of  the 
fuselage  reference  line. 


Static  directional  stability 
is  defined  as  the  initial  tendency 
of  an  aircraft  to  return  to  or 
depart  from  its  equilibrium  angle 
of  sideslip  when  disturbed.  Al¬ 
though  the  static  directional  sta¬ 
bility  of  an  aircraft  is  determined 
through  consideration  of  all  the 
terms  in  equation  4.5,  C^g  is  often 

referred  to  as  "static  directional 
stability"  because  it  is  the  pre¬ 
dominant  term. 


When  an  aircraft  is  placed  in 
a  sideslip,  aerodynamic  forces 

FIGURE  4.1 


FIGURE  4.2 


DERIVATIVE 

NAME 

SIGN  FOR  A 
STABLE 
AIRCRAFT 

CONTRIBUTING  PARTS 

OF  AIRCRAFT 

% 

Static  Directional  Stability 
or 

Weathercock  Stability 

(+) 

Tail,  Fuselage,  Wing 

S 

Lag  Effects 

(-) 

Tail 

Cnp 

Cross-Coupling 

(+) 

Wing.  Tail 

Yaw  Damping 

(-) 

Tai„,  Wing,  Fuselage 

C,i6a 

Adverse  or  Complimentary  Yaw 

"0" 

or 

slightly 

(+) 

Lateral  Control 

C*8r 

Rudder  Tower 

(+) 

Rudder  Control 

4.2 
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In  figure  4.2  the  aircraft  is  in 
a  right  sideslip.  It  is  statically 
stable  if  it  develops  yawing  moments 
that  tend  to  align  it  with  the 
relative  wind,  or,  in  this  case, 
right  (positive)  yawing  moments. 
Therefore,  an  aircraft  is  statically 
directionally  stable  if  it  develops 
positive  yawing  moments  with  a 
positive  increase  in  sideslip. 

Thus ,  the  slope  of  a  plot  of  yaw¬ 
ing  moment  coefficient,  Cn,  versus 
sideslip,  B,  is  a  quantitative 
measure  of  the  static  directional 
stability  that  an  aircraft  possesses. 
This  plot  would  necessarily  be  de¬ 
termined  from  wind  tunnel  results. 

FIGURE  4.3  WIND  TUNNEL  RESULTS  OF  YAWING 
MOMENT  COEFFICIENT  v*  SIDESLIP 


The  total  value  of  the  direc¬ 
tional  stability  derivative,  Cng, 
at  any  sideslip  angle,  is  deter¬ 
mined  by  contributions  from  the 
vertical  tail,  the  fuselage,  and 
the  wing.  These  contributions 
will  be  discussed  separately. 

Vertical  Tail  Contribution  to 

CHB: 

The  vertical  tail  is  the  pri¬ 
mary  source  of  directional  stability 
for  virtually  all  aircraft.  When 
the  aircraft  is  yawed,  the  angle 
of  attack  of  the  vertical  tail  is 
changed.  This  change  in  angle  of 
attack  produces  a  change  in  lift 
on  the  vertical  tail,  and  thus  a 
yawing  moment  about  the  Z-axis. 


Referring  to  figure  4.4,  the  yaw¬ 
ing  moment  produced  by  the  tail  is: 

=  (-/f)(-Lf)  =  /fLf  (4.7) 

The  minus  signs  in  this  equa¬ 
tion  arise  from  the  use  of  the 
sign  convention  adopted  in  the 
study  of  aircraft  equations  of 
motion.  Forces  to  the  left  and 
distances  behind  the  aircraft  eg 
are  negative . 

As  in  other  aerodynamic  con¬ 
siderations,  it  is  convenient  to 
consider  yawing  moments  in  coef¬ 
ficient  form  so  that  static  direc¬ 
tional  stability  can  be  evaluated 
independent  of  weight,  altitude 
and  speed.  Putting  equation  4.7 
in  coefficient  form: 

c  =  ^  =  ^ClF  qF  SF  (4.8) 

q  s  b  q  <?  b 

w  w  w  w  w 


2i-S 


4.3 


(4.12) 


Vertical  tail  volume  ratio, 
defined  as:  s  / 


Vv,  is 
(4.9) 


%  ’  S  «F 

Making  this  substitution  in  equa¬ 
tion  4.11: 


The  sign  of  Vy  may  be  either  posi¬ 
tive  or  negative.  Making  this 
substitution  in  equation  4.8: 

Ct  q  V 

c  =  mF  v  (4.10) 

,F  i. 

For  a  propeller  driven  aircraft, 
qw  is  greater  than  qF.  However, 
for  a  jet  aircraft,  these  two 
quantities  are  equal.  Thus,  for 
a  jet  aircraft,  equation  4.10  be¬ 
comes  : 

SF  *  CLFVv  <4*U> 

The  lift  curve  for  a  vertical 
tail  is  presented  in  figure  4.5. 


FIGURE  4.5  LIFT  CURVE  FOR  A  VERTICAL  TAIL 


clf 


The  negative  slope  of  this  curve 
is  a  result  of  the  sign  convention 
used.  Reference  figure  4.4.  When 
the  relative  wind  is  displaced  to 
the  right  of  the  fuselage  reference 
line,  the  vertical  tail  is  placed 
at  a  positive  angle  of  attack. 
However,  this  results  in  a  lift 
force  to  the  left,  or  a  negative 
lift.  Thus,  the  sign  of  the  lift 
curve  slope  of  a  vertical  tail, 
cip,  will  always  be  negative  below 
the  stall. 


<Z.n  a_  V 
F  F  v 


(4.13) 


The  angle  of  attack  of  the 
vertical  tail,  cp,  is  not  merely 
6.  If  the  vertical  tail  were 
placed  alone  in  an  airstream,  the 
ap  would  be  equal  to  6.  However, 
when  the  tail  is  installed  on  a*, 
aircraft,  changes  in  both  magnitude 
and  direction  of  the  local  flow  at 
the  tail  take  place.  These  changes 
may  be  caused  by  e  propeller  slip¬ 
stream,  or  by  the  wing  and  the 
fuselage  when  the  airplane  is 
yawed.  The  angular  deflection  is 
allowed  for  by  introducing  the  side- 
wash  angle,  o,  analogous  to  the  down- 
wash  angle,  e.  The  value  of  cr  is 
very  difficult  to  predict,  there¬ 
fore  suitable  wind  tunnel  tests 
are  required.  The  sign  of  o  is  de¬ 
fined  as  positive  if  it  causes  ap 
to  be  less  than  B.  Thus, 


<T  »  P  -  «F  (4.14) 

Substituting  in  equation  4.13: 


%r  "  Vv  (P  (4.15) 


The  contribution  of  the  ver¬ 
tical  tail  to  weathercock  stability 
is  found  by  examining  the  change 
in  Cnp  with  a  change  in  sideslip 
angle,  B. 


JC, 


*IF 


d  P 


•'np 


(Tail) 


Fixed 


=  v  <t»  (i  -  -yy  i 

v  F  K  ' 

(4.16) 


The  subscript  "fixed"  is 
added  to  emphasize  that,  thus  far, 
the  vertical  tail  has  been  con¬ 
sidered  as  a  surface  with  no  move- 
able  parts,  i.e. ,  the  rudder  is 
"fixed. " 


Equation  4.16  reveals  that 
the  vertical  tail  contribution  to 
directional  stability  can  only  be 
changed  by  varying  the  vertical 
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tail  volume  ratio,  Vv,  or  the 
vertical  tail  lift  curve  slope, 
ap.  The  vertical  tail  volume 
ratio  can  be  changed  by  varying 
the  size  of  the  vertical  tail,  or 
its  distance  from  the  aircraft  eg. 

The  vertical  tail  lift  curve  slope 
can  be  changed  by  altering  the 
basic  airfoil  section  of  the  vertical 
tail,  or  by  end  plating  the  vertical 
fin.  An  end  plate  on  the  top  of 
the  vertical  tail  is  a  relatively 
minor  modification  and  yet  it  in¬ 
creases  the  directional  stability 
of  the  aircraft  significantly. 

This  fact  has  been  utilized  in  the 
case  of  the  T-38  (figure  4.6). 

As  can  be  seen  in  figure  4.7,  the 
entire  stabilator  on  the  F-104  acts 
as  an  end  plate  and,  therefore, 
adds  greatly  to  the  directional 
stability  of  the  aircraft. 

FIGURE  4.6 
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The  effect  of  an  end  plate  on 
the  vertical  stabilizer  is  to  in¬ 
crease  the  effective  aspect  ratio 
of  the  vertical  tail.  As  with  any 
airfoil,  this  change  in  aspect 
ratio  produces  a  change  in  the  lift 
curve  slope  of  the  airfoil. 


FIGURE  4.7 


As  the  aspect  ratio  is  increased, 
the  for  stall  is  decreased. 
Thus,  if  the  aspect  ratio  of  the 
vertical  tail  is  too  high,  the 
vertical  tail  will  stall  at  low 
sideslip  angles  and  a  large  de¬ 
crease  in  directional  stability 
will  occur. 

Fuselage  Contribution  to  C«g: 


The  subsonic  center  of  pres¬ 
sure  of  a  typical  fuselage  occurs 
about  one-fourth  of  the  distance 
back  from  the  nose.  Since  the 
aircraft  center  of  gravity  usually 
lies  behind  this  point,  the  fuse¬ 
lage  is  generally  de-stabilizing . 

FIGURE  4.8 


As  can  be  seen  from  figure 
4.8,  a  positive  sideslip  angle 
will  produce  a  negative  yawing 
moment  about  the  eg,  thus,  cnB (fuselage) 

is  negative  or  destablizing .  The 
destabilizing  influence  of  the 
fuselage  diminishes  at  large  side¬ 
slip  angles  due  to  a  decrease  in 
lift  as  the  fuselage  stall  angle 
of  attack  is  exceeded,  and  also  due 
to  an  increase  in  parasite  drag 
acting  at  the  center  of  equivalent 
parasite  area  which  is  located 
aft  of  the  eg. 

If  the  overall  directional 
stability  of  an  aircraft  becomes 
too  low,  the  fuselage-tail  combina¬ 
tion  can  be  made  more  stabilizing 
by  adding  a  dorsal  fin  or  a  ven¬ 
tral  fin.  A  dorsal  fin  was  added 
to  the  C-123  and  a  ventral  fin 
was  added  to  the  F-104  to  improve 
static  directional  stability. 

FIGURE  4.8 


Since  the  addition  of  a  dorsal 
fin  decreases  the  effective  aspect 
ratio  of  the  tail,  a  higher  side¬ 
slip  angle  can  be  attained  before 
the  vertical  fin  will  stall.  How¬ 
ever,  the  major  effect  of  the  dor¬ 
sal  fin  at  large  sideslip  angles 
is  to  move  the  center  of  equivalent 
parasite  area  further  aft  of  the 
eg,  therefore  producing  a  greater 
stabilizing  moment  ac  any  given 


sideslip  angle.  Thus,  a  dorsal 
fin  greatly  increases  directional 
stability  at  large  sideslip  angles. 
Figure  4,10  shows  the  effect  on 
directional  stability  of  adding  a 
dorsal  fin. 

FIGURE  U9  EFFECT  OF  ADDING  A  DORSAL  FIN 


(fuselage)  is  difficult  to 
estimate,  and  although  some  empiri¬ 
cal  formulas  exist,  it  is  usually 
measured  directly  by  wind  tunnel 
tests  using  a  model  without  a  tail. 

Wing  Contribution  to  Cng: 


The  wing  contribution  to 
static  directional  stability  is 
usually  small.  Straight  wings 
make  a  slight  positive  contribution 
to  static  directional  stability 
due  to  fuselage  blanking  in  a  side¬ 
slips  Effectively,  the  relative 
wind  "sees"  less  of  the  downwind 
wing  due  to  fuselage  blanking. 

This  reduces  the  lift  of  the  down¬ 
wind  wing,  and  thus  reduces  the 
induced  drag  on  the  downwind  wing. 
The  difference  in  induced  drag  on 
the  two  wings  tends  to  yaw  the  air¬ 
craft  into  the  relative  wind. 

Swept  back  wings  produce  a 
greater  positive  contribution  to 
stall  directional  stability  than 
do  straight  wings. 

Reference  figure  4.11.  The 
wing  sweep  angle,  A  is  defined  as 
the  angle  between  a  perpendicular 
to  the  fuselage  reference  line  and 
the  quarter  cord  line  of  the  wing. 


FIGURE  U1 


It  can  be  seen  that  the  component 
of  free  stream  velocity  normal  to 
the  wing  is  greater  for  swept  back 
wings  than  for  straight  wings ,  and 
that  is  also  greater  on  the  upwind 
wing . 

VN (Upwind)  =  VT  cos  (  A  '  (4.17) 


VN (Downwind)  =  VT  C0S  (  A  +  P) 

This  difference  in  normal  components 
creates  a  dissimilance  of  lift  and 
therefore  a  disparity  in  induced 
drag  on  the  two  wings.  Thus  a  sta¬ 
bilizing  yawing  moment  is  created. 
Similarly,  forward  swept  wings 
would  create  an  unstable  contribution 
to  static  directional  stability. 
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Miscellaneous  Effects  on  Cn«: 


A  propeller  can  have  large 
effects  on  an  aircraft's  static 
directional  stability.  The  pro¬ 
peller  contribution  to  directional 
stability  arises  from  the  side 
force  component  at  the  propeller 
disc  created  as  a  result  of  yaw 
(see  figure  4.12) . 

FIGURE  4.12 


The  propeller  is  destabilizing  if 
a  tractor  and  stabilizing  if  a  push¬ 
er.  Similarly,  engine  intakes  have 
the  same  effects  if  they  are  located 
fore  or  aft  of  the  aircraft  eg. 

Engine  nacelles  act  like  a 
small  fuselage  and  can  be  stabiliz¬ 
ing  or  destabilizing  depending  on 
whether  their  cp  is  located  ahead 
or  behind  the  eg. 

Aircraft  eg  movement  is  re¬ 
stricted  by  longitudinal  static 
stability  considerations.  However, 


within  the  relatively  narrow  limits 
established  by  longitudinal  con¬ 
siderations,  eg  movements  have  no 
significant  effects  on  static 
directional  stability. 

c1}8r  ■»«»“»  POWBIt 

In  most  flight  conditions,  it 
is  desired  to  maintain  the  sideslip 
angle  equal  to  zero.  If  the  air¬ 
craft  has  positive  directional 
stability  and  is  symmetrical,  then 
it  will  tend  to  fly  in  this  condi¬ 
tion.  However,  yawing  momerts  may 
act  on  the  aircraft  as  a  result 
of  asymmetric  thrust  (one  engine 
inoperative) ,  slip  stream  rotation, 
or  the  unsy.-jnetric  flow  field 
associated  with  turning  flight. 

Under  these  conditions,  sideslip 
angle  can  be  kept  to  zero  only  by 
the  application  of  a  control  moment. 
The  control  that  provides  this 
moment  is  the  rudder. 


Recall  that, 


C,,F 

*F  “F  Vv 

(4.13) 

^  -  CL  if* 

t)  6  ~  F  Vv  £>6 

r  r 

(4.19) 

Defining  rudder  effectiveness,  T, 
as : 

T  -  (4.20) 

'»r 


=*8  - 
r 


(4.21) 


The  derivative,  C«5  ,  is  called 
"rudder  power"  and  Sy  definition, 
its  algebraic  sign  is  always  posi¬ 
tive.  This  is  because  a  positive 
rudder  deflection,  +6r  is  defined 
as  one  that  produces  a  positive 
moment  about  the  eg,  +Cn.  The 
magnitude  of  the  rudder  power  can 
be  altered  by  varying  the  size  of 
the  vertical  tail  and  its  distance 
from  the  aircraft  eg,  or  by  using 
different  airuoils  for  the  tail 
and/or  rudder,  or  by  varying  the 
size  of  the  rudder. 
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•4.4  RUDDKR  FIXKD  STATIC 
DIRKCTIONAL  STABILITY 

Having  some  knowledge  of  both 
and  Cn5r,  it  is  now  possible 

to  work  toward  some  relationship 
that  can  be  used  in  flight  to  mea¬ 
sure  the  static  directional  sta¬ 
bility  of  the  aircraft.  In  flight, 
the  maneuver  that  will  be  used  to 
determine  the  static  directional 
stability  of  the  aircraft  is  the 
"steady  straight  sideslip."  In  a 
steady  straight  sideslip,  equation 
4.5  reduces  to, 


%P  +  +  C*&  5r  =  0  <4.22) 


FIGURE  4.13 


RUDDER  DEFLECTION  vs  SLSDESLIP 


Thus , 


•  4.B  RUDDKR  FRKK  STATIC 
DIRKCTIONAL  STABILITY 


(4.23) 


_  ^(Flxed) 


(4.24) 


Again,  the  subscript  "fixed"  is 
added  as  a  reminder  that  equation 
4.24  is  an  expression  for  the  static 
directional  stability  of  an  air¬ 
craft  if  the  rudder  is  not  free  to 
float.  Looking  at  equation  4.24, 
Cn<5r  is  a  known  quantity  once  an 
aircraft  is  built,  therefore, 

3  6 r/ 3  B  can  be  taken  as  a  direct 
indication  of  the  rudder  fixed 
static  directional  stability  of  an 
aircraft.  The  relationship,  3  6 r/ 3  B , 
can  easily  be  measured  in  flight. 
Since  Cng  has  to  be  positive  in 
order  to  have  positive  directional 
stability,  and  Cn5r  is  positive  by 
definition,  36r/3B  must  be  negative 
to  obtain  positive  directional  sta¬ 
bility. 


On  aircraft  with  reversible 
control  systems,  the  rudder  is 
free  to  float  in  response  to  its 
hinge  moments,  and  this  floating 
can  have  large  effects  on  the 
directional  stability  of  the  air- 
Dlane.  In  fact,  a  plot  of  36r/3B 
may  be  stable  while  an  examination 
of  the  rudder  free  static  direc¬ 
tional  stability  reveals  the  air¬ 
craft  to  be  unstable.  Thus,  if 
the  rudder  is  free  to  float,  there 
will  be  a  change  in  the  tail  con- 
trioution  to  static  directional 
stability.  To  analyze  the  nature 
of  this  change,  recall  that  hinge 
moments  are  produced  by  the  pres¬ 
sure  distribution  caused  by  angle 
of  attack  and  control  surface  de¬ 
flection.  In  the  case  of  the 
rudder, 


In  coefficient  form 

Ch  =  Chap  •  aF  +  C\  *  &r  (4-26) 
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It  can  be  seen  that  when  the 
vertical  tail  is  placed  at  some 
angle  of  attack,  ap,  the  rudder 
will  start  to  "float."  However, 
as  soon  as  it  deflects,  restoring 
moments  are  set  up,  and  an  equilib¬ 
rium  floating  angle  will  be  reached 


where  the  floating  tendency  is  just 
balanced  by  the  restoring  tendency 
and  Ch  =  0.  At  this  point. 

C%  •  *F 

'  *  8r 

(Float) 

(4.27) 

Thus, 

r (Float) 

Ch 

aF 

Ch6  ^ 

8r 

(4.28) 

From  equation  4.14, 

.  x.i£ 

d  P  d  P 


(4.33) 


C*p 

p(Free) 
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v  F 


(4.34) 
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r (Float) 

dp 


>P 


(Free) 


V 

v  F 


(4.35) 


With  this  background,  it  is 
now  possible  to  develop  a  relation¬ 
ship  that  expresses  the  static 
directional  stability  of  an  air¬ 
craft  with  the  rudder  free  to 
float. 


Recall  that, 

=  V  o.  a 
VS  v  F  F 


<*v  =  P  *  <T  + 


d  a 

JIT  8r 

r  (Float) 


Therefore, 


(4.13) 

(4.29) 
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i  +  r- — -iFloat> 


d  ar 


Recall  that, 

b  -  ■ 

(Float) 
Therefore , 
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r (Float) 


(4.28) 


(4.36) 


=  V 

v  F 


d  ofp 
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6  8r  r(Float) 


(4.30) 
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^P 
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(Free) 


^  P 


J6r 
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(4.31) 


->  s  V  a< 

J1p ,  .  v  F 

p  (Free) 
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>r  (Float) 
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(4.32) 


Thus, 


=  v  a, 
,P(Free)  v.  F 


-r 


(4.37) 


It  can  be  seen  that  this 
expression  differs  from  equation 
4.16,  the  expression  for  rudder 
fixed  static  directional  stability 
by  the  term  (1  -  T  Cha„/Ch£r) • 

Since  this  term  will  always  result 
in  a  quantity  less  than  one,  it 
can  be  stated  that  the  effect  of 
rudder  float  is  to  reduce  the  slope 
of  the  static  directional  stability 
curve . 
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FIGURE  4.14 


THE  EFFECT  OF  FREEING  THE  RUDDER  ON  STATIC 
DIRECTIONAL  STABILITY 


Equation  4.37  does  not  con¬ 
tain  parameters  that  are  easily 
measured  in  flight,  therefore  it 
is  necessary  to  develop  an  expres¬ 
sion  that  will  be  useful  in  flight 
test  work. 


that  the  rudder  floats.  Thus,  in 
steady  straight  flight, 


^^Hinge  Pin-® 


K+H 


»l 


(4.38) 


Fr  =  *  ^ 


(4.39) 


Where  G  is  merely  1/K. 
Knowing , 


H. 


C,  q  S  c 
h  r  r 


(4.40) 


From  equation  4.26, 
H 


q  S  c  (Ch  .  a 
r  r  i  ot_  F 
F 


+  C 


h8 


.  6r) 


Thus,  equation  4.39  becomes, 

Fr  ’  -G’r  Sr  Cr  <  Chap  •  “f 
+  Ch  •  Sr) 

r 


(4.41) 


(4.42) 


Assuming  a  steady  straight 
sideslip,  figure  4.15  schematically 
represents  the  forces  and  moments 
at  work. 

FIGURE  4.15 
fr 


In  a  steady  straight  sideslip, 

171  -  0.  Therefore,  it  follows  that 
^Hinge  Pin  =  Now  if  moments 
are  summed  about  the  rudder  hinge 
pin,  the  rudder  force  exerted  by 
the  pilot,  Fr,  acts  through  a  moment 
arm  and  gearing  mechanism,  both 
accounted  for  by  some  constant,  K, 
and  must  balance  the  other  aero¬ 
dynamic  yawing  moments  so  that 

^Hinge  Pin  “  °-  The  Pilot  is 
hindered  in  his  task  bv  the  fact 


Applying  equation  4.27, 
Fr  =-G<r  SrCr  <-Ch6  ■  8r 


(Float) 


+  ChSr  .  6r) 

Fr  — G,r  Sr  (6r  -  f  r 


(Float) 


(4.43) 


>(4.44) 


The  difference  between  where  the 
pilot  pushes  the  rudder,  6r,  and 
the  amount  it  floats,  ^r(F^oat).  is 

the  free  position  of  the  rudder, 

<5r  (Free)  * 

Therefore , 
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^r(Free) 


(4.45) 
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’  3  p  (4.46) 


From  equation  4.24,  it  can  be 
shown  that , 


(4.47) 
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Thus , 
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(Free) 


This  equation  shows  that  tne 
parameter,  3Fr/38,  can  be  taken  as 
an  indication  of  the  rudder  free 
static  directional  stability  of  an 
aircraft.  This  parameter  can  be 
readily  measured  in  flight. 


An  analysis  of  the  components 
of  equation  4.43  reveals  that  for 
static  directional  stability,  the 
sign  of  3Fr/36  should  be  negative. 


RUDDER  FORCE  VERSUS  SIOESUP  ANGLE 
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cV8a 


YAWING 


MOMENT 


DUI  TO  LATERAL  CONTROL 
DEFLECTION 


Cn(ja,  and  is  the  yawing  moment  due 
to  lateral  control  deflection.  In 
order  for  a  lateral  control  to  pro¬ 
duce  a  rolling  moment,  it  must 
create  an  unbalarced  lift  condition 
on  the  wings.  The  wing  with  the 
most  lift  will  also  produce  the 
most  induced  drag  according  to  the 
equation  =  C-^/ ire  2R  .  Also, 


any  change  in  the  profile  of  the 
wing  due  to  a  lateral  control  de¬ 
flection  will  cause  a  change  in 
profile  drag.  Thus,  any  lateral 
control  deflection  will  produce  a 
change  in  both  induced  and  profile 
drag.  The  predominate  effect  will 
be  dependent  on  the  particular  air¬ 
craft  configuration  and  the  flight 
condition.  If  induced  drag  pre¬ 
dominates,  the  aircraft  will  tend 
to  yaw  away  from  the  direction  of 
roll.  This  phenomenon  is  known  as 
"adverse  yaw."  The  sign  of  Cn,5a 
for  adverse  yaw  is  negative.  If 
profile  drag  predominates,  the  air¬ 
craft  will  tend  to  yaw  into  the 
direction  of  roll.  This  is  known 
as  "complimentary"  of  "proverse" 
yaw.  The  sign  of  Cn&a  for  compli¬ 
mentary  yaw  is  positive.  Both 
ailerons  and  spoilers  are  capable 
of  producing  either  adverse  or 
complimentary  yaw.  To  determine 
which  condition  will  prevail,  the 
particular  aircraft  configuration 
and  flight  condition  must  be  ana¬ 
lyzed.  If  design  permits,  it  is 
desirable  to  have  C =  0  or  be 

slightly  positive.  A  slight  posi¬ 
tive  value  will  ease  the  pilot's 
turn  coordination  task. 


•4.7  c^p  -  YAWING  MOMENT 


The  remaining  derivatives  in 
equation  4.5  that  have  not  been 
studied  thus  far  are  called  "cross 
derivatives."  It  is  the  existence 
of  these  cross  derivatives  that 
causes  the  rolling  and  yawing  mo¬ 
tions  to  be  so  closely  coupled. 

The  first  of  these  cross 
derivatives  to  be  covered  will  be 


DUE  TO  ROLL  RATE 

The  derivative  Cnp  is  called 
yawing  moment  due  to  roll  rate. 
Both  the  wing  and  the  tail  con¬ 
tribute  to  Cftp.  The  wing  contri¬ 
bution  arises  from  two  sources. 

The  first  comes  from  the  change  in 
profile  drag  associated  with  the 
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change  in  wing  angle  of  attack  due 
to  rolling.  As  an  aircraft  is 
rolled,  the  angle  of  attack  on  the 
downgoing  wing  is  increased.  Refer 
to  figure  4.17.  Conversely,  the 
angle  of  attack  on  the  upgoing  wing 
is  decreased. 

FIGURE  UT 

COMPONENT  OF  RELATIVE  WIND 

CAUSED  IT  ROLLING  VELOCITY 


CHANGE  OF  RELATIVE  WIND  ON 

RIGHT  WING  DURING  A  RIGHT  ROLL 

This  increase  in  angle  of 
attack  on  the  downgoing  wing  means 
that  the  relative  wind  "sees"  more 
of  the  downgoing  wing  and  that 
therefore  the  profile  drag  will  be 
greater  on  this  wing  than  on  the 
upgoing  wing.  For  the  right  roll 
depicted  in  figure  4.17,  the  in¬ 
creased  profile  drag  would  cause 
a  yaw  to  the  right.  Thus,  the  sign 
of  due  to  this  effect  only  is 

positive.  However,  the  second  wing 
effect  is  predominant  and  the  fore¬ 
going  effect  exerts  only  a  miti¬ 
gating  influence. 

The  local  lift  vector  is 
always  perpendicular  to  the  local 
relative  wind.  As  already  dis¬ 
cussed,  the  inclination  of  the 
relative  wind  is  different  on  the 
wings  during  a  roll.  Thus,  there 
will  be  a  diference  in  the  inclina¬ 
tion  of  the  two  wing  lift  vectors. 
The  lift  vector  on  the  downgoing 
wing  will  be  tilted  forward,  and 
the  lift  vector  on  the  upgoing  wing 
will  be  tilted  aft.  Refer  to  fig¬ 
ure  4.18. 

Since  each  lift  vector  has 
a  component  in  the  X-direction,  a 
yawing  moment  will  result.  In  the 
case  depicted,  for  a  right  roll 
the  yaw  will  be  to  the  left.  Thus, 
the  sign  of  C^p  due  to  this  effect 
will  be  negative.  As  previously 
mentioned,  this  is  the  predominant 


wing  effect  and  thus,  overall, 
the  sign  of  the  wing  contribution 
to  Cnp  is  negative. 


FIGURE  4.13 


RELATIVE  WIND 

INCLINATION  OF  WING  LIFT  VECTORS 
DURING  A  RIGHT  ROLL 

The  vertical  tail  makes  a 
larger  contribution  to  C«p  than 
does  either  wing  effect.  Rolling 
changes  the  angle  of  attack  on  the 
vertical  tail.  Refer  to  figure 
4.19. 

FIGURE  4.19 


CHANGE  IN  ANGLE  OF  ATTACK  OF  THE 
VERTICAL  TAIL  DUE  TO  A  RIGHT  ROLL  RATE 
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This  change  in  angle  of 
attack  on  the  vertical  tail  will 
generate  a  lift  force.  In  the 
situation  depicted  in  figure  4.19, 
the  change  in  angle  of  attack  will 
generate  a  lift  force,  Lp,  to  the 
left.  This  will  create  a  positive 
yawing  moment.  Thus,  Cup  for  the 
vertical  tail  is  positive. 

Considering  both  wing  and 
tail,  a  slight  positive  value  of 
Cnp  is  desired  to  aid  in  Dutch  roll 
damping. 

•  4.8  Cfj  f  YAW  DAMPING 

The  derivative  Crtr,  is  called 

yaw  damping  and,  by  definition,  its 
sign  is  always  negative.  The  air¬ 
craft  fuselage  adds  a  negligible 
amount  to  Car  except  when  it  is 
very  large.  The  important  contri¬ 
butions  are  those  of  the  wing  and 
tail . 

The  tail  contribution  to  Cnr 
arises  from  the  fact  that  there 
is  a  change  in  angle  of  attack  on 
the  vertical  tail  whenever  the 
aircraft  is  yawed.  This  change  in 
cip  produces  a  lift  force,  Lp,  that 

in  turn  produces  a  yawing  moment 
that  opposes  the  original  yawing 
moment.  Refer  to  figure  4.20. 

The  tail  contribution  to  Cnr  accounts 

for  80-90%  of  the  total  "yaw  damping" 
on  most  aircraft. 

The  wing  contribution  to  C^r 

arises  from  the  fact  that  in  a  yaw, 
the  outside  wing  experiences  an  in¬ 
crease  in  both  induced  drag  and 
profile  drag  due  to  the  increased 
dynamic  pressure  on  the  wing.  An 
increase  in  dx.'ag  on  the  outside 
wing  creates  a  yawing  moment  that 
opposes  the  original  direction  of 
yaw. 

4.8  CM1.VAW  DAMPING  DUE 

TO  LAG'  EFFECTS  IN  SIDEWASH 

The  derivative  C^g  is  yaw 
damping  due  to  lag  effects  in  side- 

4.14 


wash,  o.  Very  little  can  be  author¬ 
itatively  stated  about  the  magnitude 
of  algebraic  sign  of  C^g  due  to  the 

wide  variations  of  opinion  in  inter¬ 
preting  the  experimental  data  con¬ 
cerning  it. 


FIGURE  4.20 


CHANGE  IN  ANGLE  OF  ATTACK  OF 
VERTICAL  FIN  DUE  TO  YAWING  RATE 

During  any  change  in  B ,  the 
angle  of  attack  of  the  vertical  fin 
will  always  be  less  than  it  will 
be  at  steady  state.  This  is  due 
to  lag  effects  is  sidewash.  Since 
this  phenomenon  reduces  the  angle 
of  attack  of  the  vertical  tail,  it 
also  reduces  the  yawing  moment 
created  by  the  vertical  tail.  This 
reduction  in  yawing  moment  is, 
effectively,  a  contribution  to  yaw 
damping.  Thus  the  description, 

"yaw  damping  due  to  lag  effects  in 
sidewash. " 
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•4.10  HIGH  SPUD  ASPICTS 
OP  STATIC  DIRECTIONAL 
STABILITY 

Cng  -  The  effectiveness  of  an 
airfoil  decreases  as  the  velocity 
increases  supersonically.  Thus,  for 
a  given  6,  as  Mach  increases,  the 
restoring  moment  generated  by  the 
tail  diminishes.  The  wing-fuselage 
combination  continues  to  be  de¬ 
stabilizing  throughout  the  flight 
envelope.  Thus,  the  overall  Cng  of 

the  aircraft  will  decrease  with  in¬ 
creasing  Mach. 

FIGURE  4.21 


CHANGE  IN  ZVf3  WITH  MACH  NUMBER 


The  requirement  for  large 
values  of  Crtg  is  compounded  by  the 

tendency  of  high  speed  aerodynamic 
designs  toward  divergencies  in  yaw 
due  to  roll  coupling  effects.  This 
problem  can  be  combated  by  designing 
an  extremely  large  tail  (F-104, 
F-lll,  T-38) ,  by  endplating  the 
tail  (F-104,  T-38),  by  using  ven¬ 
tral  fins  (F-104) ,  or  by  using  fore 
body  strakes. 

The  F-104  employs  a  ventral 
fin  in  addition  to  a  sizeable  ver¬ 
tical  stabilizer  to  increase  super¬ 
sonic  directional  stability.  The 
efficiency  of  underbody  surfaces 
is  not  affected  by  wing  wake  at 
high  angles  of  attack,  and  super¬ 
sonically,  they  are  located  in  a 
high  energy  compression  pattern. 


Fore  body  strakes  located 
radially  along  the  horizontal 
center  line  in  the  x-y  plane  of 
the  aircraft  have  also  been  em¬ 
ployed  effectively  to  increase 
directional  stability  at  super¬ 
sonic  speeds.  This  increase  in  Cng 
by  the  employment  of  strakes  is  a 
result  of  a  more  favorable  pressure 
distribution  over  the  fore  body 
surface,  and  in  addition,  the  cre¬ 
ation  of  improved  flow  effects  at 
the  vertical  tail  location  by  virtue 
of  diminished  flow  circulation. 

In  addition,  even  small  sideslip 
angles  will  produce  fuselage  blank¬ 
ing  of  the  downwind  strake  and 
create  a  dissimilance  of  induced 
drag,  and  thus  a  s^aole  contribution 
to  Cng . 

Cn<5r  ~  In  the  transonic  region, 
flow  separation  will  decrease  the 
effectiveness  of  any  trailing  edge 
control  surface.  On  most  aircraft 
however,  this  is  offset  by  an  in¬ 
crease  in  the  CLa  curve  in  the 
transonic  region.  As  a  result, 
flight  controls  are  usually  the 
most  effective  in  this  region. 
However,  as  Mach  number  continues 
to  increase,  the  Cj,a  curve  will 

decrease,  and  thus,  control  surface 
effectiveness  will  continue  to  de¬ 
crease.  In  addition,  once  the  flow 
over  the  surface  is  supersonic,  a 
trailing  edge  control  cannot  in¬ 
fluence  the  pressure  distribution 
on  the  surface  itself,  due  to  the 
fact  that  pressure  disturbances 
cannot  be  transmitted  forward  in  a 
supersonic  environment.  Thus,  the 
rudder  power  will  decrease  as  Mach 
increases  above  the  transonic  region. 

Cng.  -  For  the  same  reasons 
discussed  under  rudder  power,  a 
given  aileron  deflection  will  not 
produce  as  much  lift  at  high  Mach 
number  as  it.  did  transonically . 
Therefore,  induced  drag  will  be 
lass.  In  addition,  the  profile 
drag,  for  a  given  aileron  deflec¬ 
tion,  increases  with  Mach  number. 
Thus,  the  tendency  toward  compli¬ 
mentary  yaw  increases  with  Mach. 
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Cnr  -  The  development  of  yaw 
damping  depends  on  the  ability  of 
the  wing  and  tail  to  develop  lift. 
Thus,  as  Mach  number  increases  and 
the  ability  of  all  surfaces  to 
develop  lift  decreases,  yaw  damping 
will  also  decrease. 

Crtp  -  The  slope  of  a  curve  of 
Crtp  normally  doesn't  change  with 

Mach  number.  However,  the  magni¬ 
tude  of  attainable  roll  rate  will 
decrease  with  decreasing  aileron 
effectiveness.  Therefore,  the 
magnitude  of  C»p  encountered  at 

higher  Mach  numbers  will  normally 
be  less. 

Crcg  -  This  derivative  normally 
will  not  change  with  Mach  number. 


•  4.11  STATIC  LATERAL  STABILITY 

The  analysis  of  aircraft 
lateral  static  stability  is  based 
on  equation  4.6,  which  is  repeated 
here  for  reference. 


/  =  V;cv  +  c 


+  C 


«P 

er"+C*6>  +  C«5T8r 


(4.6) 


"a  "T 

It  can  be  seen  that  the  rolling 
moment,  C £,  is  not  a  function  of 
bank  angle,  In  other  words,  a 

change  in  bank  angle  will  produce 
no  change  in  rolling  momeit.  In 
fact,  <p  produces  no  moment  at  all. 
Thus,  C =  0,  and  although  it  is 


analogous  to  Cmct  and  Cng>  it  con¬ 
tributes  nothing  to  the  lateral 
static  stability  analysis. 

Bank  angle,  <p ,  does  have  an 
indirect  effect  on  rolling  moment. 

As  the  aircraft  is  rolled  into  a 
bank  angle,  a  component  of  aircraft 
weight  will  act  along  the  Y-axis, 
and  will  thus  produce  an  unbalanced 
force.  Refer  to  figure  4.22.  This 
unbalanced  force  in  the  Y  direction, 
Fy,  will  produce  a  sideslip,  6,  and 
as  seen  equation  4.6,  this 

will  in  ^uence  the  rolling  moment 
produce  1. 


SIDE  FORCE  PRODUCED  BY  BANK  ANGLE 

Each  stability  derivative  in 
equation  4.6  will  be  discussed  and 
its  contribution  to  aircraft  sta¬ 
bility  will  be  analyzed.  A  summary 
of  these  stability  derivatives 
follows : 


FIGURE  4.23 


DERIVATIVE 

NAME 

SIGN  FOR  A  STABLE 
AIRCRAFT 

CONTRIBUTING  PARTS 
OF  AIRCRAFT 

% 

Dihedral  Effect 

(-) 

Wing,  Tail 

Cg  due  to  p 

(+) 

Wing,  Tail 

C^P 

Roll  Damping 

(-) 

Wing,  Tail 

C^r 

Cg  due  to  Yaw  Rate 

(+) 

Wing,  Tail 

Lateral  Control  Power 

(+) 

Lateral  Control 

c^r 

Cg  due  to  Rudder  Deflection 

(-) 

. 

Rudder 
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•  DIHBDIVAL 


The  tendency  of  an  aircraft 
to  fly  wings  level  is  related  to 
the  derivative  C£g,  which  is  known 
as  "Dihedral  Effect."  Although  the 
static  lateral  stability  of  an 
aircraft  is  a  function  of  all  the 
derivatives  in  equation  4.6,  C£g 
is  the  predominant  term.  Therefore, 
static  lateral  stability  is  often 
referred  to  as  "Stable  Dihedral 
Effect . " 


An  aircraft  has  stable  dihedral 
effect  if  a  positive  sideslip  pro¬ 
duces  a  negative  rolling  moment. 
Thus,  the  algebraic  sign  of  C £g  must 
be  negative  for  stable  dihedral 
effect. 

FIGURE  4.24 


WIND  TUNNEL  RESULTS  OF  ROLLING 
MOMENT  COEFFICIENT  VS  SIDESLIP 


It  is  possible  to  nave  too 
much  or  too  little  dihedral  effect. 
High  values  of  dihedral  effect  give 
good  spiral  stability.  If  an  air¬ 
craft  has  a  large  amount  of  positive 
dihedral  effect,  the  pilot  is  able 
to  pick  up  a  wing  with  top  rudder. 
This  al=:o  means  that  in  level  flight 
a  small  amount  of  sideslip  will 
cause  the  aircraft  to  roll  and 
this  can  be  annoying  to  the  pilot. 
This  is  known  as  a  high  <f>/6  ratio. 

In  multi-engine  aircraft,  an  engine 


failure  will  normally  produce  a 
large  sideslip  angle.  If  the  air¬ 
craft  has  a  great  deal  of  dihedral 
effect,  the  pilot  must  supply  an 
excessive  amount  of  aileron  force 
and  deflection  to  overcome  the 
rolling  moment  due  to  sideslip. 
Still  another  detrimental  effect 
of  too  much  dihedral  effect  may  be 
encountered  when  the  pilot  rolls 
an  aircraft.  If  an  aircraft  in 
rolling  to  the  right  tends  to  yaw 
to  the  left,  the  resulting  right 
sideslip,  together  with  stable 
dihedral  effect,  creates  a  rolling 
moment  to  the  left.  This  effect 
could  materially  reduce  the  maximum 
roll  rate  available.  The  pilot, 
then  wants  a  certain  amount  of 
dihedral  effect,  but  not  too  much. 
The  end  result  is  usually  a  design 
compromise . 

Both  the  wing  and  the  tail 
exert  an  influence  on  C£g.  The 
various  effects  on  C£g  can  be 

classified  as  "direct"  or  "in¬ 
direct."  A  direct  effect  actually 
produces  some  increment  of  C£g 
while  ar.  indirect  effect  merely 
alters  the  value  of  the  existing 

C£S* 


The  discrete  wing  and  tail 
effects  that  will  be  considered 
are  classified  as  follows: 


FIGURE  4.25 


Wing  Sweep 


Vertical  Tail 


Effects  on  C 


INDIRECT 
Aspect  Ratio 
Taper  Ratio 
Tip  Tanks 
Wing  Flaps 


DIRECT 

Geometric  Dihedral 


Wing-Fuselage  Interference 
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Geometric  dihedral,  y,  is 
defined  as  positive  when  the  cord 
lines  of  the  wing  tip  are  above 
those  at  the  wing  root.  To  under¬ 
stand  the  effect  of  geometric 
dihedral  on  static  lateral  sta¬ 
bility,  consider  figure  4.26. 

FIGURE  4.21a  TOP  VIEW 

VT  tin (3 


FIGURE  4.211  REAR  VIEW 


Vy  *in/3iinT 


FIGURE  4.2Se  END  VIEW  OF  UPWIND  WING 


It  can  be  seen  that  when  an 
aircraft  is  placed  in  a  sideslip, 
positive  geometric  dihedral  causes 
the  component,  Vt  sin  6  sin  y  to 
be  added  to  the  lift  producing 
component  of  the  relative  wind, 

VT  cos'  B.  Thus,  geometric  dihedral 
causes  the  angle  of  attack  on  the 
upwind  wing  to  be  increased  by  Aa. 


tan  A  a 


VT  sin  P  sin  y 
VT  cos  p 
tan  p  sin  y 


(4.49) 


Making  the  small  angle  assumption, 

A  a  =  tan  p  sin  y  (4.50) 

Conversely,  the  angle  of 
attack  on  the  downwind  wing  will 
be  reduced.  These  changes  in 
angle  of  attack  tend  to  increase 
the  lift  on  the  upwind  wing  and  de¬ 
crease  the  lift  on  the  downwind 
wing,  thus  producing  a  roll  away 
from  the  sideslip.  In  figure  4.26, 
for  example,  a  positive  sideslip, 
+B,  will  increase  the  angle  of 
attack  on  the  upwind,  or  right, 
wing,  thus  producing  a  roll  to  the 
left.  Therefore,  it  can  be  seen 
that  this  effect  produces  a  stable, 
or  negative,  contribution  to  ra¬ 
wing  Sweep: 

The  wing  sweep  angle,  A,  is 
measured  from  a  perpendicular  to 
the  aircraft  x-axis  at  the  forward 
wing  root,  to  a  line  connecting  the 
quarter  cord  points  of  the  wing. 
Wing  sweep  back  is  defined  as  posi¬ 
tive. 

Aerodynamic  theory  shows  that 
the  lift  of  a  yawed  wing  is  deter¬ 
mined  by  the  comoonent  of  the  free 
stream  velocity  normal  to  wing. 

That  is,  L  =  Cl  1/2  pVfl^S  where, 

Vjj  is  the  normal  velocity. 


4.11 
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FIGURE  4.27  EFFECT  OF  WING  SWEEP  ON  C ^ 


R.W. 


It  can  be  seen  from  figure 
4.27  that  on  a  swept  wing  aircraft, 
the  normal  component  of  free  stream 
velocity  on  the  upwind  wing  is, 

VN  =  VT  cos  (  A  *  0>  (4.51) 

Conversely,  on  the  downwind  wing, 

VN  =  VT  cos  (  A  +  P)  (4.52) 

Therefore,  Vn  will  be  greater  on 
the  upwind  wing.  This  will  cause 
the  upwind  wing  to  produce  more 
lift  and  will  thus  create  a  roll 
away  from  the  direction  of  the 
sideslip.  In  other  words,  a  right 
sideslip  will  produce  a  roll  to  the 
left.  Thus,  wing  sweep  makes  a 
stable  contribution  to  C£g  and  pro¬ 


duces  the  same  effect  as  geometric 
dihedral. 


To  fully  appreciate  the  effect 
of  wing  sweep  on  static  lateral 
stability,  it  will  be  necessary  to 
develop  an  equation  relating  the 
two. 


'(Upwind  Wing) 


■  ci!1/2^n2  <4-53> 


k (Upwind  Wing)  2 


/°|VT  cos  (  A  -  p) 


(4.54) 

2 


4L  =  CL  |  1/2  P\ 


cl!  inp\ 


'V,rcos(  A  -  P) 


VTcos(  A  x  P)| 


(4.55) 


A  L  =  CL  |  1/2,ovt2 


(4.56) 


cos2(  A  -  P)  -  COS2  ( A  +  P) 


Applying  a  trigonometric  identity, 


2  2 
cos  (  A  -  P)  *  cos  (  a  +  0) 


sin  2  A  sin  2  p 


(4.57) 


Making  the  assumption  of  a  small 
sideslip  angle, 


2 

cos 


(A 


p)  -  cos 


2 


(  A  +  P) 


=  2  p  sin  2  A 


(4.58) 


Therefore,  equation  4.56  becomes, 
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A  L  -  CLf  1/2/>vt22P  Sin  2  A  (4.59) 
-  CTS  1/2 /=>v_2  p  sin  2 A 

L  1 

The  rolling  moment  produced  by 
this  change  in  lift  is, 

-  -  A  L  .  Y  (4.60) 


Where  Y  is  the  distance  from  the 
wing  cp  to  the  aircraft  eg.  The 
minus  sign  arises  from  the  fact 
that  equation  4.59  assumes  a  posi¬ 
tive  sideslip,  +B,  and  for  an  air¬ 
craft  with  stable  dihedral  effect, 
this  will  produce  a  negative  roll¬ 
ing  moment. 

C/  =  q  S  b  (4.61) 

nw  w  w 


Y  CLS  /<=VT2  p  sin  A 
^vT2sb 
CT  Y  p 

— r -  sin  A 


(4.62) 


C4 


Y 

b 


CL  sin  2  A 


-  -  CONST  (CL  sir.  A  ) 


(4.63) 


Where  the  constant  will  be  on  the 
order  cf  0.2.  Equation  4.63  should 
not  be  used  above  A  =  45°  because 
highly  swept  wings  are  subject  to 
leading  edge  separation  at  high 
angles  of  attack,  and  this  can  re¬ 
sult  in  reversal  of  the  dihedral 
effect.  Therefore,  it's  best  to 
use  empirical  results  above  A  = 


45°. 


From  equation  4.63,  it  can  be 
seen  that  at  low  speeds,  high  Cl, 
sweepback  makes  a  large  contri¬ 
bution  to  stable  dihedral  effect. 
However,  at  high  speeds,  low  Cl, 
sweepback  makes  a  relatively  small 
contribution  to  stable  dihedral 
effect. 


For  angles  of  sweep  on  the 
order  of  45°,  the  wing  sweep  con¬ 
tribution  to  C lg  may  be  on  the 
order  of  -  1/5  C'l.  For  large 
values  of  Cl,  this  is  a  very  large 
contribution,  equivalent  to  nearly 
ten  degrees  of  geometric  dihedral. 

At  very  high  angles  of  attack,  such 
as  during  landing  and  takeoff,  this 
effect  can  be  very  helpful  to  a 
swept  wing  fighter  encountering 
downwash . 

Since  the  effect  of  sweepback 
varies  with  Cl,  becoming  extremely 
small  at  high  speeds,  it  can  help 
keep  the  proper  ratio  of  Cfg  to  C«g 
at  high  speeds  and  reduce  poor 
Dutch  roll  characteristics  at  these 
speeds . 

Wing  Aspect  Ratio; 

The  wing  aspect  ratio  exerts 
an  indirect  effect  on  dihedral 
effect.  On  a  high  aspect  ratio 
wing,  the  center  of  pressure  is  fur¬ 
ther  from  the  eg  than  on  a  low  aspect 
ratio  wing.  This  results  in  high 
aspect  ratio  planforms  having  a 
longer  moment  arm  and  thus ,  greater 
rolling  moments  for  a  given  asym¬ 
metric  lift  distribution.  Refer  to 
figure  4.28.  It  should  be  noted 
that  aspect  ratio,  in  itself,  does 
not  create  dihedral  effect,  but 
that  it  merely  alters  the  magnitude 
of  the  existing  dihedral  effect, 

FIGURE  4.28 


SEMISPAN 

CONTRIBUTION  Or  ASPECT 
RATO  TO  DIHEDRAL  EFFECT 


4.28 


276 


Wing  Taper  7 -tip : 

Taper  ratio,  X,  is  a  measure 
of  how  fast  the  wing  cord  shortens. 
Taper  ratio  is  the  ratio  of  the 
tip  cord  to  the  root  cord.  There¬ 
fore,  the  lower  the  taper  ratio, 
the  faster  the  cord  shorten*.  On 
highly  tapered  wings,  the  center 
of  pressure  is  closer  to  the  air¬ 
craft  eg  than  on  untapered  wings. 

This  results  in  a  shorter  moment 
arm  and  thus,  less  rolling  moment 
for  a  given  asymmetric  lift  dis¬ 
tribution.  Refer  to  figure  4.29. 
Taper  ratio  does  not  create  dihedral 
effect,  but  merely  alters  the  magni¬ 
tude  of  the  existing  dihedral  effect. 
Thus  it  has  an  "indirect"  effect 
on  dihedral  effect. 

FIGURE  4.29 


CONTRIBUTION  OF  TAPER  RATIO 
TO  DIHEDRAL  EFFECT 


Tip  Tanks: 

Tip  tanks ,  pylon  tanks  and 
other  external  stores  will  generally 
exert  an  indirect  influence  on  C£g. 
Adding  external  stores  creates  an 
end-plating  effect  on  the  wing,  and 
this,  in  turn,  alters  the  effective 
aspect  ratio  of  the  wing.  The 
effect  of  a  given  external  store 
configuration  is  hard  to  predict 
analytically,  and  it  is  usually 
necessary  to  rely  on  empirical 
results.  To  illustrate  the  effect 


of  various  external  store  configura¬ 
tions,  data  for  the  F-80  is  pre¬ 
sented  in  figure  4.30.  The  data 
is  for  a  clean  F-80  230  gallon 

centerline  tip  tanks,  and  165 
gallon  underslung  tanks.  This 
data  shows  that  the  centerline 
tanks  increase  dihedral  effect 
while  the  under slung  tanks  reduce 
stable  dihedral  effect  considerably. 

FIGURE  4.30 


EFFECT  OF  TIP  TANKS  ON  Cj20  OF  F-00 

Partial  Span  Flaps: 

Partial-span  flaps  indirectly 
exert  a  detrimental  effect  on 
static  lateral  stability.  Refer 
to  figure  4.31. 


FIGURE  4.31a 


AL  DUE  TO  DIHEDRAL 


WING  LIFT  DISTRIBUTION,  NO  FLAPS 
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FIGURE  4.311 


Wing  -  Fuselage  Interference: 


Al  due  to 

DIHEDRAL.  EFFECT 


WING  LIFT  DISTRIBUTION,  FLAPS  EXTENDED 


Partial-span  flaps  shift  the 
center  of  lift  of  the  wing  inboard, 
reducing  the  effective  moment  arm 
Y.  Therefore,  although  the  values 
of  AL  remain  the  same,  the  rolling 
moment  will  decrease.  The  higher 
the  effectiveness  of  the  flaps  in 
increasing  the  lift  coefficient, 
the  greater  will  be  the  change  in 
span  lift  distribution  and  the 
more  detrimental  will  be  the  effect 
of  the  flaps.  Therefore,  the  de¬ 
crease  in  lateral  stability  due  to 
flap  deflection  may  be  large. 


Deflected  flaps  cause  a 
secondary  variation  in  the  effective 
dihedral  that  depends  on  the  plan- 
form  of  the  flap,  themselves.  If 
the  shape  of  the  wing  gives  a  sweep- 
back  to  the  leading  edge  of  the 
flaps,  a  slight  positive  dihedral 
effect  results  when  the  flaps  are 
deflected.  If  the  leading  edge  of 
the  flaps  are  swept  forward,  flap 
deflection  causes  a  slight  nega¬ 
tive  dihedral  effect.  These 
effects  are  produced  by  the  same 
phenor  'non  that  produced  a  change 
in  C lg:  with  wing  wWeep.  The  effect 

of  flap  platform  on  C£g  is  gen¬ 
erally  small. 


Of  the  various  interference 
effects  between  parts  of  the  air¬ 
craft,  probably  the  most  important 
is  the  change  in  angle  of  attack 
of  the  wing  near  the  root  due  to 
the  flow  pattern  about  the  fuselage 
in  a  sideslip.  To  visualize  the 
change  in  angle  of  attack,  refer 
to  figure  4.32. 

FIGURE  4.32 


The  fuselage  induces  vertical 
velocities  in  a  sideslip  which, 
when  combined  with  the  mainstream 
velocity,  alter  the  local  angle  of 
attack  of  the  wing.  When  the  wing 
is  located  at  the  top  of  the  fuse¬ 
lage  (high-wing) ,  then  the  angle 
of  attack  will  be  increased  at  the 
wing  root,  and  a  positive  sideslip 
will  produce  a  negative  rolling 
moment:  i.e.,  the  dihedral  effect 
will  be  enhanced.  Conversely,  when 
the  aircraft  has  a  low  wing,,  the 
dihedral  effect  will  be  diminished 
by  the. fuselage  interference. 
Generally,  this  explains  why  high- 
wing  airplanes  often  have  little 
or  no  geometric  dihedral,  whereas 
low-wing  aircraft  may  have  a  great 
deal  of  geometric  dihedral. 


Vertical  Tail: 

When  an  aircraft  sideslips, 
the  angle  of  attack  of  the  vertical 
tail  is  changed.  This  change  in 
angle  of  attack  produces  a  lift 
force  on  the  vertical  tail.  If 
the  center  of  pressure  of  the  ver¬ 
tical  tail  is  above  the  aircraft 
eg,  this  lift  force  will  produce  a 
rolling  moment.  Refer  to  figure 
4.33. 
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(4.69) 


FIGURE  4.33 


ROLUNG  MOMENT  CREATED  BY  VERTICAL  TAIL  AT 
A  POSITIVE  ANGLE  OF  SIDESLIPE 


In  the  situation  depicted  in 
figure  4.33,  the  negative  rolling 
moment  was  created  by  a  positive 
sideslip  angle,  thus,  the  vertical 
tail  contributes  a  stable  incre¬ 
ment  to  dihedral  effect.  This 
contribution  can  be  quite  large. 

In  fact,  it  can  be  the  major  con¬ 
tribution  to  C£g  on  aircraft  with 
large  vertical  tails  such  as  the 
F-104  and  the  T-38.  This  effect 
can  be  calculated  in  the  same  manner 
yawing  moments  were  calculated  in 
the  directional  case. 

Assuming  a  positive  sideslip 
angle , 


-A  =  (-V(-V 

(4.64) 

'  ZfLf 

C/f  C  qs  b 

Ttf  W  W 

(4.65) 

-  ZfCLf9fsf 

C-^F  ""  qS  b 

V  w  w 

(4.66) 

Define  Vp  as. 

S  Z 

v  -  Ar 

F  S  b 

w  w 

(4.67) 

Assume  that  for  a 

jet  aircraft, 

qF  =  % 

(4.68) 

And  equation  4.66  becomes, 

C/F  =  -CLp  VF  =  -^FaFVr 

Knowing 

aF  =  (P  (4.14) 


c4  =  'Vf 

(P  -  <o 

.70) 

%  •  ,  = 
KVertical 

Tail 

*>P 

(4.71) 

-  ^vJi 

F  F  \ 

‘.yp  J 

Equation  4.71  reveals  that  a 
vertical  tail  contributes  a  stable 
increment  to  C£g,  whereas  a  ventral 
fin  [Vp  =  (+) ]  would  contribute  an 
unstable  increment  to  C£g.  Also, 
if  the  lift  curve  slope  of  the  ver¬ 
tical  tail  is  increased,  by  end 
plating  for  example,  the  stable 
dihedral  effect  would  be  greatly 
increased.  For  example,  the  F-104 
has  a  high  horizontal  stabilizer 
that  acts  as  an  end  plate  on  the 
vertical  tail  and  this  increases 
the  stable  dihedral  effect.  In 
fact,  the  increase  is  so  large 
that  it  is  necessary  to  add  nega¬ 
tive  geometric  dihedral  to  the 
wings  and  a  ventral  fin  to  maintain 
a  reasonable  value  of  stable  dihe¬ 
dral  effect. 

•  4.13  Ci  .LATERAL  CONTROL 

°a 

POWER 

Lateral  control  is  achieved  by 
altering  the  lift  distribution  so 
that  the  total  lift  on  the  two 
wings  differ,  thereby  creating  a 
rolling  moment.  This  may  be  done 
simply  by  destroying  a  certain 
amount  of  lift  on  one  wing  by  means 
of  a  spoiler,  or  by  altering  the 
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lift  on  both  wings  by  means  of 
ailerons.  This  discussion  will  be 
limited  to  the  use  of  ailerons  as 
the  means  of  lateral  control. 


Where  Aaa  =  «aTotal 

aaSaTotal  Sa^  (4.77) 

S  b 
w  w 


Since  the  purpose  of  the 
ailerons  is  to  create  a  rolling 
moment,  a  logical  measure  of  aileron 
power  would  be  the  rolling  moment 
created  by  a  given  aileron  deflec¬ 
tion.  Before  progressing  to  the 
actual  development  of  this  relation¬ 
ship,  it  is  necessary  to  make  sev¬ 
eral  definitions.  A  positive  de¬ 
flection  of  either  aileron,  +Sa, 
is  defined  as  one  which  produces  a 
positive  rolling  moment,  (right 
wing  down) .  Thus,  by  definition, 
C£§a  is  positive.  Also,  in  this 

discussion,  total  aileron  deflection 
is  defined  as  the  sum  of  the  two 
individual  aileron  deflections. 

Thus, 

6aTotal  =  8aLeft  +  6aRight  (4.72) 

The  assumption  will  be  made  that 
the  wing  cp  shift  due  to  aileron 
deflection  will  not  alter  the  value 
of  Ctg.  The  distance  from  the  x- 
axis  to  the  cp  of  the  wing  will  be 
labeled  7.  When  the  ailerons  are 
deflected,  they  produce  a  change 
in  lift  on  both  wings.  This  total 
change  in  lift,  AL,  produces  a 
rolling  moment, 

=  A  L  .  Y  (4.73) 


Thus,  from  equation  4.78,  it 
can  be  seen  that  lateral  control 
power  is  a  function  of  the  aileron 
airfoil  section,  the  area  of  the 
aileron  in  relation  to  the  area  of 
the  wing,  and  the  location  of  the 
wing  cp. 


•4.14  IRRBVIRSIBLK  CONTROL 
SYSTEMS 


Now  that  both  C£g  and  C£ga  have 

been  discussed,  it  is  possible  to 
develop  a  parameter  which  can  be 
measure l  in  flight  to  determine  the 
static  lateral  stability  of  an  air¬ 
craft.  As  in  the  directional  case, 
the  maneuver  that  will  be  flown 
will  be  a  steady  straight  sideslip. 
Considering  this  maneuver,  equation 
4.6  reduces  to. 


5 


a 


5 


r 


(4.80) 


»??  .  ifb 


.  A  «  .  q  .  S  .  Y  (4.74) 

da  a  a 

a 


Where  the  "a"  subscripts  refer  to 
"aileron"  values. 


a  A  a  q  S  Y 
a  aaa 


C/  = 


a  A  a  S  Y 
a  a  a 


(4.75) 


(4.76) 


a(Fixed) 

d  P 


(Fixed) 


(4.81) 


Thus,  since  C£5a  is  known 

once  the  aircraft  is  built,  36a/36, 
can  be  taken  as  a  direct  measure 
of  the  static  lateral  stability  of 
an  aircraft.  Again,  the  subscript 
"Fixed"  has  been  added  as  a  re¬ 
minder  that  in  this  development 
the  aileron  has  not  been  free  to 
"float. " 

Equation  4.81  reveals  that 
for  static  lateral  stability,  a 
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plot  of  3 6 a/ 3 8  should  have  a  posi¬ 
tive  slope.  Refer  to  figure  4.34. 

FIGURE  4.14 


So 


AILERON  DEFLECTION  VERSUS  SIDESLIP  ANGLE 

•  4.18  RIVIRtlBLI  CONTROL 


It  is  now  necessary  to  con¬ 
sider  an  aircraft  with  a  rever¬ 
sible  control  system.  On  this 
type  aircraft,  the  ailerons  are 
free  to  float  in  response  to  their 
hinge  moments.  Using  the  same 
approach  as  in  the  directional 
case,  it  is  possible  to  derive  an 
expression  that  will  relate  the 
"Aileron  Free"  static  lateral  sta¬ 
bility  to  parameters  that  can  be 
easily  measured  in  flight. 

In  a  steady  straight  sideslip, 
0.  Therefore,  it  fo) lows  that 

^Aileron  =  °-  Now  if  moments 
Hinge  Pin 

are  summed  about  the  aileron  hinge 
pin,  the  aileron  force  exerted  by 
the  pilot,  Fa,  acts  through  a  moment 
arm  and  gearin,  mechanism,  both 
accounted  for  by  some  constant,  K, 
and  must  balance  the  other  aerody¬ 
namic  rolling  moments  so  that 

^Aileron  =  °*  Thus'  ir  stead * 
Hinge  Pin 
straight  flight, 


'X 


Ailero.. 
Hinge  Pin 


Fa  .  K  +  H  (4.82) 


•G  .  H 


(A.  83) 


Where  G  is  merely  1/K. 
Knowing . 


H  =  C,  q  S  c 
a  h  a  a  a 


(4.84) 


From  equation  4.26 

H  =  q  S  c  (C;.  .  a 

a  a  a  a  lla  a 

+  %.  •8.) 

Thus,  equation  4.83  becomes. 


4.85) 


F  =  -G  q  S  c 
a  a  a  a 


((V  ‘  “a  +  C\  •  8a> 


(4.86) 


From  equation  4.27, 


.u  .  a 
“a  a 


B_  '  °a(Float)  87) 


Equation  4.86  becorr.es, 

F  =  -G  q  S  c 
a  a  a  a 


(4.88) 


(”chR  •  5a(Float)  +  ch*  •  Bn> 


’a' 


F  =  -  G  q  S  c  Cho 

a  a  a  a  hBa  (4.89) 

^a(Float)^ 

The  difference  between  where 

the  pilot  pushes  the  aileron,  6a, 

and  the  amount  it  floats,  6a/T,,  .  . 

A (Float) 

is  the  free  position  of  the  aileron 
6a (Free) * 

Therefore , 

‘a  G  qa  Sa  ca  C^5e  ^a(Fre«)  (4.90) 
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G  q  S 

a 


^Sa(Free) 


(4.91) 


From  equation  4.81,  it  can  be  shown 
that , 

‘>6*ffr««>  .  .  ^(Free)  (4.92) 

**  C*t, 

a 

Thus , 

°\  (4.93) 

V  1  =  G  q  S  c  - -  C  / 

JP  a  a  a  Cg  ^P(Free) 

a 

This  equation  shows  that  the 
parameter  3Fa/3S,  can  be  taken  as 
an  indication  of  the  aileron  free 
static  lateral  stability  of  an 
aircraft.  This  parameter  can  be 
readily  measured  in  flight. 

An  analysis  of  equation  4.93 

reveals  that  for  stable  dihedral 
effect,  a  plot  of  3Fa/3B  would  have 
a  positive  slope.  Refer  to  figure 
4.35. 


FIGURE  4.36  F„ 


AI  LERON  FORCE  VERSUS 
SIDESLIP  ANGLE 


•  4.18  ROLLING  PERFORMANCE 

It  has  been  shown  how  aileron 
force  and  aileron  deflection  can 
be  used  as  a  measure  of  the  stable 
dihedral  effect  of  an  aircraft. 


However,  it  is  now  necessary  to 
consider  how  aileron  force  and 
aileron  deflection  affect  the 
rolling  capability  of  the  aircraft. 
For  example,  full  aileron  deflec¬ 
tion  may  produce  excellent  rolling 
characteristics  on  certain  air¬ 
craft,  however,  because  of  the 
large  aileron  forces  required,  the 
pilot  may  not  be  able  to  fully  de¬ 
flect  the  ailerons,  thus  making 
the  overall  rolling  performance 
unsatisfactory.  Thus,  it  is  neces¬ 
sary  to  evaluate  the  rolling  per¬ 
formance  of  the  aircraft. 

The  rolling  qualities  of  an 
aircraft  can  be  evaluated  by  examin 
ing  the  parameters  Fa,  6a,  p  and 
(pb/2V) .  Although  the  importance 
of  the  first  three  parameters  is 
readily  apparent,  the  parameter 
(pb/2V)  needs  some  additional 
explanation.  Physically,  (pb/2V) 
may  be  described  as  tne  helix 
angle  that  the  wing  tip  of  a  roll¬ 
ing  aircraft  describes.  Refer  to 
figure  4.36. 

FIGURE  4.36 


RESULTANT 
PATH  OF  WING  TIP 


tan  (Helix  Angle)  = 


=  J± 


2V 


Assuming  a  small  angle, 
He] ix  Angle  = 


HELIX  ANGLE 


V=AIRCRAFT  VELOCITY 

WING  TIP  HELIX  ANGLE 

It  can  be  seen  that, 


(4.94) 


(4.95) 


Figure  4.36  is  a  vectorial 
presentation  of  the  wind  forces 
acting  on  the  downgoing  wing  dur¬ 
ing  a  roll.  It  shows  that  the 
angle  of  attack  on  the  downgoing 
wing  is  increased  due  to  roll  rate. 
Thus  (pb/'2V)  represents  a  damping 
term. 
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(4.102) 


With  the  foregoing  background, 
it  is  possible  to  discuss  the 
effect  of  the  parameters,  Fa/  6a, 
p,  (pb/2V)  throughout  the  flight 
envelope  of  an  aircraft. 


A 


(f)  8  =  (f)  F 


v2 


A  function  relationship  for 
roll  rate,  p,  can  be  derived  from 


seen 

From  equation  4.90, 
that 

„  2 

it  can  be 

equation  4.100, 

Constant  -  C/_  8 

■*8  a  „ 

n  -  a  2 

(4.103) 

F  = 
a 

(f)  V"  6fl 

(Free) 

(4.96) 

P  •  V  •  * 

-Cp 

8a  = 

l£>  Fa 

(4.97) 

P  =  (f)  V  Sa 

(4.104) 

(Free)  v 

To  derive  a  functional  re¬ 
lationship  for  (pb/2V) ,  it  is  neces¬ 
sary  to  start  with, 


C2=  <V  +  c/-  p  +  c^+c 


+  c 


/S 

r 


5  +  Cwe  6 

*6  a  *5  r 
a  r 


(4.6) 


and  examine  the  effects  of  roll 
terms  only,  i.e.,  assume  that  the 
roll  moment  developed  is  due  to 
the  interaction  of  moments  due 
to  6 a  and  roll  damping  only.  There¬ 
fore,  equation  4.6  becomes, 


%  o 


'8a  a 


(4.98) 


“  %  P  +  C4  8a 

a 

+ 

Below  Mach  or  aerolastic  effects, 
C£Max  =  constant,  so  if  it  is  de¬ 
sired  to  evaluate  an  aircraft's 
maximum  rolling  performance,  equa¬ 
tion  4.98  becomes, 


From  equation  4.97, 


p  "  (f)  V  5a  =  (f)  Fa  - 


(4.105) 


To  summarize,  the  rolling 
performance  of  an  aircraft  can  be 
evaluated  by  examining  the  parameters, 
Fa,  5a'  P»  and  (pb/2V) .  Functional 
relationships  have  been  developed 
in  order  to  leak  at  the  variance 
of  these  parameters  below  Mach  or 
aeroelastic  effects.  These  func¬ 
tional  relationships  are: 


Fa  =  (f)  V  6a 


(4.96) 


=  (f>  Fa  —2 

V 


(4.97) 


%  (2V}  +  C-4a  8a  =  constant 


Constant  -  CA  b 

a 

_ a 

c4 


(4.99) 


(4.100) 


<£>  -  (£)  8.  -  (f)  Fa  ^ 


p  -  (f)  V  6a  -  (f)  Fa  ? 


(4.1021 


(4.105) 


<§>  ’  <f> ». 


From  equation  4.97, 


(4.101)  These  relationships  are 

expressed  graphically  in  figure 
4.37  for  a  case  in  which  the  pilot 
desires  the  maximum  roll  rate  at 
all  airspeeds. 
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FIGURE  4.37 


F=K 


ROLLING  PERFORMANCE 

As  indicated  in  equation  4.96, 
the  force  required  to  hold  a  con¬ 
stant  aileron  deflection  will  vary 
as  the  square  of  the  airspeed.  The 
force  required  by  the  pilot  to  hold 
Tull  aileron  deflection  will  in¬ 
crease  in  this  manner  until  the 
aircraft  reaches  V^ax  or  until  the 
pilot  is  unable  to  apply  any  more 
force.  In  figure  4.37,  it  is 
assumed  that  the  pilot  can  supply 
a  maximum  of  25  pounds  force  and 
that  this  force  is  reached  at  300 
knots.  If  the  speed  is  increased 
further,  the  aileron  force  will 
remain  at  this  25  pound  maximum 
value.  The  curve  of  aileron  de¬ 
flection  versus  airspeed  shows 
that  the  pilot  is  able  to  maintain 
full  aileron  deflection  out  to 
300  knots.  Inspection  of  equation 
4.97  shows  that  if  aileron  force 
is  constant  beyond  300  knots,  then 
aileron  deflection  will  be  propor¬ 
tional  to  (1/V2) .  Equation  4.102 


shows  that  (pb/2V)  will  vary  in  the 
same  manner  as  aileron  deflection. 
Inspection  of  equation  4.105  shows 
that  the  maximum  roll  rate  avail¬ 
able  will  increase  linearly  as 
long  as  the  pilot  can  maintain 
maximum  aileron  deflection;  up  to 
300  knots  in  this  case.  Beyond 
this  point,  the  maximum  roll  rate 
will  fall  off  hyperbolically . 

That  is,  above  300  knots,  p  is  pro¬ 
portional  to  1/V.  It  follows,  then, 

that  at  high  speeds  the  maximum 
roll  rate  may  become  unacceptably 
low.  One  method  of  combating  this 
problem  is  to  increase  the  pilot's 
mechanical  advantage  by  adding 
boosted  or  fully  powered  ailerons. 

•  4.17  ROLL  DAMPING  C( 

Aircraft  roll  damping  comes 
from  the  wing  and  the  vertical 
tail.  The  algebraic  sign  of  C£p  is 
negative  as  long  as  the  local  angle 
of  attack  remains  below  the  local 
stall  angle  of  attack. 

The  wing  contribution  to  C£D 
arises  from  the  change  in  wing 
angle  of  attack  that  results  from 
the  rolling  velocity.  It  has  al¬ 
ready  been  shown  that  the  downgoing 
wing  in  a  rolling  maneuver  experi¬ 
ences  an  increase  in  angle  of  attack 
and  that  this  increased  o  tends  to 
develop  a  rolling  moment  that 
opposes  the  original  rolling  moment. 
However,  when  the  wing  is  near  the 
aerodynamic  stall  ,  a  rolling  motion 
may  cause  the  downgoing  wing  to 
exceed  the  stall  angle  of  attack. 

In  this  case,  the  local  lift  curve 
slope  may  fall  to  zero  or  even  re¬ 
verse  sign.  The  algebraic  sign  of 
tha  wing  contribution  to  C£p  may 
then  become  positive.  This  is  what 
occurs  when  a  wing  "antorotaf es , " 
as  in  spinning. 

The  vertical  tail  contribution 
to  C£p  arises  from  the  fact  that 
when  the  aircraft  is  rolled,  the 
angle  of  attack  on  the  vertical 
tail  is  changed.  This  change  in 
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angle  of  attack  develops  a  lift 
force.  If  the  vertical  tail  cp 
is  above  or  below  the  aircraft  eg, 
the  rolling  moment  developed  will 
oppose  the  original  rolling  moment 
and  C£p  due  to  a  conventional  ver¬ 
tical  tail  or  a  ventral  fin  will 
be  negative. 

•  4.18  ROLLING  MOMENT  DUE 
TO  YAW  RATE  Cfr 

The  contributions  to  this 
derivative  come  from  two  sources, 
the  wings  and  the  vertical  tail. 

As  the  aircraft  yaws,  the 
velocity  of  the  relative  wind  is 
increased  on  the  outboard  wing  and 
decreased  on  the  inboard  wing. 

This  causes  the  outboard  wing  to 
produce  more  lift  and  thus  produces 
a  rolling  moment.  A  right  yaw 
would  produce  more  lift  on  the  left 
wing  and  thus  a  roiling  moment  to 
the  right.  Thus,  the  algebraic 
sign  of  the  wing  contribution  to 
C£r  is  positive. 

The  tail  contribution  to  C£r 
arises  from  the  fact  that  as  the 
aircraft  is  yawed,  the  angle  of 
attack  on  the  vertical  tail  is 
changed.  Refer  to  figure  4.38. 

FIGURE  4.38 


CNUCE  maF  out  TO  Til  MTE 


The  lift  force  thus  produced, 
Lf,  will  create  a  rolling  moment 
if  the  vertical  tail  cp  is  above 
or  below  the  eg.  For  a  conventional 
vertical  tail,  the  sign  of  Cyr  will 
be  positive  while,  for  a  ventral  fin 
the  sign  will  be  negative. 

•  4.19  ROLLING  MOMENT  DUE 
TO  RUDDER  DEFLECTION 


When  the  rudder  is  deflected, 
it  creates  a  lift  force  on  the  ver¬ 
tical  tail.  If  the  cp  of  the  ver¬ 
tical  tail  is  above  or  below  the 
aircraft  eg  a  rolling  moment  will 
result.  Refer  to  figure  4.39. 

FIGURE  4.39 


LIFT  FORCE  DEVELOPED  AS 
A  RESULT  OF  8r 


It  can  be  seen  that  if  the 
cp  of  the  vertical  tail  is  above 
the  eg,  as  with  a  conventional 
vertical  tail,  the  sign  of 

will  be  negative.  However,  with 
a  ventral  fin,  the  sign  would  be 
positive. 

It  is  interesting  to  note  that 
the  effects  of  C£^r  and  C£g  are 

opposite  in  nature.  When  the  rudder 
is  deflected  to  the  right,  initial¬ 
ly,  a  rolling  moment  to  the  left 
is  created  due  to  .  However, 

as  sideslip  develops  due  to  the 
rudder  deflection,  dihedral  effect, 
C£g,  comes  into  play  and  causes  a 

resulting  rolling  moment  to  the 
right.  Therefore,  when  a  pilot 
applies  right  rudder  to  pick  up 
a  left  wing,  he  initially  creates 
a  rolling  moment  to  the  left  and 
finally,  to  the  right. 

.4.20  ROLLING  MOMENT  DUE 
TO  LAG  EFFECTS  IN 

SIDEWASH  -  Ci- 

ln  the  discussion  of  Cng»  it 
was  pointed  out  that  during  an  in¬ 
crease  in  B ,  the  angle  of  attack  of 
the  vertical  tail  will  be  less  than 
it  will  finally  be  in  steady  state 
conditions.  If  the  cp  of  the  ver¬ 
tical  tail  is  displaced  from  the 
aircraft  eg,  this  change  in  ap  due 
to  lag  effects  will  alter  the  roll¬ 
ing  moment  created  during  the  6 
build  up  period.  Because  of  lag 
effects,  C£p  will  be  less  during 
the  S  build  up  period  than  at 
steady  state.  Thus,  for  a  con¬ 
ventional  vertical  tail,  the  al¬ 
gebraic  sign  of  C£g  is  positive. 

Again,  it  should  be  pointed 
out  that  there  is  widespread  dis¬ 
agreement  over  the  interpretation 
of  data  concerning  lag  effects  in 
sidewash  and  the t  the  foregoing 
is  only  one  basic  aoproach  to  a 
many  faceted  and  complex  problem. 


•  4.21  HIGH  SPEED 
CONSIDERATIONS  OF  STATIC 
LATERAL  STABILITY 

-  Generally,  C£g  is  not 
greatly  affected  by  Mach  number. 
However,  in  the  transonic  region  the 
increase  in  the  lift  curve  slope  of 
the  vertical  tail  increases  this 
contribution  to  C£g  and  usually 
results  in  an  overall  increase  in 
C£g  in  the  transonic  region. 

C£($a  -  Because  of  the  decrease 
in  the  lift  curve  slope  of  all 
aerodynamic  surfaces  in  supersonic 
flight,  lateral  control  power  de¬ 
creases  as  Mach  number  increases 
supersonically . 

Aeroelasticity  problems  have 
been  quite  predominant  in  the 
lateral  control  system,  since  in 
flight  at  very  high  dynamic  pressures 
the  wing  torsional  deflections 
which  occur  with  aileron  usage  are 
considerable  and  cause  noticeable 
changes  in  aileron  effectiveness. 

At  some  high  dynamic  pressures, 
dependent  upon  the  given  wing  struc¬ 
tural  integrity,  the  twisting  de¬ 
formation  might  be  great  enough  to 
nullify  the  effect  of  aileron  de¬ 
flection  and  the  aileron  effective¬ 
ness  will  be  reduced  to  zero. 

Since  at  speeds  above  the  point 
where  this  phenomenon  occurs,  roll¬ 
ing  moments  are  created  which  are 
opposite  in  direction  to  the  con¬ 
trol  deflection,  this  speed  is 
termed  "aileron  reversal  speed." 

In  order  to  alleviate  this  char¬ 
acteristic  the  wing  must  have  a 
high  torsional  stiffness  which  pre¬ 
sents  a  significant  design  problem 
in  sweptwing  aircraft.  For  an  air¬ 
craft  design  of  the  B-47  type,  it 
is  easy  to  visualize  how  aero- 
elastic  distortion  might  result 
in  a  considerable  reduction  in 
lateral  control  capability  at  high 
speeds.  In  addition,  lateral  con¬ 
trol  effectiveness  at  transonic 
Mach  numbers  may  be  reduced  seri¬ 
ously  by  flow  separation  effects 
as  a  result  of  shock  formation. 


However,  modern  high  speed  fighter 
designs  have  been  so  successful  in 
introducing  sufficient  rigidity 
into  wing  structures  and  employing 
such  design  modifications  as  split 
ailerons,  inboard  ailerons,  spoiler 
systems,  etc.,  that  the  resulting 
high  control  power,  coupled  with 
the  low  C£p  of  low  aspect  ratio 
planforms,  has  resulted  in  the 
lateral  control  becoming  an  accel¬ 
erating  de  rice  rather  than  a  rate 
control.  That  is  to  say,  a  steady 
state  rolling  velocity  is  normally 
not  reached  prior  to  attaining  the 
desired  bank  angle.  Consequently, 
many  high  speed  aircraft  have  a 
type  of  differential  aileron  system 
to  provide  the  pilot  with  much  more 
control  surface  during  approach  and 
landings  and  to  restrict  his  degree 
of  control  in  other  areas  of  flight. 

Spoiler  controls  are  quite 
effective  in  reducing  aeroelastic 
distortions  since  the  pitching 
moment  changes  due  to  spoilers  are 
generally  smaller  than  those  for  a 
flap  type  control  surface.  However, 
a  problem  associated  with  spoilers 
is  their  tendency  to  reverse  the 
roll  direction  for  small  stick  in¬ 
puts  during  transonic  flight.  This 
occurs  as  a  result  of  re-energizing 
the  boundary  layer  by  a  vortex  gen¬ 
erator  effect  for  very  small  de¬ 


flections  of  the  spoiler,  which  can 
reduce  the  magnitude  of  the  shock 
induced  separation  and  actually 
increase  the  lift  on  the  wing. 

This  difficulty  can  be  eliminated 
by  proper  design  techniques. 


C£p  -  Since  the  development 
of  "damping"  requires  the  develop¬ 
ment  of  lift  on  either  the  wing  or 
the  tail,  it  is  dependent  on  the 
value  of  the  lift  curve  slope.  Thus, 
as  the  lift  curve  slope  of  both  the 
wing  and  tail  decrease  supersonically, 
C£p  will  decrease.  Also,  since  most 
supersonic  designs  make  use  of  low 
aspect  ratio  surfaces,  C£p  will  tend 
to  be  less  for  these  designs. 


C£r  and  C£sr  -  Both  of  these 
derivatives  depend  on  the  develop¬ 
ment  of  lift  and  will  decrease  as 
the  lift  curve  slope  decreases 
supersonically. 


Cfg  -  Data  on  the  supersonic- 
variation  of  this  derivative  is 
sketchy,  but  it  probably  will  not 
change  significantly  with  Mach  num¬ 
ber. 
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4.31 


CHAPTER 

DIFFERENTIAL  EQUATIONS 


IKVIATIONS  AND  SYMBOLS 
FOR  THIS  CHAPTER 


t 

P 

j 


e 


C  : 


os  ; 

n  ’ 

o'  • 

d  ' 

s : 


L: 


X(s) ,  Y(s),  Z(s)  : 


A  . 


dependent  or  independent  variables 
time  in  seconds 

differential  operator  with  dimensions  of  seconds  ^ 

constant  equal  to 

angular  constant  in  radians 

constant  equal  to  lim  (1  +  x)X  =  2.71828 . 

x  —►0 

transient  solution  to  differential  equation 

particular  (steady  state)  solution  to  differential  equation 

the  dot  notation  indicated  differentiation  with  respect  to 

..  ,  .  .  dx 

time}  i.e.,  x  =  ~ 

time  constant  in  seconds 

time  to  half  amplitude  in  seconds 

damping  ratio 

undamped  natural  frequency  in  radians  per  second 

damped  frequency  in  radians  per  second 

Laplace  variable  in  seconds  ^ 

Laplace  Transform 

inverse  Laplace  Transform 

Laplace  Transform  of  x(t),  y(t),  z(t) 

.  A  dx 

symbol  used  for  definitions;  e.g.,  x  =  jj.  means  x 

is  defined  as  ~ 
dt 


s 
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5.1 


•  8.1  INTRODUCTION 


The  theory  of  differential 
equations  is  a  subject  of  con¬ 
siderable  scope,  ranging  from  the 
rather  simple  and  obvious  through 
the  abstract  and  not  so  obvious. 

One  can  spend  a  lifetime  studying 
the  subject,  and  a  few  people  have. 
We  have  neither  the  time,  nor  per¬ 
haps  the  inclination  for  such  de¬ 
votions.  Our  purpose  is  to  cover 
those  aspects  of  the  theory  of 
differential  equations  which  are 
of  direct  application  to  work  at 
the  School. 

This  chapter  dea!.s  with  the 
tools  and  techniques  required  to 
analyze  differential  equations. 

Such  techniques  are  easily  extended 
for  use  in  the  study  of  aircraft 
dynamics.  An  aircraft  in  flight 
displays  motions  similar  to  a  mass- 
spring-damper  system.  The  static 
stability  of  the  airplane  is  simi¬ 
lar  to  the  spring,  the  moments  of 
inertia  similar  to  the  mass,  and 
the  airflow  serves  to  damp  the 
aircraft  motion. 


The  first  section  in  the  chap¬ 
ter  provides  a  review  of  basic 
differential  equation  theory.  Suc¬ 
ceeding  sections  deal  with  operator 
techniques,  analysis  of  first  and 
second  order  systems,  use  of  Lap¬ 
lace  Transforms,  and  solution  of 
simultaneous  equations. 

Before  proceeding  with  our 
study,  we  shall  define  several 
terms  which  will  be  used  in  this 
chapter . 

Definitions : 

1.  Differential  Equation:  A 
differential  equation  is  an 
equation  which  involved  a 
dependent  variable  (or  vari¬ 
ables)  together  with  one  or 
more  of  its  derivatives  with 
respect  to  an  independent 
variable  (or  variables) . 

2.  Solution:  Any  function,  free 
of  derivatives,  which  satis¬ 
fies  a  differential  equation 
is  said  to  be  a  solution  of 
the  differential  equation. 
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3.  Ordinary  Differential  Equa¬ 
tion:  A  differential  equation 

which  involves  derivatives 
with  respect  to  a  single 
independent  variable  is  called 
an  ordinary  differential  equa¬ 
tion. 

4.  Order:  The  nfch  derivative  of 
a  dependent  variable  is  called 
a  derivative  or  order  n,  or 

an  ntl:1  order  derivative.  The 
order  of  a  differential  equa¬ 
tion  is  the  order  of  the  high¬ 
est  order  derivative  present. 

5.  Degree:  The  exponent  of  the 

highest  order  derivative  is 
called  the  degree  of  the  dif¬ 
ferential  equation  -  if 

the  differential  equation  can 
be  rationalized  or  cleared  of 
fractions  with  regard  to  de¬ 
rivatives  appearing  in  the 
differential  equation. 

6.  Linear  Differential  Equation 
(ordinary,  single  dependent 
variable) :  A  differential 
equation  in  which  the  depen¬ 
dent  variable  and  its  deriva¬ 
tives  appear  in  no  higher  than 
the  1st  degree,  and  the  co¬ 
efficients  are  either  con¬ 
stants  or  functions  of  the 
independent  variable  is  called 
a  linear  differential  equa¬ 
tion. 

7.  Linear  System:  Any  physical 
system  described  by  a  linear- 
differential  equation  is 
called  a  linear  system. 

8.  General  Solution:  A  solution 
of  a  differential  equation  of 
order  n  which  contains  n  arbi¬ 
trary  constants  will  be  called 
a  general  solution  of  the  dif¬ 
ferential  equation. 

•  0.2  REVIEW  OF  BASIC 
PRINCIPLES 

Before  investigating  Operator 
Notation  and  Laplace  Transforms, 


290 


5.3 


where 


J  dy'  =  J(x 


+  4)dx  +  c. 


=  dy  =  x_ 
dx  2 


integrating 


+  4x  +  c , 


Ml* 


+  4x  +  dx  +  c2 


giving 


x  „  2 

y  =  —  +  2x  +  C]x  +  c2 

(5.2) 


Equations  (5.1)  and  (5.2) 
qualify  as  general  solutions  under 
our  definitions  stated  above. 

Life  is  full  of  disappoint¬ 
ments  and  we  would  soon  learn  that 
this  direct  application  of  the 
integration  process  would  fail  to 
work  in  many  cases . 

EXAMPLE : 


We  cannot  perform  the  integration 
of  the  term  to  the  right  of  the 
equal  sign  in  equation  (5.4) .  The 
equation  (5.3)  can  be  solved,  how¬ 
ever,  using  straight  forward  tech¬ 
niques.  (x2y  +  sin  y  =  c  is  a 
general  solution.)  We  emphasize 
the  word  "technique"  since  the 
solution  may  rely  upon  novel 
approaches,  special  groupings  or 
"judicious  arrangements"  and,  per¬ 
haps,  witchcraft  or  conjuring.  The 
former  require  extensive  experience 
and  maturity  within  the  discipline, 
and  the  latter  talents  are  rarely 
endowed  by  nature.  We  shall  study 
a  few  special  differential  equations 
which  are  easy  to  solve  and  have  wide 
application  in  the  analysis  of 
physical  problems. 

First  Order  Equations: 

We  shall  consider  briefly  the 
first  crder  ordinary  differential 
equation.  Suppose  we  represent 
such  an  equation  by: 


nr  ,  y ,  x>  =  o 


where 


This  is  concise  notation  used  by 
mathematicians  to  denote  a  differ¬ 
ential  equation  containing  an  in¬ 
dependent  variable  x,  a  dependent 
variable  y,  and  the  derivative  of 
y  with  respect  to  x.  The  equation 
may  contain  the  derivative  in  dif¬ 
ferential  form. 

EXAMPLES : 


2xy  +  (x2  +  cos  y)  ^  =  0 

(5.3) 


dy  =  - 

x  +  cos  y 


/dy  'J? T 


dx  +  c 


cos  y 


(5.4) 


=  x  +  y 


3x  dx  +  4y  dy  =  0 


3  x  +  y 

dy  _  x  -  v  cos  x 
dx  sin  x  +  y 
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First  order  differential  equations 
may  be  solved  by: 

1.  Separating  variables  and 
integrating  directly 

2.  Recognizing  exact  forms  and 
integrating  directly 

3.  Finding  an  integrating  factor 
(fudge  factor)  which  will 
make  the  equation  exact. 

4.  Inspection,  rearrangement  of 
terms,  etc.  to  use  method 
(1)  or  (2),  or  a  combination 
of  the  two. 

These  methods  are  thoroughly  treated 
in  all  elementary  differential  equa¬ 
tions  texts.  A  brief  review  of 
methods  (1)  and  (2)  are  given  below. 

1.  Separation  of  variables: 

When  a  differential  equation 
can  be  put  in  the  form 

f^(x)dx  +  f2(y)dy  =  0  (5.5) 

Where  one  term  contains  x  and 
dx  only,  and  the  other  y  and 
dy  only,  the  variables  are 
said  to  be  separated.  A 
solution  of  equation  (5.5) 
can  then  be  obtained  by  direct 
integration . 


w’here  M  and  N  are  functions 

of  only  one  variable. 

EXAMPLE : 

2 

dv  _  x  +  3x  +  4 

dx  y  +  6 

(y  +  6)  dy  =  (x2  +  3x  +  4)  dx 

f  2 

(y  +  6)dy  =  J  (x  +  3x  +  4)dx  +  c 

?  3.2 

2  +  6y  =  —  +  ~2~  +  4x  +  c 

2.  Exact  differential  equations: 
If  we  have 

F(x  ,  y)  =  c 

where  c  is  a  constant,  then 

dF  -  dx  +  77 dy  =  0 

(5.8) 

If  we  leu  M  =  3F/3x  and 
N  =  3F/3y ,  then  equation 

(5.8)  becomes 

dF  =  M  dx  +  N  dy  =  0 

(5.9) 


r  r 

f .  (x)dx  + 

J  1  J 


f2(y)dy 


(5.6) 


where  c  is  an  arbitrary  con¬ 
stant.  Note,  that  for  a 
differential  equation  of  the 
first  order  there  is  one 
arbitrary  constant.  In  gen¬ 
eral,  the  number  of  arbitrary 
constants  is  equal  to  the 
order  of  the  differential 
equation . 


A  necessary  and  sufficient 
condition  for  (5.9)  to  be  an 
exact  differentia),  equation 
is  that 


3  M  _  3N 
3  y  3  x 


Since 

3M 

3y 


1  2-n 

3  F 
3  y  3  x 


(5.10) 


The  general  form  of  a 
first  order  equation  with 
variables  separable  is 

M  dx  +  N  dy  =  0  (5.7) 


and 

3  N  _  3  2F 

3  x  3  x  3  y 
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we  have  assumed,  without 
proof,  that  the  order  of 
differentiation  is  immaterial. 

We  have  now  shown  that 
an  equation  of  the  form 


but  may  be  dependent  on  y. 
Thus , 

F  =  J M  3x  +  f(y)  =  c 

(5.11) 


dF  =  M  dx  +  N  dy  =  0  (5.9) 

is  exact  when 

3_M  _  JLN 
3  y  3  x 

and  has  a  solution 


F  =  c 

EXAMPLE : 


2  2 

(2xy  +  3x  )  dx  +  x  dy  =  0 

M  =  2xy  +  3x2 


3_M 

3y 


2x 


N  = 


2 

x 


11 

3  x 


2x 


where  the  symbol  3x  indi¬ 
cates  that  integration  is 
with  respect  to  x,  keeping  y 
constant.  Similarly, 


F 


3  y 


+ 


f(x) 


c 

(5.12) 


Solving  our  example 
J M  3x  +  f (y) 


F  = 


/ 


F  -  (2xy  +  3x  )  3  >  +  f(y) 


2 

x  y  + 


X3  +  f(y) 


and 


2 

=  x  y  + 


+  f(x)  =  c 
+  f(x) 
f(x) 


so  that 


Equating  the  two  solutions 


SM  _  3  N 

3  y  3  x 


2 

x  y 


+ 


f  (y) 


2 

x  y 


f(x) 


and  the  equation  is  exact 
with  solution 

F  =  c 

but  what  is  F  equal  to? 


Previously  we  said  that 
M  =  3F/3x,  indicating  that 
we  should  be  able  to  find  F 
by  integrating  M  with  re¬ 
spect  to  x.  The  constant 
of  integration  which  we  must 
add  is  independent  of  x, 


by  observation 

f(x)  =  x3 
f(y)  =  0 

and 

2  3 

F  =  xy  +  x  =  c 

2  A  3  ,  . 

.  .  x  y  +  x  =  c  is  the 

solution  desired. 
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First  order  linear  differen¬ 
tial  equations:  We  conclude 
the  discussion  of  1st  order 
equations  by  considering  the 
following  form 


+  R(x)  y  =  0 


(5.13) 


where  F. (;:)  may  be  a  constant. 
To  solve,  merely  separate 
variables . 

— ^  +  R(x)  dx  =  0 


which  is  the  general  solu¬ 
tion.  It  is  quickly  recog¬ 
nized  that  the  solution  is 
simply  obtained  by  plugging 
the  negative  of  the  coeffi¬ 
cient  of  y  into  the  position 
indicated  by  the  small  square 


•  8.3  LINEAR  DIFFERENTIAL 
EQUATIONS  AND  OPERATOR 
TECHNIQUES 

A  form  of  the  differential 
equation  that  is  of  particular 
interest  is  : 


integrating 


if  - 

where 
c'  =  In 


J  R(x) 


dx  +  c ' 


R(x)  dx  +  In  c 


y  =  ce 


f(x)  = 


>n 

fU  + 


n  ,  n 
dx 


+  V  (5.15) 


If  the  coefficient  expressions  An, 
An-l,  .  ..,  A0  are  all  functions  of 
x  only,  then  equation  (5.15)  is 
called  a  linear  differential  equa¬ 
tion.  If  the  coefficient  expres¬ 
sions  An ,  ...,  A0  are  all  constants, 
then  (5.15)  is  called  a  linear 
differential  equation  with  con¬ 
stant  coefficients. 


If  R  is  a  constant  then 


y  =  ce 


(5.14) 


We  might  conclude  from  this 
result  that  a  1st  order  dif¬ 
ferential  equation  of  form 
(5.13)  with  constant  coeffi¬ 
cients  may  be  solved  quite 
simply.  This  is  true  and 
the  solution  will  always  have 
the  form  (5.14)  . 


EXAMPLE: 


2  d^y  ,,  dy 

x  — t  +  3  — L  +  xy  =  sin  x 

,  2  dx 

cx 


is  a  linear  differential  equation. 


EXAMPLE: 


Zl  +  6  dy 

.  2  °  dx 

dx 


+  9y  =  e 


EXAMPLE : 


+  2y  =  0  (5.14a) 

then  we  have  directly 


y  =  ce  *  (5.14b) 


is  a  linear  differential  equation 
with  constant  coefficients.  Linear 
differential  equations  with  con¬ 
stant  coefficients  occur  frequently 
in  the  analysis  of  physical  systems. 
Mathematicians  and  engineers  have 
developed  simple  and  effective 
techniques  to  solve  this  type  of 
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equation  by  using  either  "classical" 
or  operational  methods.  When  attempt¬ 
ing  to  solve  a  linear  differential 
equation  of  the  form: 


+  A 


dx 


n- 1 


jD-l 

4 _ 1 


dx 


n-1 


-(• 


+  AQy  =  f(x) 

(5.16) 


system  where  the  left  side  of  the 
equation  describes  the  natural  or 
designed  state  of  the  system,  and 
where  the  right  side  of  the  equa¬ 
tion  represents  the  input  or  forcing 
function . 

One  might  logically  pursue 
the  following  line  of  reasoning  in 
attempting  to  find  a  solution  to 
the  problem  described  by  equation 
(5.16). 


it  is  helpful  to  examine  the  equa¬ 
tion 


,n-l 

A  — — L  +  A  i— 2  + 

n  ,  n  n-1  ,  n-1 

dx  dx 


+ 


A 


liL 
1  dx 


+  A  y  =  0 

cr 


1.  A  general  solution  of  (5.16) 
must  contain  n  arbitrary 
constants  and  must  satisfy 
the  equation. 

2.  The  following  statements  are 
justified  by  experience: 


(5.17) 

(5.17)  is  the  same  as  (5.16)  with 
the  right  hand  side  zero.  We  shall 
refer  to  (5.16)  as  the  general 
equation  and  equation  (5.17)  as 
the  complementary  or  homogeneous 
equation.  Solutions  of  equation 

(5.17)  possess  a  useful  property 
known  as  superposition,  which  may 
be  briefly  stated  as  follows: 

Suppose  y^(x)  and  y2(x)  are  distinct 

solutions  of  (5.17).  Then  any  lin¬ 
ear  combination  of  y^(x)  and  y 2 ( x ) 
are  also  solutions  of  (5.17).  A 
linear  combination  would  be  c^y-^x) 

+  c2y2 (x) . 

EXAMPLE: 


6y 


0 


3  x 

It  can  be  verified  that  y-^  (x)  =  e 
is  a  solution,  and  that  y ^  ( x )  =  e^x 

is  another  solution  which  is  dis¬ 
tinct  from  y-^(x).  Using  super¬ 
position,  then  y(x)  =  c^e^x  +  C2e^x 
is  also  a  solution. 


Equation  (5.16)  may  be  inter¬ 
preted  as  representing  a  physical 


a.  It  is  reasonably  straight 
forward  to  find  =>  solu¬ 
tion  to  the  complementary 
equation  (5.17; ,  contain¬ 
ing  n  arbitrary  constants. 
Such  a  solution  will  be 
called  the  homogeneous  or 
transient  solution. 
Physically,  it  represents 
the  response  present  in 
the  system  regardless  of 
input. 

b.  There  are  varied  tech¬ 
niques  for  finding  a  solu¬ 
tion  to  (5.16).  Such 
solutions  do  not,  in 
general,  contain  arbitrary 
constants  but  instead 
represent  the  response  of 
the  system  due  to  a  par¬ 
ticular  input  or  forcing 
function.  This  solution 
will  be  called  the  par¬ 
ticular  or  steady  state 
solution . 

3.  If  we  take  the  transient  solu¬ 
tion  which  describes  response 
already  existing  in  the  sys¬ 
tem  and  then  add  on  the  re¬ 
sponse  due  to  the  forcing 
function,  it  would  appear 
that  a  solution  so  written 
would  blend  the  two  responses 
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and  describe  the  total  re¬ 
sponse  of  the  system  repre¬ 
sented  by  (5.16).  In  fact, 
the  definition  of  a  general 
solution  is  satisfied  under 
such  an  arrangement.  Tne 
transient  solution  contains 
the  correct  number  of  ar¬ 
bitrary  constants,  and  the 
particular  solution  guaran¬ 
tees  that  the  combined  solu¬ 
tions  satisfy  the  general 
equation  (5.16).  Call  the 
transient  solution  yt  and  the 
particular  solution  yp.  A 

general  solution  of  (5.16) 
is  then  given  by: 

y  =  yt  +  yP  (5.18) 

Transient  Solution: 


Equation  (5.13a)  above  is  a 
complementary  or  homogeneous  first 
order  linear  differential  equation 
with  constant  coefficients.  We 
recognized  a  quick  and  simple  method 
of  finding  a  solution  to  this  equa¬ 
tion.  We  also  recognized  that  the 
solution  was  always  of  exponential 
form.  We  might  hope  that  solutions 
of  higher  order  equations  of  the 
same  family  would  take  the  same  form. 
There  is  one  quick  way  to  find  out  - 
we  shall  assume  that 

y  =  eAX  (5.19) 

is  a  solution  of  (5.17)  and  see 
what  happens.  Let  x  represent  a 
constant  which  we  do  not  yet  know. 
Substituting  in  (5.17)  gives: 


.  ,  n  X  x  ,  »  ,  n-1  X  x 

A  X  e  +  A  ,  X  e  + 
n  n-1 


+  A,  X  e  '  X  +  A  e  'X  -  0 


(5.20) 


which  may  be  factored: 


'  x  ,  n  ,  .  n  - 1 

e  (A  \  +  A  ,  i 

n  n-1 


+  ...  +  Aj  X 


+  A  )  =  0 

o 


Now  we  can  assert  that 

A  \  n  +  A  Xn‘l  +  ...  +  a.  X 
n  n-1  1 

+  A 

o 


(5.21) 

A  x 

since  e  5^0.  Equation  (5.21)  is 
called  the  characteristic  equation. 
(Sometimes  called  auxiliary  or 
indicial  equation.)  Equation  (5.21) 
has  n  possible  solutions.  Agree  to 
call  them  X]_,  X2,  ...  An.  Then  for 

X j_ ,  y  =  eAix  is  a  solution,  and  so 
is  c-j_eAix,  where  c^  is  an  arbitrary 
constant.  From  the  superposition 
principle  stated  above,  it  also 
follows  that 

X  ,x  X  „x  X  x 

1  2  n 

y  =  c,e  +c„e  ••  •  +  c  e 

h  1  2  n 

(5.22) 

is  a  solution  containing  n  arbitrary 
constants.  We  have  included  the 
subscript  !,t"  on  y  to  indicate  that 

(5.22)  represents  the  transient 
solution.  From  the  foregoing  it 
is  seen  tl.  ,t  we  have  succeeded  in 
extending  the  method  for  1st  order 
complementary  equations  to  higher 
order  complementary  or  homogeneous 
equations.  Again  we  note  that  we 
have  traded  off  an  integration 
problem  for  an-algebra  problem 
(solving  equation  (5.2?)  for  the 
\  1  s )  . 


Differential  or  derivative 
operators  can  be  defined  and  mani¬ 
pulated  to  play  the  same  role  as 
X  above.  It  is  immediately  con¬ 
firmed  by  checking  (5.22)  that  the 
exponents  of  X  are  the  same  as  the 
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order  of  the  derivatives  in  the 
same  position  .  [E.g.,  compare 

(5.17)  and  (5.20)  .] 

,n  .n-1  . 

A  — J  +  A  1 - ^  +  ...  +  A 

n  ,  n  n-1  ,  n-1  1  ax 

dx  dx 


same  form  as  the  polynomial  on  the 
left  side  of  (5.21),  hence  it  is 
often  solved  directly  for  the  con¬ 
stants  required  in  the  solution  of 
(5.19).  Ir.  this  case,  the  tran¬ 
sient  solution  (5.22)  would  appear! 


f  Aoy  =  0 

(5.17) 


.  n  Xx  .  .  n-1  X  x 

A  X  e  +  A  ,  a  e 
n  n-1 


.  ,  X  x  ,  .  X  x  . 

+  ...  A.  X  e  +  A  e  =0 
1  o 


(5.20) 


yt  =  C1  e 


+  cne 


+  c  e 
n 


(5.27) 


There  are  cases  for  which  (5.22) 
and  (5.27)  are  not  entirely  satis¬ 
factory  in  providing  a  solution, 
but  this  will  be  discussed  later. 

The  X's  or  p's  may  be  real,  imaginary, 
or  complex  numbers . 


If  we  designate  an  operator  p,  p2, 
. . . ,  pn  as  follows : 


d  2  d  n  d 

p  =  dx,p  2  >••*.>  p  n 

dx  dx 


(5.23) 


EXAMPLE : 

A  +  ^  .  2>  .  „ 

dx 

By  the  characteristic  equation 
me  thod : 


p(y)  =  ^  p2y  =  2-1 

plyl  dx  *  P  y  ,  2  > 


n  d“v 

p  y  =  77 

dx 


x  2  + 


X  -  2  =  0 


(5.24) 


X  =  +1,-2 


then  (5.17)  may  be  written: 


An  P  (y)  +  An_1  p  (y)  +  ...  +  Ax  p(y) 

+  A  y  =  0 


x  -2x 

cle  +  c2e 


Using  operator  notation: 


(5.25) 


(p  +  p  -  2)y  =  0 


or,  since  the  derivative  operates 
linearly  (each  term  in  succession) , 


P  +  p 


(An  P"+An-1  P""  +  +Alp+  Ao  =° 


(5.23] 


P  =  1,-2 


x  -2x 

y  =  c  e  +  c„e 


and  the  operator  expression  (An  pn 
+  ...  +  A]_  p  +  A0)  has  the  same 
algebraic  structure  as  (5.21).  The 
operator  expression  in  (5.26)  is 
a  polynomial  with  precisely  the 


To  thv  mcthemoticol  purist,  this  equation  is  incorrect 
By  our  definition,  px  =  1 .  We  shall  continue  to  use  this 
nototion,  however,  knowing  that  it  will  oid  us  in  salving 
differential  equations. 
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solving 


We  snail  now  restrict  the  dis¬ 
cussion  to  2nd  order  linear  differ¬ 
ential  equations  with  real  constant 
coefficients,  and  consider  the  vari¬ 
ous  cases  for  solutions  of  the 
complementary  (homogeneous)  equation. 

Consider  the  equation: 


p  +  4p  -  12]  =  0 


gives 


-4  -  V 16  +  48 


+  b  ^  +  cy  =  0  (5.28) 


-  4  -  8 

2 


We  have  seen  above  that  the  solu¬ 
tion  of  this  differential  equation 
is  equivalent  to  solving  the  quad¬ 
ratic  equation: 


6  ,  2 


+  bp  +  c  =  0 


(5.29) 


y  =  cLe  +  c2e 


The  general  solution  of  (5.28)  is 
of  the  form: 


y  =  c^e  +  c2e 


(5.30) 


where  cj_  and  C2  are  arbitrary  con¬ 
stants,  and  p]_  and  02  are  solutions 
of  the  quadratic  equation  (5.29). 
Recall  from  algebra  that  a  quadratic 
equation  can  yield  complex  roots, 
imaginary  roots,  or  real  roots  (i.e., 

Pi, 2  =  l“b  -  4  ac  ]/2a).  We 

consider  the  solution  (5.30)  for 
various  values  of  equation  (5.29), 
and  consider  changes  in  the  form  of 
the  solution  which  may  be  desirable 
or  necessary. 

Case  1:  Roots  Real  and  Unequal: 

If  P]_  and  p7  arc  real 
and  unequal  the  desired 
form  of  solution  is  just 


EXAMPLE : 


+  4  ^  -  12  y  =  0 

dx2  dx 


(p  -t-  4p  12)y  =  C  (in  operator  form) 


is  the  required  solution. 

Case  2:  Roots  Real  and  Equal: 

If  Pj  and  p2  are  real 
and  equal  we  run  into 
trouble . 

EXAMPLE : 


— 1  4  — ^  +  4y  =  0 

,2  dx 

dx 


(p  -  4p  +  4)y  =  0  (in  operator  form) 


solving , 


4  -  V  16  -  16  4  _ 

2  2 


or  p  =  2.  But  this  gives  only  one 
value  of  p.  If  we  try  to  use  (5.30) 
all  we  get  is  y  =  cge^x,  but  we 
need  two  arbitrary  constants  to 
have  a  transient  solution  of  (5.28). 
If  v .  are  realty  alert,  we  may 
notice  that  the  operator  expression 
(p2  -  4p  +  4)  can  be  written  (p  -  2)* 
(p  -  2) ,  or  (p  -  2)^,  which  is  a 
polynominal  expression  with  a  re¬ 
peated  factor.  (i.e.,  p  =  2,  2  is 
the  solution.)  We  can  then  write 

y  =  C]_e^x  +  c'2e^>:  as  the  transient 
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solution.  This  is  really  .10  better 
than  our  first  attempt,  y  =  c^e^x, 
since  and  C2  can  be  combined 
into  a  single  arbitrary  constant. 


=  Cle 


c2e 


2x 


(cx  +  c2)e 


2x 


This  is  a  perfectly  good  solution 
from  a  mathematical  standpoint,  but 
is  unwieldy  and  unsuggestive  to 
engineers.  A  mathematician  by  the 
name  of  Euler  worked  out  this  puzzle 
for  us  by  developing  an  equation 
called  Euler's  identity. 


Jx 


cos  x  +  j  sin  x 


(5.32) 


To  solve  this  problem,  simply 
multiply  one  of  the  arbitrary  con¬ 
stants  by  x.2  Now  write:  y  =  c^e^* 

+  C2xe^x.  We  can  no  longer  "lump" 
the  two  coefficients  of  e^x  together. 
The  solution  now  contains  two  arbi¬ 
trary  constants,  and  it  is  easily 
verified  that 

2x  2x 

y  =  V  +  c2xe 


This  equation  can  be  restated  in 
many  ways  geometrically  and  ana¬ 
lytically,  and  can  be  verified  by 
adding  the  series  expansion  of 
cos  x  to  the  series  expansion  of 
j  sin  x.  Now  (5.31)  may  be  ex¬ 
pressed  : 

y  =  c^(cos  x  +  j  sin  x)  +  c2 [cos  (-x) 

+  j  sin  (-x)]  =  (c  +  c.)  (cos  x) 


is  a  transient,  solution  of  the 
problem  above. 


+ 


c2)  (sin  x)  (5. 33) 


Case  3:  Roots  Pure  Imaginary 

EXAMPLE : 

.2 

4  ♦  y  -  o 

dx 

in  operator  form, 

(p“  +  l)y  =  0 
solving, 

0  -  V  0  -  A 
p  .  - - - 

In  most  engineering  work  we  refer 
to  /-I  as  j.  (In  mathematical 
texts  it  is  denoted  by  i.)  Now, 

+ 

P  =  -  j 

and  the  solution  is  written: 

jx  -ix 

y  =  cie  +  c2e  (5.31) 


2  See,  for  example,  C.R.  Wylie,  Chapter  2. 


or 

y  =  c3  cos  *  +  c4  sin  x  (5.34) 

Equation  (5.34)  has  another 
interesting  form.  Let 


(5.35) 

Now  consider  a  right  triangle 
with  sides  labeled  as  follows: 
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Now, 


and 


1 


=  sin  0  , 


cos  0  } 


and 


A  and  0  are  arbitrary  con¬ 
stants,  and  (5.35)  becomes: 

y  =  A(sin  0  cos  x  +  cos  0  sin  x) 

or 

y  =  A  sin  (x  +  0)  (5.36) 

To  summarize,  if  the  roots  of  the 
operator  polynomial  are  pure  im¬ 
aginary,  they  will  be  numerically 
equal  but  opposite  in  sign,  and 
the  solution  will  have  the  form 
(5.34)  or  (5.36) . 

Case  4 :  Roots  Complex 

EXAMPLE : 

*4  +  2^  +  2y  =  0 

,2  dx 

dx 

in  operator  form, 

(p2  +  2p  +  2)y  =  0 

solving , 


or 

p  =  -1  +  j  ,  -l  -j 


y 


y 


,(*1  -j)x  (5.37) 


Equation  (5.37)  may  be  written: 

-x  jx  ,  -jx 

e  c^e-1  +  c2e  J 

or  using  the  results  (5.34) 
and  (5.36) : 


cl  (5.38) 


or 

y  =  e  X  £a  sin  (x  +  0)  J  (5.39) 

Note  also,  that  (5.36)  could 
be  written  in  the  form 

y  =  A  cos  (x  +  0)  ,  where  0=0-  90°. 


Particular  Solution: 

The  particular  solution,  for 
our  work  here,  will  be  obtained  by 
the  method  of  undetermined  coeffi¬ 
cients.  This  method  consists  of 
assuming  a  solution  of  the  same 
general  form  as  the  input  (forcing 
function) ,  but  with  undetermined 
coefficients.  Substitution  of  this 
assumed  solution  into  the  differen¬ 
tial  equation  then  enables  us  to 
evaluate  these  coefficients.  The 
method  of  undetermined  coefficients 
is  applicable  when  the  forcing 
function  or  input  is  a  polynomial, 
terms  of  the  form  sin  ax,  cos  ax, 
eax,  or  combinations  of  sums  and 
products  of  these.  The  complete 
solution  of  the  linear  differential 
equation  with  constant  coefficients 
is  then  given  by  (5.18)  (i.e.,  the 

solution  to  the  complementary  equa¬ 
tion  (transient  solution) ,  plus 
the  particular  solution) . 

A  few  remarks  are  appropriate 
regarding  the  2nd  order  linear  dif¬ 
ferential  equation  with  constant 
coefficients.  Although  the  equation 
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is  interesting  in  its  own  right, 
it  is  of  particular  value  to  us 
because  it  is  a  mathematical  model 
for  several  problems  of  physical 
interest . 


afl  +  ht  +  cy  =  F(x) 

dx 


(mathematical  model) 


m  +  P  ^  +  Kx  =  F(t) 


(describes  a  mass  spring  I 
damper  system)  V  (5.40) 


+  Rdfl  a 

j  2  dt  C  =  E(t)  (describes  a  series  LRC 

electrical  circuit) 


j 


Equations  (5.40)  are  all  the  same 
mathematically  but  are  expressed 
in  different  notation.  Different 
notations  or  symbols  are  employed 
to  emphasize  the  physical  parameters 
involved,  or  to  force  the  solution 
to  appear  in  a  form  that  is  easy 
to  interpret.  In  fact,  the  simi¬ 
larity  of  these  last  two  equations 
may  suggest  how  one  might  design 
an  electrical  circuit  to  simulate 
the  operation  of  a  mechanical  sys¬ 
tem. 

Consider  the  equation : 

3“i  +  ht  +  cy  =  f(x)  <5-41> 

dx 

We  now  must  solve  for  the  special 
solution  (particular  solution) 
which  results  from  a  given  input, 
f(x).  This  particular  solution 
can  be  found  using  various  tech¬ 
niques,  but  we  will  consider  only 
one,  tHe  method  of  undetermined 
coefficients.  This  method  consists 
of  assuming  a  solution  form  with 
unspecified  constants  (undetermined 
coefficients) ,  and  solving  for  the 
values  of  the  constants  which  will 


satisfy  the  given  differential 
equation.  The  method  is  best  de¬ 
scribed  by  considering  examples. 

EXAMPLE : 

M  +  4  S  +  3y  =  6  (5.42) 

dx 

The  input  is  a  constant  (trivial 
polynomial) ,  so  we  assume  a  solu¬ 
tion  of  form  yn  =  K.  Obviously, 
d^K/dx^  =  0,  and  dK/dx  =  0. 
Substituting, 

0  +  4(0)  +  3K  =  6 


y  =  K  =  2 

P 

Therefore,  yp  =  2  is  a  particular 
solution.  We  note  that  we  can 
solve  the  equation: 

~2  +  +  3y  =  0 

dx 

in  operator  form 
2 

(p  +'  4p  +  3)y  =  0 
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or 

p  =  -1  ,  -2 

and  the  transient  solution  is: 
y  =  Cle'x  +  c2e'3x 

The  general  solution  of  (5.42) 
may  be  written: 


transient  particular 

solution  (or  steady 

state) 

.  solution 

EXAMPLE : 

+  4  dx  +  3y  =  x2  +  2x  (5-43> 

dx 

Now  the  form  of  f(x)  for  (5.43) 
is  a  polynomial  of  2nd  degree,  so 
we  assume  a  particular  solution 
for  y  of  2nd  degree.  (i.e.,  let 
yp  =  Ax2  +  Bx  +  C.)  Then, 

dy 

=  2Ax  +  B 
dx 

and 


Equating  like  pc  ^rs  of  x, 

x2 ;  3A  =  1 

A  =  1/3 

x:  8A  +  3  B  =  2 

3B  =  2  -  | 

B  =  -  2/9 

x°:  2A  +  4B  +  3C  =  0 

3C  =  8/9  -  2/3 

C  =  2/27 

Therefore , 

yp  =  1/3  x2  -  2/9  x  +  2/27 

The  general  solution  of  (5.43)  is 
given  by 

-x  -lx  7 

y  =  cLe  +  c2e  +  1/3  x 

-  2/9  x  +  2/27 

since  the  transient  solution  is 
the  same  as  for  (5.42)  .  As  a 
general  rule,  if  the  forcing  func¬ 
tion  is  a  polynomial  of  degree  n, 
assume  a  polynomial  solution  of 
degree  n. 


Substituting  into  (5.43), 

(2A)  -  4  (2Ax  +  B)  +  3  (Ax2  +  Bx  +  C) 

=  x2  +  2x 

or 

( 3A)  x2  +  (8A  +  3B)  x  +  (2A  +  41  +  3C) 


EXAMPLE : 


+  4  +  3y  =  e2 

dx2  dx 


(5.44) 


The  forcing  function  is  e3x  so  we 
assume  a  solution  of  the  form 

,  2x 

y  =  Ae 


d  2x.  2x 

-  (Ae  )  =  2Ae 


•> 

=  x“  +  2x 


(Ac^X) 


4Ae 


2x 
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Substituting  in  (5.44), 

2x  2x  2v  2y 

4Ae  +  4(2Ae  )  +  3(Ae  )  =  e 


we  solve  the  homogeneous  equation 
to  get 

(P  +  a)  (P  +  b)y  =  0 


2x  2x 

e  (4A  +  8A  +  3A)  =  e 


The  coefficients  on  both  sides  of 
the  equation  must  be  the  same. 
Therefore,  4A  4  8A  4  3A  =  1,  or 
15A  =  1,  and  A  =  1/15.  The  par¬ 
ticular  solution  of  (5.44)  then 
is  yp  =  1/15  e^x.  The  transient 
solution  is  still  the  same  as  for 
(5.42).  A  final  example  will 
illustrate  a  pitfall  sometimes 
encountered  using  this  method. 


EXAMPLE : 


*  +  4^  + 


p  =  -a  ,  -b 

-ax  ,  -bx 
yt  =  cxe  +  c2e 


If  we  assume  yp  =  Ae-ax 
then 


-ax  -bx  .  -ax 

y  =  yt  +  yp  =  c^e  +  -i-  Ae 


/  .  -ax  ,  "bx 

=  (c^  +  A)e  +  c.,e 


-ax  ,  -bx 
=  c^e  +  c^e 


3y  =  e"  (5.45) 


The  forcing  function  is  e-x,  so 
we  assume  a  solution  of  the  form 
y  =  Ae-X.  Then 


^  (Ae'x)  =  -Ae”x 


However,  we  have  already  seen  that 
yt  is  the  solution  only  when  the 
right  side  of  the  equation  is  zero, 
and  will  not  solve  the  equation  when 
we  have  a  forcing  function.  There¬ 
fore,  we  assume  a  particular  solu¬ 
tion. 


~  (Ae'x)  =  Ae'X 
dx 


Substituting : 

Ae"x  4  4(-Ae'x)  4  3(Ae'x)  =  e*x 


-ax  .  -bx  ,  .  -ax 
y  =  yp  +  yt  =  c^e  4  c2e  4  Axe 


/  ,  k  \  -ax  ,  -bx 

(c^  4  Ax)e  4  c2e 


(A  -  4A  4  3A)e"x  =  e'x 


/fl.  -x  -x 

(0)e  =  e 


Obviously,  this  is  an  incorrect 
statement.  To  find  where  we  made 
our  mistake,  let's  review  our 
procedures . 


*  h 


To  solve  an  equation  of  the  form 


Similarly,  we  could  have  the  equa¬ 
tion 


(p  4  aj)  (p  -  aj)y  =  sin  ax 


with  transient  solution 


(p  4a)  (p  4  b)y  =  e 


sin  ax  4  c2  cos  ax 
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=  A  sin  ax  >  B  cos  ax 


we  could  assume 


If  we  assume  yp 
then 

y  =  =  (c^  +  A)  sin  ax 

+  ( c 2  +  B)  cos  ax 

=  c_  sin  ax  +  c.  cos  ax 
3  4 

=  yt 

Therefore,  we  assume 


In  our  example  above  (equation 
5.45),  a  valid  solution  can  be  found 
by  assuming  Yp  =  Axe“x,  then 

^  (Axe”x)  =  A  (-xe”x  +  e'x) 

and 

.2 

d  ,,  -x.  ,  .  -x  »  -x. 

—  (Axe  )  =  A  (xe  -  2e  ) 


y  =  Ax  sin  ax  +  Bx  cos  ax 
P 

and 

y  =  (c^  +  Ax)  sin  ax  +  (c^  +  Bx)  cos  ax 

t  V 
- 1 

Note  the  following,  however,  with 
the  equation 

(p  +  a  -  jb)  (p  +  a  +  jb)y  =  sin  bx 

— 

yt  ■  e  (c^  sin  bx  +  c 2  cos  bx) 

we  can  assume  yp  =  B  sin  bx  + 

C  cos  bx 

then 

-ax  .  ,  .  -ax  , 

y  =  c^e  sin  bx  +  c 2  cos  bx 

+  B  sin  bx  +  C  cos  bx 

y  =  (c^e  +  B)  sin  bx 

-av 

+  (c^e  +  C)  cos  bx 
*  yt 

Similarly,  if 

(p  +  a  -  jb)  (p  +  a  +  jb)y  =  e  3X 


Substituting : 

A(xe  X  -  2e  x)  +  4A(-xe  x  +  e  x) 

+  3 (Axe  x)  =  e  x 

(A  -  4A  +  3A)xe  X  +  (-2A  +  4A)e  x  =  e 

(0)xe'X  +  2Ae‘X  =  e_X 


and 

A  =  1/2 


Thus , 

yp  =  (i/2)xe  x 


is  a  particular  solution  of  (5.45), 
and  the  general  solution  is  given 
by: 

y  =  c^e'x  +  c2e'3x  +  1/2  xe_x 


The  key  to  successful  application 
of  the  method  of  undetermined  co¬ 
efficients  is  to  assume  the  proper 
form  for  a  trial  particular  solu¬ 
tion.  Table  5.1  summarizes  the 
results  of  this  discussion. 
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Differential  equation:  a  ^“2  +  b  — ^  +  cy  =  f(x) 

dx 


Vc 

f(x) 

** 

Assume  y 

P 

1. 

£ 

I 

A 

2. 

(n 

Px" 

a  positive  integer) 

AxI1+A1xI1^  +  ...+A  ,x+A 
o  1  n-1  n 

3. 

(r 

perx 

either  real  or  complex) 

A  rX 

Ae 

4.  (3  cos  kx 


5.  p  sin  kx 


A  cos  kx  +  B  sin  kx 


,  .  n  rx  . 

6.  Px  e  cos  kx 


„  n  rx  .  . 

7.  px  e  sm  kx 


(A  xn+-  ...  +A  x  +  A  )erx  cos  kx  + 
o  n-1  n 


+(Ex  +...+B  . x  +  B  )  erx  sin  kx 

o  n-1  n 


When  f(x)  consists  of  a  sum  of  several  terms >  the  appropriate 
choice  for  y  is  the  sum  of  y  expressions  corresponding  to 
these  terms  individually.  ^ 

Whenever  a  term  in  any  of  the  yp's  listed  in  this  column  duplicates 
a  term  already  in  the  complementary  function,  all  terms  in  that  yp 
must  be  multiplied  by  the  lowest  positive  integral  power  of  x 
sufficient  to  eliminate  the  duplication. 
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Substituting  into  (5.46),  we  get 
D  =  3/13 


As  discussed  in  section  5.2, 
the  number  of  arbitrary  constants 
in  the  solution  of  our  linear  dif¬ 
ferential  equation  is  equal  to  the 
order  of  the  equation.  These  con¬ 
stants  of  integration  may  be  de¬ 
termined  by  initial  or  boundary 
conditions.  That  is,  we  must  know 
the  physical  state  (position,  ve¬ 
locity,  etc.)  of  the  system  at 
some  time  in  order  to  evaluate 
these  constants.  Many  times  these 
conditions  are  given  at  t  =  0 
(initial  conditions) . 


for  a  complete  solution 

x(t)  =  e  2l  (A  cos  3t  +  B  sin  3t)  +  3/13 

To  solve  for  A  and  B,  we  will 
use  the  initial  conditions  speci¬ 
fied  above. 

x(0)  =  5  =  A  +  3/13 

or 

A  =  62/13 


It  should  be  emphasized  at 
this  point,  that  the  arbitrary 
constants  of  the  solution  are  eval¬ 
uated  from  the  complete  solution 
(transient  plus  steady  state)  of 
the  equation. 

We  shall  illustrate  this 
method  with  an  example. 

EXAMPLE: 

x*  +  4x  +  13x  =  3  (5.46) 

where  the  dot  notation  indicates 
derivatives  with  respect  to  time 
(i.e.,  x  =  dx/dt,  x  =  d2x/dt2) . 

We  will  assume  that  the  boundary 
conditions  are  x(o)  =  5,  and 
x  (o)  =  8.  The  transient  solution 
is  given  by 

p2  +  4p  +  13  =  0 


Differentiating  the  complete  solu¬ 
tion,  we  get 

x(t)  =  e  2t  (3B  cos  3t  -  3A  sin  3t) 

-2t 

-2e  (A  cos  3t  +  B  sin  3t) 

Substituting  the  second  initial 
condition 

x(0)  =  8  =  3B  -  ?A 


Therefore,  the  complete  solution 
to  (5.46)  with  the  given  initial 
conditions  is 

x(t)  =  e  2t  |^(62/13)  cos  3t 

+  (228/13)sin  3tj  +  3/13 


-2t 

35  =  e  (A  cos  3t  +  B  sin  3t) 

We  assume 

XP  =  ° 


dx 


We  have  discussed  the  1st 
and  2nd  order  differential  equa¬ 
tion  in  some  detail.  It  is  of 
great  importance  to  note  that  many 
higher  order  systems  quite  naturally 
decompose  into  1st  and  2nd  order 
systemr .  For  example,  the  study 
of  a  3rd  order  equation  (or  system) 
may  be  conducted  by  examining  a 
1st  and  a  2nd  order  system,  a 
4th  order  system  analyzed  by  examin¬ 
ing  two  2nd  order  systems,  etc... 


3C6 
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All  these  cases  are  handled  by 
solving  the  characteristic  equation 
to  get  a  transient  solution  and 
then  obtaining  the  particular  solu¬ 
tion  by  any  convenient  method. 

•  S.4  APPLICATIONS 

Up  to  this  point,  we  have  con¬ 
sidered  differential  equations  in 
general  and  linear  differential 
equations  with  constant  coefficents 
in  greater  detail.  We  have  de¬ 
veloped  methods  for  solving  first 
and  second  order  equations  of  the 
following  type: 


Physically,  we  can  let  x  represent 
distance  or  displacement,  and  t 
represent  time.  To  solve  this 
equation,  we  find  the  transient 
solution  by  utilizing  the  homo¬ 
geneous  equation 

4x  +  x  =  0 


(4p  +  l)x  =  0 


4p  +  1  =  0 

p  =  -1/4 


a  a*  +  bx  =  f(t)  (5.47a) 

dt 

a±T  +  bS  +  cx=  f(t)  ( 5 . 47b) 

dt: 


Thus 

x 


ce 


-t/4 


t 

The  particular  solution  is  found 
by  assuming 


These  two  equations  are  mathematical 
models  or  forms.  These  same  forms 
may  be  used  to  describe  diverse 
physical  systems.  In  this  section 
we  shall  concentrate  on  the  tran¬ 
sient  response  of  the  systems  under 
investigation,  since  this  area  is 
of  primary  interest  in  future 
studies . 

First  Order  Equation: 

Consider  the  following  example: 


x  =  A 
P 


=  0 


Substituting, 


A  =  3 


x 

P 


3 


1* 


The  complete  solution  is  ^ben 


x 


-t/4 


ce 


+  3 


(5.49) 


The  first  term  on  the  rignt  of 
(5.49)  represents  the  transient  re¬ 
sponse  of  the  physical  system  de¬ 
scribed  by  equation  (5.48) ,  and  the 
second  term  represents  the  steady 
state  response  if  the  transient  de¬ 
cays.  A  term  useful  in  describing 
the  physical  effect  of  a  negative 
exponential  term  is  time  constant 
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which  is  denoted  by  x .  We  shall 
define  x  as 

i  =  — 


solution  has  decayed  to  1/e 
of  its  original  displacement 
(see  figure  5.3). 

FIGURE  5.3 


Thus,  equation  (5.49)  could  be  re¬ 
written  as 


x  =  ce  t,/T  +3  (5.50) 

where  x  =  4 . 

Note  the  following: 

1.  We  only  discuss  time  con¬ 
stants  if  p  is  negative. 

If  p  is  positive,  the  ex¬ 
ponent  of  e  is  positive, 
and  the  transient  solution 
will  not  decay. 

2.  If  p  is  negative,  x  is  posi¬ 
tive  . 

3.  x  is  the  negative  reciprocal 
of  p,  so  that  small  numeri¬ 
cal  values  of  p  give  large 
numerical  values  of  x  (and 
vice  versa) . 


x 


Other  measures  of  time  are 
sometimes  used  to  describe  the 
decay  of  the  exponential  of  a  solu¬ 
tion.  If  we  let  T^  denote  the  time 
it  takes  for  the  transient  to  decay 
to  one-half  it's  original  amplitude, 
then 

Tx  =  0.693  x  (5.51) 


4.  The  value  of  x  is  the  time, 
in  seconds,  required  for 
the  displacement  to  decay 
to  1/e  of  its  original  dis¬ 
placement  from  equilibrium 
or  steady  value.  To  get  a 
better  unders canding  of  this 
statement,  let's  look  at 
(5.50)  . 

-t/x 

X  =  ce  +3  (5.50) 

and  let  t  =  x  .  Then 


This  relationship  can  be  easily 
shown  by  investigating 

x-  =  Cleat  +  c2  (5.52) 


From  our  definition,  x  =  1/a.  For 
the  transient  portion  of  (5.52),  at 
t  =  0,  xt(0)  =  c]_.  We  are  locking 
for  Tq,  the  value  of  t  at  which 
X£  =  1/2  xt(0).  Solving 


x 


-1 

ce 


+  3 


c 


1 


-at 

e 


1 

2  C1 


c 


1 


Thus,  when  t  =  i  ,  the  ex¬ 
ponential  portion  of  the 


-In  1/2 


.693 


.69  3  !.. 


a 


a 


Let's  complete  our  solution 
of  (5.48)  by  specifying  a  boundary 
condition  and  evaluating  the  arbi¬ 
trary  constant.  Let  x  =  0  at  t  =  0. 


x(0)  =  0  =  c  +  3 


c  =  -3 

Our  complete  solution  for  this 
boundary  condition  is 


Consider  an  equation  of  the 
form  (5.47b).  The  characteristic 
equation  (operator  equation)  can 
be  written: 

2 

ap  +  bp  +  c  -  0  (5.53) 

The  roots  of  this  quadratic  equa¬ 
tion  determine  the  form  of  the 


transient  solution  as  we  have  seen 
in  section  5.3.  We  will  now  dis¬ 
cuss  physical  implications  of  the 
algebraic  property  of  the  roots. 

1.  Roots  real  and  unequal:  When 
the  roots  are  real  and  un¬ 
equal,  the  transient  solution 
has  the  form: 

P2t 

xt  =  c^e  +  c2e 

(5,54) 


Case  1 :  When  pi  and  P2  are 
both  negative,  the 
system  decays  and 
there  will  be  a  time 
constant  associated 
with  each  exponen¬ 
tial  . 


FIGURE  5.5 


X 


Case  2 :  When  p^  or  P2  (or 

both)  is  positive, 
the  system  will 
generally  diverge. 
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FIGURE  5.6 


X 


FIGURE  5.7 


X 


Case  3:  Examples  where 
or  p2  (or  both) 
are  zero,  are  usually 
not  observed  in 
practical  cases  . 


2.  Roots  real  and  equal:  When 
Pl  =  P2 ,  the  transient  solu¬ 
tion  has  the  form 


cle 


Pt 


c^te 


Pt 


(5.  5) 


Case  1:  When  p  is  negative, 
the  system  will 
usually  decay.  (If 


p  is  very  small,  the 
system  may  initially 
exhibit  divergence.) 


FIGURE  5.8 


X 


Case  2:  When  p  is  positive, 
the  system  will  di¬ 
verge. 

3.  Roots  pure  imaginary:  When 
p  =  +  jk,  the  transient  solu¬ 
tion  has  the  form 


X 

t 

= 

sin  kt  +  cos  kt 

(5.56a) 

or 

xt 

= 

A  sin  (kt  +  0) 

( 5 . 56b) 

or 

X 

t 

= 

A  cos  (kt  +  H) 

(5.56c) 

The  system  executes  oscilla¬ 
tions  of  constant  amplitude 
with  a  frequency,  k. 


FIGURE  5.9 

X 
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Roots  complex  conjugates: 

When  the  roots  are  given  by 
p  =  kj  +  j^2'  f°rm  °f  the 
transient  solution  is 

v 

x  =  e  ( c 1  cos  k2t  +  c2  sin  k2t) 

(5.57a) 

or 

v 

x  =  A  e  sin  (k2t  +  0)  (5.57b) 

or 

V 

xfc  =  A  e  cos  (k2 1  +  0)  (5.57c) 

The  system  executes  periodic 
oscillations  contained  in  an 
envelope  given  by  x  =  +A  e^lt 

Case  1:  When  ky  is  negative, 
the  system  decays. 


FIGURE  5.10 


X 


FIGURE  5.11 


The  discussion  of  transient  solu¬ 
tions  above  reveals  only  part  of 
the  picture  presented  by  equation 
(5.47b).  We  still  have  the  input 
or  forcing  function  to  consider, 
i.e.,  f(x).  In  practice,  a  linear 
system  that  possesses  a  divergence 
(without  input)  may  be  changed  to 
a  damped  system  by  carefully  select¬ 
ing  or  controlling  input.  Con¬ 
versely,  a  nondivergent  linear 
system  with  weak  damping  may  be  made 
divergent  by  certain  types  of  in¬ 
puts  . 

Second  Order  Linear  Systems : 

Consider  the  physical  model 
shown  in  figure  5.12.  The  system 
consists  of  an  object  suspended 
by  a  spring,  with  a  spring  constant 
of  k.  The  mass  may  move  vertically 
and  is  subject  to  gravity,  input 
and  damping,  with  the  total  viscous 
damping  constant  equal  to  c. 


Case  2  : 


When  ky  is  positive, 
the  system  diverges. 


¥•'  * 
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FIGURE  5  12 


cates  the  damping  strength  in  the 
system. 


FORCE  lbs. 
F 


The  equation  £or  this  vibrating 
system  is  given  by 


cd 


■V1" 


(5.62) 


is  the  undamped  natural  frequency 
of  the  system.  This  is  the  fre¬ 
quency  at  which  the  system  would 
oscillate  if  there  were  no  damping 
present. 


A 

CO  =03 

d 


aA 

n  v 


(5.63) 


wd  is  the  damped  frequency  of  the 
system.  It  is  the  frequency  at 
which  the  system  oscillates  when 
a  damping  ratio  of  ?  is  present. 


mx  +  cx  +  kx  =  i(t)  (5.58) 

The  characteristic  equation  is 
given  by 

2 

mp  4-  c  p  +  k  =  0  (5.59) 


Substituting  c  and  u  into 
(5.60)  now  gives 


(5.64) 


and  the  roots  of  this  equation 
are 


Pl,2  *  2m 


(5.60) 

Let  us,  for  simplicity,  and 
for  reasons  that  will  be  obvious 
later,  define  three  constants 


A 


(5.61) 


The  term  r,  is  called  the  damping 
ratio,  and  is  a  value  which  indi- 


With  these  roots,  the  transient 
solution  becomes 


or 


x 


t 


P1C 

c^e  +  c^e 


P2t 


C  ®  t  r  _/ - j 

e  n  I  c  cos  cc  V I  -  ?  t  + 

L  1  n 

ii;  cd  Vi  -  ;  2  t  1 

n  J 

(5.65a) 


+  c2  sin 


u  t  -\l  2 

A  e  n  sin  (  ^  V  1  -  ;  t 


-  ?  CD 


+  0) 

(5.65b) 


Note  that  the  solution  will  lie 
within  an  exponentially  decreasing 
envelope  which  has  a  time  constant 
of  l/U  con)  .  This  damped  oscillation 
is  shown  in  figure  5.13. 
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FIGURE  5.13 


}  damping  ratio 


2  -/mk 


s  Ae  ^  sin  (UfcVl  -  f 


From  equation  (5.64)  we  see  that 
the  numerical  value  of  ?  is  a 
powerful  factor  in  determining  the 
type  of  response  exhibited  by  the 
system. 

Let  us  now  consider  the 
physical  problem  and  analyze  the 
various  conditions  possible.  The 
magnitude  and  sign  of  c ,  the  damping 
ratio,  determine  the  response  prop¬ 
erties  of  the  system. 

There  are  five  distinct  cases 
which  are  given  names  descriptive 
of  the  response  associated  with 
each  case. 


1.  c,  =  0,  undamped 


If  we  rewrite  equation  (5.58) 
using  the  constants  oon  and  c  de¬ 
fined  by  equations  (5.61)  and  (5.62) 
we  have 


l  •  •  9  r  •  ! 

~t  x  +  x  +  x  =  k  f(t) 

u)  n 

n 


2.  0  <  ;  <  1,  underdamped 

3.  ;=1,  critically  damped 

4.  r  >  if  overdamped 

5.  ;  <  0,  unstable 

We  shall  now  examine  each  case, 
making  use  of  equation  (5.64) 


x  +  x  +  x  = 

n  n 


f-  f  <o  ■  up 


(5.66) 


D  t  jd, 

n  n 


1  -  t 


(5.64] 


Equation  (5.66)  is  a  form  of  (5.58) 
that  is  most  useful  in  analyzing 
the  behavior  of  any  linear  system. 

A  general  second  order  physical 
system  can  be  compared  with  the 
mass-spring-damper  system.  The 
equation  defining  the  system  was 

mx  +  cx  +  kx  -  f(t)  (5.58) 


Case  1:  ?  =  0,  undamped:  For 

this  condition,  the 
roots  of  the  character¬ 
istic  equation  are 


n  =  ^ 

Pi?  J  n 


(5.67) 


aiving  a  transient 
solution  of  the  form 


where  we  defined  the  parameters 


-  ,  undamped  natural  frequency 


xt  =  c, 


cos  u)  t  +  c_  sin  t 


xt  =  A  sin  (  a)^t  +  0  ) 


(5.68a) 


(5.68b) 
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showing  the  system  to  have  the  tran¬ 
sient  response  of  an  undamped  sin¬ 
usoidal  oscillation  with  frequency 
o)n.  (Hence  the  designation  of  ujn 
as  the  "undamped  natural  frequency.") 
Figure  5.9  shows  an  undamped  sys¬ 
tem. 


Case  2i  0  <  c  <  l ,  under damped: 
For  this  case,  p  is 
given  by  equation  (5.64) 
and  the  transient  solu¬ 
tion  has  the  form 


FIGURE  5.14  * 


(5.69) 


This  solution  shows  that  the  sys¬ 
tem  oscillates  at  the  damped  fre¬ 
quency,  and  is  bounded  by  an 

exponentially  decreasing  envelope 
with  time  constant  l/U  un)  .  Figure 
5.14  shows  the  effect  of  increasing 
the  damping  ratio  from  0.1  to  1.0. 


Case  3:  ?  =  1,  critically 

damped:  For  this  con¬ 

dition,  the  roots  of 
the  characteristic 
equation  are 


1,2 


-  0) 


(5.70) 


which  gives  a  transient  solution 
of  the  form 

-0!  t  -03  t 

xt  =  c^e  n  +  c2te  n  (5.71) 


This  is  called  the  critically 
damped  ca'se  and  generally  will  not 
overshoot.  It  should  be  noted, 
however,  that  large  initial  values 
of  x  can  cause  one  overshoot. 
Figure  5.14  above  shows  a  response 
when  ?=1. 


This  response  can  also  be  written 
as 


-t/T 


t/  T, 


=  cTe 


(5.74) 


where  and  12  are  time  constants 
for  each  exponential  term. 


This  solution  is  the  sum  of 
two  decreasing  exponentials,  one 
with  time  constant  and  the  other 
with  time  constant  12-  The  smaller 
the  value  of  t,  the  quicker  the 
transient  decays.  Usually  the 
larger  the  value  of  4,  the  larger 
t ^  is  compared  to  t2-  For  the 
case  c>>1,  *2  is  small  in  compari¬ 
son  to  and  can  be  neglected. 

The  system  then  behaves  like  a 
first  order  system  (i.e.,  the 
effect  of  mass  can  be  neglected) . 
This  can  be  seen  most  readily  from 
equation  (5.74).  Figure  5.5  shows 
an  overdamped  system. 


Case  5:  ;  <  0,  unstable:  For 

this  case,  the  roots 
of  the  characteristic 
equation  are 


Case  4:  ?  >  1 ,  overdamped: 

In  this  case,  the  char¬ 
acteristic  roots  are 


1.2 


c  t  j"„  V 


1  - 1 


(5.75) 


(3.72) 


which  shows  that  both  roots  are 
real  and  negative.  This  tells  us  that 
the  system  will  have  a  transient 
which  has  an  exponential  decay 
without  sinusoidal  motion.  The 
transient  response  is  given  by 


(5.73) 


These  roots  are  the  same  as  for 
the  underdamped  case,  except  that 
the  exponential  term  in  the  tran¬ 
sient  solution  shows  an  exponential 
increase  with  time. 


x 


t 


e 


+ 


C  *  t 

n 


t 


(5.76) 


Whenever  a  term  appearing  in 
the  transient  solution  grows  with 
time  (and  especially  an  exponential 
growth) ,  the  system  is  generally 
unstable.  This  means  that  whenever 
the  system  is  disturbed  from  equi- 
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librium,  the  disturbance  will  in¬ 
crease  with  time.  Figure  5.11  shows 
an  unstable  system. 


EXAMPLE : 

Given 

x  +  4x  =  0 

from  (5.66) 

5=0 

and 

CD  =  2 

n 

The  system  is  undamped  with  a 
solution 

xt  =  A  sin  (2t  +  0) 

where  A  and  0  are  determined 
by  substituting  the  boundary 
conditions  into  the  complete 
solution. 


EXAMPLE : 

Given 

•  • 

7  +  x  +  x  =  0 

4 

We  multiply  by  4  to  get  the 
equation  in  the  form  of  (5.66)  . 

Then 

9  •  • 

x  +  4x  +  4x  =  0 

and 

CD  =  2 

n 

5  =  1 

The  system  is  critically 
damped  and  has  a  solution 
given  by 


EXAMPLE: 


EXAMPLE: 

Given 

»•  • 

X  +  X  +  X  =  0 

from  (5.66) 

CD  =  1 

n 

and 

5  -  0.5 


Given 

x  +  8x  +  4x  =  0 

we  get 

CD  =  2 

n 

and 

5  =  2 

The  system  is  overdamped  and 
has  a  solution 


we  also  know  from  (5.63)  that  v  _  ,,  n'7*l!,5t  .  _  -0.55t 

xt  ‘  Clc  +  c2e 

“d  =  \~\fl  =  0,87  EXAMPLE: 

Given 

The  system  is  underdamped  with  r 

a  solution  x  -  2x  +  4  =  0 

From  (5.66) 

x  =  Ae'°,5t  sin  (0.87t  +  0) 
t  CD  =  2 
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and 


t  =  -0.5 


From  (5.63) 


The  solution  is  unstable 
(negative  damping)  and  has 
the  form 

xt  =  Ae1"  sin  (2.2t  +  0) 


Damping :  (see  figure  5.14) 

The  best  damping  ratio  for  a 
system  is  determined  by  the  in¬ 
tended  use  of  the  system.  If  a 
fast  response  is  desired,  and  the 
size  and  number  of  overshoots  is 
inconsequential,  then  we  would  use 
a  small  value  of  ?  .  If  it  is  essen¬ 
tial  that  the  system  not  overshoot, 
and  we  are  not  too  concerned  about 
response  time,  we  could  attempt  to 
use  a  critically  damped  (or  even 
an  overdamped)  system.  The  value 
l  =  0.7  is  often  referred  to  as 
the  optimum  damping  ratio  since  it 
gives  a  small  overshoot  and  a  rela¬ 
tively  quick  response. 


Analogous  Second  Order  Linear 
Systems : 

1.  Mechanical  system:  The  second 
order  equation  we  have  been 
working  with  represents  the 
mass-spring-damper  system  of 
figure  5.12  and  has  a  differen¬ 
tial  equation  given  by 


k  x 


where 


f(t) 

(5.77) 


m  =  mass 

c  =  damping  coefficient, 
k  =  spring  constant 


and  we  defined 


2  </SF 


and  thus 
2  (  id  =  - 

n  m 

Equation  (5.77) 
rewritten , 


(5.78a) 

(5.78b) 

may  then  be 


fj(t) 


(5.79) 


where 


fT(t) 


mi 

m 


or 

X*  +  2  +  tun2  X  =  f1(t)  (5.80) 

2.  Electrical  System:  The  second 
order  equation  can  also  be 
applied  to  the  series  LRc 
circuit  shown  in  figure  5.15. 


FIGURE  5.15 


where 

L  =  inductance 
R  =  resistance 
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where 

I  =  inertia 
f  =  friction 


y  =  gain 
9 i  =  input 
0O  =  output 

Rearranging  (5.83)  we  have 


••  f  • 

0  +70 

o  I  o 


+ 


I 


0 

o 


Since 


E(t)  -  Lq  +  Rq  +  J  (5.81) 


We  now  define 


Using  these  parameters, 
equation  (5.81)  can  be 
written 

q  +  2  5^  q*  +  o^2  q  =  Ei(t)  = 

(5.82) 

3.  Servomechanisms:  For  control 
systems  work,  the  second 
order  equation  is 

•  •  • 

10  +  f  0  +  u  0  —  ^  0 ,  /  c  p  t  \ 

o  o  o  i  ( o • oj) 


(5.84a) 

or 

.♦  .  2  y 

0  +  2  l  <»  0  +  os  ^  e  =  -  9 

o  no  no  I  l 

(5.84b) 

where  we  define 


Thus ,  we  see  that  we  can 
generally  write  any  second 
order  differential  equation 
in  the  form. 

x  +  2  5  ®  x  +  “  2  x  =  f(t) 

n  n 

(5.85) 

where  each  term  has  the  same 
qualitative  significance,  but 
different  physical  significance. 

•  B.B  LAPLACE  TRANSFORMS 

We  have  developed  a  technique 
for  solving  linear  differential 
equations  with  constant  coefficients, 
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with  and  without  inputs  or  forcing 
functions.  We  have  admitted  that 
our  method  has  limitations.  It  is 
suited  for  differential  equations 
with  inputs  of  only  certain  forms. 
Further,  the  solution  procedure  re¬ 
quires  that  the  student  stay  con¬ 
stantly  alert  for  special  cases 
that  lequire  careful  handling.  We 
accepted  these  "bookkeeping"  chores 
because  our  solution  procedure  had 
the  remarkable  property  of  changing 
or  "transforming"  a  problem  of  in¬ 
tegration  for  a  problem  in  algebra, 
(i.e.,  solving  a  quadratic  equation 
in  the  case  of  second  order  differ¬ 
ential  equations.)  This  fortuitous 
turn  of  events  was  accomplished  by 
making  an  assumption  involving  the 
number  e,  as  follows: 

Given: 

ax  +  bx  +  cx  =  0  (5.86) 

Assume : 

x  =  eXt  (5.87) 

Substituting : 

a  A  2  e  X  +  bXeAt  +  ce**"  =  0 

(5.88a) 

and 

e  Xt  (a  A2  +  b  A  +  c)  =  0 

(5.88b) 

led  us  to  assert  that  (5.87)  would 
produce  a  solution  if  A  were  a  root 
of  the  characteristic  equation 

2 

aA  +  b  A  +c  =  0 

(5.88c) 


We  then  introduced  an  operator, 
p  =  d/dt  and  noted  a  short  cut 
(bookkeeping  coincidence)  to  writing 


the  characteristic  equation  (5.88c) 
as 

2 

ap  +  bp  +  c  =  0  (5.89) 

which  we  then  solved  for  p  to  give 
solutions  of  the  form 

plt  P2t 

x  -  c^e  +  c^e  (5.90) 

Of  course,  the  great  shortcoming 
of  this  method  was  that  it  did  not 
provide  a  solution  to  an  equation 
of  the  form: 

ax  +  bx  +  cx  =  f(t)  (5.91) 

It  only  worked  for  the  homogeneous 
equation.  Still,  we  were  able  to 
patch  together  a  solution  by  obtain¬ 
ing  a  particular  solution  (using 
still  another  technique)  and  adding 
it  to  the  "transient"  solution  of 
the  homogeneous  equation.  It 
should  be  appreciated  that  the 
method  of  undetermined  coefficients 
also  provided  a  solution  by  alge¬ 
braic  manipulation. 

Suppose  we  were  adventurous 
enough  to  inquire  further.  We  ask, 
"Does  there  exist  a  technique 
which  would  exchange  (transform) 
the  whole  differential  equation, 
including  the  input,  into  an  alge¬ 
bra  problem?"  The  answer  is  a 
qualified  "Yes."  Fortunately,  the 
"Yes"  answer  applies  to  the  types 
of  equations  with  which  we  have 
been  working. 

In  equation  (5.91),  x  is  a 
function  eft.  To  emphasize  this 
we  reqrite  (5.91)  as: 

a’x(t)  +  bx(t)  +  cx(t)  =  f(t)  (5.92) 

Suppose  we  multiply  each  term  of 
(5.9  2)  by  eAt r  giving  us: 

ax(t)e  Xt  +  bx(t)e  Xt  -1-  cx(t)e  Xt 

=  f(t)e  Xt  (5.93) 
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Now,  a  most  remarkable  feature 
begins  to  emerge.  It  so  happens 
that  (5.93)  can  be  integrated  term 
by  term  on  both  sides  of  the  equa¬ 
tion  to  produce  an  algebraic  expres¬ 
sion  in  X.  The  algebraic  expression 
can  then  be  manipulated  to  eventually 
obtain  the  solution  of  (5.93). 

The  preceding  statements  have 
omitted  many  details,  but  express 
the  method  of  solution  we  now  seek 
to  develop.  Our  new  "fudge  factor," 
e^*-,  should  be  distinguished  from 
the  previous  technique  for  solving 
the  homogeneous  equation,  so  we 
shall  replace  the  X  by  the  term, 

-s.  The  reason  for  the  minus  sign 
will  become  apparent  later.  If  we 
are  to  integrate  the  terms  of  (5.93), 
we  shall  need  limits  of  integration. 
In  most  physical  problems  we  are 
interested  in  events  that  take  place 
subsequent  to  a  given  starting  time 
which  we  shall  call  t  =  0.  Since 
we  are  unsure  of  the  duration  of 
significant  events,  we  shall  sum 
up  the  composite  of  effects  from 
time  t  =  0  to  time  t  =  «  (that 
should  cover  the  field) .  So  now 
equation  (5.93)  becomes 

/  °°  CO 

ax’(t)  e  St  dt  +  /  b  x(t)  e  St  dt 

0  ->0 

r°°  r 

+  J  c  x(t)  e  St  dt  =  e 


(5.94) 


Equation  (5.94)  is  called  the  Lap¬ 
lace  Transform  of  equation  (5.92). 

There  is  one  small  problem. 
How  do  we  integrate  these  terms? 

We  now  focus  our  attention  upon 
this  problem. 

Finding  the  Laplace  Transform 

of  a  Differential  Equation: 

We  now  attempt  to  find  the 
integrals  of  the  terms  of  the  dif¬ 
ferential  equation  (5.94).  The 
big  unanswered  question  posed  by 

(5.94)  is,  "What  is  x(t)?"  (i.e., 
x(t)  is  an  unknown.)  Thus, 


c(t)  e”St  dt  =  L 


{„<o} 


=  X(s) 

(5.95) 


X(s)  must,  for  the  present,  remain 
an  unknown^.  (Remember  that  X  was 
carried  along  as  an  unknown  until 
the  characteristic  equation  evolved, 
at  which  time  we  solved  for  X  ex¬ 
plicitly.)  Since  (5.95)  transforms 
x(t)  into  a  function  of  the  vari¬ 
able,  s,  we  shall  say: 


c  x(t)  e 


■*— r* 


)  e'St  dt  =  c  X(s) 


(5.96) 


and  be  content  to  carry  along  X(s) 
until  such  time  that  we  can  solve 
for  it. 

Now  consider  the  second  term, 
b  x(t).  We  want  to  find: 


r  . 

I  b  x 

J  0 


(t)  e‘St  dt  =  b 


-st 

/  x(t)  e 

Jo 


(5.97) 


To  solve  (5.97)  we  call  upon 
a  useful  tool  known  as  integration 
by  parts. 

Recall : 


d(uv) 

= 

udv  + 

vdu 

udv 

= 

d(uv) 

vdu 

udv 

= 

J d(uv)  - 

j' vdu 

udv 

- 

UV  -  J 

fvdu 

and  if  the  integration  is  over 
limits , 


]b-  / 

Ja  J  a 


(5.98) 
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Applying  this  tool  to  equation 
(5.97)  we  let 


and 


then 


and 


Equations  (5.96)  and  (5.101)  can 
be  abbreviated  by  using  the  letter 
L  to  signify  Laplace  Transformations. 


L 

(  x(t)  } 

=  X(s) 

dv  =  x(t)dt 

L 

{  cx(t)  } 

=  cX(s)  (5.102a) 

,  -st,k 

du  =  -se  dt 

L 

{  x(t)  } 

=  sX(s)  -  x(0) 

v  =  x ( t) 

L 

{  bx(t)  } 

=  b  £sX(s)  -  x(0)J 

(5.102b) 

Putting  these  values  into  (5.98) 
and  integrating  from  t  =  0  to 
t  =  », 


oo 

o*'(t)e 


Stdt  =  x(t)e 


-st 


Equation  (5.102b)  can  be  extended 
to  higher  order  derivatives.  Such 
an  extension  gives 


L  {  ax(t)  } 


a  ^  s^X(s)  -  sx(0) 

-  x(0)  j  (5.103) 


=  x(t)e  St] °  +  s j 

r  oo 

X (t)e  Stdt 
'  0 

=  x(t)e'St]0  + 

sX(s) 

(5.99) 

Now, 


1“'- 

x(t)e  StJ  =  lim  x(t)e  St  -  x(0) 

0  t  -*•  * 

(5.100) 


Returning  to  equation  (5.94), 
we  note  that  we  have  found  the 
Laplace  Transforms  of  all  the  terms 
excepting  the  forcing  function.  To 
solve  this  transform,  the  forcing 
function  must  be  specified.  We 
shall  consider  a  few  typical  input 
functions  and  illustrate , by  example, 
the  technique  for  finding  the 
Laplace  Transform. 

EXAMPLE: 

Let 


and  we  shall  assume  that  the  term 
e-st  "dominates"  the  term  x(t)  as 
t -*•«>.  Thus,  lim  x(t)e_st  =  0,  and 
t  -►  0° 

equation  (5.99)  becomes 


JqX( t)e  stdt  =  ,0  -  x(0)  +  sX(s) 


=  -  (s)  -  x(0) 


(5.101) 


f(t)  =  A  ,  where  A  =  constant 


Then 


L  (  A  } 


r  -st 

,  A?. 

JO 


dt 


-s 


C  00 

0e'St(-sdt) 


A 

s 


[ 


00 


0 


1.14 


321 


Then 


L  {A}  =  - 

s 


(5.104) 


EXAMPLE : 


2t  -st 
e  e  dt 


e(2‘s)tdt 


f(t)  =  t 


1 

s  -  2 


Then 


L  {t} 


te  Stdt 


{°2t}  ■ 


7  (5.106) 


To  integrate  by  parts,  we  let 


u  =  t 


EXAMPLE : 


,  -st,. 

dv  =  e  dt 


f(t)  -  sin  t 


du  =  dt 


1  -st 

v  =  -  “  e 


Substituting  into  (5.98) 


.  -st,k  -te 

te  dt  =  - 

)  s 


T  00  /-™ 

-st  i  r- 

+  I  _e 

J0  s  Jo 


=  0  + 


Then 


L  { sin  t } 


r 

sin  t 

Jo 


-st  , 
e  dt 


Integrate  by  parts,  letting 


u  =  sin  t 


A  "St  , 

dv  =  e  dt 


Then 


du  =  cos  t  dt 


1  -st 
—  e 
s 


L  {  t  } 


EXAMPLE : 


f(t)  =  e 


(5.105) 


Substituting  into  (5.98) 


.  -st, 

sin  t  e  dt  = 


[sin  t)(e 


+  “■  f  COS  t  e  Stdt 

s  Jo 
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sin  t  e  Stdt  =  0  + 


1  r 

s  Jo 


-st 

cos  t  e  dt 


(5.107) 


The  expression  cos  t  e“stdt  can 
also  be  integrated  by  parts, 
letting 


u  =  cos  t 


,  -st.. 

dv  =  e  dt 


du  =  -sin  t  dt 


1  -st 
v  =  -  —  e 

s 


The  Laplace  Transforms  of 
more  complicated  functions  may  be 
quite  tedious  to  derive,  but  the 
procedure  is  similar  to  that  above. 
Fortunately,  it  is  not  necessary 
to  derive  Laplace  Transforms  each 
time  we  use  them.  Extensive  tables 
of  Transforms  exist  in  most  advanced 
mathematics  and  control  system  text¬ 
books  . 

We  originally  asserted  that 
the  Laplace  Transform  was  going  to 
assist  in  the  solution  of  a  differ¬ 
ential  equation.  The  technique 
is  best  described  by  an  example. 

EXAMPLE : 

Given 

»  2t 

x  +  4x  +  4x  =  4e 


giving 


-st , 

cos  t  e  dt 


(cos  tj(e 


■i/n 


“  S  t 

sin  t  e  dt 


with  conditions  x(0)  =  1,  x(0)  =  -4. 
Taking  the  Laplace  Transform  of  the 
equation  gives: 


s2X(s)  -  sx(0)  -  x(0)  +  4  [  sX(s) 

-  ,(»)]  ♦  wo  -  £ 


-st ,  1  1  T  ,  . 

cos  te  dt  =  —  -  —  L  {  sin  t } 

^  s  s  1  J 

(5.108) 


Substituting  (5.108)  into  (5.107) 
gives 


L  {  sin  t }  =  0  + 


-  -  -  -  L  f  sin  t) 

s  s  s 


*2  -  \  L  {Sin  t} 

-  s 


which  can  be  manipulated  to  give 


L  {  sin  t } 


s  +  1  (5.109) 


^s2  +  4s  +  4  j  X(s)  +  £  -s  + 

-  »]  . 


Solving  for  X (s) , 


X(s)  = 


s  -  2s  +  4 
(s  +  2)2  (s  -  2) 


(5.110) 


In  order  to  continue  with  our 
solution,  it  is  necessary  that  we 
discuss  partial  fraction  expansion. 

Partial  Fractions: 

The  method  of  partial  frac¬ 
tions  enables  us  to  separate  a 
complicated  rational  fraction  into 
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a  sum  of  simpler  fractions.  Sup¬ 
pose  we  are  given  a  fraction  of 
two  polynomials  in  a  variable,  s. 
Suppose  the  fraction  is  proper 
(the  degree  of  the  numerator  is 
less  than  the  degree  of  the  denomi¬ 
nator)  .  If  it  is  not  proper  we 
make  it  proper  by  dividing  the 
fraction  and  then  consider  the  re¬ 
mainder  expression.  There  occur 
several  cases: 


Case  1:  Distinct  Linear  Factors: 
To  each  linear  factor 
such  as  (as  +  b) ,  occur¬ 
ring  once  in  the  denomi¬ 
nator,  there  corresponds 
a  single  partial  fraction 
of  the  form,  A/ (as  +  b)  , 
where  A  is  a  constant 
to  be  determined. 


Eg: 


7s  -  4 

s (s  -  1 ) (s  +  2) 


+ 


C 

s  +  2 

(5.111) 


Case  2:  Repeated  Linear  Factors: 

To  each  linear  factor, 
(as  +  b) ,  occurring  n 
times  in  the  denominator 
there  corresponds  a  set 
of  n  partial  fractions. 

s2  -  9s  +  17  _  _ A _  B 

(s  -  2)2(s  +1)  (s  +  ^  (s  '  2) 


(5.112) 

(where  A,  B  and  C  are 
constants  to  be  deter¬ 
mined) 


form,  (As  +  B)/(as2  +  bs 
+  c) ,  where  A  and  B  are 
constants  to  be  deter¬ 
mined. 

2 

3s  +  5s  +  8  _  A  Bs  +  C 

(s  +  2)(s2  +  1)  5+2  s2  +  1 

(5.113) 


Case  4:  Repeated  Quadratic 

Factors:  To  each  irre¬ 

ducible  quadratic  factor, 
as2  +  bs  +  c ,  occurring 
n  times  in  the  denomi¬ 
nator,  there  corresponds 
a  set  of  n  partial  frac¬ 
tions  . 

2 

_  10  s  +  s  +  36  A  Bs  +  C 

Ea: - : r | - TT  -  —  +  — * - 

(s  -  4)  (sZ  +  4 j  S"4  s  +  4 

Es  +  F 


(5.114) 

(where  A,  B,  C,  E,  F  are 
constants  to  be  deter¬ 
mined) 

The  solution  technique  for 
finding  the  constants  will  be  illus¬ 
trated  by  solving  (5.114).  Start 
by  finding  the  common  denominator 
on  the  right  side  of  (5.114). 

10  ,  2».t36  _  A(.2^4)2.(Bi+C)(«-4)(i2-MMc.  +  F)  (.-4) 

( *  «4)  ( *2+  4) 2  (»-4)(»2+4)2 

(5.114a) 

Then 

r,  9  9 

10  s"  +  s  +  36  =  A(s  +4)  +  (Bs  +  C)  . 

•  (s2  +  4)(s  -  4) 


Case  3:  Distinct  Quadratic 

Factors  :  To  each  irre¬ 
ducible  quadratic  fac¬ 
tor,  as ^  +  bs  +  c, 
occurring  once  in  the 
denominator,  there 
corresponds  a  single 
partial  fraction  of  the 


+  (Es  +  F)(s  -  4) 

(5.115) 

and  without  justifying  the  state¬ 
ment  we  shall  assert  that  (5.115) 
must  hold  for  all  values  of  s. 
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a.  Suppose  s  =  4,  then  (5.115) 
becomes 

(10) (16)  +  4  +  36  =  400A 

and 

A  =  1/2 

b.  Suppose  s  =  2  j  ,  then  (5.115) 
becomes 

-40  +  2j  +  36  =  -4E  +  2iF  -  8jE  -  4F 

-4  +  2j  =  -4(E  +  F)  +  2j  (F  -  4E) 

The  real  and  imaginary  parts  must 
be  equal  to  their  counterparts  on 
the  opposite  side  of  the  equal  sign, 
thus , 

(E  +  F)  =1 

and 

F  -  4E  =  1 


d.  Let  s  =  1,  (5.115)  becomes 

47  =  25  (j)  +  (B  -  2) ( —15)  -  3 

94  =  25  -  30B  +  60  -  6  , 
or 

B  =  -1/2 


Then  (5.114a)  may  be  written: 


10  s  +  s  +  36 

1 

1  -1 

I 

s  +  4  1 

(s  -  4)(s2  +  4)2 

=  2 

s  -  4J 

2 

s2  +  4 1 

+  2*2  (5.116) 

(s  +  4) 


Let's  continue  with  our 
attempt  to  solve  the  differential 
equation 

» •  •  2t 

x  4  4x  +  4x  =  4e 


We  have  Transformed  the  equation 
(and  substituted  initial  conditions) 
to  get 


and 

F  =  1 

c.  Now  let  s  =  0,  then  (5.115) 
becomes 


X(s) 


s2  -  2s  +  4 
(s  -  2) (s  +  2)2 

(5.110) 


We  now  expand  by  partial  fractions 


36  =  16A  -  16  (-+C)  -  4F 

and  from  above 
A  =  1/2  ,  F  =  1 


2 

s  -  2s  +  4 
(s  -  2) (s  +  2)2 


A  B 

s  -  2  T  s  +  2 


(s  +  2)2  (5.117) 


hence 

36  =  8  -  16C  -  4 

and 

C  =  -2 


Taking  the  common  denominator, 
and  setting  numerators  equal 

s2  -  2s  +  4  =  A(s  +  2)2  +  B(s  +  2). 

*(s  -  2)  +  C(s  -  2) 

(5.118) 
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We  can  now  substitute  different 
values  of  s  into  this  equation 
and  solve  for  the  constants.  An 
alternate  method  of  solving  for 
these  constants  exists,  however, 
and  we  will  demonstrate  this  new 
approach.  If  we  multiply  out  the 
right  side  of  (5.118)  we  get 

2  2 
s  2s  +  4  =  As  +  4As  +  4A 

+  Bs2  -  4B  +  Cs 
-  2C 


2 

=  (A  +  B)s  +  (4A  +  C)s 

+  (4A  -  4B  -  2 C) 


Now,  the  coefficients  of  like  powers 
of  s  on  both  sides  of  the  equation 
must  be  equal  (i.e.,  the  coefficient 
of  s^  on  the  left  side  equals  the 
coefficient  of  s^  on  the  right  side, 
etc.)  Equating  gives 

s2  :  I  =  A  +  B 

s1  :  -2  =  4A  H  C 

s°  ;  4  =  4A  -  4B  -  2C 

Solving,  we  get 

A  =  1/4  / 

B  =  3/4 

C  =  -3 


Substituting  into 


X(s) 


(5.117 


2 


,  we  get 
1 

s  +  2 

(5.119) 


X(s)  back  to  a  function  of  time  is 
called  the  inverse  Laplace  trans¬ 
formation  . 


L  1  { X(s) }  =  x(t) 

(5.120) 


The  inverse  Laplace  transformation 
can  be  solved  directly 


x(t) 


1 

2itj 


X(s)e“1:uc 

(5.121) 


(where  C  is  an  arbitrary  constant) 

This  integral  (5.121)  is  hardly 
ever  used  because  the  Laplace  Trans¬ 
form  is  unique  and  therefore  gen¬ 
erally  X(s)  can  be  recognized  as 
the  Laplace  Transform  of  some  known 
x(t).  In  practice,  tables  of  trans¬ 
form  pairs  as  found  in  most  mathe¬ 
matics  texts  will  suffice  to  find 
the  inverse  of  X(s). 

Using  a  suitable  transform 
table,  the  inverse  of  (5.119)  can 
easily  be  found  to  give  us  a  solu¬ 
tion 


x(t) 


1  2t 
7  e 


+ 


3 

4 


-2t 

e 


3te 


-2t 


(5.122) 


Properties  of  Laplace  Trans- 
forms : 


The  Laplace  transform  of  some 
f(t),  a  function  of  time,  is  de¬ 
fined  as 


L  (f(t)}  =  F(s) 


*  i 

-  n 


f(t)e  Stdt 


(5.123) 


In  order  to  complete  our  where 

solution,  we  must  convert  (transform) 
back  into  the  time  domain.  The  op¬ 
eration  which  converts  a  function  s  =  v  +  j“  (a  complex  number) 
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This  transform  is  defined  only 
when  ^ 

1.  f(t)  is  piecewise  continuous 

2.  The  integral  (5.123)  converges 

3*  t  L  0 

The  strength  of  the  Laplace 
Transform  is  that  it  converts 
linear  differential  equations  with 
constant  coefficients  into  algebraic 
equations  in  the  s-domain.  Alge¬ 
braic  manipulation  of  the  result¬ 
ing  equation  will  produce  an  ex¬ 
plicit  solution  for  the  variables 
in  the  s-domain.  All  that  remains 
to  do  is  to  take  the  inverse  trans¬ 
form  of  the  explicit  solutions  to 
return  to  the  time  domain. 

There  are  several  important 
properties  of  the  Laplace  Transform 
which  should  be  included  in  this 
discussion. 


In  the  general  case; 


;///■•• 

if 


f(t)dt 


"1=^  + 


J  t  =  0+ 


n  n 

s  s 


f(t)dt 


J  t  =  0+ 


(5.126) 


+  ... 


n-1 


Equation  (5.126)  allows  us  to  trans¬ 
form  Integro-dif f erential  equations 
such  as  those  arising  in  electrical 
engineering . 

A  third  useful  property  of 
the  Laplace  transform  arises  if  we 
consider  the  Laplace  Transform  of 
the  product  of  some  exponential  and 
any  other  function  of  time. 


In  the  general  case  it  can  be 
shown  that 


L 


dtn 


s"  F(s) 


+  . . .  + 


n-1  . .  .  n-2  df(o) 

s  f(o)  +  s 


d-"."1  fjo) 


dt 


n-1 


(5.124) 

It  is  obvious  that  for  quies¬ 
cent  systems  (i.e.,  initial  con¬ 
ditions  zero) 


s"  F(s) 


(5.125) 


This  result  enables  us  to 
write  down  transfer  functions  by 
inspection . 


L  |  e'at  f(t)} 


(5.127) 


It  is  apparent  that  this  is 
the  same  form  as  the  transform  of 
f(t),  except  that  the  transformed 
independent  variable  is  (s  +  a)  rather 
than  s.  We  conclude  therefore  that 


L 


J  (s 


s  +  a) 


=  F(s  +  a)  (5.128) 


Another  significant  transform 
is  that  of  an  indefinite  integral. 


See  (or  example,  C.  R.  Wylie,  Chapter  7. 


It  is  important  to  note  at 
this  point,  that  the  transform  of 
the  product  of  two  functions  of  time 
is  not  equal  to  the  product  of  the 
individual  transforms.  In  symbol ’ c 
form, 
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Thus 


) 


) 


L  { f(t)  g(t)}  F(s)  G(s)  (5.129) 

The  L  { f ( t )  g(t)}  can  be 
solved  for  directly  by  the  definition 
of  the  Laplace  Transform. 

The  last  property  we  will  con¬ 
sider  is  the  Laplace  transform  of 
a  pure  time  delay.  A  pure  time  de¬ 
lay  of  the  function  f(t)  can  be 
represented  mathematically  as 


f(t  -  a)  u(t  -  a)  (5.130) 


where  a  is  the  length  of  delay  and 
u(t  -  a)  is  the  unit  step  defined 
as 

1  ,  (t  -  a)  >  0 

u(t  -  a)  = 

0  ,  (t  -  a)  <  0 

For  such  a  time  delay 

L  {  f(t  -  a)  u(t  -  a)}  =  e'aS  L  { f< t) > 

(5.131) 

We  shall  now  demonstrate  the 
usefulness  ;f  the  Laplace  Transform 
by  solving  several  example  problems. 

EXAMPLE : 

Solve  the  given  equation  for 

x(0  , 

x  +  2x  =  1  (5.132) 

when  x(o)  =  1. 

By  Laplace 

=  sX(s)  -  x(o) 

2X(s) 

1 


L  {  x  } 

L  {  2x  } 

L  {  1  } 


(s  +  2)  X(s)  =  +  x(o) 

W.N  =  1  +  S*.£o). 

X(s;  s(s  +  2) 


=  *  +  -a- 

s  s  +  2 


Solving, 


A  =  1/2 

and 

B  =  x (o )  -  1/2 


X(s) 


111  ,  x(o).,„-  Ijl 

s  s  +  2 


Inverse  transforming  gives 
x(t)  =  1/2  +  [  x(o)  -  1/2  j  e"2t 

(5.132a) 

The  initial  condition,  x(o),  was 
purposely  carried  along  to  show 
that  the  Laplace  technique  will 
yield  the  general  solution  of  the 
differential  equation  with  arbitrary 
constants.  We  could  have  substi¬ 
tuted  the  value  for  x(o)  when  we 
transformed  x.  Substituting  our 
initial  condition  in  (5.132a)  gives 

x ( t )  =  1/2  +  1/2  e"2t  (5.132b) 


EXAMPLE : 
Given 


x  +  2x  =  sin  t  ,  x(o)  =  5 

(5.133) 


solve  for  x (t)  . 
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Taking  the  transform  of  (5.133) 


Taking  the  transform  of  (5.136) 


sX(s)  -  x(o)  +  2x(s) 


s2  +  1 


X(s)  = 


(s  +  l)(s  +  2) 


s  +  2 


(5.134) 


Expanding  the  first  term  on  the 
right  side  of  the  equation  gives 


(s'  +  l)(s  +  2) 


As  +  3 
s2  +  1 


s  X(s)  -  sx(o)  -  x(o)  +  5sX(3) 

-  5x(o)  +  6X(s)  =  ' 


3 

s  +  3 


X(s)  = 


s  +  9s  +  21 


(s  +  3)  fs  +  5s  +  6) 


Factoring  the  denominator, 

_  s2  +  9s  +  21 _  . 

X(s)  =  (s  +  3)(s  +  2)(s  +  3)  (5 . 137a) 


Taking  the  common  denominator,  and 
equating  numerators  gives 


s  +  9s  +  21 
(s  +  3)2(s  +  2) 


(5.137b) 


1  =  (As  +  B)  (s  +  2)  +  C(s  +  1) 


Substituting  values  of  s  leads  to 
A  =  -1/5 
B  =  2/5 


C  =  1/5 


s  +  3 


(s  +  3) 


s  +  2 

(5.137c) 


Finding  the  common  denominator 
of  (5.137c),  and  setting  the  re¬ 
sultant  numerator  equal  to  the 
numerator  of  (5.137b) 


and  substituting  back  into  (5.134) 
gives 


x(s)=^  +  +  _l_ 

Inverse  transforming  gives  our 
solution 


12  1  -2t 

x(t)  =  cos  t  +  ~  sin  t  +  5  ~  e 

(5.135) 


EXAMPLE: 


s  +  9s  +  21  =  A(s  +  3) (s  +  2) 

+  B(s  +  2)  +  C(s  +  3)' 
which  can  be  solved  easily  for 


A  =  -6 


B  =  -3 


C  =  7 


Now  X(s)  is  given  by 


x<s)  -  rb 


Given 


(s  +  3)' 


x  +  5x  +  6x  =  3e  ,  x(o)  = 


(5.136) 


which  can  be  transformed  to 


x(t)  =  -6e  -  3te  +  7e 


solve  for  x (t) . 


(5.138) 
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EXAMPLE: 


Transfer  Function: 


Given 


x  +  2x  +  lOx 


x(o)  =  3 


3t  +  ^  (5.139) 


Before  beginning  simultaneous 
differential  equations,  we  shall 
define  the  transfer  function  of  a 
system.  Consider  the  following 
equation  with  initial  conditions 
as  shown. 


*,  x  27 

*(°>  -  -  ^ 

solve  for  x(t) 

Transforming  (5.139)  and  solving 
for  X(s)  gives 


X(s)  = 


3s3  +  3.3s2  +  0.6s  +  3 
s2(s2  +  2s  +  10) 


ax  +  bx  +  cx  =  f(t) 


x(o)  =  x(o) 


(5.143) 


If  we  take  the  Laplace  Transform  of 
(5.143),  we  get 

as2X(s)  +  bsX(s)  +  oX(s)  =  F(s) 

(5.244) 


A  B_  Cs  +  D 

s'  +  ?  +  ? 

s  s  +  2s  +  10 


where 


A  =  0 


B  =  0.3 


C  =  3 


as  +  bs  +  c 


(5.145) 


Since  equation  (5.143)  represents 
a  system  whose  input  is  f(t)  and 
whose  output  is  x(t),  we  shall  de¬ 
fine 

X(s)  _  output  transform 


D  =  3 


Thus , 


X(s)  =  +  2™ S  +  3 -  (5.140) 

s  s  +  2s  +  10 


F(s)  £  input  transform 

We  can  then  define  the  transfer 
function  of  the  system,  TF,  as 


.\  SM 


(5.146) 


In  order  to  make  our  inverse  trans¬ 
forming  a  bit  easier,  let’s  rewrite 
(5.140)  as 

*(»)  ■  H  *  5  ^  1 

s  l  (s  +  1)  +  3  J 


(5.141) 


which  is  readily  transformable  to 


x(t)  =  0.3t  +  3e  cos  3t  (5.142) 


For  our  example, 


as  +  bs  +  c 


(5.147) 


Note  that  the  denominator  of  the 
transfer  function  is  algebraically 
the  same  as  the  characteristic  equa¬ 
tion  of  (5.143).  We  have  already 
seen  in  the  section  on  Operator 
Notation  that  the  characteristic 
equation  completely  defines  the 
transient  solution,  and  that  the 
total  solution  is  only  altered  by 
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FIGURE  5.16 


the  effect,  of  the  particular  solu¬ 
tion  due  to  the  input  (or  forcing 
function).  Thus,  from  a  physical 
standpoint,  the  transfer  function 
completely  characterizes  a  linear 
system. 


F(») 


TFi 

X(») 


SYSTEM  1 


The  transfer  function  has 
several  properties  which  we  wish 
to  exploit.  Suppose  tha^  we  have 
two  systems  characterized  by  the 
differential  equations 


X(»> 


tf2 

Y(») 


SYSTEM  2 


ax  +  b*  +  cx  =  f(t)  (5.148) 

and 

dy  +  ey  +  gy  =  x(t)  (5.149) 

From  the  equations  it  can  be  seen 
that  the  first  system  has  an  input 
f(t),  and  an  output  x(t).  The 
second  system  has  an  input  x(t), 
and  an  output  y(t).  If  we  take 
the  Laplace  Transforms  of  (5.148) 
and  (5.149)  we  get  (assuming  all 
initial  conditions  are  equal  to 
zero) 

(as2  +  bs  +  c)  X(s)  =  F(s)  (5.150) 
and 


Suppose  that  we  now  wish  to 
find  the  output,  y(t),  of  system 
2  •’ue  to  the  input,  f(t),  of  sys¬ 
tem  1.  Our  first  inspiration  might 
tell  us  that  the  logical  thing  to 
do  is  to  find  x(t),  but  this  is  not 
necessary.  We  can  "link"  the  two 
systems  using  the  transfer  func¬ 
tions,  as  shown  in  figure  5.17. 

FIGURE  5.17 


F(s) 


Y(») 


+  es  +  g)  Y(s ) 


X(s)  (5.151) 


TF3  =  (TFi)(TF2) 


Finding  the  transfer  functions, 


TF 


1 


Mil 

F(s) 


_ 1 _ 

2 

as  +  bs  +  c 

(5.152) 


TF 


2 


XLlL 

X(s) 


ds  +  es  +  g 


(5.153) 


Now,  both  of  these  systems  can 
be  represented  schematically  as 
shown  in  figure  5.16. 


The  solution  we 
is  then  given  by  the 
fcrm  of  Y (s) ,  or 

seek,  y (t) , 
inverse  trans- 

Y(s)  =  [tf3]  F(s) 

(5.154a) 

or 

Y(s)  =  [TFl]  t^F2  ] 

F(s) 

(5.154b) 

This  method  of  solution  can 
be  logically  extended  to  include 
any  number  of  systems  we  desire. 

•  B.S  SIMULTANEOUS  UNBAR 
DIFFERENTIAL  EQUATIONS 

In  many  physical  problems, 
the  mathematical  description  of 
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the  system  can  most  conveniently 
be  written  as  simultaneous  differ¬ 
ential  equations  with  constant 
coefficients.  The  basic  procedure 
for  solving  a  system  of  n  ordinary 
differential  equations  in  n  depen¬ 
dent  variables  consists  in  obtaining 
a  set  of  equations  from  which  all 
but  one  of  the  dependent  variables, 
say  x,  can  be  eliminated.  The  equa¬ 
tion  resulting  from  the  elimination 
is  then  solved  for  the  variable  x. 
Each  of  the  other  dependent  vari¬ 
ables  is  then  obtained  in  a  similar 
manner. 


and  may  be  readily  solved.  Thus, 


x ( t )  =  Cj  cos  t  +  c2  sin  t  -  r  eC 

(5.159) 

To  find  y,  the  easiest  solution 
is  obtained  from  equation  (5.156). 
Substituting  the  value  of  x(t) 
obtained  in  (5.159)  into  equation 
(5.156)  yields 


y(t)  =  (c  i  "  ^2  ^  sin  t  +  2fit 


(3ci  +  c2  )  cos  t 


(5.160) 


We  shall  consider  three  basic 
procedures  for  solution  of  simul¬ 
taneous  linear  differential  equa¬ 
tions,  and  then  demonstrate  how 
a  solution  is  effected  using  Laplace 
Transforms . 


1.  Simultaneous  solution  of  the 
basic  differential  equation: 
Basically,  this  method  con¬ 
sists  of  eliminating  one  of 
the  dependent  variables  by 
substitution  into  the  other 
equation. 

Consider  the  system 

-  4x  -  y  =  eC  (5.155) 

at  at 


—  +  3x  +  y  =  0  (5.156) 


The  above  equation  lends 
itself  nicely  to  this  method  of 
solution.  It  is  unusual,  however, 
to  have  all  the  constants  imme¬ 
diately  determined.  Usually  the 
solutions  must  be  substituted  into 
the  basic  differential  equations, 
and  the  resulting  system  must  be 
solved  simultaneously  for  the  cor¬ 
rect  determination  of  the  constants 
of  integration.  The  number  of 
arbitrary  constants  is  determined 
by  the  order  of  the  system.  This 
system  is  second  order,  since  the 
single  combined  equation  is  of 
second  order. 


2.  Simultaneous  solution  using 
operator  notation:  Again 
we  consider  equations  (5.155) 
and  (5.156).  Using  operator 
notation,  they  become 


Taking 

yields 


d/dt  of  equation 


0 


(5.156) 


(5.157) 


2 (p  "  2)x  +  (p  -  l)y  =  efc  (5.161) 

(p  +  3)x  +  y  =  0  (5.162) 


Now,  multiply  (5.155)  by  -1,  (5.156) 
by  -1,  and  (5.157)  by  1,  and  add 
to  obtain 

2 

cTx  ^  t 

,2  +  x  =  'e  (5.158) 

Clt 

Tnis  latter  differential  equation 
is  free  of  y  and  its  derivatives 


We  attempt  to  eliminate  one  of  the 
variable  by  "operating"  on  these 
equations.  Multiplying  (5.162) 
by  (p  -  1)  gives 


(P  -  1)(P  +  3)x  +  (p  -  l)y  =  0 

(5.163) 
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Subtracting  (5.161)  from  (5.163) 
yields 

[(p  -  l)(p  +3)  -  2(p  -  2)  ]  x  =  -et 

(5.164) 


Subtracting  (5.170)  from  (5.169) 
yields 

(  P^  -  P2P3  )x  =  P4  f1(t)  -  P2  f2(t) 

(5.171) 


or 

,  2  t 

(  P  +  !)x  =  -e  (5.165) 


We  can  note,  however,  that  the 
operational  coefficient  of  x  in 
equation  (5.171)  is  merely  the  ex 
panded  form  of  the  determinant 


The  general  solution  cf  this  system 
is  obtained  as  shown  in  the  pre¬ 
vious  method. 


-  PiP4  "  P3P2  (5.172) 


3.  Solution  by  means  of  deter¬ 
minants:  Recall  that  for 

a  determinant  of  second  order 
the  value  of  the  determinant 
is  given  by 


Furthermore,  the  right  side  of 
(5.171)  car.  be  interpreted  as  the 
expanded  form  cf 


a 

b 

P2 

c 

d 

=  ad  -  cb 

(5.166) 

f2(t) 

P4 

Suppose  that  we  rewrite  equations 
(5.161)  and  (5.162)  in  the  following 
form 


P3  x  + 

P2y  = 

fx(t) 

(5.167) 

P3  x  + 

p4y  - 

f2(t) 

(5.168) 

where  the 

P  '  s  denote  the 

po.l 

ynomial 

operators 

which 

act  on  x 

and 

y .  If 

we  treat 

(5.167) 

and  (5. 

168) 

as 

algebraic  equations,  we  can  multiply 
(5.167)  by  P4  to  get 


P1P4  x  +  P2P4  y  =  P4  fl(t)  (5.169) 


We  can  also  multiply  (5.168)  by  P2 
to  get 

P2P3  x  +  P2P4  y  =  P2  f2(t)  (5.170) 


provided  we  keep  in  mind  that  the 
operator  polynomials  must  operate 
on  the  forcing  functions  (i.e., 
we  must  remember  that  this  deter- 
minent  gives  an  expanded  form  of 

\ 

=  p4  fx(t)  -  P2  f2(t) 


and  not 


fx(t) 


f2(t) 


as  might  be  construed) . 

Thus,  our  solution  for  x  can 
be  given  by 


P1 

P2 

fL(t) 

CM 

a. 

X  - 

P3 

P4 

t2(t) 

P4l 

(5.173) 
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and  our  solution  for  y  can  be 
expressed  as 


P1  P2 

pi  fi<c> 

y 

P3  P4 

p3  f2(t) 

(5.174) 

To  solva  the  system  given  by 
equations  (5.161)  and  (5.162),  we 
write  these  equations  in  determinant 
form 


2(p  -  2)  (p  -  1) 

t 

e 

(P  -  1) 

X  = 

(p  +  3)  1 

0 

1 

(5.175) 


which  is  expanded  to 

(  P2  +  1)  x  =  -e*  (5.176) 


giving  a  solution 
x(t)  =  cos  c  +  c2  sln  c 

Solving  for  y, 


1/2  eC 
(5.177) 


2(P  -  2) 
(P  +  3) 


(P  -  1) 
1 


y 


2(p  -  2)  e* 
(P  +  3)  0 
(5.178) 


which  can  be  expanded  to 

(p2  +  l)y  =  4eC  (5.179) 

giving  a  solution 

y(t)  =  cos  t  +  c^  sin  t  +  2eC 

(5.180) 

We  know  by  examining  (5.177)  and 
(5.180)  that  extraneous  constants 


are  present,  and  to  eliminate  them 
we  substitute  back  into  equation 
(5.156)  and  see  that 

(c2  +  3cx  +  c3)  cos  t  +  (3c2  -  cl  +  c4). 

•sin  t  =  0  (5.181) 

Since  (5.181)  must  hold  for  all 
values  of  t,  the  terms  in  paren¬ 
thesis  must  vanish,  giving 


=  -(3c1  +  c2) 


and 


c 


4 


3c 


2 


When  these  values  are  substituted 
in  (5.180),  we  obtain  the  general 
solution  found  in  the  previous 
methods . 


4.  Solution  by  means  of  Laplace 
Transforms:  A  very  effective 
means  of  handling  simultaneous 
linear  differential  equation 
is  to  take  the  Laplace  Trans¬ 
form  of  the  set  of  equations 
and  reduce  the  problem  to  a 
set  of  algebraic  equations 
which  ran  then  be  solved  ex¬ 
plicitly  for  the  dependent 
variable  in  s.  This  method 
is  demonstrated  below. 

Given  the  set  of  equations 

3  +  x  +  ^  +  3y  =  f(t) 

dt  dt 

(5.182) 


+  2y  -  g(t) 
(5.183) 


where  x(0)  =  x(0)  =  y(0)  =  y(0) 

=  0,  find  x(t)  and  y(t).  Taking 


d2x 


dt 


A 

dt2 


5.4T 
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the  Laplace  Transform  of  this  sys¬ 
tem  yields 

(3s2  +  1)  X  (s)  +  (s2  +  3)  Y  (s)  =  F(s) 

(5.184) 

(2s2  +  1)  X  (s)  +  (s2  +  2)  Y  (s)  =  G  (s) 

(5.185) 

From  the  previous  section,  we  can 
solve  for  X(s)  by  rewriting  these 
equations  in  determinant  form. 


(3s2  +  1)  (32  +  3) 

F(s)  (s2  +  3) 

(2s2  +  1)  (s2  +  2) 

X(s)  = 

G(s)  (s2  +  2) 

(5.106) 

Since  we  are  using  Laplace  Trans¬ 
forms  instead  of  operators,  however, 
we  can  take  this  equation  one  step 
further.  We  can  now  solve  expiicitv 
for  X(s),  giving  us 


F(s) 

(s2  +  3) 

G(s) 

(s2  +  2) 

(3s2  +  1) 

(s2  +  3) 

(2s2  +  1) 

(s2  +  2) 

(5.187) 


In  a  similar  manner, 
| (3s2  +  1) 


(2s  +  1) 


Os'  +  1) 


(2s  +  1) 


(s  +  3) 

(s2  +  2) 

(5.188) 


For  the  particular  inputs  f(t) 
and  g (t)  =  1, 

^  (s2  +  3>| 


X(s)  = 


i  ^)1 

(s4  -  1) 


3  2 

_  ~s  +  s  -  3s  +  2 
s2(s4  -  1) 


(5.189) 

Expanded  as  a  partial  fraction 

X(s)  =  ^  +  B_+  Cs_JJL_  + - E 

s  S  (s2  +1)  <s  -  1) 

+  - I -  =  r_s_3  +  S2  -  3s  +  2 

(s  +1)  2,  4 

s  (s  -  1) 

(5.190) 

Solving  for  A,  B,  etc.,  we  have 


X(s)  =  +  2  +  2  ~  5 

z  s  — 

s  2 

s  +  1 

1 

-  4 

s  -  1 


7 

4 

s  +  1 


(5.191) 


which  yields  a  solution 
x(t)  =  -2t  +  3  -  7  e‘t  -  -  et 


+  2  sin  t  -  cos  t  (5.192) 


A  similar  approach  will  obtain 
the  solution  for  y(t). 


In  the  case  of  three  simul¬ 
taneous  differential  equations, 
the  application  of  Laplace  will 
yield  the  proper  solutions. 
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P^s)  X(s)  +  P2(s) 
Q1(s)  X(8)  +  Q2(8) 

Rj(8)  X(8)  +  R^S) 

where 


Y(s)  +  P3(s)  Z(s) 
Y(s)  +  Q3(s)  Z(s) 
Y(s)  +  R3(s)  Z(s) 


-  F^s)  (5.193) 

“  F2(s)  (5.194) 

-  F3(s)  (5.195) 


(5.196) 


Y (s)  and  Z(s)  will  have  similar 
forms. 
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•e.1  DYNAMIC  STABILITY 

While  static  stability  is 
concerned  with  the  tendency  of  a 
displaced  body  to  return  to  equilib¬ 
rium,  dynamic  stability  deals  with 
the  resulting  motion  as  a  function 
of  time.  Airplane  dynamics  is  a 
study  of  the  motion  that  results 
when  an  airplane  is  disturbed  from 
steady  flight.  The  initial  ten¬ 
dency  of  an  airplane  to  return  to 
equilibrium  after  a  disturbance  is 
its  inherent  static  stability.  In 
any  system,  the  existence  of  static 
stability  does  not  necessarily 
guarantee  the  existence  of  dynamic 
stability.  However,  the  existence 
of  dynamic  stability  implies  the 
existence  of  static  stability.  The 
degree  of  dynamic  stability  is  de¬ 
termined  by  the  character  of  the 
motion  after  the  aircraft  is  dis¬ 
turbed.  If  the  aircraft  motion 
decays  with  time,  the  aircraft  is 
dynamically  stable;  if  the  motion 
increases,  the  aircraft  is  unstable. 
Neutral  stability  results  if  the 
motion  neither  increases  nor  de¬ 
creases  . 


The  early  development  of 
modern  aircraft  was  a  trial  and 
error  routine  with  the  unsuccessful 
designs  dropping  by  the  wayside. 

The  modern  approach  is  to  write  the 
equations  of  motion  for  a  given 
*  design,  solve  the  equations,  and 
then  examine  the  resultant  modes 
of  motion  with  respect  to  the  han¬ 
dling  qualities  desired  for  the 
aircraft's  intended  mission.  By 
selective  adjustment  of  stability 
derivatives,  the  aircraft's  motion 
may  be  modified  until  it  is  satis¬ 
factory.  The  prototype  can  then  be 
constructed . 


CHAPTER 


6 


DYNAMICS 


This  chapter  will  consider 
the  equations  of  motion  for  an  air¬ 
craft  and  will  derive  the  equations 
for  longitudinal  and  lateral-direc¬ 
tional  motions.  Solutions  to  the 
equations  will  be  assumed  and  the 
possible  modes  of  motion  discussed. 

The  effect  that  the  major  stability 
derivatives  have  will  then  be  ex¬ 
amined.  And  finally,  flying  quali¬ 
ties  ,  as  related  to  the  dynamic 
characteristics  observed  by  a  pilot 
in  flight,  will  be  discussed. 

Future  courses  at  the  Aerospace 
Research  Pilot  School  will  discuss 
aircraft  control  systems  and  trans¬ 
fer  functions  in  detail;  however, 
a  look  at  a  simplified  block  dia¬ 
gram  will  aid  in  understanding  dy¬ 
namic  stability. 

Figure  6.1 


This  course  will  study  the 
response  of  the  airframe  as  pre¬ 
dicted  by  the  equations  of  motion. 


•  6.2  EQUATION  OF  MOTION 

The  following  restrictions  to 
the  aircraft  equations  of  motion 
were  made  in  Chapter  I : 
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1.  The  aircraft  is  a  rigid-body  - 
this  allows  aircraft  motion 

to  be  described  completely  by 
translation  of  the  center  of 
gravity  and  by  rotation  about 
this  point.  Aeroelastic 
effects  will  be  considered 
separately. 

2.  Mass  of  the  aircraft  is  con¬ 
stant. 

3.  The  xz  plane  is  a  plane  of 
symmetry . 

The  following  equations  were 
derived  in  Chapter  I : 

Inertial  Forces 

DRAG  ■  m(u  +  qw  -  rv)  (6.1) 

SIDE  p  -  m(v  +  ru  -  pw)  (6.2) 

y 

LIFT  ■  m(w  +  pV  -  qu)  (613) 

Moments 


disturbance  measured  from  the  steady 
state  value.  Thus: 

u  ■  u  +  u 
o 

V  ■  V  +  V 

o 

w  ■  w  +  w 
o 

p  -  P0  +  p 

q  “  q0  +  q 

r  ■  r  +  r 
o 

a  ■  a  +  a 
o 

B  -  B  +  B 
o 

The  zero  subscripts  indicate 
the  steady  flight  conditions  and 
the  bar  represents  the  perturbation. 

Note  that  the  angle  of  attack 
(a)  and  sideslip  angle  (B)  are  func¬ 
tions  of  w  and  v,  respectively. 
Assuming  that  uG  =  V-p, 


ROLL  X  -  plx  +  qr(Iz  -  Iy)  -  (i  +  Pq)Ixz 

(6.4) 


w 

arc tan  — 


w 

u 


o 


PITCH  %  . 

q!y  -  pr(Iz  -  Ix)  +  <P2  -  r2)i 

X  z 

• 

a  ■ 

• 

w 

-  — -  m 

(6.5) 

U 

O 

YAW  771  - 

rIZ  ♦PqUy  -  V  +  <qr  -  P)IXZ 

similarly 

(6.6) 

B  - 

arc tan 

S.9  PER 

u 


o 


The  aircraft  motion  under 
study  will  be  considered  the  result 
of  some  small  disturbance,  or  per¬ 
turbation,  from  some  steady  flight 
condition.  Accordingly,  each  of 
the  linear  velocity  components 
which  describe  the  aircraft's  motion 
at  a  given  instant  can  be  written 
as  the  sum  of  a  steady  flight  con¬ 
dition  and  some  slight  perturbation. 

x  =  x0  +  x  where  xQ  is  the 
steady  state  value  and  x  is  the 


•  6.4  AERODYNAMIC  FORCES 
AND  MOMENTS 

The  external  forces  and  mo¬ 
ments  caused  by  the  aerodynamic 
load  on  the  aircraft  in  flight  in 
terms  of  stability  parameters  are: 


6.2 
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1. 


( 

V  J 


DRAG 


(*) 


~  “  D  +  Da  +  D*a  +  Du+Dq  +  Df  6e 
m  o  a  a  u  q^  6e 


(6.7) 


LIFT 


L  - 

rju”  ■  L  +  La  +  L*a  +  Lu+Lq  +  Lf  6e 
“VT  o  a  a  u  qn  6e 

(6.8) 


SIDE 


5v"  -  Y„  +  v  +  Y«6  +  y„p  +  Y^  + 


o  6  6 


Yx  6a  +  Yx  6r 
6a  6r 


(6.9) 


ROLL 

L 

-  a 

I 


L  +  +  Li 6  +  L  p  +  L  r  + 

o  6  6  p  r 


Lx  6a  +  /..  6r 
6a  6r 


(6. 1C) 


PITCH 

—  m  M  +  Mu+Ma+M>a+Mq+M  $e 
I  o  u  a  a  q^  6e 

(6.11) 


The  moments  of  inertia  are 
measured  with  respect  to  the 
Body  Axis  System. 


2 .  Each  aerodynamic  equation  is 
written  so  that  the  plane  to 
which  it  applies  is  variable 
and  the  others  are  held  con¬ 
stant.  For  example,  the 
pitch  equation  is  written 
with  the  longitudinal  motion 
variable  and  lateral  or  direc¬ 
tional  motion  excluded. 


3.  The  x  body  axis  and  the  X 

stability  axis  are  the  same. 
(a0  =  0)  Refer  to  Chapter  I 
for  a  complete  discussion  of 
this  assumption.  The  axis 
system  used  was  aligned  with 
the  stability  axis  system  ro 
that  the  drag,  side  and  lift 
equations  would  have  values 
that  could  be  determined  by 
an  instrumentation  system 
installed  in  the  aircraft. 


YAW 

-  N  +  N.B  +  N-8  +  N  p  +  N  r  + 
I  o  p  p  p  r 


V  +  Vr 


(6.12) 


The  side  -  roll  and  yaw  equa¬ 
tions  show  the  interrelationship 
of  the  lateral  and  directional  con¬ 
trols  of  the  aircraft.  This  is  one 
of  the  reasons  the  lateral  motion 
is  inseparable  from  the  directional 
motion.  When  the  aerodynamic  por¬ 
tion  of  the  equations  of  motion  are 
expanded  and  the  stability  parameters 
linearized,  certain  restrictions 
are  placed  upon  the  motion  and 
values  in  the  equations.  These  re¬ 
strictions  are: 


Da,  L«,  *tc.,  includes  tbr  normalizing  factors  1/m,  1  /lx , 
1/ly  and  l/lt,  as  applicable. 


9  6.0  OTHER  EXTERNAL 

FORCES 

There  are  external  forces  on 
the  aircraft  that  must  be  considered 
other  than  aerodynamic  forces .  They 
are  the  weight  or  gravity  force  and 
the  thrust  force. 

The  weight  force  is  considered 
to  act  through  the  eg  and  is  always 
directed  towards  the  center  of  the 
earth.  The  thrust  force  does  not 
necessarily  pass  through  the  eg 
nor  is  it  always  straight  along 
the  aircraft  longitudinal  axis. 

Drag  due  to  the  weight  of  the 
aircraft  can  be  a  significant  fac¬ 
tor  when  large  pitch  angles  are 
encountered.  Consider  the  longi¬ 
tudinal  effect  of  weight  and  thrust 
on  an  aircraft  in  flight  (figure 
6.2). 
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The  weight  force  acts  through 
the  eg  and  makes  no  contribution 
to  the  aircraft  moments.  It  does, 
however,  affect  the  force  equations. 
Considering  weight  only, 


The  thrust  vector  can  be 
considered  in  the  same  way.  There 
is  a  moment  created  if  the  thrust 
vector  does  not  pass  through  the  eg. 
(Figure  6.2) 


Fx  -  W  sin  0  (6.13) 

assuming  small  angles, 


The  lift  component  would  be 
-T  sin  e 

The  drag  component, 


F  -  we 

x 


(6.14) 


dFx 

d0 


W 


(6.15) 


dFx  W 

— — —  ■  —  ■  O  m  n 

md0  m  8  UQ 


(6.16) 


By  definition,  the  drag  due 
to  weight  =  Dg .  (Only  if  the 
wings  are  level.) 


Thus : 


Dvt 

m 


Do  +  V 

wt 


(6.17) 


Similarly 


kit  . 


L  + 
o 

wt 


V 


(6.18) 


T  cos  e 

Pitching  moment  component, 

tzk 


Zk  is  the  perpendicular  dis¬ 
tance  from  the  thrust  line  to  the 
eg.  For  small  disturbances  of  the 
aircraft,  the  air  density  can  be 
considered  constant  and  the  changes 
in  thrust  dependent  only  upon  the 
change  in  forward  speed  and  engine 
rpm. 


AT 


3T  -  _  . 

3u  U  36  rpm 

rpm  r 


(6.19) 


T 


T  + 
o 


3T 

3u 


u 


rpm 


6 

rpm 


(6.20) 


Thus : 
DTHRUST 


T  + 
o 


3T 

3u 


u  + 


3T _ 

36 

rpm 


(6.21) 


1.4 
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* 


m 


Smrust 


mthrust 


J.  3T  -  .  3T 

T  +  r—  u  +  — -  6 

o  3u  36  rpm 

rpm  H 


t  +  il  ■  j.  3T  « 

To+  *1  u  +  36 - 

rpm 


-  sin  e  j 

(6.22) 


(6.23) 


•  S.6  LONGITUDINAL  DYNAMIC 

STABILITY 

The  longitudinal  motion  of  an 
aircraft  can  be  considered  inde¬ 
pendent  of  the  motion  not  in  the 
plane  of  symmetry  (i.e.,  lateral- 
directional  motion) .  The  motion 
described  in  this  section  will  be 
pure  longitudinal  motion  which  elimi¬ 
nates  all  roll,  yaw  or  side  force 
components.  This  will  greatly  sim¬ 
plify  the  analysis. 

The  complete  drag  equation, 


The  standard  arrangement  for 
a  motion  equation  is  to  group  the 
variables  and  set  them  equal  to  any 
forcing  function  that  might  exist. 

DRAG  u  +  Da+Du  +  D.6  ■  0  (6.26) 

a  u  6 


The  lift  equation, 


w  +  pv  -  qu 
V_ 


■  L  +  L  a  +  L*a  +  L  u  +  L  q 
o  a  o  u  q 


+  Lfie6e  +  —  +  THRUST  TERMS 
T 


(6.27) 

can  be  simplified  as  before 

L  +  THRUST  TERMS  -  0  (steady  state) 

o 


—  »  u  +  qw-rv  *  D  +  D  a  +  D*a 
m  n  o  a  a 


(magnitude) 


+  v +  v +  Ve  +  v  ♦  r 

(l  +  -|1  I  +  -S -  6  I  cos  e 

'  (6.24) 

can  be  simplified  by  assumming: 


_  ,  To 
D  +  —  coa  c 

o  m 


(steady  state) 


3T  —  3T  1 

—  u  +  r; -  6  cos  c  -  0  (t  normally  small, 

du  do  rpm I  ^  v 

rpm  r  1  constant  rpm) 


v  ■  a 


pv  *  0 


SJi  . 


Thus : 


(u  -  VT) 


(no  lat-dir  motion) 


(order  of  magnitude) 


An  order  of  magnitude  check  of  a 
typical  airplane  would  allow  us  to 
drop  the  terms  D,*  *  Dq  and  D 5 e .  Thus 

DRAG  -  u  -  Da  +  D  u  +  D.6  (6.25) 

a  u  8 


-a+q-La+  L*a  +  L  u  +  L  q  +  L,  6e 
a  a  u  q 


(6.28) 


-  c+  q  -  L  a  -  L*a  -  L  u  -  L  q  -  L.  6e 
a  a  u  q  6e 


(6.29) 


3  ‘1 


S.5 


The  pitch  equation, 

r  "  «  -  pr  (Iz  “  V  +  (p2  '  r2)  lxz 
y 

■  M  +  M  a  +  M*a 
o  a  a 

+  M  u  +  M  q  +  Mx  fie  +  THRUST  TERMS 
u  q  fie 

(6.30) 


can  be  simplified  as  before.  Thus: 

q  *  Ma  +  M*a  +  M  u  +  M  q  +  .M.  fie 
a  a  u  qn  fie 

(6.31) 

or 

PITCH 

q  -  M  a  -  M*a  -  M  u  -  M  q  ■  M,  fie  (6.32) 
a  a  u  qn  fie 

The  three  equations  [(6.26), 
(6.29),  and  (6.32))  have  been  and 
will  be  further  simplified  to  allow 
an  approximate  solution .  computer 
solutions  would  be  used  in  any 
actual  aircraft  analysis. 

DRAG 

U+V  +  V  +  V  ‘  3  (6-26) 

LIFT 

-  a  +  q  -  La  -  L‘a  -  L  u  -  L  q  ■  L.  fie 
a  a  u  q  fie 

(6.29) 

PITCH 

q  —  iM  a  -M*a  -  M  u  -  M  q  “  M.  fie  te  ->?\ 
a  a  u  q  fie 

Note  that  we  have  three  equa¬ 
tions  and  four  unknowns  (u,  a,  q, 
0).  However,  for  a  constant  or 
small  angle  of  attack, 

q  =  0  and  q  =  0 

Rearranging  and  substituting 
q  =  9, 


(8) 

(u) 

(a) 

DRAG 

V 

+  u  +  D  u 
u 

+  D  a  -  0 

a 

(6.33) 

LIFT 

« -  v 

-  L  u 
u 

-  a  -  L*o  ■  L  a  ■  L.  ii 
a  a  os 

(6.36) 

PITCH 

i-lli 

1 

-Mu 

u 

-  M*a  -  M  a  ■  M.  6s 
a  a  6s 

(6.35) 

If  the  Laplace  Transform  of 
equations  6.33,  6.34,  and  6.35  is 
performed,  the  three  equations  can 


be 

written  as 

DRAG 

V(.)  +  («  +  Du)u(»)  +  Daa(») 

-  0 

LIFT 

(•  -  L  e)8(B)  -  Luu(«)  -  [(1  t  L*)«  +  LJo(b) 

*  L6e6,(,) 

PITCH 

(•2  -  sM  )8(s)  -  M  u(s)  -  (sM*  +  M  ) a(s) 
q  u  a  a 

*  V<*> 

and  putting  in  matrix  form, 


n 

s  +  D 

D 

8(e) 

0 

6 

u 

a 

•d  -  -q) 

-L 

u 

-•(1  +  10 
a 

-L 

a 

Zm 

L.  6*  (s) 

os 

s2  -  sM 

q 

-M 

u 

-sM*  -  M 
a  a 

1 

0  1 

The  solution  for  any  of  the 
three  variables  0,  u  or  a  will  have 
the  same  denominator  or  character¬ 
istic  equation  of  the  form 

s4  +  K0s3  +  K0s2  +  K.s  +  K 
3  2  1  o 

To  find  the  transient  solution, 
we  set  the  characteristic  equation 
equal  to  zero. 

s4  +  K,s3  +  K_s2  +  K.s  +  K  =0 
3  2  1  o 

The  roots  of  the  equation  may 
be  positive  or  negative  real  numbers 
or  complex  pairs  with  either  posi¬ 
tive  or  negative  parts. 1 

From  experience,  we  know  the 
roots  are  usually  two  sets  of  com¬ 
plex  pairs  which  result  in  two 
distinct  oscillations. 

1.  Short  period,  heavily  damped 

2.  Long  period,  lightly  damped 
(Phugoid) . 

^  Section  5.5  -  Modern  Flight  Dynamics,  W.  Richard  Kolk. 


(6.39) 


By  selecting  the  proper  terms 
in  the  determinant,  solutions  for 
these  two  motions  can  be  found 
without  solving  the  complete  deter¬ 
minant. 

SHORT  PERI00  MODE 


•  (1  -  L  )  M.  4«(s)-(.2  -  *«  )L.  «*(e) 

;<.)  -  - ® — — - a_i! — 

•  a  -  L  )(-»«•  -«  )  +  C»(l  +L;)  +  L  )(•  -  .«  ) 

q  a  Qi  a  a  q 

Neglecting  Lq,  L^e,  and 
which  are  frequently  quite  small. 


The  short  period  is  essen¬ 
tia'  y  a  constant  airspeed,  varying 
angle  o_  attack  motion.  (Figure  6.3) 

Neglecting  the  drag  equation 
and  the  u(s)  column  in  the  matrix 
(6.36)  leaves 


.«  -  Lq>  -.(1  +  L-)  -  L(J 

.2  .  ,Mq  -  »„ 


a  (•)  -  - - 25 - 

•  +  (-M*  +  Lo  -  «q)i  +  (-Mo  -  LMq) 

and  the  transfer  function  is 


(6.40) 


°(«)  .  _ JIs* _ 

i«(,)  »2  +  (-M-  +  Lo  -  «q).  +  (-Mo  -  LoMq) 


(6.41) 


The  other  transfer  functions 
will  not  be  derived,  but  can  be 
found  in  many  texts.  All,  however, 
have  the  same  denominator. 


be 


6(8) 

Lje^ts) 

a(s) 

M.  6e<s) 
6e 

(6.37) 

The  solution  for  a(s)  would 


a(s) 


.(1  -  Lq> 
s'  ■  sM 


L6e6e(s) 

M  6e(s) 
6e 


8(1  -  Lq) 


-s(l  +  L«)  -  L 
a  a 


8^  -  sM 


sM*  -  M 
a  a 


FlpriS.i 


(6.38) 


SHORT  PERIOD  FREQUENCY  DAMPING  RATIO 

The  denominator  of  (6.41)  is 
in  the  familiar  form 


2  2 
8  +  2 Cw  s  +  u 

n  n 

where  2i>n  -  "M*  +  La  ”  Mq  (6.42) 
and 

m  2  -  _M  -  L  M  (6.43) 

n  a  a  q 

Thus  the  natural  frequency 
(wn)  of  the  short  period  is 


(I) 

n 


Fi{ar>  8,5 


-  i  /  -  M  -  L  M  __  a  /  -  M 

V  °  oq  ~  V  0 

(6.44) 

and  the  damping  ratio  (?)  of  the 
short  period  is 


(6.45) 

Equations  (6.44)  and  (6.45) 
show  that  the  natural  frequency  and 
the  damping  ratio  of  the  shor4- 
period  are  heavily  dependent  upon 
the  longitudinal  static  stability 
of  the  aircraft. 


ROOT  LOCUS 

A  brief  look  at  a  basic  root 
locus  plot  will  aid  in  understand¬ 
ing  the  important  stability  param¬ 
eters  involved  in  the  short  period 
mode. 


A  change  in  Cma  also  changes 
the  natural  frequency  (wn) ,  the 
damped  frequency  (ud)  and  the  damp¬ 
ing  ratio  (?)  . 

Figure  6.6  shows  the  effect 
of  changing  Cmq  (pitch  damping) . 
Note  that  an  does  not  change  while 
wd  and  ?  do  change. 


Figure  6.5  shows  the  effect  of 
changing  the  stability  derivative 
Cma. 


PHUGOID  MODE 

The  phugoid  mode  is  essen¬ 
tially  a  constant  angle  of  attack, 
varying  airspeed  motion  which  has 
a  long  period  (20  sec.  -  2  min.). 

The  aircraft  may  be  thought  of  as 
flying  at  constant  energy  and  oscil¬ 
lating  in  such  a  way  as  to  give  a 
periodic  trade-off  of  potential 
energy  (altitude)  for  kinetic 
energy  (airspeed) . 


6.8 


344 


Eliminating  the  a(s)  terms 
and  the  pitching  moment  equation 
in  matrix  (6.36)  leaves 


s(i  -  Lq) 


s  +  D 


-L 


8(s) 


u(s) 


Ve(s) 


(6.46) 


e(s) 


-D„L  -8(8  +  D  ) ( 1  -  L  ) 
6  u  u  q 


(6.47) 


Neglecting  Lq  as  was  done  in 
the  short  period,  the  character¬ 
istic  equation  is 


-D  L  -8  -  sD  -0 

6  u  u 


(6.48) 


rearranging, 

®2  +  DU8  +  DeLu  "  0  (6.49) 


Du,  the  phugoid  damping  term, 
is  generally  small  so  the  natural 
frequency  (ton)  and  the  damped  fre¬ 
quency  (wd)  are  indistinguishable. 

The  phugoid  frequency  is  closely 
approximated  in  unaccelerated 
flight  as2 

“n  '  ^  (6.52) 

o 

where  uQ  =  TAS  (ft/sec) .  The 
period  is 
2nu 

P  -  — — —  -  0 . 138u  (6.53) 

Flight  testing  has  confirmed 
the  proportionality  between  phugoid 
period  and  airspeed,  but  the  pro¬ 
portionality  constant  should  exceed 
the  theoretical  value  of  0.138  by 
about  20  percent.  Knots  being  the 
most  common  measure  of  airspeed, 
the  phugoid  period  in  seconds  can 
be  quickly  estimated  as 

u  (Knots  TAS) 

p  .  _2 _ -  (6.54) 

9 

•  6.7  SFFSCT  OF  LONOITUDINAL 

STABILITY  DSBIVATIVSS 

The  principal  stability  pa¬ 
rameters  that  govern  longitudinal 
motion  are  Du,  D@,  Lu,  La ,  Ma, 
and  Mg.  The  effect  of  the  stability 
derivatives  (CD,  Cdu,  CDa ,  CLa ,  Cma , 
Cm-  and  Qtiq)  that  correspond  to  each 
of  the  parameters  can  be  considered 
to  be  the  same  as  that  of  the  param¬ 
eters.  Therefore  a  discussion  of 
the  stability  derivatives  follows: 


using  the  standard  form,  s2  +  2twns 

+  u)n2, 

n  “  \/  D6Lu  (6.50) 


(6.51) 


CD 

The  equilibrium  drag  coeffi¬ 
cient,  3  Cd>  is  the  main  contributor 
to  the  dimensional  stability  deriva¬ 
tive  parameter  Du,  the  change  in 

2S*ction  5.8-  Modam  Flight  Dynamic*,  W.  Richara  Kalk. 

^  Dynamic*  of  tha  Airframa,  BuAir  Report,  A E -61 -411 . 
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fore  and  aft  force  with  forward 
velocitv,  and  a  minor  contributor 
to  the  limensional  stability  deriva¬ 
tive  parameter  La,  the  change  in 
lift  force  with  angle  of  attack. 

In  general,  any  portion  of  the  air¬ 
frame  in  contact  with  the  external 
airstream  contributes  to  the  air¬ 
frame  drag.  The  fuselage,  engine 
nacelles,  external  stores,  tail 
surfaces,  and  internal  engine  ducts 
all  contribute  relatively  small  in¬ 
crements  in  comparison  with  the  wing 
which  contributes  the  major  portion 
of  the  drag,  especially  at  high 
angles  of  attack  or  high  Mach  numbers. 
As  far  as  the  performance  of  an  air¬ 
frame  is  concerned  -  range,  speed, 
rate  of  climb,  etc.,  -  drag  coeffi¬ 
cient  is  one  of  the  most  important 
parameters.  It  is  apparent,  then, 
that  a  desirable  value  of  Cq  is  one 
which  is  as  small  as  possible.  On 
the  other  hand,  when  airframe  dy¬ 
namics  are  considered,  Cq  is  the 
main  contributor  to  the  damping  of 
the  phugoid  mode,  and  the  larger  the 
value  of  Co,  the  better  the  damping. 
However,  flight  experience  has 
shown  that  the  damping  of  the  phu - 
goid  is  of  little  importance  in  de¬ 
termining  satisfactory  flying  quali¬ 
ties  of  an  airframe  as  far  as  the 
pilot  is  concerned.  Clearly  than, 
performance  requirements  rather 
than  flying  qualities  should  dictate 
the  design  value  of  Cd. 

CDu 

Cdu  can  arise  from  two  sources: 
Mach  number  effects  and  aeroelastic 
effects.  In  most  cases,  CDu  arising 
from  the  latter  of  these  is  zero  or 
very  small  and  can  be  neglected. 

Cqu  arising  from  Mach  number  effects 
is  very  small  for  low  subsonic  Mach 
numbers  but  sometimes  reaches  a 
considerable  positive  value  near 
the  critical  Mach  number  of  an  air¬ 
frame  (0.8  <  M  <  1.0),  where  a 
large  increase  in  drag  occurs.  The 
effect  of  a  positive  value  of  Cdu 
on  longitudinal  dynamics  is  an  in¬ 
crease  in  the  damping  of  the  phu¬ 
goid  mode. 


CDa 


The  stability  derivative  Coa 
is  the  change  in  drag  coefficient 
with  varying  angle  of  attack.  When 
the  angle  of  attack  of  an  airframe 
increases  from  the  equilibrium  con¬ 
dition,  the  total  drag  will  increase; 
hence  CDa  will  normally  be  positive 
in  sign.  By  far  the  largest  con¬ 
tribution  to  Cr)a  comes  from  the 
wing,  but  there  are  small  contri¬ 
butions  from  the  horizontal  tail 
and  the  fuselage.  The  derivative 
CDa  is  usually  unimportant  in  air¬ 
frame  dynamics.  It  mainly  affects 
the  phugoid  mode,  where  a  decrease 
in  CDa  increases  stability;  however, 
this  effect  is  slight,  mainly  be¬ 
cause  the  changes  in  angle  of 
attack  occurring  in  phugoid  motion 
are  small  or  zero. 

cl 

Although  not  referred  to  as  a 
stability  derivative  in  the  usual 
sense,  the  equilibrium  lift  coeffi¬ 
cient  Cl,  contributes  the  major 
portion  of  the  dimensional  stability 
derivative  parameter  Ly,  the  change 
in  vertical  force  with  varying 
forward  velocity,  and  Da ,  the  change 
in  fore  and  aft  force  with  varying 
angle  of  attack.  In  longitudinal 
dynamics,  variations  in  the  equi¬ 
librium  lift  coefficient  principally 
affect  the  phugoid  mode,  with  both 
the  damping  and  the  period  decreas¬ 
ing  with  an  increase  in  Cl.  In 
addition,  because  many  of  the  later¬ 
al  derivatives  are  functions  cf  Cl* 
the  lateral  dynamics  are  also 
affected;  the  main  effect  is  a  de¬ 
crease  in  Dutch  roll  damping  with 
an  increase  in  C’l-  Altnough  low 
values  for  Cl  are  therefore  pre¬ 
ferable  for  stability,  more  impor¬ 
tant  performance  considerations 
usually  take  precedence  in  deter¬ 
mining  the  desirable  values  of  this 
derivative.  As  far  as  performance 
is  concerned,  a  large  range  of 
equilibrium  lift  coefficients  is 
desirable  because  a  low  value  of 
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Cl  and  its  associated  low  drag  is 
desirable  to  attain  high  cruising 
speeds,  and  yet  a  high  value  of  Cl 
is  desirable  to  permit  low  landing 
speeds. 

CLU 

Clu  arises  from  two  sources: 
Mach  number  effects  and  aeroelas- 
tic  effects.  The  magnitude  of  the 
total  Clu  can  vary  considerably  and 
its  sign  can  change,  depending  not 
only  on  the  airframe  geometry  and 
its  elastic  properties,  but  also 
upon  the  Mach  number  and  dynamic 
pressure  at  which  it  is  flying. 

The  magnitude  of  CLu  is  negligibly 
small  for  low  speed  flight,  but  it 
may  reach  a  considerable  value  near 
the  critical  Mach  number  of  the 
airframe. 


The  stability  derivative  CLa 
is  the  change  in  lift  coefficient 
with  varying  angle  of  attack.  CLa 

is  commonly  known  as  the  "lift 
curve  slope."  When  the  angle  of 
attack  of  the  airframe  is  increased, 
the  lift  force  will  increase  more 
or  less  linearly  until  the  wing 
stalls.  The  derivative  CLa  is 
therefore  always  positive  in  sign 
at  angles  of  attack  below  the  stall. 
The  total  airframe  CLa  is  made  up 
of  contributions  from  the  wing,  the 
fuselage,  and  the  horizontal  tail. 
Ordinarily  the  wing  accounts  for 
about  80  percent  to  90  percent  of 
the  total  CLa ,  although  the  wing 
contribution  becomes  less  if  the 
size  of  the  fuselage  is  large  in 
comparison  with  the  size  of  the 
wing.  The  derivative  Clk  is  very 
important  to  the  equilibrium  flight 
condition  of  an  airframe;  it  is 
also  important  in  dynamic  considera¬ 
tions.  In  the  equilibrium  flight 
condition,  a  high  value  of  CLa  is 
desirable  because,  for  a  given 
angle  of  attack,  the  airframe  with 
the  higher  value  of  CLa  will  usually 


have  a  lower  drag,  and  therefore 
better  performance.  CLa  is  also 
important  in  establishing  the  atti¬ 
tude  of  the  airframe  at  landing  and 
takeoff;  when  the  value  of  CLa  is 
low,  the  airframe  must  land  and 
takeoff  at  a  relatively  high  angle 
of  attack.  If  this  has  to  be  done, 
pilot  visibility  is  impaired,  and 
difficulty  in  designing  the  land¬ 
ing  gear  may  be  encountered.  As 
far  as  dynamic  stability  is  con¬ 
cerned,  this  derivative  makes  an 
important  contribution  to  the  damp¬ 
ing  of  the  longitudinal  short  period 
m-  de  for  all  aircraft  and  especially 
for  tailless  aircraft  because  in 
this  case  almost  all  the  damping 
of  the  short  period  mode  comes 
from  CLa.  A  high  value  of  CLa 
would  therefore  be  desirable  on 
all  counts  were  it  not  for  the  fact 
that  such  values  of  CLa  ?re  neces¬ 
sarily  associated  with  a  high 
aspect- ratio,  unswept-wing  config¬ 
uration  which  is  contrary  to  pres¬ 
ent  design  trands;  consequently 
this  high  CLa  is  not  always  realized 
in  practice. 


The  stability  derivative  Cl^ 
is  the  change  in  lift  coefficient 
with  variation  in  rate  of  change 
of  angle  of  attack.  The  derivative 
Cl^  arises  essentially  from  two 
independent  sources :  An  aerody¬ 
namic  time  lag  effect  and  various 
"dead-weight"  aeroelastic  effects. 
For  low  speed  flight,  Cl^  arises 
mostly  from  the  aerodynamic  lag 
effect,  and  its  sign  is  positive. 

For  high  speed  flight  the  sign  of 
Cl^  can  be  positive  or  negative, 
d  pending  on  the  nature  of  the 
aeroelastic  effects.  The  horizon¬ 
tal  tail  of  a  conventional  air¬ 
frame  is  immersed  in  the  downwash 
field  of  the  wing  and  is  mounted 
some  distance  aft  of  the  wing. 
Whenever  the  wing  undergoes  a 
change  in  angle  of  attack,  the  down- 
wash  field  is  altered;  and  since 
it  takes  a  finite  length  of  time 
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before  this  downwash  alteration 
arrives  at  the  tail,  the  resulting 
lift  on  the  tail  lags  the  motion  of 
the  aircraft  and  creates  the  deriva¬ 
tive  Cl$  •  Even  for  tailless  air¬ 
craft,  Cl^  apparently  has  a  value 
due  to  the  fact  that  the  wing  must 
accelerate  the  air  mass  in  its 
path  as  it  accelerates  (apparent 
mass  effect) .  Since  the  type  of 
motion  under  consideration  is  an 
acceleration,  CL&  can  also  arise 
from  aeroelastic  effects  such  as 
wing  twisting  due  to  the  dead 
weight  moment  caused  by  nacelles 
projecting  in  front  of  the  wing, 
and  from  fuselage  bending  caused 
by  the  dead  weight  of  the  aft  fuse¬ 
lage  and  empennage  section,  both 
of  which  change  the  effective  angle 
of  attack  of  the  horizontal  rail. 


The  stability  derivative  CLq 
is  the  change  in  lift  coefficient 
with  varying  pitching  velocity  and 
with  no  change  of  angle  of  attack 
of  the  airplane  as  a  whole.  As  the 
airframe  pitches  about  its  center 
of  gravity,  the  angle  of  attack  of 
the  horizontal  tail  changes,  and  a 
lift  force  is  developed  on  the  hori¬ 
zontal  tail  producing  a  contribution 
to  the  derivative  CLq.  The  sign  of 
this  contribution  is  positive. 

There  is  also  a  contribution  to  CLq 
because  of  various  "deadweight" 
aeroelastic  effects.  Since  the 
airframe  is  moving  in  a  curved 
flight  path  due  to  its  pitching,  a 
centrifugal  force  is  developed  on 
al]  the  components  of  the  airframe. 
This  force  can  cause  the  wing  to 
twist  as  a  result  of  the  deadweight 
moment  of  overhanging  nacelles,  and 
can  cause  the  horizontal  tail  angle 
of  attack  to  change  as  a  result  of 
fuselage  bending  due  to  the  weight 
of  the  tail  section. 

In  low  speed  flight,  CLq  comes 
mostly  from  the  effect  of  the 
curved  flight  path  on  the  horizontal 
tail  and  its  sign  is  positive.  In 


high  speed  flight  the  sign  of  CLq 
can  be  positive  or  negative,  depend¬ 
ing  on  the  nature  of  the  aeroelas¬ 
tic  effects.  In  past  experience, 
the  effect  of  CLq  on  longitudinal 
stability  has  usually  been  very 
small  and  it  has  therefore  been 
neglected  in  dynamic  ahalyses,  but 
because  of  the  possibility  of  great 
aeroelastic  effects,  especially  at 
high  Mach  number  flight,  the  magni¬ 
tude  of  CLq  may  be  increased  con¬ 
siderably. 

CL5e 

The  stability  derivative  Cl6s 
is  the  change  in  lift  coefficient 
with  changes  in  elevator  deflection. 
On  conventional  aircraft  with  the 
horizontal  tail  mounted  at  an  appre¬ 
ciable  distance  aft  of  the  center 
of  gravity,  Cls  is  usually  very 
small  and  its  effect  is  unimportant; 
however,  on  tailless  aircraft,  QL6e 
is  comparatively  large,  and  cannot 
be  neglected. 

cmu 

The  stability  derivative  Cmu 
is  the  change  in  pitching  moment 
coefficient  with  variation  in  for¬ 
ward  velocity,  angle  of  attack  and 
altitude  remaining  constant.  The 
magnitude  of  Cmu  can  vary  consider¬ 
ably  and  the  sign  can  change, 
depending  upon  such  factors  as  the 
airframe's  geometry  and  its  elastic 
properties,  and  the  Mach  number  and 
dynamic  pressure  at  which  it  is 
flying.  This  derivative  can  arise 
from  three  sources:  thrust  or  power 
effects,  Mach  number  effects  and 
aeroelastic  effects.  In  the  past, 
the  literature  has  treated  Cmu  only 
as  a  power  effect  arising  from  the 
propwash  of  propeller-driven  air¬ 
craft.  Today,  however,  because  of 
the  use  of  jet  engines  and  the  asso¬ 
ciated  alleviation  of  power  effects 
on  dynamic  stability,  the  Cmu  from 
thrust  effects  is  probably  small. 

On  the  other  hand,  the  contributions 


6.12 


318 


) 


I 


j 


to  Cmu  due  to  Mach  number  and  aero- 
elastic  effects  are  becoming  more 
and  more  important,  and  it  is  be¬ 
lieved  that  these  effects  should  no 
longer  be  neglected  when  evaluating 
Cmu.  It  principally  affects  the 
longitudinal  phugoid  mode,  where 
positive  values  of  Cmu  will  tend  to 
decrease  both  the  period  and  the 
damping  of  the  oscillation.  The 
effect  can  become  quite  objection¬ 
able,  especially  when  the  phugoid 
motion  is  lightly  damped.  It 
appears  therefore  that  zero,  or  at 
most,  very  small  values  of  Cimu  are 
desirable. 

On  a 

The  stability  derivative  Cma 
is  the  change  in  pitching  moment 
coefficient  with  varying  angle  of 
attack  and  is  commonly  referred  to 
as  the  longitudinal  static  sta¬ 
bility  derivative.  When  the  angle 
of  attack  of  the  airframe  increases 
from  the  equilibrium  condition,  the 
increased  lift  on  the  horizontal 
tail  causes  a  negative  pitching 
moment  about  the  center  of  gravity 
of  the  airframe.  Simultaneously, 
the  increased  lift  of  the  wing 
causes  a  positive  or  negative 
pitching  moment,  depending  on  the 
fore  and  aft  location  of  the  lift 
vector  with  respect  to  the  center 
of  gravity.  These  contributions 
together  with  the  pitching  moment 
contribution  of  the  fuselage  are 
combined  to  establish  the  deriva¬ 
tive  Cma.  The  magnitude  and  siyn 
of  the  total  Cma  for  a  particular 
airframe  configuration  are  thus  a 
function  of  the  center  of  gravity 
position,  and  this  fact  is  very 
important  in  longitudinal  stability 
and  control.  If  the  center  of  grav¬ 
ity  is  ahead  of  the  neutral  point, 
the  value  of  Cma  is  negative,  and 
the  airframe  is  said  to  possess 
static  longitudinal  stability. 
Conversely,  if  the  center  of  gravity 
is  aft  of  the  neutral  point,  the 
value  of  Cma  is  positive,  and  the 
airframe  is  then  statically  unstable. 


Qmq  is  perhaps  the  most  important 
derivative  as  far  as  longitudinal 
stability  and  control  are  concerned. 
Cma  primarily  establishes  the  nat¬ 
ural  frequency  of  the  short  period 
mode,  and  is  a  major  factor  in  de¬ 
termining  the  response  of  the  air¬ 
frame  to  elevator  motions  and  to 
gusts.  In  general,  a  large  negative 
value  of  Cma  (i.e.,  large  static 
stability)  is  desirable  for  good 
flying  qualities.  However,  if  Cma 
is  too  large,  the  required  elevator 
effectiveness  for  satisfactory  con¬ 
trol  may  become  unreasonably  high. 

A  compromise  is  thus  necessary  in 
selecting  a  design  range  for  Cma . 
Design  values  of  static  stability 
are  usually  expressed  not  in  terms 
of  Cma  but  rather  in  terms  of  the 
derivative  CmcLf  where  the  relation 
is:  Cma  =  CmcL  CLa.  It  should  be 
pointed  out  that  CmcL  in  the  above 

expression  is  actually  a  partial 
derivative  for  which  the  forward 
speed  remains  constant. 


The  stability  derivative  Cm^ 
is  the  change  in  pitching  moment 
coefficient  with  variation  in  rate 
of  change  of  angle  of  attack.  The 
derivative  arises  essentially 
from  two  independent  sources :  an 
aerodynamic  time  lag  effect  and 
various  "deadweight"  aeroelastic 
effects.  For  low  speed  flight  Cm& 
will  come  mostly  from  the  aeroelas¬ 
tic  lag  effect  and  its  sign  will  be 
negative.  For  high  speed  flight 
the  sign  of  Cm^  can  be  positive  or 
negative  depending  on  the  nature 
of  the  aeroelastic  effects.  The 
horizontal  tail  of  a  conventional 
aircraft  is  mounted  some  distance 
aft  of  the  wing.  Whenever  the  wing 
undergoes  a  change  in  angle  of 
attack,  the  downwash  field  is  al¬ 
tered,  and  since  it  takes  a  finite 
length  of  time  before  this  downwash 
alteration  arrives  at  the  tail,  the 
resulting  lift  on  the  tail,  and 
consequently  the  resulting  pitching 
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moment  on  the  airframe,  lags  the 
motion  and  creates  the  derivative 
Q*ia*  Even  for  tailless  aircraft 
there  apparently  exists  a  value 
for  CmQ  due  to  the  fact  that  the 
wing  must  accelerate  the  air  mass 
in  its  path  as  it  accelerates.  Cm^ 
can  also  arise  from  aeroelastic 
effects  such  as  wing  twisting  due 
to  the  deadweight  moment  caused  by 
the  projection  of  the  nacelles  in 
front  of  the  wing,  and  bending  of 
the  fuselage  caused  by  the  dead 
weight  of  the  aft  fuselage  and  em¬ 
pennage  section.  This  twisting  and 
bending  changes  the  effective  angle 
of  attack  of  the  horizontal  tail. 

The  derivative  Cma  is  quite  impor¬ 
tant  in  lonqitudinal  dynamics  be¬ 
cause  it  is  involved  in  the  damping 
of  the  short  period  mode.  P  nega¬ 
tive  value  of  Cma  increases  the 
damping  of  this  mode;  consequently, 
high  negative  values  of  this  deriva¬ 
tive  are  desirable. 

cmq 

The  stability  derivative 
is  the  change  in  pitching  moment 
coefficient  with  varying  pitch 
velocity  and  is  commonly  referred 
to  as  the  pitch  damping  derivative. 

As  the  airframe  pitches  about  its 
center  of  gravity  path,  the  angle 
of  attack  of  the  horizontal  tail 
changes,  and  a  lift  force  is  de¬ 
veloped  on  the  horizontal  tail  pro¬ 
ducing  a  negative  pitching  moment 
on  the  airframe  and  hence  a  contri¬ 
bution  to  the  derivative  Cmq.  There 
is  also  a  contribution  to  Cmq  because 
of  various  "deadweight"  aeroelastic 
effects.  Since  the  airframe  is  mov¬ 
ing  in  a  curved  flight  path  due  to 
its  pitching,  a  centrifugal  force 
is  developed  on  all  the  components 
of  the  airframe.  The  force  can 
cause  the  wing  to  twist  as  a  result 
of  the  dead  weight  moment  of  over¬ 
hanging  nacelles,  and  can  cause  the 
horizontal  tail  angle  of  attack  to 
change  as  a  result  of  fuselage  bend¬ 
ing  due  to  the  weight  of  the  tail 
section.  In  low  speed  flight,  Cmq 


comes  mostly  from  the  effect  of 
the  curved  flight  path  on  the  hori¬ 
zontal  tail  and  its  sign  is  negative. 
In  high  speed  flight  the  sign  of  Cmg 
can  be  positive  or  negative,  depend¬ 
ing  on  the  nature  of  the  aeroelastic 
effects.  The  derivative  Cmq  is  very 
important  in  longitudinal  dynamics 
because  it  contributes  a  major  por¬ 
tion  of  the  damping  of  the  short 
period  mode  for  conventional  air¬ 
craft.  As  pointed  out,  this  damping 
effect  comes  mostly  from  the  hori¬ 
zontal  tail.  For  tailless  aircraft, 
the  magnitude  of  Cmq  is  consequently 
small;  this  is  the  main  reason  for 
the  usually  poor  damping  of  this 
type  of  configuration.  Cmq  is  also 
involved  to  a  certain  extent  in  the 
damping  of  the  phug jid  mode.  In 
almost  all  cases,  high  negative 
values  of  Cmq  are  desired.  In  the 
light  of  the  present  design  trend 
toward  larger  radii  of  gyration  in 
pitch  and  high  altitude  flight,  it 
is  believed  that  consideration  of 
Cmq  is  necessary  in  the  preliminary 
design  stage. 

Cm6e 

The  stability  derivative  Cm6e 
is  the  change  in  pitching  moment 
coefficient  with  change  in  elevator 
deflection  and  is  commonly  referred 
to  as  the  elevator  power.  When  the 
elevator  is  deflected  upward,  the 
resultant  increment  in  lift  on  the 
horizontal  tail  creates  a  positive 
pitching  moment  about  the  center 
of  gravity  of  the  airframe;  hence 
the  derivative  Cm6e  is  normally 
positive  in  sign. 

The  primary  function  of  the 
elevator  is  to  control  the  angle 
of  attack  of  the  airframe  both  in 
equilibrium  flight  and  in  maneuvers. 
This  function  is  usually  considered 
tc  be  the  most  important  of  all  the 
control  functions  about  the  three 
axes,  and  so  the  elevator  control 
effectiveness,  Cm6e  is  of  great  im¬ 
portance  in  airframe  design.  The 
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design  value  of  Cmje  is  essentially 
determined  by  the  anticipated  fore 
and  aft  center  of  gravity  travel  of 
an  airframe.  The  larger  the  center 
of  gravity  range,  the  larger  the 
required  value  of  Cmfia  will  be.  To 
keep  the  size  of  the  elevator  with¬ 
in  practical  bounds ,  the  center  of 
gravity  range  must  be  held  as  small 
as  possible.  Thus  in  many  cases 
of  design,  the  maximum  practical 
Cmje  determines  the  allowable  cen¬ 
ter  of  gravity  range,  and  in  other 
cases  the  center  of  gravity  range 
determines  the  value  of  Cmfie.  A 
desirable  value  of  Cmje  cannot  be 
stated  generally,  for  each  case  must 
be  analyzed  separately. 

•  e.8  LATERAL- DIRECTIONAL 
DYNAMIC  STABILITY 


where  Y .  =  -i—  {side  force  due 
*  mVT  3  *  to  weight) 


The  rolling  moment  equation 


G  I  I  -  I  I 

X  XZ  .  Z  V  XZ 

—  «  p  -  r  — +  qr  - - — L;  -  pq  — 

X  X  X  i  X 


L  +  Lj  +  L.0  +  L  p  +  L  r  +  L.  6a  +L,  fir 
o  6  6  p  r  6a  fir 

(6.56) 

and  the  yawing  moment  equation 


G  /I  -  I  I 

"  r  +  pq  -2-j — ~  +  (rq  -  p)  ~Y 


The  lateral-directional  motion 
will  be  considered  independent  of 
the  longitudinal  motion.  This  is 
very  difficult  no  achieve  in  actual 
practice  since  any  change  in  lift 
due  to  roll  or  sideslip  will  cause 
longitudinal  disturbances.  In  the 
following  analysis,  any  change  in 
pitching  moment,  lift  or  drag  will 
be  considered  zero  and  the  aircraft 
will  remain  stabilized  longitudi¬ 
nally. 

Definitions  and  identities: 
w  -  0,  q  •  0 


N  +  W.B  +  N-6  +  W  p  +  W  r  +  W  6a  +  N.  fir 
o  6  6  p  r  6a  fir 

(6.57) 

In  order  to  simplify  the  equa¬ 
tions,  the  following  assumptions 
are  made: 


*xz  «  Tz  Thus  the  W1. 
term  can  be  neglected. 

2.  p  =  4>  (no  pitch  rate) 

3.  r  =  -6  ("eg"  travels  in  a 

straight  flight  path) 


LATERAL-DIRECTIONAL  EQUATIONS  OF  MOTION 

The  complete  side  force  equa¬ 
tion  is 


4.  The  terms  Y*6,  Y  p,  Y  r,  and 
p  p  r 

Yfia6a  are  very  small  for  a 
typical  airplane. 

Thus  the  equations  reduce  to 

SIDE  6-6=*  Yg6  +  Yfir6r  +  Y^  (6.58) 


v  +  ru  -  pw 
V 


Yo  +  Y66  +  Yg8 


ROLL  ♦  +  6  -y 


L68  +  L-8  -  Lj  + 


+  Y  p  +  Y  r  +  Y.  6a  +  Y.  fir  +  YA« 
p  r  6a  fir  $ 


L  }  +  L.  fir  +  L.  6a 
n  fir  6a 


(6.55) 


(6.59) 
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YAW 


-6  «  N j  +  N;8  -  N  S  +  N  J  +  N.  6r 

B  6  r  p  6r  oa 


s2  + 


(-Ls 


+  L  )s 
r 


(6.60) 

grouping  variables  and  equating 
them  to  the  forcing  functions. 


(*/•  -  N  )s  -  N 
$  r 


6 


2 

3 


L  s 
p 


-  N  3 
p 


SIDE  V  +  V  "  _Y6r5r 

(6.61) 

6(s) 

LSrSr  (s) 

+  Lx  5a(s) 
6a 

I 

ROLL  --*■  6  -  l:  3  +  1  B  -  L.  b  +  $  - 

x  8  r  0 

L  4>  * 

P 

$(s) 

N^Sr  (s) 

+  Slx  6a  (s) 
6a 

L .  6r  +  L .  6a 
6r  5a 

(6.62) 

— 

- 

YAW 


-e 


v 


N  8 
r 


N  R  -  N  <(> 
°  P 


N.  6r  +Nt  6a 
6r  6a 

(6.63) 


and  the  determinant  of  the  coeffi¬ 
cient  matrix  would  be 


I 

xz 

I 

X 


S2  +  (-!•  +  L  ) s  -  L  s2-ls 
p  r  p  p 


Using  the  Laplace  operator (s) 
to  replace  the  derivatives  of  the 
dependent  variables , 


SIDS  Y  8(s) 

O 

I 

ROLL  | 

I  I 
»  x 

B(s)  +  (s2  - 
YAW 

(-  s2  -  W*s  + 

O 


+  Y^(s)  -  -  Y5r6r(s) 

s2  -  1-s  +  Lrs  -  L&  . 
lps)i(s)  -  l6r5r(s)  +l5a6a(s) 

N  s  -  N jb(s)  -  (N  s)i(s)  - 
r  d  p 


(6.64) 

Expansion  gives  a  fourth  order 
equation  of  the  form 

4  3  2 

s  +  K,s  +  K„s  +  K,s  +  K 
3  2  10 

To  find  the  transient  solution, 
the  characteristic  equation  is  set 
equal  to  zero. 

s4  +  K3s3  +  K2s2  +  K^s  +  Kq  =  0  (6.65) 


•V5r6r.(s)  +  Nig& a(s) 


Ignoring  the  side  force  equa¬ 
tion,  and  putting  in  matrix  form, 


Experience  gained  from  exten¬ 
sive  engineering  studies  and  flight 
tests  have  shown  that  the  roots 
are  usually  a  large  negative  real 
one,  a  complex  pair,  and  a  very 
small  one,  either  positive  or  nega¬ 
tive.  These  correspond  to  the  roll 
mode,  the  Dutch  roll,  and  the  spiral 
mode . 
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The  roll  mode  is  a  heavily 

damped  convergence,  so  heavily  _ — 

damped  in  fact  that  it  is  not 
readily  discernible  to  the  pilot. 
This  root  will  be  shown  to  be  nu¬ 
merically  very  close  to  the  roll 
damping  derivative,  L p. 

The  oscillation  called  Dutch 
roll  was  so  named  because  of  its 
similarity  to  the  motion  of  a  Dutch¬ 
man  happily  ice  skating  down  a 
canal.  The  motion  is  a  complex 
variation  of  sideslip,  yaw  and  bank 
angle  and  is  dependent  upon  the 
terms  SI g,  Lg,  Wr  and  ixz.  It  is 
often  noticeably  oscillatory,  and 
when  lightly  damped,  it  is  annoying 
and  uncomfortable. 

The  spiral  mode  can  be  seen 
as  the  tendency  of  the  aircraft  to 
recover  slowly,  or  diverge  slowly, 
from  an  initial  bank  angle.  If  the 
characteristic  is  divergence,  an 
ever-steepening  spiral  occurs, 
which  is  responsible  for  the  name. 

In  order  to  gain  some  knowledge 
of  the  effects  of  the  stability 
parameters,  the  terms  Mp  and  Lg 
will  be  neglected.  These  terms  are 
small  in  magnitude  and  will  not  de¬ 
tract  from  an  understanding  of 
lateral-directional  dynamics.  Thus 
the  determinant  (6.64)  reduces  to 

*xz  2  .  ,  2  . 

— -  s  +  L  -j  -  L.  s  -  L  s 
I  r  6  p 

x 

-  0 

-s2  -(N^  -  Nr)s  -  0 

(6.66) 


Expansion  results  in  the  following 
equation: 

s(s  -  L  )  [s2  +  (Si-  -  N  )  s  +  N  ]  -  0 

p  fcs  r  p 

(6.67) 


The  first  two  roots  are: 

-  0  (spiral  mode) 

(6 ,68) 

s  »  L  (roll  mode) 

^  P 

The  second  order  equation  is 
in  the  familiar  form 

2  2 
s  +  2;w  s  +  u 
n  n 

where 

2;wns  -  wg  ~  wr  (6.69) 

and 


Thus  the  natural  frequency  of  the 
Dutch  roll  is 


(6.70) 


and  the  damping  ratio  of  the  Dutch 
roll  is 


(6.71) 


Recalling  that  the  damped  fre¬ 
quency  of  an  oscillation  is  given 
by: 


the  damped  frequency  of  the  Dutch 
roll  is 


(6.72) 


Detailed  analysis  of  the  Dutch 
roll  oscillation  is  much  more  com¬ 
plex  than  the  simplified  equations 
(6.71)  and  (6.72)  would  lead  us  to 
believe.  The  preceeding  derivatives 
ignored  the  effect  of  Xxz  and  Lg, 
which  reduce  their  validity  to  essen¬ 
tially  a  pure  yawing  or  "snake" 
motion.  In  reality,  the  Dutch  roll 
is  a  complex  yawing  and  rolling  mo¬ 
tion.  It  is  very  difficult  to  iso- 
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late  the  terms  having  a  primary 
effect  on  the  motion,  a*-d  thus 
there  are  no  hard  and  3t  rules 
that  can  be  made  regarc  ng  the  effect 
of  a  single  term  on  the  frequency  or 
damping . 4 

It  has  been  found  by  a  trial 
and  error  process  of  eliraination 
that  three  terms  exert  a  very  pro¬ 
found  effect  on  the  motion,  these 
being  the  lateral  and  directional 
stabilities  and  the  product  of  in¬ 
ertia,  C £e,  C ng  and  Ixz  respectively. 

There  arc-  some  empirical  rules 
that  usually  indicate  conditions  of 
low  Dutch  roll  stability.  The 
signs  (+)  of  the  stability  param¬ 
eters  which  lead  to  desired  flying 
qualities  are  listed  below: 


Term 

Usual  Sign 

cnB 

positive 

ciB 

negative 

Cnr 

negative 

Ixz 

zero 

area  of  low  Dutch  roll  stability 
above  Mach  2 . 

Likewise,  the  lateral  stabil¬ 
ity,  C£g,  is  heavily  influenced 
by  the  vertical  tail  lift  curve 
slope,  and  is  usually  a  maximum 
near  sonic  velocity.  Therefore 
this  too  is  an  area  to  be  wary  of. 

The  nose-down  attitude  asso¬ 
ciated  with  flaps  extended  gives  a 
positive  product  of  inertia  and 
hence  is  a  third  area  in  which  to 
anticipate  poor  Dutch  roll  stability. 

Flight  experience  with  the 
Dutch  roll  has  shown  that  the  pilot 
senses  the  ratio  of  roll  to  side¬ 
slip  as  well  as  the  cyclic  damping. 
This  ratio  is  commonly  called  the 
<j>/B  (phi  to  beta)  ratio  and  can  be 
expressed  by  the  following  equa- 
tion^ 


(6.73) 


Without  regard  to  the  nature 
of  the  stabilizing  or  destabilizing 
effect,  an  increase  in  the  magni¬ 
tudes  of  the  above  terms  on  the 
Dutch  roll  is: 


•  B.e  EFFECT  OF  LATERAL* 

DIRECTIONAL  STABILITY 
DERIVATIVES 

cye 


Term 

Effect  on  Stability 

Cn6 

stabilizing 

destabilizing 

cnr 

stabilizing 

*xz 

destabilizing 

Both  the  directional  stability, 
Cng ,  and  yaw  damping,  Cnr,  are 
functions  of  the  vertical  tail  lift 
curve  slope,  which  decreases  super¬ 
sonically  indicating  a  possible 


The  stability  derivative  Cyg 
is  the  change  in  side  force  coeffi¬ 
cient  with  changing  sideslip  angle. 
It  can  be  referred  to  as  the  "side 
force  damping  derivative."  When 
the  airframe  sideslips,  the  rela¬ 
tive  wind  strikes  the  airframe 
obliquely,  creating  a  side  force, 

Y,  on  the  vertical  tail,  the  fuse¬ 
lage,  and  the  wing.  It  must  be 
remembered  that  this  side  force  is 
measured  along  the  y-axis,  which  is 
fixed  to  the  airframe  during  the 
steady  flight  condition  and  moves 
with  the  airframe  during  a  dis¬ 
turbance  . 


4 


Section  6.10,  Modem  Flight  Dynomics,  Kolk, 


5 


Section  8.5,  Modem  Flight  Dynomics,  Kolk. 
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The  major  portion  of  Cyg  usual¬ 
ly  comes  from  the  vertical  tail, 
with  smaller  contributions  from  the 
fuselage  and  wing. 

The  derivative  Cyg  is  fairly 
important  in  lateral  dynamics. 
Because  it  contributes  to  the  damp¬ 
ing  of  the  Dutch  roll  mode,  a  large 
negative  value  of  this  derivative 
would  appear  desirable;  however, 
a  large  negative  value  of  Cyg  may 
create  an  undesirable  lag  effect 
in  the  airplane’s  response  when  an 
attempt  is  made  to  hold  the  wings 
level  in  rough  air,  or  to  perform 
roll  maneuvers. 

c_u 

The  stability  derivative  C£g 
is  the  change  in  rolling  moment 
coefficient  with  variation  in  side¬ 
slip  angle  and  is  usually  referred 
to  as  the  "effective  dihedral  deriv¬ 
ative."  When  the  airframe  side¬ 
slips,  a  rolling  moment  is  developed 
because  of  the  dihedral  effect  of 
the  wing  and  because  of  the  usual 
high  position  of  the  vertical  tail 
relative  to  the  equilibrium  x-axis. 
No  general  statements  can  be  made 
concerning  the  relative  magnitudes 
of  the  contributions  to  C£g  from 
the  vertical  tail  and  from  the  wing 
since  these  contributions  vary  con¬ 
siderably  from  airframe  to  airframe 
and  for  different  angles  of  attack 
of  the  same  airframe.  C£g  is 
nearly  always  negative  in  sign, 
signifying  a  negative  rolling  mo¬ 
ment  for  a  nositive  sideslip. 

The  derivative  C£g  is  very 
important  in  lateral  stability  and 
control,  and  it  is  therefore  usually 
considered  in  the  preliminary  design 
of  an  airframe.  It  is  involved  in 
damping  both  the  Dutch  roll  mode 
and  the  spiral  mode.  It  is  also 
involved  in  the  maneuvering  char¬ 
acteristics  of  an  airframe,  es¬ 
pecially  with  regard  to  lateral 
control  with  the  rudder  alone  near 
stall. 


f£r 

The  stability  derivative  C£r 
is  the  change  in  rolling  moment 
coefficient  with  change  in  yawing 
velocity.  If  the  airframe  is  yaw¬ 
ing  at  the  rate  r  about  the  verti¬ 
cal  axis,  the  left  wing  panel  will 
move  faster  than  the  right,  pro¬ 
ducing  more  lift  on  the  left  panel 
and  consequently  a  positive  rolling 
moment.  In  addition  to  this  major 
wing  contribution,  the  vertical 
tail  will  also  contribute  to  C£r. 

The  derivative  C£r  is  of  secon¬ 
dary  importance  in  lateral  dynamics, 
but  it  should  not  be  neglected  in 
lateral  dynamic  calculations.  For 
a  conventional  airframe  configura¬ 
tion,  changes  in  C£r  of  reasonable 
magnitude  show  only  slight  effect 
on  the  Dutch  roll  damping  character¬ 
istics.  In  the  spiral  mode,  how¬ 
ever,  C£r  has  a  considerable  effect. 


The  stability  derivative  C £p 
is  the  change  in  rolling  moment 
coefficient  with  change  in  rolling 
velocity  and  is  usually  known  as 
the  roll  damping  derivative.  When 
the  airframe  rolls  at  an  angular 
velocity  p,  a  rolling  moment  is  pro¬ 
duced  as  a  result  of  this  velocity; 
this  moment  opposes  the  rotation. 

C£p  is  composed  of  contributions, 
negative  in  sign,  from  the  wing 
and  the  horizontal  and  vertical 
tails.  However,  unless  the  size  of 
the  tails  in  unusually  large  in 
comparison  with  the  size  of  the 
wing,  the  major  portion  of  the  total 
C£p  comes  from  the  wing. 

The  derivative  C^p  is  quite 
important  in  lateral  'dyramics  be¬ 
cause  essentially  C£p  alone  deter¬ 
mines  the  damping  in  roll  character¬ 
istics  of  the  aircraft.  Normally, 
it  appears  that  small  negative 
values  of  C£p  are  more  desirable 
than  large  ones  because  the  air¬ 
frame  will  respond  better  to  a 


given  aileron  input  and  will  suffer 
fewer  flight  perturbations  due  to 
gust  inputs. 

The  value  of  C£p  does  directly 
affect  the  design  of  the  ailerons, 
since  C£p  in  conjunction  with  C£<sa 
establishes  the  airframe's  maximum 
available  rolling  velocity;  this 
is  an  important  consideration  in 
determining  the  aircraft's  handling 
qualities , 


The  stability  derivative  C£6r 
is  the  change  in  rolling  moment 
coefficient  with  variation  in  rud¬ 
der  deflection.  Because  the  rudder 
is  usually  located  above  the  x-axis, 
a  positive  rudder  deflection  will 
create  a  negative  rolling  moment. 
C£gr  is  therefore  usually  negative 
in  sign,  however,  it  can  be  posi¬ 
tive,  depending  on  the  particular 
airframe  configuration  and  the 
angle  of  attack  at  which  it  is  fly¬ 
ing. 


C^6a 


The  stability  derivative  C£& 
is  the  change  in  rolling  moment  a 
coefficient  with  change  in  aileron 
deflection.  It  is  commonly  referred 
to  as  the  aileron  power. 

As  far  as  lateral  dynamics 
are  concerned,  the  derivative  C£{ 
is  the  most  important  of  the  con¬ 
trol  surface  derivatives.  The 
aileron  effectiveness  in  conjunction 
with  the  damping  in  roll  (C£p) 
establishes  the  maximum  available 
rate  of  roll  of  an  airframe,  which 
is  a  very  important  consideration 
in  fighter  combat  tactics,  ^he 
aileron  power  is  also  very  important 
in  low  speed  flight  during  takeoffs 
and  landings  where  adequate  lateral 
control  is  necessary  to  counteract 
asymmetric  gusts  tending  to  roll 
the  aircraft. 
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Cng 

The  stability  derivative  C ng 
is  the  change  in  yawing  moment 
coefficient  with  variation  in  side¬ 
slip  angle.  It  is  usually  referred 
to  as  the  static  directional  deriva¬ 
tive  or  the  "weathercock"  derivative. 
When  the  airframe  sideslips,  the 
relative  wind  strikes  the  airframe 
obliquely,  creating  a  yawing  moment, 
N,  about  the  center  of  gravity. 

The  major  portion  of  Cng  comes  from 
the  vertical  tail,  which  stabilizes 
the  body  of  the  airframe  juat  as 
the  tail  feathers  of  an  arrow  sta¬ 
bilize  the  arrow  shaft.  The  Cng 
contribution  due  to  the  vertical 
tail  is  positive,  signifying  static 
directional  stability,  whereas  the 
Cng  due  to  the  body  is  negative, 
signifying  static  directional  in¬ 
stability.  There  is  also  a  con¬ 
tribution  to  Cng  from  the  wing,  the 
value  of  which  is  usually  positive 
but  very  small  compared  to  the  body 
and  vertical  tail  contributions. 

The  derivative  Cng  is  very  im¬ 
portant  in  determining  the  dynamic 
lateral  stability  and  control  char¬ 
acteristics.  Most  of  the  references 
concerning  full-scale  flight  tests 
and  free-flight  wind  tunnel  model 
tests  agree  that  Cng  should  be  as 
high  as  possible  for  good  flying 
qualities.  A  high  value  of  Cng 
aids  the  pilot  in  effecting  coordi¬ 
nated  turns  and  prevents  excessive 
sideslip  and  yawing  motions  in  ex¬ 
treme  flight  maneuvers  and  in  rough 
air.  Cng  primarily  determines  the 
natural  frequency  of  the  Dutch  roll 
oscillatory  mode  of  the  airframe, 
and  it  is  also  a  factor  in  deter¬ 
mining  the  spiral  stability  char¬ 
acteristics  . 

Cng 

The  stability  derivative  Cng 
is  the  change  in  yawing  moment 
coefficient  with  variations  in  rate 
of  change  of  sideslip  angle.  If 
the  airframe  is  undergoing  a  rate 
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of  change  of  sideslip  angle,  8,  a 
yawing  moment  can  be  produced  on 
the  airframe  by  the  vertical  tail 
because  of  the  sidewash  time  lag 
effects  from  the  wing  and  fuselage. 

The  derivative  Cng  must  be 
distinguished  from  the  derivative 
Cnr-  All  stability  derivatives  are 
partial  derivatives;  that  is,  they 
are  taken  with  respect  to  one  in¬ 
dependent  variable  at  a  time,  the 
rest  of  the  independent  variables 
remaining  fixed.  Thus,  Cng  arises 
from  a  transient  motion  in  which 
the  sideslip  angle  is  increasing 
with  time  but  the  rate  of  yaw  re¬ 
mains  zero,  whereas  Cnr  arises  from 
a  motion  where  yaw  angle  is  increas¬ 
ing  with  time  but  the  change  in  side¬ 
slip  angle  remains  zero. 

When  Cng  cannot  be  neglected 
for  a  particular  configuration,  its 
effect  on  lateral  dynamics  will 
appear  mainly  in  the  Dutch  roll 
damping  characteristics.  To  in¬ 
crease  this  damping,  positive  values 
of  Cng  are  desired. 

Cnr 

The  stability  derivative  Cnr 
is  the  change  in  yawing  moment 
coefficient  with  change  of  yawing 
velocity.  It  is  known  as  the  yaw 
damping  derivative.  When  the  air¬ 
frame  is  yawing  at  an  angular  ve¬ 
locity  r,  a  yawing  moment  is  pro¬ 
duced  which  opposes  the  rotation. 

Cnr  is  made  up  of  contributions 
from  the  wing,  the  fuselage,  and 
the  vertical  tail,  all  of  which 
are  negative  in  sign.  The  contri¬ 
bution  from  the  vertical  tail  is 
by  far  the  largest,  usually  amount¬ 
ing  to  about  80  or  90  percent  of 
the  total  Cnr  of  the  airframe. 

The  derivative  Cnr  is  very 
important  in  lateral  dynamics  be¬ 
cause  it  is  the  main  contributor 
to  the  damping  of  the  Dutch  roll 
oscillatory  mode.  It  also  is  im¬ 
portant  to  the  spiral  mode.  For 


each  mode,  large  negative  values 
of  Cnr  are  desired. 

Cnp 

The  stability  derivative  Cnp 
is  the  change  in  yawing  moment 
coefficient  with  varying  rolling 
velocity.  It  arises  from  two  main 
sources:  The  wing  and  the  vertical 
tail.  A  negative  yawing  moment  is 
developed  on  the  airframe  because 
of  the  unsymmetrical  lift  distri¬ 
bution  causing  a  difference  between 
the  drag  on  the  right  wing  and 
that  on  the  left  wing  when  the  air¬ 
frame  is  rolling.  The  contribution 
from  the  vertical  tail  can  be  either 
positive  or  negative  depending  on 
the  vertical  tail  geometry,  the 
sidewash  from  the  wing,  and  the 
equilibrium  angle  of  attack  of  the 
airframe . 

The  derivative  Cnp  is  fairly 
important  in  lateral  dynamics  be¬ 
cause  of  its  influence  on  Dutch 
roll  damping.  It  is  usually  nega¬ 
tive  in  sign,  and  for  most  airframe 
configurations,  the  larger  its  nega¬ 
tive  value,  the  greater  the  reduc¬ 
tion  in  Dutch  roll  damping. 

Cn6r 


The  stability  derivative  Cn6r 
is  the  change  in  yawing  moment 
coefficient  with  variation  in  rud¬ 
der  deflection.  This  derivative  is 
commonly  referred  to  as  the  rudder 
powe  r . 

The  importance  of  Cnsr  in  de¬ 
termining  lateral  and  directional 
contrcl  qualities  varies  considerably 
with  different  types  of  airframes. 

The  design  value  of  Cn6r  for 
a  jet-powered  airframe  is  usually 
determined  by  considering  such  re¬ 
quirements  as  counteracting  adverse 
yaw  in  rolling  maneuvers,  direc¬ 
tional  control  in  crosswind  takeoffs 
and  landings,  antisymmetric  power, 
and  spin  recovery  control. 
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The  stability  derivative  Cnsa 
is  the  change  in  yawing  moment 
coefficient  with  change  of  aileron 
deflection.  This  derivative  arises 
from  the  difference  in  drag  due  to 
the  down  aileron  compared  to  the 
drag  of  the  up  aileron.  The  sign 
of  Cn6a  depends  mainly  upon  the 
rigging  of  the  aileron  and  the 
angle  of  attack  of  the  airframe. 

If  negative,  as  it  usually  is,  Cnsa 
is  called  the  "adverse  yaw  co¬ 
efficient  due  to  ailerons"  because 
it  causes  the  airframe  to  yaw  ini¬ 
tially  in  a  direction  opposite  to 
that  desired  by  the  pilot  when  he 
deflects  the  ailerons  for  a  turn. 

If  positive,  it  produces  favorable 
yaw  in  the  turning  maneuver. 

The  derivative  CnSa  is  quite 
important  in  determining  the  lateral 
control  qualities  of  an  airframe. 

For  good  response  to  aileron  deflec¬ 
tion,  CnSa  should  be  zero  or  of  a 
very  small  positive  value. 


A  -  Ae"Cunt2 
2  0 

The  time  required  for  the 
amplitude  to  dampei.  from  Ai  to  A2 
is : 


At  ■ 


The  time  to  dampen  to  1/n 
amplitude  is  important  in  dynamics 
and  is  given  by 


At 


1/n 


(6.75) 


The  time  to  dampen  to  1/2  and 
1/10  amplitude  is: 


Atl/2 


0.693 


(6.76) 
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•  0.10  DYNAMIC  MOTION 


Period  of  an  Oscillation: 


The  period  is  the  time  re¬ 
quired  to  complete  one  cycle  and 
is  given  by: 


P 


2jt 

u. 


(sec.) 


(6.74) 


Time  to  Dampen  to  1/nth  Ampli¬ 
tude  : 


Cycles  to  Dampen  to  1/n  Ampli- 
tude : 


The  number  of  cycles  to  dampen 
to  a  given  fraction  of  the  original 
amplitude  is  important  in  any  dy¬ 
namic  stability  investigation.  The 
values  of  particular  interest  are 
the  number  of  cycles  to  dampen  to 
1/2  amplitude  and  1/10  amplitude. 


“1/n 


MiL 

2"  C 


The  amplitude  at  any  time  is 
given  by 


(6.78) 

and  for  1/2  and  1/10  amplitude. 
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Consider  the  amplitude  of  a 
dynamic  response  at  time  ti  and  t2 : 

A  »  A  e'”^wnt  1 
1  o 


0.1104 


(6.79) 
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=  0.367 
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It  is  apparent  that  the  cyclic 
damping  is  only  a  function  of  the 
damping  ratio.  For  small  damping 
ratios,  the  cyclic  damping  is 
closely  approximated  by: 


'1/2 


-  0.11 
C 


(6.81) 


C 


0.37 

1/10  ~  c 


(6.82) 


For  the  Dutch  roll,  the  number 
of  cycles  to  dampen  to  1/2  amplitude 
is  approximately 


which  shows  that  the  number  of 
cycles  to  dampen  is  primarily  a 
function  of  yaw  stability  and  yaw 
damping  and  is  somewhat  insensi¬ 
tive  to  stability  or  damping  in 
roll . 

•  «.11  HANDLING  QUALITIES 

The  characteristic  modes  of 
motion  of  the  airplane  as  previously 
discussed  are  the  airplane's  re¬ 
sponse  to  some  random  disturbance, 
or  perturbation.  The  motions 
(short  period,  phugoid,  Dutch  roll 
and  spiral)  are  stable  if  they  do 
not  persist  but  rather  decay  with 
time.  This  stability  is  called 
controls  -  fixed  stability  because 
there  are  no  control  inputs  by  the 
pilot.  The  pilot  does  have  an  in¬ 
herent  desire  to  maintain  equilibrium 
flight,  however,  and  the  amount  of 
effort  and  concentration  necessary 
to  do  so  is  an  indication  to  him  of 
the  handling  qualities  of  his  air¬ 
craft.  Furthermore,  the  ease  with 
which  he  can  maneuver  gives  him  a 
feeling  of  either  confidence  or  ap¬ 
prehension  about. the  airplane. 

The  pilot  issues  his  commands 
to  the  airplane  through  the  flight 
controls  and  therefore  his  primary 


judgment  of  the  handling  qualities 
is  his  assessment  of  what  he  must 
do  to  the  controls  to  execute  a 
particular  maneuver,  or  conversely, 
how  the  aircraft  responds  to  a  given 
control  input.  He  is,  therefore, 
aware  of  two  things;  his  control 
input  and  the  eventual  aircraft 
response.  Thus  the  distinction  must 
be  made  between  the  control  system 
dynamics  and  the  dynamics  of  the 
airframe.  This  chapter  will  not 
include  the  effects  of  control  sys¬ 
tem  dynamics  (a  subject  in  itself) 
but  will  be  limited  to  discussing 
the  effects  of  airframe,  dynamics 
on  handling  qualities. 

Handling  qualities  can  only 
be  defined  when  related  to  a  par¬ 
ticular  pilot  task  or  aircraft 
mission.  First  we  must  relate  the 
characteristic  modes  of  motion  to 
flight  vehicle  handling  qualities; 
then  through  the  proper  selection 
of  control  systems  or  artificial 
stabilization  devices,  the  overall 
handling  qualities  can  be  changed. 


longitudinal  short  perioo  motion 

The  short  period  mode  is  essen¬ 
tially  a  constant  speed  oscillation 
with  the  aircraft  experiencing  both 
normal  and  pitching  accelerations. 
The  frequency  and  damping  vary  with 
center  of  gravity  position  and  dy¬ 
namic  pressure.  The  pilot  evaluates 
the  frequency  and  damping  character¬ 
istics  of  the  type  aircraft  under 
consideration.  If  the  frequency 
of  motion  is  low,  the  response  is 
usually  termed  "sluggish."  As  the 
frequency  increases,  it  can  move 
into  a  region  where  the  pilot  can- 
nov.  keep  in  phase  with  the  motion. 
When  he  does  attempt  to  damp  the 
oscillation,  he  in  fact  reinforces 
it  with  a  "pilot  induced  oscilla¬ 
tion"  (PIO) .  As  the  frequency 
further  increases,  the  pilot  recog¬ 
nizes  his  inability  to  damp  the 
oscillation  and  does  not  attempt  to 
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do  so.  Previous  discussion  has 
shown  that  the  number  of  overshoots 
the  oscillation  has  is  a  function 
of  the  damping  ratio  and  not  the 
frequency  of  oscillation. 

Figure  6.7  shows  the  results 
of  a  pilot  opinion  study  for  the 
combination  of  natural  frequency 
and  damping  ratio  which  produces 
the  best  aircraft  handling  quali¬ 
ties.  Generally,  the  pilot  is 
aware  of  an  oscillatory  tendency 
if  ?  is  less  than  0.5,  and  regards 
the  aircraft  as  being  "sluggish" 
when  the  natural  frequency  is  0.5 
cps  or  less. 


If  the  airplane  short  period 
response  to  an  ideal  elevator  input 
is  considered,  the  best  ratio  of 
frequency  to  damping  can  be  deter¬ 
mined  (figure  6.8). 

Case  (a)  is  low  frequency 
that  has  a  heavily  damped  response, 
(b)  is  high  frequency  with  a  lightly 
damped  response.  Case  (c)  is  low 
frequency,  lightly  damped,  and  (d) 
is  high  frequency  which  is  about 
50  percent  damped. 

A  low  frequency  short  period 
is  typical  of  a  large  subsonic 
bomber-transport  aircraft  that  has 
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a  nonmaneuvering  mission.  If  this 
motion  is  lightly  damped,  the  pilot 
observes  a  quick  response  but  it 
overshoots  and  his  attempts  to  cor¬ 
rect  this  results  in  overcontrolling. 
A  high  frequency  short  period  is 
typical  of  a  subsonic  fighter-type 
aircraft  that  has  a  maneuvering 
mission.  If  this  motion  is  lightly 
damped  +-he  pilot  again  sees  a  quick 
response  and  an  oscillation.  The 
motion  steadies  out  faster  than  the 
low  frequency  heavily  damped  motion 
but  the  pilot  doesn't  like  the 
"bouncing"  of  the  nose  and  the  dif¬ 
ficulty  it  imposes  on  a  tracking 
task.  If  the  high  frequency  motion 
is  about  50  percent  damped  the  pilot 
observes  a  quick  response  and  the 
overshoot  is  past  so  soon  he  hardly 
notices  it. 

In  both  cases  a  heavily  damped 
short  period  is  desired.  If  the 
short  period  frequency  is  too  low, 
the  response  can  be  corrected  by  a 
control  system  that  puts  in  a  large 
deflection  and  then  automatically 
takes  it  out  as  the  desired  angle 
of  attack  is  reached.  If  the  fre¬ 


quency  is  too  high,  the  response 
can  be  corrected  by  the  use  of  a 
pitch  damper.  Thus  the  short  period 
characteristics  can  be  modified  and 
on  occasion  brought  from  unaccept¬ 
able  to  acceptable. 

LONGITUDINAL  LONG  PERIOD  MOTION 
(PHUGOID) 

The  phugoid  mode  (essentially 
a  constant  angle  of  attack.-  varying 
airspeed  and  altitude  oscillation) 
has  such  a  long  period  that  even 
large  changes  in  frequency  make 
little  difference  to  the  pilot. 

Even  the  highest  phugoid  frequency 
has  a  period  several  times  in  excess 
of  the  pilot's  normal  response  time. 

Section  6.6  mentioned  the 
possibility  of  a  divergent  phugoid 
in  the  power  approach  configuration. 
There  are,  in  addition,  some  objec¬ 
tionable  features  of  the  phugoid, 
even  though  it  may  not  be  divergent. 
Studies  have  shown  that  pilots  do 
not  object  to  the  phugoid  over  a 
wide  variation  of  frequency  and 
damping  as  long  as  they  have  a 
visual  horizon.  Poor  handling  qual¬ 
ities  do  result  when  the  pilot  uses 
an  artificial  horizon  coupled  with 
low  damping  ratios,  regardless  of 
frequency.  The  problem  stems  from 
the  increased  pilot  attention  re¬ 
quired  to  hold  airspeed  and  altitude. 

Equation  (6.51)  shows  that  the 
damping  of  the  phugoid  is  heavily 
dependent  on  the  stability  parameter 
Du.  Thus  the  minimum  damping  occurs 
when  the  aircraft  is  cruising  at 
the  speed  for  (L/D)  max  (maximum 
range  for  propeller  aircraft  and 
maximum  endurance  for  jet  aircraft) . 
The  damping  ratio  for  the  phugoid 
can  also  be  expressed  as: 6 

t  -  — - -  (6.84) 

VT  (L/D) 


^ Section  8.4,  Modern  Flight  Dynamics,  Kolk. 


Configurations  designed  spe¬ 
cifically  for  high  lift-to-drag 
ratios  are  most  susceptible  to  un¬ 
satisfactory  damping.  The  design¬ 
er's  best  efforts  to  reduce  drag 
will  ironically  not  be  in  the  best 
interests  of  phugoid  handling  qual¬ 
ities.  The  features  of  an  air¬ 
craft  with  low  phugoid  damping 
describe  the  subsonic  long  range 
transport,  and  every  effort  to 
maximize  its  performance  undermines 
its  inherent  cruising  ability. 

With  rapidly  expanding  air  traffic, 
the  threat  of  mid-air  collision 
emphasizes  the  need  for  aircraft 
to  maintain  prescribed  altitudes; 
yet  their  capacity  to  do  so  is 
deteriorating.  Clearly,  automatic 
stabilization  will  become  common¬ 
place  to  correct  poor  phugoid  char¬ 
acteristics  . 

LATERAL-DIRECTIONAL  OSCILLATORY 
MOTION  (DUTCH  ROLL) 

Substantial  effort  has  been 
expended  to  define  the  limits  of 
satisfactory  and  unsatisfactory 
Dutch  roll  handling  qualities. 
Frequency  and  damping  considerations 
alone  do  not  give  the  true  picture. 
The  pilot  is  'not  concerned  with  how 
long  the  motion  persists,  but  rather 
with  the  number  of  cycles  he  senses. 
Early  conclusions  were  that  cyclic 
damping  could  serve  as  a  guide , 
with  the  Dutch  roll  becoming  more 
objectionable  as  the  cycles  to 
damp  to  one-half  amplitude  in¬ 
creased  . 

World  War  II  found  aircraft 
flying  at  higher  altitudes  than 
before.  Combat  ceilings  rose,  but 
so  did  increasing  complaints  of  a 
rolling  tendency  that  was  not  pres¬ 
ent  at  medium  or  low  altitudes. 

Jet  aircraft  pushed  the  ceilings 
higher  and  found  more  acute  rolling 
tendencies.  The  problem  was  to  pro¬ 
vide  better  cyclic  damping  at  high 
altitude,  but  a  parameter  indicative 
of  such  a  requirement  was  not  ob¬ 
vious.  The  parameter  had  to  be  one 
that  reflected  the  transition  of 
the  Dutch  roll  from  a  yawing  motion 
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at  low  altitude  to  a  rolling  motion 
at  high  altitude.  The  ratio  of  roll 
to  sideslip  seemed  to  describe  the 
motion.  It  was  hoped  that  a  line 
delineating  between  satisfactory 
and  unsatisfactory  Dutch  roll  could 
be  empirically  found  on  a  plot  of 
inverse  cyclic  damping  versus  the 
|  <f>/B  |  ratio  as  shown  in  figure  6.9. 


Figure  6.9 


This  was  found  to  be  the  case, 
and  better  cyclic  damping  was 
needed  as  the  1 4>/6 1  ratio  increased. 
Unfortunately,  the  plot  is  valid 
only  for  one  airspeed  at  one  alti¬ 
tude.  In  order  to  make  the  plot 
valid  for  all  flight  conditions, 
the  Dutch  roll  is  analyzed  in  terms 
of  the  roll  parameter  |<t>/ve|  where 
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Equation  (6.73)  is  repeated 
here  to  facilitate  discussion  of 
the  1  <t>/6  |  ratio  -  the  primary  con¬ 
sideration  in  the  acceptability  of 
the  Dutch  roll  mode. 


Reducing  C lg  and  increasing 
Cng  reduces  the  rolling  tendency. 

Clg  has  little  effect  on  cyclic 
damping,  but  Cng  does  improve  it. 

A  decrease  in  yaw  inertia  (Iz)  and 
an  increase  in  roll  inertia  (Ix) 
also  reduces  the  rolling  tendency. 
However,  the  emphasis  on  speed  has 
dictated  thin,  low  aspect  ratio 
wings  and  high  concentration  of 
mass  in  the  fuselage.  Thus  fuselage 
loaded  aircraft  with  their  higher 
ratios  of  yaw  to  roll  inertia  are 
characterized  by  their  high  \<t>/&\ 
ratios.  The  denominator  of  equa¬ 
tion  (6.73)  incJudes  the  term 
Lp  /Mg,  which  can  be  shown  to  be 

proportional  to  the  air  density 
ratio,  a.  As  an  increase  in  alti¬ 
tude  reduces  o,  the  | 0 / 6 |  ratio 
will  increase.  Modern  aircraft 
all  use  artificial  damping  in  the 


form  of  yaw  dampers  to  improve 
the  Dutch  roll  handling  qualities. 

LATERAL-DIRECTIONAL  NONOSCILLATORY 
MOTION  (SPIRAL  MODE) 

Flight  investigations  have 
shown  that  pilots  tolerate  some 
spiral  instability,  but  the  sever¬ 
ity  of  acceptable  divergence  varies 
with  the  flight  conditions.  Under 
VFR  conditions,  the  divergence  is 
acceptable  even  if  it  doubles  in 
amplitude  in  5  seconds.  Under  IFR 
conditions,  however,  where  the 
pilot's  workload  is  increased  with 
enroute  charts,  letdown  books,  and 
radio  transmissions  coupled  with 
precision  instrument  flying,  the 
acceptable  time  to  double  the  ampli¬ 
tude  is  about  20  seconds. 

The  spiral  motion  is  nonoscil- 
.latory  and  is  usually  divergent. 
Either  a  gust  or  control  movement 
causing  the  aircraft  to  enter  a 
bank  is  sufficient  to  initiate  the 
motion.  Once  the  bank  is  attained, 
the  aircraft  sideslips  toward  the 
low  wing.  If  the  aircraft  has  more 
lateral  stability  (C£g)  than  direc¬ 
tional  stability  (CWg),  the  rolling 
moment  due  to  sideslip  will  tend 
to  roll  the  aircraft  out  of  the 
bank.  In  this  case,  the  spiral 
mode  is  convergent.  If  the  direc¬ 
tional  stability  is  dominant,  the 
aircraft  will  weathervane  into  a 
spiral . 

In  level  flight,  the  spiral 
root  to  the  characteristic  equation 
(6.67)  is  closely  approximated  by 


+ 


L 

r  R 


(6.86) 


The  roll  due  to  yaw  rate,  JLr, 
is  usually  positive,  and  with  the 
remaining  parameters  taking  their 
conventional  signs,  the  first  term 
of  (6.86)  is  negative  and  there¬ 
fore  stabilizing  whereas  the  second 
term  is  positive  and  destabilizing. 
The  most  important  parameters  are 
Lg  and  Mg. 
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To  correct  for  a  severe  spiral 
divergence,  any  of  the  four  param¬ 
eters  can  be  altered,  but  only  Lr 
can  be  changed  without  modifying 
the  Dutch  roll.  The  only  independent 
correction  that  can  be  made  to  Lr  is 
by  artificial  means,  such  as  aileron 
deflection  proportional  to  yaw  rate. 

LATERAL  NONOSCILLATORY  MOTION 
(ROLL  MODE) 

An  airplane's  ability  to  roll 
is  properly  a  characteristic  of  its 
maneuverability,  but  it  is  also  part 
of  its  handling  qualities,  due  to 
the  possibility  of  encountering  roll 
coupling  instability  at  high  roll 
rates.  This  is  the  upper  limit  on 
usable  roll  rate. 

Maneuverability  makes  two  de¬ 
mands  of  roll  performance:  ability 
to  lift  a  wing  and  ability  to  change 
direction.  During  landing,  the 
' pilot  seeks  to  quickly  raise  a  wing 
that  dropped  due  to  crosswinds  or 
a  gust.  The  faster  his  airspeed, 
the  higher  the  roll  rate  must  be 
for  a  given  level  of  roll  perfor¬ 
mance.  Takeoff  and  landing  thus 
provide  natural  design  limits  on 
minimum  roll  rate. 

The  ability  to  change  direc¬ 
tion  quickly  is  contingent  upon 
roll  performance.  The  pilot,  through 
his  lateral  control,  rolls  into  a 
bank  and  pulls  back  on  the  stick 
making  the  plane  fly  a  curved  path. 
The  time  to  reach  a  desired  bank 
angle,  $ ,  is  the  important  considera¬ 
tion. 

.  7 

6.12  PILOT  RATING  SCALES 

The  pilot,  being  the  final 
judge  of  an  airplane's  handling 
qualities,  is  ideally  the  most 
qualified  individual  to  lead  the 
design  effort;  but  this  presupposes 
a  thorough  engineering  background. 

It  is  usually  necessary  for  the 
engineer  to  accept  the  design  burden 

^A  Revised  Pilot  Roting  Scolr  (or  the  Evaluotion  of  Hond- 
ling  Quolities,  CAL  Report  No.  153,  Robert  P.  Horper 
ond  George  E.  Cooper. 


and  determine  which  aerodynamic 
qualities  the  pilot  interprets  as 
desirable  and  undesirable.  Re¬ 
course  is  made  to  an  evaluation  of 
pilot  opinion,  \  complicated  process 
because  each  pilot  expects  some¬ 
thing  different  from  an  airplane. 

The  Cornell  Aeronautical 
Laboratory's  Flight  Research  De¬ 
partment  has  made  notable  contri¬ 
butions  to  the  use  and  understand¬ 
ing  of  pilot  rating  scales  and 
pilot  opinion  surveys.  Except  for 
minor  variations  between  pilots, 
which  sometimes  prevent  a  sharp 
delineation  between  acceptable  and 
unacceptable  flight  characteristics, 
there  is  very  definite  consistency 
and  reliability  in  pilot  opinion. 

In  addition,  the  opinions  of  well 
qualified  test  pilots  can  be  ex¬ 
ploited  because  it  has  been  found 
that  other  pilots  are  invariably 
satisfied  with  the  characteristics 
the  test  pilots  conclude  to  be 
acceptable . 

The  stability  and  control 
characteristics  of  airplanes  are 
generally  established  by  wind  tun¬ 
nel  measurement  and  by  technical 
analysis  as  part  of  the  airplane 
design  process.  The  handling  qual¬ 
ities  of  a  particular  airplane 
are  realted  to  the  stability  and 
control  characteristics.  The  re¬ 
lationship  is  a  complex  one  which 
involves  the  combination  of  the 
airplane  and  its  human  pilot  in  the 
accomplishment  of  the  intended  use, 
or  mission.  It  is  important  that 
the  effects  of  specific  stability 
and  control  characteristics  be 
evaluated  in  terms  of  their  ulti¬ 
mate  effects  on  the  suitability  of 
the  pilot-vehicle  combination  for 
the  mission.  On  the  basis  of  this 
information,  intelligent  decisions 
can  be  made  during  the  airplane 
design  phase  which  will  lead  to  the 
desired  handling  qualities  of  the 
final  product. 

There  are  three  general  ways 
in  which  the  relationship  between 
stability  and  control  parameters 
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and  the  degree  of  suitability  of 
the  airplane  for  the  mission  may 
be  examined: 

1.  Theoretical  analysis, 

2.  Experimental  performance 
measurement, 

3.  Pilot  evaluation. 

Each  of  the  three  approaches 
has  an  important  role  in  the  com¬ 
plete  evaluation.  One  might  ask, 
however,  why  is  the  pilot  assess¬ 
ment  necessary?  At  present  the 
mathematical  analysis  including  rep¬ 
resentation  of  the  human  operator 
best  lends  itself  to  analysis  of 
specific  simple  tasks.  Since  the 
intended  use  (mission)  is  made  up 
of  several  tasks  and  several  modes 
of  pilot-vehicle  behavior,  diffi¬ 
culty  is  experienced  first  in  accu¬ 
rately  describing  all  modes  analyti¬ 
cally,  and  second  in  integrating 
the  quality  of  the  subordinate  parts 
into  a  measure  of  overall  quality 
for  the  intended  use.  In  spite  of 
these  difficulties,  theoretical 
analysis  is  fundamental  to  under¬ 
standing  pilot-vehicle  difficulties, 
and  pilot  evaluation  without  it  re¬ 
mains  a  purely  experimental  process. 

The  attainment  of  satisfactory 
performance  in  fulfillment  of  a 
designated  mission  is,  of  course, 
a  fundamental  reason  for  our  con¬ 
cern  with  handling  qualities.  Why 
cannot  the  experimental  measurement 
of  performance  replace  pilot  evalua¬ 
tion?  Why  not  measure  pilot-vehicle 
performance  in  the  intended  use  - 
isn't  good  performance  consonant 
with  good  quality?  A  significant 
difficulty  arises  here  in  that  the 
performance  measurement  tasks  may 
not  demand  of  the  pilot  all  that 
the  real  mission  demands.  The 
pilot  is  an  adaptive  controller 
whose  goal  (when  so  instructed)  is 
to  achieve  good  performance.  In 
a  specific  task,  he  is  capable  of 
attaining  essentially  the  same  per¬ 
formance  for  a  wide  range  of  vehicle 
characteristics,  at  the  expense  of 


significant  reductions  in  his 
capacity  to  assume  other  duties  and 
planning  operations.  Significant 
differences  in  task  performance  may 
not  be  measured  where  very  real  dif¬ 
ferences  in  mission  suitability  do 
exist . 

The  questions  which  arise 
in  using  performance  measurements 
may  be  summarized  as  follows:  (1) 
For  what  maneuvers  and  tasks  should 
measurements  be  made  to  define  the 
mission  suitability?  (2)  How  do  we 
integrate  and  weigh  the  performance 
in  several  tasks  to  give  an  overall 
measure  of  quality  if  measurable 
differences  do  exist?  (3)  Is  it 
necessary  to  measure  or  evaluate 
pilot  workload  and  attention  fac¬ 
tors  for  performance  to  be  meaning¬ 
ful?  If  so,  how  are  these  factors 
weighed  with  those  in  (2)?  (4) 

What  disturbances  and  distractions 
are  necessary  to  provide  a  realis¬ 
tic  workload  for  the  pilot  during 
the  measurement  of  his  performance 
in  the  specified  task? 

Pilot  evaluation  still  remains 
the  only  method  of  assessing  the 
interactions  between  pilot  perfor¬ 
mance  and  workload  in  determining 
suitability  of  the  airplane  for  the 
mission.  It  is  required  in  order 
to  provide  a  basic  measure  of  qual¬ 
ity  and  to  serve  as  a  standard 
against  which  pilot-airplane  system 
theory  mav  be  developed,  against 
which  performance  measurements  may 
be  correlated,  and  with  which  sig¬ 
nificant  airplane  design  parameters 
may  be  determined  and  correlated. 

The  technical  content  of  the 
pilot  evaluation  generally  falls 
into  two  categories:  one,  the 
identification  of  characteristics 
which  interfere  with  the  intended 
use,  and  two,  the  determination  of 
the  extent  to  which  these  character¬ 
istics  affect  mission  accomplish¬ 
ment.  The  latter  judgment  may  be 
formalized  as  a  pilot  rating.. 

In  1956,  the  newly  formed 
Society  of  Experimental  Test  Pilots 
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accepted  responsibility  for  one 
program  session  at  the  annual  meet¬ 
ing  of  the  Institute  of  Aeronautical 
Sciences.  For  this  purpose,  a  paper, 
entitled  "Understanding  and  Inter¬ 
preting  Pilot  Opinion"  was  prepared, 
which  represented  an  attempt  to 
create  better  understanding  and 
utilization  of  pilot  opinion  and 
evaluation  in  the  field  of  aero¬ 
nautical  research  and  development. 

At  that  time,  the  pilot  rating 
system  shown  in  figure  6.11  was 
introduced.  In  recent  years,  this 
scale,  developed  at  the  National 
Advisory  Committee  for  Aeronautics 
(NACA) ,  Ames  Aeronautical  Laboratory, 
has  come  into  rather  extensive  use, 
not  only  in  aeronautical,  but  space 
flight  work  as  well.  The  widespread 
acceptance  of  such  a  rating  system 
has  indicated  a  general  need  for 
some  uniform  method  of  assessing 
aircraft  handling  qualities  through 
pilot  opinion.  The  Cooper  rating 
system  has  received  widespread  use 
and  in  some  cases,  misuse. 

One  other  scale  in  use  when 
the  Cooper  scale  was  introduced  was 
developed  at  Cornell  Aeronautical 
Laboratory,  Inc.  (CAL),  and  is  shown 
in  figure  6.12.  Both  rating  scales 
were  independently  developed  during 
the  early  use  of  variable  stability 

Figure  6.11  ORIGINAL  COOPER  SCALE 


aircraft.  These  vehicles,  as  well 
as  the  use  of  ground  simu3ation, 
made  possible  systematic  studies  of 
aircraft  handling  qualities  through 
pilot  evaluation,  and  rating  of  the 
effects  of  specific  stability  and 
control  parameters.  During  subse¬ 
quent  evaluation  programs,  CAL  made 
use  of  the  10-point  Cooper  scale. 

CAL  developed  a  revised  10-point 
rating  scale  for  later  evaluations 
and  is  shown  in  figure  6.-3 

It  appeared  logical  therefore, 
for  Ames  and  CAL  to  prepare  a  joint 
report  for  the  purpose  of  proposing 
an  improved  scale  as  well  as  clarify¬ 
ing  the  use  of  rating  scales.  A 
joint  venture  was  undertaken  in  an 
attempt  to  use  the  experience  gained 
at  Ames  and  at  CAL  to  stimulate  a 
critical  review  of  the  existing 
methods  of  handling  qualities 
assessment,  to  review  the  use  of 
rating  scales  in  general,  and  to 
clarify  the  concepts  and  procedures 
used  in  any  pilot  evaluation.  Con¬ 
structive  criticism  of  the  original 
scales  was  made  by  many  individual 
test  pilots  and  engineers,  and  to 
the  extent  possible,  was  considered 
in  the  preparation  of  the  report. 

It  was  hoped  that  a  single  improved 
scale  might  result  from  the  coordi¬ 
nated  effort. 


ADJECT  I VE 
RATING 


NORMAL 

OPERATION 


EMERGENCY 

OPERATION 


\  NO 

|  OPERATION 


NUMER ICAL 
RATING 


DESCRIPTION 


PR IMARY  MISSION 
ACCOMPLISHED? 


CAN 

BE  LANOED 


<7 - 

“V 

— ^ 

1 

EXCELLENT,  INCLUOES  OPTIMUM 

YES 

YES 

■  SATISFACTORY 

2 

G000.  PLEASANT  TO  FLY 

YES 

YES 

3 

SATISFACTORY.  BUT  WITN  SOME  MILOl.Y 
UNPLEASANT  CNARACTER 1  ST  ICS 

YES 

YES 

4 

ACCEPTABLE.  BUT  WITH  UNPLEASANT 
CHARACTERISTICS 

YES 

YES 

1  UNSATISFACTORY 

5 

UNACCEPTABLE  FOR  NORMAL 

OPERATION 

DOUBTFUL 

YES 

6 

ACCEPTABLE  FOR  EMERGENCY 

CONDITION  ONLY* 

OOUBTFUL 

YES 

7 

UNACCEPTABLE  EVEN  FOR 

EMERGENCY  C0N0ITI0N* 

NO 

OOUBTFUL 

►  UNACCEPTABLE 

B 

UNACCEPTABLE  -  0ANGER00S 

NO 

NO 

9 

■  ■» 

UNACCEPTABLE  -  UNCONTROLLABLE 

NO 

NO 

UNPRINTABLE 


"MOTIONS  POSSIBLY  VIOLENT  ENOUGN  TO  PREVENT  PILOT  ESCAPE" 


'  (Failure  of  a  stability  augnenter) 
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The  following  paragraphs  take 
us  through  the  development  of  a 
revised  rating  scale.  This  analysis 
was  performed  by  the  Cornell  Aero¬ 
nautical  Laboratory,  and  is  pre¬ 
sented  here  to  give  the  reader  an 
insight  into  the  considerations 
involved. 


To  examine  these  considera¬ 
tions  let  us  first  review  the 
present  Cooper  scale,  shown  in  fig¬ 
ure  6.11.  The  Cooper  scale  first 

Figure  6.12  EARLY  CAL  PILOT  RATING  SCALE 


proposed  the  basic  framework  that 
is  still  the  foundation  of  pilot 
rating  scales  and,  as  will  be  noted 
later,  is  fundamental  to  the  re¬ 
vised  scale.  This  framework  in¬ 
volves  several  grades  of  quality 
as  related  to  the  intended  use  of 
the  vehicle:  acceptable  and  satis¬ 
factory  -  and  therefore  sufficiently 
good;  acceptable  but  unsatisfac¬ 
tory  -  not  sufficient,  but  still 
usable;  unacceptable  -  and  therefore 
not  adequate  for  tl.e  mission;  and 
uncontrollable . 


OPTIMUM 


P 


ACCEPTABLE 

GOOD 


P 


ACCEPTABLE  f> 


ACCEPTABLE 

POOR 


P 


UNACCEPTABLE  r> 


I  THIS  CONFIGURATION  IS  THE  BEST  ALL  ARDUNO,  IT  COMBINES 
I  BEST  PRECISION  OF  CONTROL  WITH  MOST  COMFORTABLE  CONTROL. 

NOTICEABLY  BETTER  THAN  ACCEPTABLE  BUT  STILL  COULO  BE 
IMPROVEO.  FOR  EXAMPLE.  VERT  COMFORTABLE  TO  FLY  BUT 
NOT  THE  BEST  CONTROL  PRECISION. 

|  IN  THIS  CONFIGURATION,  THE  AIRPLANE'S  Mls”lON  C0ULD~b'e_" 

I  ACCOMPLISHED  REASONABLY  NELL.  BUT  WITH  CONSIDERABLE  PILOT 
I  EFFORT  OR  ATTENTION  REQUIRED  DIRECTLY  FOR  FLYING  THE  AIRPLANE. 

I  AIRPLANE  SAFE  TD  FLY,  BUT  PILOT  EFFORT  OR  ATTENTION  REQUIRED 
I  IS  SUCH  AS  TO  REDUCE  SERIOUSLY  THE  EFFECTIVENESS  OF  THE 
I  AIRPLANE  IN  ACCOMPLISHING  ITS  MISSION. 

PILOT  EFFORT  OR  ATTENTION  REQUIRED  TO  THE  EXTENT  THAT  THE 
AIRPLANE'S  ABILITY  TO  ACCOMPLISH  ITS  MISSION  IS  DOUBTFUL. 

DR.  AIRPLANE  WOULD  BE  UNSAFE  TO  FLY  IF  PILOT'S  ATTENTION 
IS  REQUIRED  FOR  NAVIGATION.  RADIO.  COMBAT.  ETC. 


THE  PILOT  IS  PERMITTED  TO  ATTACH  A  PLUS  OR  MINUS  TO  THE  RATINGS  GIVEN 
ABOVE  IF  HE  FEELS  A  FINER  BREAKDOWN  IS  NECESSARY. 


Figure  I.i3  LATER  CAL  PiLOT  RATING  SCALE 


CATEGORY 

ADJECTIVE  DESCRIPTION 

WITHIN  CATEGORY 

Ml  M  F R 1  CAL 

RATING 

ACCEPTABLE 

EXCELLENT 

i 

AND 

f  OOD 

2 

SATISFACTORY 

FAIR 

3 

ACCEPTABLE 

FAIR 

4 

BUT 

POOR 

5 

UNSATISFACTORY 

BAD 

6 

TAD* 

7 

UNACCEPTABLE 

\ERY  BAD" 

B 

CANGEROUS' 

9 

UNFLYABLE 

UNFLYABLE 

10 

■REQUIRES  MAJOR  PORTION  OF  PILOT'S  ATTENTION 
••CONTROLLABLE  ONLY  WITH  A  MINIMUM  OF  COCKPIT  DUTIES 
'AIRCRAFT  JUST  CONTROLLABLE  WITH  COMPLETE  ATTENTION 
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The  CAL  scale  of  figure  6.13 
was  developed  primarily  because  the 
Cooper  scale  was  confusing  to  some 
in  that  it  could  be  interpreted  as 
introducing  an  alternate  mission 
concept.  Separate  boundaries  were 
shown  for  normal  operation  and  for 
an  undefined  emergency  condition. 

By  removing  this  doubt  of  mission 
completion  in  the  adjective  descrip¬ 
tions  in  the  acceptable  range,  as 
well  as  removing  all  consideration 
of  an  alternate  mission  from  the 
scale  itself,  the  CAL  scale  clari¬ 
fied  this  situation.  However,  the 
very  simple  descriptions  of  the  CAL 
scale  arc  not  considered  particu¬ 
larly  helpful  by  many  pilots. 

Aside  from  these  points,  the 
two  scales  reflect  a  basic  simi¬ 
larity  which  is  indicative  of  a 
common  desire  to  define  mission 
suitability  by: 


quality  of  the  pilot-vehicle  com¬ 
bination  in  the  accomplishment  of 
its  intended  purpose. 

MAJOR  CATEGORIES 

The  basic  structure  of  the 
Cooper  and  CAL  rating  scales  is 
retained  in  the  proposed  scale. 
Similar  major  categories  of  quality 
are  proposed  which  stress  the  re¬ 
lationship  of  quality  relative  to 
the  intended  use.  However,  the 
me  nngs  of  the  major  categories 
a  e  explicitly  defined.  Further¬ 
more,  the  pilot's  consideration  of 
the  categories  is  systematized  by 
arranging  a  sequential  series  of 
selections  between  two  alternatives 
that  lead  to  the  proper  category 
selection. 

Figure  6.14  SEQUENTIAL  PILOT  RATING  DECISIONS 

SERIES  OF  DECISIONS  LEAOING  TO  A  RATING: 


1.  Ensuring  that  investigators 
adequately  define  the  mission 
and  projtam  objectives. 

2.  Firmly  establishing  within 
the  scale  the  acceptable  - 
unacceptable,  and  satisfactory 
-  unsatisfactory  boundaries, 

3.  Creating  a  logical  basis  to 
enable  the  pilot  to  express 
his  assessment  accurately 
and  repeatably. 

DEVELOPMENT  OF  A  REVISED  SCALE 

Having  now  indicated  certain 
of  the  objections  and  recognized 
deficiencies  of  two  raring  scales, 
we  are  in  a  position  to  construct 
a  revised  seal?  by  starting  with 
those  fundamental  areas  of  common 
agreement  just  mentioned.  As  pre¬ 
viously  noted,  a  pilot  rating  is 
a  portion  of  the  technical  report 
of  the  evaluator,  and  is  the  overal.1 
summation  of  tne  suitability  of  the 
vehicle  for  the  specified  use. 

The  pilot  raring  scale  is  then  a 
systematic  means  of  denoting  the 
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This  structure  is  shown  in 
figure  6.14,  where  a  flow  chart 
is  presented  to  enable  tracing  the 
series  of  dichotomous  decisions 
which  the  pilot  makes  in  arriving 
at  the  final  rating.  As  a  ru.le, 
the  first  decision  may  be  fairly 
obvious.  Is  the  configuration  con¬ 
trollable  or  uncontrollable?  To 
determine  whether  this  decision 
applies  throughout  the  mission  may 
not  be  so  obvious. 

If  the  airplane  is  uncontrol¬ 
lable  in  the  mission,  it  is  rated 


i.s: 


10.  If  it  is  controllable,  the 
second  decision  examines  whether  it 
is  acceptable  or  unacceptable.  If 
unacceptable,  the  ratings  U7,  U8 , 
and  U9  are  to  be  considered  (rating 
10  has  been  excluded  by  the  "con¬ 
trollable"  answer  to  the  first 
decision).  If  it  is  acceptable, 
the  third  decision  must  examine 
whether  it  is  satisfactory  or  un¬ 
satisfactory.  If  unsatisfactory, 
the  ratings  A4,  A5  and  A6  are  to 
be  considered;  if  satisfactory,  the 
ratings  Al,  A2,  and  A3  are  to  be 
considered , 

The  basic  categories  must  be 
described  in  carefully  selected 
terms  to  clarify  and  standardize 
the  boundaries  desired.  Following 
a  careful  review  of  dictionary 
definitions  and  consideration  of 
the  pilot's  requirement  for  clear, 
concise  descriptions,  the  category 
definitions  shown  in  figure  6.15 
were  selected.  When  considered  in 
conjunction  with  the  structural 
outline  presented  in  figure  6.14, 
a  clearer  picture  of  the  series  of 
decisions  which  the  pilot  must  make 
is  obtained. 


Figure  8.15  MAJOR  CATEGORY  DEFINITIONS 


CAT  EGORY 

0EFINITI0N 

CONTROLLABLE 

CAPABLE  OF  BEING  C0NTR0LLE0  OR  MANAGED  IN  CONTEXT 

OF  MISSION.  WITH  AVAILABLE  PILOT  ATTENTION. 

UNCONTROLLABLE 

CONTROL  WILL  BF  LOST  OUR  1 NG  SOME  PORTION  OF  MISSION. 

ACCEPTABLE 

MAY  HAVE  OEFIC'ENfiES  WHICH  WARRANT  IMPROVEMENT  BUT 
ADEQUATE  FOR  MISSION.  PILOT  COMPENSAT 1 CN .  IF  REQUIRED 

TO  ACHIEVE  ACCEPTABLE  PERFORMANCE.  IS  FEASIBLE. 

UNACCEPTABLE 

DEFICIENCIES  WHICH  SQUIRE  MAN0AT0RY  IMPROVEMENT. 
•NAOEQUATE  PERFORMANCE  FOR  MISSION.  EVEN  WITH  MAXIMUM 
FEASIBLE  PILOT  COMPENSATION. 

SATISFACTORY 

MEETS  ALL  REQUIREMENTS  ANO  EXPECTATIONS:  G000  ENOUGH 
WITHOUT  IMPROVEMENT.  CLEARLY  AOEQUATE  FOR  MISSION. 

UNSATISFACTORY 

RELUCTANTLY  ACCEPTABLE.  DEFICIENCIES  WHICH  WARRANT 
IMPROVEMENT.  PERFORMANCE  AOiQUATE  *0R  MISSION  WITH 
FEASIBLE  PILOT  COMPENSATION. 

Let  us  examine  what  is  meant 
by  controllable.  To  control  is  to 
exercise  direction  of,  or  to  com¬ 


mand.  Control  also  means  to  regu¬ 
late.  The  determination  as  to 
whether  the  airplane  is  controllable 
or  not  must  be  made  within  the 
framework  of  the  defined  mission  or 
intended  use.  An  example  of  the 
considerations  of  this  decision 
would  be  the  evaluation  of  fighter 
handling  qualities  during  which 
the  evaluation  pilot  encounters  a 
configuration  over  which  he  can 
maintain  control  only  with  his  com¬ 
plete  and  undivided  attention. 

The  configuration  is  "controllable" 
in  the  sense  that  the  pilot  can 
maintain  control  by  restricting 
the  tasks  and  maneuvers  which  he  is 
called  upon  to  perform.,  and  by  giv¬ 
ing  the  conf iguration  his  undivided 
attention.  However,  for  him  to  ans¬ 
wer  "Yes,  it  is  controllable  in 
the  mission,"  he  must  be  able  to 
retain  control  in  the  mission  tasks 
with  whatever  effort  and  attention 
are  available  from  the  totality  of 
his  mission  duties. 


The  dictionary  shows  acceptable 
to  mean  that  a  thing  offered  is  re¬ 
ceived  with  a  consenting  mind,  un¬ 
acceptable  to  mean  that  is  is  re¬ 
fused  or  rejected.  Acceptable  means 
that  the  mission  can  be  accomplished; 
it  means  that  the  evaluation  pilot 
would  agree  to  buy  it  for  the  mis¬ 
sion:  for  him  to  fly,  for  his  son 
to  fly,  or  for  either  to  ride  in  as 
a  passenger.  "Acceptable"  in  the 
rating  scale  doesn't  say  how  good 
it  is  for  the  mission,  but  it  does 
say  it  is  good  enough.  Wi.h  these 
characteristics,  the  mission  can  be 
accomplished.  It  may  be  accomplished 
with  considerable  expenditure  of 
effort  and  concentration  on  the  part 
of  the  pilot,  but  the  levels  of 
effort  and  concentration  required  in 
order  to  achieve  this  acceptable 
performance  are  feasible  in  the  in¬ 
tended  use.  By  the  samp  token,  un¬ 
acceptable  does  not  necessarily 
mean  that  the  mission  cannot  be 
accomplished;  it  does  mean  that  the 
effort,  concentration,  and  workload 
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necessary  to  accomplish  the  mission 
are  of  such  a  magnitude  that  the 
evaluation  pilot  rejects  that  air¬ 
plane  for  the  mission. 

Consider  now  a  definition  of 
satisfactory.  The  dictionary  <'  »- 
fines  this  as  adequate  for  the  pur¬ 
pose,  of  a  kind  to  meet  all  require¬ 
ments  or  expectations.  A  pilot's 
definition  of  satisfactory  might  be 
that  it  isn't  necessarily  perfect 
or  even  good,  but  it  is  good  enough 
that  he  wouldn't  ask  that  it  be 
fixed.  It  meets  a  standard,  it  has 
sufficient  goodness;  it's  of  a  kind 
to  meet  all  requirements  of  a  mis¬ 
sion.  Unsatisfactory,  though 
acceptable,  implies  that  the  objec¬ 
tionable  characteristics  should  be 
improved  if  possible,  that  it  is 
defective  or  deficient  in  a  limited 
sense,  that  there  is  insufficient 
goodness,  that  it  is  reluctantly 
acceptable . 

Figure  6.18  REVISED  PILOT  RATING  SCALE 


Thus,  the  quality  is  either: 

a.  completely  acceptable  (satis¬ 
factory)  and  therefore  of  the 
best  category,  or 

b.  reluctantly  acceptable  (un¬ 
satisfactory)  and  of  the  next 
best  category,  or 

c.  unacceptable,  not  suitable  for 
the  mission  but  still  con¬ 
trollable,  and  in  the  third 
category,  or 

d.  unacceptable  for  the  mission 
and  uncontrollable,  and  of 
the  poorest  quality. 


INDIVIDUAL  RATING  DESCRIPTIONS 

The  complete  rating  scale  is 
shown  in  figure  6.16. 


SATISFACTORY 

MEETS  ALL  REQUIREMENTS 
ANO  EXPECTATIONS,  GOOO 
ENOUGH  WITHOUT 
IMPROVEMENT 

EXCELLENT,  HIGHLY  OESIRABLE 

A 1 

ACCEP 1  ABLE 

UAY  HAVE 

DEFICIENCIES  WHICN 
WARRANT  IMPROVEMENT, 

BUT  AOEQUATE  FOR 

GOOO,  PLEASANT.  WELL  BEhAVEO 

*2 

CLEARLY  AOEQUATE  FOR 
MISSION. 

FAIR.  SOME  MIIOIY  UNPLEASANT  CHARACTERISTICS. 

GOOO  ENOUGH  FOR  MISSION  WITHOUT  IMPROVEMENT. 

A3 

CONTROLLABLE 

CAPANLE  OF  BEING 

CONTROL  .EO  OR 

MANAOEO  IN  CONTEXT 

PILOT  COMPENSATION, 

IF  REQUIREO  TO 

ACNIEVE  ACCEPTABLE 

UNSATISFACTORY 

RELUCTANTLY  ACCEPTABLE. 

SOME  MINOR  BUT  ANNOYING  DEFICIENCIES.  IMPROVEMENT  IS  REQUESTEO. 
EFFECT  ON  PERFORMANCE  IS  EASILY  COMPENSATED  FOR  BY  PILOT. 

A4 

PERFORMANCE,  IS 
FEASIBLE. 

DEFICIENCIES  WHICH 

WARRANT  IMPROVEMENT. 
PERFORMANCE  ADEQUATE 

MODERATELY  OBJECTIONABLE  DEFICIENCIES.  IMPROVEMENT  IS  NEEDEO. 
REASONABLE  PERFORMANCE  REQUIRES  CONSIOERABLr  PILOT  COMPENSATION. 

AS 

OF  MISSION,  NITN 

AVAILABLE  PILOT 

ATTENTION 

FEASIBLE  PILOT 

COMPENSATION. 

VERY  OBJECTIONABLE  DEFICIENCIES.  MAJOR  IMPROVEMENTS  ARE  NEEOEO. 
REQUIRES  BEST  AVAILABLE  PILOT  COMPENSATION  TO  ACNIEVE 

ACCEPTABLE  PERFORMANCE. 

A6 

UNACCEPTABLE 

MAJOR  DEFICIENCIES  WHICH  REQUIRE  MANOA^ORY  IM^rAv^hTOr 
ACCEPTANCE.  CONTROLLABLE.  PERFORMANCE  INADEQUATE  FOR 

MISSION.  OR  PILOT  COMPENSATION  REQUIREO  FOR  MINIMUM 

ACCEPTABLE  PERFORMANCE  IN  MISSION  IS  TOO  HIGH. 

U7 

RcQUlNE  MANDATORY 
IMPROVEMENT. 

INAOEQUATE  PERFORMANCE 

CONTROLLABLE  WITH  DIFFICULTY.  REQUIRES  SUBSTANTIAL  PIL0T  SKILL 
ANO  ATTENTION  TO  RETAIN  CONTROL  AND  CONTINUE  MISSION. 

UB 

MAXIMUM  FEASIBLE 

PILOT  COMPENSATION. 

MARGINALLY  CONTROLLABLE  IN  MISSION.  REQUIRES  MAXIMUM  AVAILABLE 
PILOT  SKILL  ANO  ATTENTION  TC  RETAIN  CONTROL 

U9 

UNCONTROLLABLE 

CONTROL  MILL  BE 

LOST  OUR INQ  SOME  PORTION 

OF  MISSION. 

UNCONTROLLABLE  IN  MISSION. 

10 
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It  is  seen  that  the  complete  scale 
includes  further  subdivisions  of 
quality  within  each  of  the  four 
foregoing  categories,  and  these 
subdivisions  incorporate  descrip¬ 
tions  to  define  quality  differences 
separating  each  numerical  rating. 

It  is  emphasized,  however,  that 
these  descriptions  supplement  the 
sequential  decisions  which  lead 
the  evaluation  pilot  to  the  par¬ 
ticular  category  within  which  the 
descriptions  of  the  individual 
ratings  are  given.  That  is  to  say, 
the  pilot  should  not  make  his 
rating  decision  based  upon  the  in¬ 
dividual  descriptions  alone.  These 
are  most  meaningful  when  used  in 
conjunction  with  the  category  de¬ 
cisions. 

The  essentially  new  features 
to  be  found  in  the  revised  rating 
scale  are  the  descriptions  applied 
to  the  individual  ratings.  In  this 
regard,  it  might  be  well  to  reveiw 
the  guide  lines  which  were  applied 
in  arriving  at  the  new  descriptive 
words  and  phrases.  It  was  con¬ 
sidered  fundamental  to  a  good, 
easily  applied  scale  that  they  be 
both  brief  and  general  in  nature. 

Key  words  and  phrases  were  sought 
which  could  be  easily  understood 
and  yet  sufficiently  definitive  so 
that  each  rating  would  be  clearly 
separated  from  every  other  rating. 

It  is  an  interesting  exercise 
to  attempt  to  devise  a  pilot  rating 
scale  without  the  structure  of  the 
proposed  scale.  First  of  all,  one 
finds  it  very  difficult  to  write 
down  ten  distinctly  different,  and 
we  might  add,  repeatable,  brief 
adjective  descriptions  of  quality. 
One  is  led  to  descriptions  like  bad, 
very  bad,  and  very,  very  bad.  If 
such  a  scale  is  used  in  pilot  eval¬ 
uations,  it  is  extremely  difficult 
to  retain  from  one  evaluation  to 
the  next  a  consistent  definition 
of  the  differences  between  these 
adjectives.  Using  the  proposed 
scale  structure  and  making  the  se¬ 
quential  decisions  previously  noted, 


the  evaluation  pilot  is  led  to  a 
quality  decision  within  a  category 
which  involves  at  most  only  three 
degrees  of  quality.  Since  only 
three  quality  descriptions  appear 
in  a  category,  it  has  been  possible 
to  select  descriptions  which  are 
clearly  separable  and  definitive. 

SOME  QUESTIONS  DISCUSSED 

Why  a  10-Point  Scale: 

In  discussing  the  revised 
scale,  one  question  which  might 
be  anticipated  concerns  the  number 
of  individual  ratings  which  the 
scale  defines.  Most  simply,  this 
is  dictated  by  the  four  categories 
already  selected.  Separation  of 
each  of  the  upper  three  categories 
into  three  subratings  appears  to 
provide  an  adequate  spread  for 
pilot  use.  Additional  ratings  in 
the  uncontrollable  category  would 
not  appear  to  be  of  general  value. 

Identifying  the  Revised  Rating 

The  oft-proclaimed  criticism 
that  the  scale  should  start  with 
10  and  progress  to  1  instead  of 
from  1  to  10  may  be  valid  but  there 
are  also  examples  which  support  the 
1  to  10  logic.  We  are  reluctant  at 
this  point  to  suggest  a  change  sim¬ 
ply  because  of  the  widespread  use 
of  3.5  to  6.5  boundaries.  To  now 
reverse  these  would  likely  intro¬ 
duce  more  confusion  than  the  situa¬ 
tion  warrants.  In  proposing  a  re¬ 
vised  scale,  it  was  recognized  that 
some  confusion  might  result  from 
continued  use  of  the  same  numerical 
scale  which  has  been  identified 
with  both  the  Cooper  and  CAL 
scales.  A  second  objection  to 
these  scales  has  been  the  lack  of 
clear  identification  regarding 
whether  1  cr  1C  represents  the  most 
favorable  rating.  It  is  therefore 
proposed  that  an  identifying  letter 
prefix  be  used  with  each  numerical 
rating  to  eliminate  both  of  these 
possibilities.  By  using  the  letter 
"A"  with  numerical  ratings  from  1 
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to  6  and  the  letter  "U"  with  rat¬ 
ings  7  to  9,  the  1  to  6  ratings  are 
easily  identified  as  "acceptable" 
and  7  through  9  as  "unacceptable." 

In  addition,  it  is  generally  under¬ 
stood  that  A-l  represents  the  best. 

It  is  recommended  that  a  standard 
method  of  plotting  pilot  rating  be 
adopted  with  "best"  (or  Al)  at  the 
top  and  "worst"  (or  10)  at  the  bot¬ 
tom  of  the  ordinate  scale  in  order 
to  minimize  confusion. 

Linearity : 

This  is  a  desirable  character¬ 
istic  of  any  scale.  A  temperature 
scale  is  linear  with  heat  added  for 
a  material  with  constant  specific 
heat,  in  that  the  temperature  rise 
per  unit  quantity  of  heat  added  is 
the  same  throughout  the  scale. 
Temperature  is  a  normal  -  and  use¬ 
ful  -  scale  associated  with  comfort. 
Even  though  temperature  may  be 
quite  linear  with  heat  added,  it  is 
readily  apparent  that  comfort  is  not 
linear  with  temperature.  With  what 
should  the  pilot  rating  scale  be 
linear?  Since  it  is  purported  to 
measure  quality,  it  should  then  be 
linear  with  the  added  quality  of 
the  pilot-vehicle  combination  in 
that  the  change  in  pilot  rating  per 
unit  quality  addition  should  be  the 
same  throughout  the  rating  scale. 

The  rating  scale  may  possibly  have 
this  characteristic,  but  to  demon¬ 
strate  that  the  scale  is  indeed 
linear  would  require  an  independent 
measure  of  quality  which  does  r.ot 
presently  exist.  Since  the  basic 
merit  of  the  scale  is  not  signifi¬ 
cantly  affected  by  the  lack  of 
linearity,  no  further  consideration 
of  this  factor  has  been  attempted. 

Ordinal  Versus  Interval  Scale: 

An  interval  scale  is  to  be 
desired,  but  the  pilot  rating  scale 
proposed  cannot  be  shown  to  be  an 
interval  scale.  The  authors  accepted 
it  as  being  ordinal.  It  is,  however, 
an  absolute  scale  and  not  a  relative 
one.  The  pilot  rating  is  given  for 


a  configuration  in  the  context  of 
its  acceptability  for  the  mission 
and  not  in  terms  of  its  goodness 
with  respect  to  a  configuration 
already  evaluated.  The  concentra¬ 
tion  and  effort  required  in  perform¬ 
ing  each  evaluation  tends  to  erase 
from  the  pilot's  memory  the  char¬ 
acteristics  of  preceding  configura¬ 
tions.  But  pilots  are  concerned 
about  rating  something  as  excellent 
or  optimum  for  fear  that  a  subse¬ 
quent  configuration  will  be  shown 
them  which  is  significantly  better 
than  anything  which  they  had  pre¬ 
viously  considered  possible.  Just 
in  case  some  fortunate  evaluation 
pilot  does  encounter  the  optimum 
airplane,  it  allows  him  to  use  the 
rating  "zero"  to  cover  this  possi¬ 
bility. 

Words  Versus  Numbers : 

The  basic  structure  of  the 
rating  scale  is  completely  depen¬ 
dent  on  words  and  their  explicit 
definition.  The  fact  that  a  numeral 
is  associated  with  the  evaluator's 
final  decision  is  an  expedient,  a 
shorthand.  One  risk  that  is  faced 
with  a  numerical  scale  is  that  the 
engineers  will  attempt  to  treat  the 
pilot  rating  data  with  mathematical 
operations  which  are  rigorously 
applicable  only  to  a  linear  interval 
scale.  No  rigorous  justification 
can  be  given  to  such  actions,  al¬ 
though  some  insight  is  sometimes 
gained.  However,  if  analysis  of 
specific  pilot  rating  data  depends 
on  such  mathematical  operations,  a 
strong  argument  should  be  made  for 
the  engineer  to  obtain  a  better  or 
deeper  understanding  of  his  experi¬ 
mental  data. 

Differing  Standards  of  Accep¬ 
tance  for  the  Same  Mission: 

One  difficulty  that  has 
arisen  in  the  use  of  pilot  rating 
data  can  be  illustrated  by  the 
following  example.  An  evaluation 
program  was  conducted  for  the  mis¬ 
sion  of  the  landing  approach  of  a 
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commercial  air  transport.  A  care¬ 
ful  definition  was  made  of  the 
mission,  the  program  was  run,  and 
the  results  were  published.  One 
of  the  subjects,  an  airline  pilot, 
subsequently  remarked  that  his  air¬ 
line  would  not  accept  any  airplane 
worse  than  a  4.5  rating  for  the 
landing  approach.  Yet,  in  the 
generally  accepted  interpretation 
of  the  rating  scale,  by  giving  rat¬ 
ings  of  5  and  6,  he  had  said  that 
other  airplanes  which  were  unsatis¬ 
factory  could  still  be  considered 
acceptable  for  the  intended  use. 

An  explanation  is  that  this  pilot 
is  assigning  a  4.5  rating  floor  to 
define  the  poorest  airplane  he  will 
buy  under  the  circumstances  which 
he  envisions  at  the  moment.  Such 
decisions  as  his  must  be  made  by 
any  customer  while  considering  that 
which  is  to  be  gained  in  terms  of 
how  much  it  will  cost.  It  is  easy 
to  envision  similar  decisions  being 
made  to  buy  only  that  which  is  above 
the  3.5  boundary.  And  similarly, 
one  can  envision  a  reluctant  de¬ 
cision  to  buy  as  low  as  the  6.5 
boundary,  but  only  j.f  all  other 
possibilities  for  purchase  of  a 
better  airplane  had  been  excluded. 
The  basic  pilot  rating  on  which 
these  decisions  are  based,  however, 
must  be  strictly  missi on -oriented 
if  the  subsequent  quality  versus 
cost  decisions  are  to  be  meaningful. 

EXPERIMENTAL  USE  OF  RATING  OF 
HANDLING  QUALITIES 

The  evaluation  of  handling 
qualities  has  a  similarity  to  other 
scientific  experiments  in  that  the 
output  data  are  only  as  good  as  the 
care  taken  in  the  design  and  execu¬ 
tion  of  the  experiment  itself,  and 
in  the  analysis  and  reporting  of 
the  results.  There  are  two  basic 
categories  of  output  data  in  a 
handling  qualities  evaluation:  the 
pilot  objections  (or  pilot  comment, 
data)  and  the  pilot  ratings.  Both 
items  are  important  output  data. 

An  experiment  which  ignores  one  of 
the  two  outputs  is  discarding  a 
substantial  part  of  the  output  in¬ 
formation  . 


As  one  might  expect,  the  out¬ 
put  data  which  are  most  often  ne¬ 
glected  are  the  pilot  comments, 
primarily  because  they  are  quite 
difficult  to  deal  with  due  to  their 
qualitative  form  and,  perhaps,  their 
bulk.  Ratings,  however,  without 
the  attendant  pilot  objections,  are 
only  part  of  the  story.  Only  if  the 
deficient  areas  can  be  identified, 
can  one  expect  to  devise  improve¬ 
ments  to  eliminate  or  attenuate  the 
shortcomings .  The  pilot  comments 
are  the  means  by  which  the  identifi¬ 
cation  can  be  made. 

There  are  several  factors 
which  have  a  strong  influence  on 
the  quality  of  pilot  evaluation 
data  and  a  brief  discussion  of  them 
follows . 

MISSION  DEFINITION 

Explicit  definition  of  the 
mission  is  probably  the  most  impor¬ 
tant  contributor  to  the  objectivity 
of  the  pilot  evaluation  data.  The 
mission  is  defined  here  as  a  use 
to  which  the  pilot-airplane  combina¬ 
tion  is  to  be  put.  The  mission 
must  be  very  carefully  examined,  and 
a  clear  definition  and  understanding 
must  be  reached  between  the  engineer 
and  the  evaluation  pilot  as  to  their 
interpretation  of  this  mission. 

This  definition  must  include: 

a.  what  the  pilot  is  required 
to  accomplish  with  the  air¬ 
plane,  and 

b.  the  conditions  or  circum¬ 
stances  under  which  he  must 
perform  the  mission. 

For  example,  the  conditions 
or  circumstances  might  include 
instrument  or  visual  flight  or  both, 
type  of  displays  in  the  cockpit, 
input  information  to  assist  the 
pilot  in  the  accomplishment  of  the 
mission,  etc.  The  environment  in 
which  the  mission  is  to  be  accom¬ 
plished  must  also  be  defined  and 
considered  in  the  evaluation,  and 
could  include,  for  example,  the 
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presence  or  absence  of  turbulence, 
day  versus  night,  the  frequency 
with  which  the  mission  has  to  be 
repeated,  the  variability  in  the  pre¬ 
paredness  of  the  pilot  for  the 
mission,  and  in  his  level  of  pro¬ 
ficiency. 

SIMULATION  SITUATION  >n 

The  pilot  evaluation  is  sel¬ 
dom  conducted  under  the  circum¬ 
stances  of  the  real  mission.  The 
evaluation  almost  inherently  in¬ 
volves  simulation  to  some  degree 
because  of  the  absence  of  the  real 
situation.  As  an  example,  the  eval¬ 
uation  of  a  day  fighter  is  seldom 
carried  out  under  the  c  ire  vims  tances 
of  a  combat  mission  where  the  pilot 
is  not  only  shooting  at  real  targets 
but  being  shot  back  at  by  real  guns. 
Therefore,  after  the  mission  has 
been  defined,  the  relationship  of 
the  simulation  situation  to  the  real 
mission  must  be  explicitly  stated 
for  both  the  engineer  and  the  eval¬ 
uation  pilot  so  thet  each  may  clear¬ 
ly  understand  the  limitations  of 
the  simulation  situation. 

The  pilot  and  engineer  must 
both  know  what  is  left  out  of  the 
evaluation  program,  and  also  what 
is  in  that  should  not  be  in.  The 
fact  that  the  anxiety  and  tenseness 
of  the  real  situation  are  missing, 
and  that  the  airplane  is  flying  in 
the  clear  blue  of  calm  daylight 
air,  instead  of  in  the  icing, 
cloudy,  turbulent,  dark  situation 
of  the  real  mission,  will  affect 
results.  Regardless  of  what  are 
selected  for  the  evaluation  tasks, 
the  pilot  must  use  his  knowledge 
and  experience  to  provide  a  rating 
which  includes  all  considerations 
which  are  pertinent  to  the  mission, 
whether  provided  in  the  tasks  or 
not. 

PILOT  COMMENT  DATA 

One  of  the  tendencies  result¬ 
ing  from  the  use  of  a  rating  scale 
which  is  considered  for  universal 


handling  qualities  application  is 
the  assumption  that  the  numerical 
pilot  rating  can  represent  the  en¬ 
tire  qualitative  assessment.  Ex¬ 
treme  care  must  be  taken  against 
this  oversimplification  because  it 
does  not  constitute  the  full  data 
gathering  process. 

The  pilot  objections  to  the 
handling  qualities  are  important, 
particularly  to  the  airplane  de¬ 
signer  who  is  responsible  for  the 
improvement  of  the  handling  quali¬ 
ties.  But,  even  more  important, 
the  pilot  comment  data  are  essen¬ 
tial  to  the  engineer  who  it  attempt¬ 
ing  to  understand  and  use  the  pilot 
rating  data.  If  ratings  are  the 
only  output  data,  one  has  no  real 
way  of  assessing  whether  the  objec¬ 
tives  of  the  experiment  were  actually 
realized.  Pilot  comments  supply  a 
means  of  assessing  whether  the  pilot 
objections  (which  lead  to  his  sum¬ 
mary  rating)  were  related  to  the 
mission  or  resulted  from  some  ex¬ 
traneous  uncontrolled  factor  in  the 
execution  of  the  experiment,  or 
from  individual  pilots  focusing  on 
and  weighing  differently  various 
aspects  of  the  mission.  In  order 
that  the  pilot  comments  be  most 
useful,  several  details  are  impor¬ 
tant. 

The  comments  must  be  given  by 
the  pilot  in  the  simplest  language. 
Engineering  terms  are  generally  to 
be  avoided,  unless  they  are  care¬ 
fully  defined.  The  pilot  should 
report  what  he  sees  and  feels,  and 
describe  his  difficulties  in  carry¬ 
ing  out  that  which  he  is  attempting. 
It  is  then  important  for  the  pilot 
to  relate  the  difficulties  which  he 
is  having  in  executing  specific  tasks 
to  their  effect  on  the  accomplish¬ 
ment  of  the  mission. 

The  pilot  should  be  required 
to  make  specific  comments  in  eval¬ 
uating  each  configuration.  These 
comments  generally  are  in  response 
to  questions  which  have  been  devel¬ 
oped  in  the  discussions  of  the  mis¬ 
sion  and  simulation  situation.  The 
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pilot  must  also  be  free  to  make 
comments  regarding  his  difficulties 
over  and  above  the  answers  to  the 
specific  questions  asked  of  him. 

In  this  regard,  the  test  pilot 
should  strive  for  a  balance  between 
a  continuous  running  commentary 
and  occasional  comment  in  the  form 
of  an  explicit  adjective.  The  for¬ 
mer  often  requires  so  much  editing 
to  find  the  substance  that  it  is 
often  ignored,  while  the  latter  may 
add  nothing  to  the  numerical  rating 
itself . 

The  pilot  comments  must  be 
taken  during  or  immediately  after 
each  evaluation.  For  in-flight 
evaluations,  this  means  that  the 
comments  should  be  recorded  on  a 
wire  or  tape  recorder.  Experience 
has  shown  that  the  best  free  com¬ 
ments  are  often  given  during  the 
evaluation.  If  the  comments  are 
left  until  the  conclusion  of  the 
evaluation,  they  are  often  forgotten. 
A  useful  procedure  is  to  permit 
free  comment  during  the  evaluation 
itself  and  to  require  answers  to 
specific  questions  in  the  summary 
comments  at  the  end  of  the  evalua¬ 
tion. 

Questionnaires  and  supplemen¬ 
tary  pilot  comments  are  most  neces¬ 
sary  to  ensure  that:  (a)  all  im¬ 
portant  or  suspected  aspects  are 
considered  and  not  overlooked,  (b) 
information  is  provided  relative  to 
why  a  given  rating  has  been  given, 

(c)  an  understanding  is  provided 
of  the  tradeoffs  with  which  pilots 
must  continually  contend,  and  (d) 
supplementary  comment  that  might 
not  be  offered  otherwise  is  stimu¬ 
lated.  It  is  recommended  that  the 
pilots  participate  in  the  prepara¬ 
tion  of  the  questionnaires.  The 
questionnaires  should  be  modified 
if  necessary  as  a  result  of  the 
pilots'  initial  evaluations.  On 
occasion,  it  may  be  desirable  to 
classify  pilot  comment  by  having 
the  pilots  select  one  of  several 
ranked  comments  about  a  specific 
characteristic.  Examples  of  two 
such  classifications  of  specific 


pilot  comment  are  shown  in  figures 
7  and  8  for  PIO  tendency  and  effects 
of  turbulence,  respectively.  Iden¬ 
tification  as  shown  in  these  exam¬ 
ples  (by  number  of  letter)  is  for 
easy  identification  only,  and  not 
to  be  confused  with  the  designation 
for  pilot  rating. 

PILOT  RATING  DATA 

The  pilot  rating  is  an  overall 
summation  of  the  net  effect  of  all 
of  the  objections  which  the  pilot 
has  observed  during  the  evaluation 
as  they  relate  to  the  mission.  It 
is  emphasized  that  the  basic  ques¬ 
tion  that  is  asked  of  the  pilot  con¬ 
ditions  the  answer  that  he  provides. 
For  this  reason,  it  is  most  impor¬ 
tant  to  ensure  that  the  objectives 
of  the  program  are  clearly  stated 
and  understood  by  al]  concerned, 
and  that  all  criteria,  whether  es¬ 
tablished  or  assumed,  be  clearly 
defined.  In  ether  words,  it  is 
extremely  important  that  the  basis 
upon  which  the  evaluation  is  estab¬ 
lished  be  firmly  understood  by 
pilots  and  engineers.  Unless  a 
common  basis  is  used,  one  cannot 
hope  to  achieve  comparable  pilot 
ratings,  and  confusing  disagreement 
will  often  result.  Care  must  also 
be  taken  that  criteria  established 
at  the  beginning  of  the  program 
carry  through  to  the  end.  If  the 
pilot  finds  it  necessary  to  modify 
his  tasks,  technique  or  mission 
definition  during  the  program,  he 
must  make  it  clear  just  when  this 
change  occurred. 

A  discussion  of  the  specific 
use  of  a  rating  scale  tends  to  indi¬ 
cate  some  disagreement  among  pilots 
as  to  how  they  actually  arrive  at  a 
specific  numerical  rating.  There 
is  general  agreement  that  the  numer¬ 
ical  rating  is  only  a  shorthand  for 
the  word  definition.  Some  pilots, 
however,  lean  heavily  on  the  spe¬ 
cific  adjective  description  and 
look  for  that  description  which  best 
fits  their  overall  assessment.  Other 
pilots  prefer  to  make  the  dichotomous 
decisions  sequentially,  thereby  arriv- 
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ing  at  a  choice  between  two  or  three 
ratings.  The  decision  among  the 
two  or  three  ratings  is  then  based 
upon  the  adjective  description.  In 
concept  the  latter  technique  is  much 
to  be  preferred  since  it  emphasizes 
the  relationship  of  all  quality 
decisions  to  the  mission. 

It  is  suggested  that  the 
actual  technique  used  is  somewhere 
between  the  two  techniques  above 
and  not  so  different  among  pilots. 

In  the  past,  the  pilot's  choice  has 
probably  been  strongly  influenced 
by  the  relative  usefulness  of  the 
descriptions  provided  for  the  cate¬ 
gories  on  one  hand,  and  the  numeri¬ 
cal  ratings  on  the  other.  The  eval¬ 
uation  pilot  is  more  or  less  con¬ 
tinuously  considering  the  rating 
decision  process  during  his  evalu¬ 
ation.  He  proceeds  through  the 
dichotomous  decisions  to  the  adjec¬ 
tive  descriptors  enough  times  that 
his  final  decision  is  a  blend  of 
both  techniques.  It  is  therefore 
obvious  that  descriptors  should  not 
be  contradictory  to  the  mission- 
oriented  framework. 

Half  ratings  are  permitted 
(e.g.,  rating  4.5)  and  are  generally 
used  by  the  evaluation  pilot  to 
indicate  a  reluctance  to  assign 
either  of  the  adjacent  ratings  to 
describe  the  configuration.  Any 
finer  breakdown  than  half  ratings 
is  pronibited  since  any  number 
greater  than  or  less  than  the  half 
rating  implies  that  it  belongs  in 
the  adjacent  group.  Any  distinc¬ 
tion  between  configurations  assigned 
the  same  rating  must  be  made  in 
the  pilot  comments.  Use  of  the 
3.5,  6.5,  and  9.5  ratings  is  dis¬ 
couraged  as  they  must  be  interpreted 
as  evidence  that  the  pilot  is  un¬ 
able  to  make  the  fundamental  de¬ 
cision  with  respect  to  category. 

As  noted  previously,  the  pilot 
rating  and  comments  must  be  given 
on  the  spot  in  order  to  be  most 
meaningful.  If  the  pilot  should 
later  want  to  change  his  rating, 
the  engineer  should  record  the 


reasons  and  the  new  rating  for  con¬ 
sideration  in  the  analysis,  and 
should  attempt  to  repeat  the  con¬ 
figuration  later  in  the  evaluation 
program.  If  the  configuration 
cannot  be  repeated,  the  larger 
weight  (in  most  circumstances) 
should  be  given  to  the  on-the-spot 
rating  since  it  was  given  when  all 
the  characteristics  were  freshest 
in  the  pilot's  mind. 


EXCUTIQN  OF  HANDLING  QUALITIES 
EXPERIMENTS 

Probably  the  most  important 
item  is  the  admonition  to  execute 
the  experiment  as  it  was  planned. 

This  requires  careful  attention  to 
the  conduct  of  the  experiment  so 
that  the  plans  are  actually  executed 
in  the  manner  intended.  It  is  val¬ 
uable  for  the  engineer  to  monitor 
the  pilot  comment  data  as  the  experi¬ 
ment  is  conducted  in  order  that  he 
becomes  aware  of  evaluation  diffi¬ 
culties  as  soon  as  they  occur.  These 
difficulties  may  take  a  variety  of 
forms.  The  pilot  may  use  words 
which  the  engineer  needs  to  have 
defined.  The  pilot's  word  descrip¬ 
tions  may  net  convey  a  clear,  under¬ 
standable  picture  of  the  piloting 
difficulties.  Direct  communication 
between  pilot  and  engineer  is  most 
important  in  clarifying  such  un¬ 
certainties.  In  fact,  communication 
is  probably  the  most  important  single 
element  in  the  evaluation  of  handling 
qualities.  Pilot  and  engineer  must 
endeavor  to  understand  one  another, 
and  cooperate  to  achieve  and  retain 
this  understanding.  The  very  nature 
of  the  experiment  itself  makes  this 
somewhat  difficult.  The  engineer 
is  usually  not  present  during  the 
evaluation  and,  hence,  he  has  only 
the  pilot's  word  description  of  any 
piloting  difficulty.  Often,  these 
described  difficulties  are  contrary 
to  the  intuitive  judgments  of  the 
engineer  based  on  the  characteristics 
of  the  airplane  by  itself.  Mutual 
confidence  is  required.  The  engineer 
should  be  confident  that  the  pilot 
will  give  him  accurate,  meaningful 
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data ;  the  pilot  should  be  confident 
that  the  engineer  is  vitally  inter¬ 
ested  in  what  he  has  to  say  and 
trusts  the  accuracy  of  his  comments . 

It  is  important  that  the  pilot 
have  no  foreknowledge  of  the  spe¬ 
cific  characteristics  of  the  con¬ 
figuration  being  investigated.  This 
does  not  exclude  information  which 
can  be  provided  to  help  shorten  cer¬ 
tain  tests  (e.g.  ,  the  parax'eter 
variations  are  lateral -directional , 
only) .  But  it  does  exclude  fore¬ 
knowledge  of  the  specific  parameters 
under  evaluation.  The  pilot  must 
be  free  to  examine  the  configura¬ 
tion  without  prejudice,  learn  all 
he  can  about  it  from  meeting  it  as 
an  unknown  for  the  first  time,  look 
clearly  and  accurately  at  his  diffi¬ 
culties  in  performing  the  evaluation 
task,  and  freely  associate  these  dif¬ 
ficulties  with  their  effects  on  the 
ultimate  success  of  the  mission. 

A  considerable  aid  to  the  pilot  in 
this  assessment  is  to  present  the 
configurations  in  a  random- appear¬ 
ing  fashion. 


.The  time  which  the  pilot  should 
use  for  the  evaluation  is  difficult 
'  to  specify  a  priori.  He  is  nor¬ 
mally  asked  to  examine  each  con¬ 
figuration  for  as  long  as  is  neces¬ 
sary  to  feel  confident  that  he  can 
give  a  reliable  and  repeatable 
assessment.  Sometimes,  however 
it  is  necessary  to  limit  the  eval¬ 
uation  time  to  a  specific  period 
of  time  because  of  circumstances 
beyond  the  control  of  the  researcher. 
If  the  evaluation  time  per  pilot  is 
limited,  a  larger  sample  of  pilots 
or  repeat  evaluations  will  be  re¬ 
quired  for  similar  accuracy,  and 
the  pilot  comment  data  will  be  of 
poorer  quality. 


One  final  point  is  the  state 
of  mind  of  the  evaluation  pilot. 

He  must  be  confident  of  the  impor¬ 
tance  of  the  simulation  program  and 
join  wholeheartedly  into  the  produc¬ 
tion  of  data  which  will  supply 
answers  to  the  questions.  Pilots 
as  a  group  as  strongly  motivated 
toward  the  production  of  data  to 
improve  the  handling  qualities  of 
the  airplanes  they  fly.  It  isn’t 
usually  necessary  to  explicitly 
motivate  the  pilot,  but  it  is  very 
important  to  inspire  in  him  con¬ 
fidence  in  the  structure  of  the 
experiment  and  the  usefulness  of 
his  rating  and  comment  data.  Pilot 
evaluations  are  probably  one  of 
the  most  difficult  tasks  that  a 
pilot  undertakes.  To  produce  use¬ 
ful  data  involves  a  lot  of  hard 
work,  tenacity,  and  careful  thought. 
There  is  a  strong  tendency  for  the 
pilot  to  become  discouraged  in  the 
course  of  his  evaluations  about 
their  ultimate  usefulness.  He 
worries  constantly  about  his  assess¬ 
ments:  their  accuracy  and  repeat¬ 
ability.  The  pilot  may  feel  that 
the  engineer  has  the  answers  on  a 
sheet  of  paper  and  he  is  merely 
testing  the  pilot  as  to  his  ability 
to  search  out  the  correct  answers. 
Such  feelings  are  added  to  by  a 
lack  of  communication  between  the 
piloting  and  engineering  organiza¬ 
tions,  and  are  to  be  avoided. 
Probably  the  best  approach  is  to 
explicitly  state  to  the  pilot  that 
only  he  knows  the  answers  to  the 
questions  which  are  being  asked, 
and  he  can  arrive  at  these  correct 
answers  by  carrying  out  the  evalua¬ 
tion  program.  He  must  be  reassured 
in  the  course  of  the  program  that 
his  assessments  are  good,  so  that 
he  gains  confidence  in  the  manner 
in  which  he  is  carrying  out  the 
proaram. 
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CHAPTER 


•7.1  DEFINITION 

"Of  the  myriad  of  coupled 
motions  which  an  airplane  can  per¬ 
form,  the  spin  stands  out  as  being 
unique.  When  an  airplane  is  stalled 
and  left  to  itself,  it  will  perform 
some  sort  of  rolling,  yawing  and 
pitching  motion  which,  if  allowed 
to  continue,  may  develop  into  a 
characteristic  motion  called  a 
spin,  in  which  the  airplane  descends 
rapidly  toward  the  earth  in  a  heli¬ 
cal  movement  about  the  vertical 
axis  at  an  angle  of  attack  between 
the  stall  and  90°. "1  However,  many 
different  names  are  given  to  the 
unusual  gyrations  of  high  perfor¬ 
mance  aircraft,  e.g.,  post  stall 
gyrations,  inertia  coupled  maneu¬ 
vers,  horizontal  vflat)  spins  and 
incipient  spins. 

The  primary  purpose  of  any 
spin  program  is  to  find  out  whether 
or  not  an  aircraft  can  be  satis¬ 
factorily  and  consistently  recovered 
from  incipient  and  fully  developed 
spins  using  consistent  pilot  tech¬ 
niques.  Best  recovery  techniques 
are  also  determined.  Aircraft 
susceptibility  to  spin  entry  is 
another  important  characteristic 
investigated  during  a  spin  test. 
Information  gained  during  the  test 
program  is  published  in  the  Flight 
Manual  as  specific  spin  character¬ 
istics,  warnings,  limitations,  and 
recommended  recovery  procedures. 

Some  of  the  unusual  characteristics 
of  a  spin  are: 

1.  Spins  are  conducted  in  a 

region  beyond  the  airplane's 
normal  operational  envelope. 

1 

Spin  Testing  USN  High  Performance 
Airplanes,  John  A.  Nial. 


2.  Once  the  airplane  is  flown 
into  this  region,  its  motion 
is  not  precisely  predictable 
since  the  motion  depends  on 
past  history  as  well  as  forces 
acting  on  it  at  any  particular 
time. 

3.  The  pilot  may  experience 
extreme  accelerations  and 
attitudes . 

These  characteristics  and 
safety  considerations  demand  maxi¬ 
mum  preflight  preparation. 

•  7.2  SPIN  TERMINOLOGY 
AND  DESCRIPTION 

The  spin  is  a  complicated 
maneuver  involving  simultaneous 
roll,  pitch  and  yaw  rates  and  high 
sideslip  angles.  These  motions 
can  be  analyzed  by  looking  at  the 
equations  of  motion  and  through 
computer  studies.  Predictions  can 
be  made  as  to  the  rate  of  rotation, 
angle  of  attack,  and  recovery  tech¬ 
niques.  However,  these  predictions 
are  difficult  to  obtain  and  are 
not  always  accurate;  therefore, 
most  of  the  information  needed  to 
predict  the  spin  motion  and  re¬ 
covery  techniques  is  obtained  from 
wind  tunnel  and  free  flight  model 
tests . 

The  correlation  between  wind 
tunnel  tests  and  actual  spins  is 
generally  good;  however,  spins 
obtained  in  wind  tunnels  are  pri¬ 
marily  steady  state,  and  investiga¬ 
tions  of  incipient  spins  (transition 
from  stall  to  steady  state)  cannot 
be  made.  Actual  steady  state  spins 
may  be  difficult  to  ootain  due  to 
mass  distribution  of  the  aircraft 
or  engine  gyroscopic  effects.  As 
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a  result,  correlation  with  wind 
tunnel  data  may  not  be  obvious  or 
there  might  be  no  correlation  at 
all.  It  is  important,  therefore, 
to  recognize  the  variance  in  condi¬ 
tions  when  comparing  wind  tunnel 
data  with  flight  test  data.  Engine 
gyroscopic  effects  are  not  usually 
included  in  spin  tunnel  data  although 
work  has  been  done  in  this  area,  but 
predictions  can  be  made  as  to  the 
effect  of  engine  rotation.  Limita¬ 
tions  also  exist  in  the  data  ob¬ 
tained  from  free  flight  model  tests; 
however,  the  data  obtained  from 
either  or  both  of  these  methods 
are  the  most  reliable  available 
prior  to  actual  flight  tests  of 
the  aircraft.  Their  value  should 
definitely  not  be  minimized. 

An  aircraft  spin  is  a  coupled 
motion  at  extreme  attitudes  that 
requires  all  six  equations  of  mo¬ 
tion  for  accurate  numerical  analy¬ 
sis.  Much  can  be  gained,  however, 
from  a  simplified  approach  using 
the  equations  singularly  or  in 
sets.  The  spin  motion  is  actually 
a  form  of  a  tight  helix  as  shown 
in  figure  7.1. 


7.2.2  Spin  Modes 


In  each  phase  (but  primarily 
the  steady  state) ,  an  aircraft  may 
exhibit  more  than  one  "mode."  For 
example : 


Flat .  steep 
Slow,  fast 
Erect,  inverted 
Oscillatory,  non-oscillatory 


ACTUAL  AND  APPROXIMATE  SPIN  MOTION  and  various  combinations  of  the 

above  modes . 


Because  a  spin  is  predominately  7.2.3  Entry  Conditions 

a  rotary  motion,  we  will  be  able  to 

disregard  translation  and  treat  it  Variations  in  airspeed,  load 

.  as  a  pure  rotation  aoout  the  spin  factor  and  attitude  at  entry  fre- 

axis  passing  through  the  center  of  quently  have  pronounced  effects  on 

gravity.  Moreover,  in  the  analysis  the  character  of  the  ensuing  spin, 

to  follow,  we  will  assume  the  lin-  These  differences  are  sometimes 

ear  velocity  oi  the  eg  is  vertical.  apparent  only  after  several  turns. 
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•  7.3  INCIPIENT  PHASE 

Webster  defines  incipient  as 
"just  beginning  to  exist."  In  spin 
terminology,  incipient  is  used  to 
describe  the  non-steady  state  por¬ 
tion  of  the  spin.  Some  aircraft 
never  do  exhibit  a  steady  state 
(developed)  mode  and  hence  they 
could  be  considered  to  be  in  the 
incipient  phase  throughout  the  spin. 
This  is  particularly  true  of  pres¬ 
ent  day,  high  performance  fighter 
aircraft.  The  term  "post  stall 
gyration"  is  sometimes  used  when 
the  motion  in  this  phase  does  not 
have  a  recognizable  pattern.  A 
number  of  high  performance  designs 
will  recover  consistently  only  in 
the  incipient  phase,  where  airspeed, 
angle  of  attack,  and  attitude  are 
more  favorable,  and  the  angular 
momentum  has  not  yet  increased  to 
a  high  value. 

•  7.4  AUTOROTATION 

The  aircraft  spin  is  caused 
by,  or  initiated  primarily  by,  the 
property  of  an  aircraft  to  auto¬ 
rotate  when  operating  at  angles 
of  attack  above  the  stall.  A  de¬ 
veloped  spin  involves  a  balance 
between  aerodynamic  and  inertial 
moments.  An  aerodynamic  "auto¬ 
rotation"  is  the  forcing  function 
that  tends  to  keep  the  motion  going. 

FIGURE  7.3 


SPIN  INITIATION 


If  a  wing  is  operating  at  ap 
(low  angle  of  attack)  and  experiences 
a  Aa  due  to  wing  drop,  there  is  a 
restoring  moment  from  the  increased 
lift.  If,  on  the  other  hand,  a 
wing  operating  at  a  2  (high  a)  ex¬ 
periences  a  sudden  drop,  there  is 
a  loss  of  lift  and  an  increase  in 
drag  that  tends  to  prolong  the  dis¬ 
turbance  and  sets  up  autorotation. 

FIGURE  1.4 

SPIN  SUSTENANCE 

(AUTOROTATiON) 


R 
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Figure  7.4  is  an  extremely 
simplified  presentation  of  what 
causes  a  spin  to  persist  (also  see 
figure  7.12).  Consider  a  right 
steady  state  (developed)  spin  with 
a  vertical  V-p.  The  effect  of  the 
rotation  modifies  Vp  so  as  to  pro¬ 
duce  a  relative  wind  on  the  advanc¬ 
ing  wing  which  differs  from  the 
relative  wind  on  the  retreating 
wing.  This  difference  causes  the 
a  of  the  retreating  wing  to  be 
larger  than  the  a  of  the  advancing 
wing.  Thus  the  advancing  wing  ex¬ 
periences  a  larger  resultant  aero¬ 
dynamic  force  than  does  the  retreat¬ 
ing  wing.  The  difference  in  the 
orientation  and  magnitude  of  the 
resultant  forces  can  be  represented 
by  a  force  vector  as  shown  in  fig¬ 
ure  7,4.  When  applied  to  the  ad¬ 
vancing  wing,  AF  tends  to  keep  the 
spin  going  as  components  of  the 
force  vector  produce  roll  and  yaw. 


•  7.S  AIRCRAFT  MldiS 
DISTRIBUTION 

7.5.1  Principal  Axes 


For  every  rigid  body  there 
exists  a  set  of  principal  axes  for 
which  the  products  of  inertia  are 
zero  and  one  of  the  moments  of 
inertia  is  the  maximum  possible 
for  the  body.  For  a  symmetrical 
aircraft,  this  principal  axis  sys¬ 
tem  is  frequently  quite  close  to 
the  body  axis  system.  For  the  pur¬ 
pose  of  this  course,  the  small  dif¬ 
ference  in  displacement  is  ne¬ 
glected,  and  the  principal  axes 
are  assumed  to  lie  along  the  body 
axes.  Figure  7.5  illustrates  .what 
the  actual  difference  might  be. 


7.502  Relative  Magnitude  of  the 
Moments  of  Inertia 

Because  aircraft  configura¬ 
tions  are  "flattened"  into  the  XY 
plane,  Iz  is  invariably  the  maximum 
moment  of  inertia.  Ix  is  greater 
or  less  than  Iy  depending  on  the 
aircraft's  mass  distribution.  The 
relative  magnitudes  of  the  moments 
of  inertia  are  shown  in  figure  7.6. 

7.5.3  Radius  of  Gyration 
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Where  Kx,  Ky  and  Kz  are  each  a 
radius  of  gyration,  and  M  is  the 
total  aircraft  mass.  The  center 
of  gyration  of  a  body  with  respect 
to  an  axis  is  a  point  at  such  a 
distance  (K)  from  the  axis  that,  if 
the  entire  mass  of  the  body  were 
concentrated  there,  its  moment  of 
inertia  would  be  the  same  as  that 
of  the  body.  The  radius  of  gyration 
of  a  body  with  respect  to  an  axis 
is  the  distance  (K)  from  the  center 
of  gyration  to  the  axis.  Another 
equation  is: 

K  =  V  I/M  (7.4) 

7.5.4  Relative  Aircraft  Density 

u  is  defined  to  be  a  non- 
dimensional  parameter  comparing 
the  aircraft  density  to  the  density 
of  air. 
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Where  M  is  the  total  aircraft  mass, 
S  is  the  wing  area  and  b  is  the 
wing  span. 


•  7.S  EQUATION*  OF  MOTION 

Because  the  sf  j.n  is  a  complex 
motion,  the  analytical  treatment 
requires  certain  simplifying  assump¬ 
tions.  In  general,  they  are  not 
too  restrictive  for  a  "first  look," 
ana  good  qualitative  information 
can  be  obtained.  The  following 
observations  apply  to  a  developed 
spin  and  lead  to  the  formulation 
of  a  simplified  mathematical  analy¬ 
sis  . 

1.  In  a  well  developed  steady 
state  spin,  the  apparent 
average  rotation  rate  and 

the  rate  of  descent  are  essen¬ 
tially  constant. 

2.  The  linear  velocity  is  approx¬ 
imately  vertical. 

3.  If  the  spin  is  oscillatory, 
the  oscillations  tend  to  be 
approximately  periodic. 


The  mathematical  analysis  pro¬ 
vides  the  simplifying  assumption 
that  the  time  average  of  the  exter¬ 
nal  forces  is  zero.  This  require¬ 
ment  and  the  assumption  that  the 
linear  velocity  vector  is  vertical 
means  that  we  need  only  consider 
the  three  moment  equations  that 
were  developed  in  chapter  I.  These 
equations  are  repeated  below  and 
will  be  utilized  for  most  of  the 
analytical  developments. 

(7.6) 

Gx  ’  K  +  qr(Iz  "  V  “  (*  +  pq)Ixz 

(7.7) 

Gy  '  ’l,  -  "r<I,  -  *,)  *  C2  -  r2»« 

„  •  ,  .  (7.8) 

Gz  '  rIz  +  Pq(Iy  •  V  +  (qr  '  P)1xz 


Section  7.5.1  discussed  the 
assumption  that  the  body  axes  and 
principal  axes  coincide.  Actually, 
this  is  a  very  good  assumption  and 
leads  to  a  considerable  simplifica¬ 
tion,  in  that  we  can  set  IXz  =  0. 
Expanding  the  general  applied  mo¬ 
ments  to  include  an  aerodynamic 
moment,  a  gyroscopic  moment  and  a 
miscellaneous  term,  we  have: 


7.6.1  The  Mathematical  Analysis 


1.  The  total  rotational  energy 

of  the  aircraft  and  the  trans¬ 
lational  kinetic  energy  are 
constant . 

2.  Statement  (1)  implies  that 
the  time  average  of  the  sum¬ 
mation  of  the  external  forces 
is  zero. 

3.  Statement  (1)  also  implies 
that  the  loss  in  potential 
energy  is  being  absorbed  in. 
aerodynamic  damping  so  that 
the  net  change  in  rotational 
energy  is  zero. 


G  -  i  +  L  +  L  u 
x  gyro  other 

-  pi  +  qr(I  -  I  ) 
x  "  z  y 


G  -  M  +  M  +  M 
y  gyro  other 

(7.10) 

-  qi  -  pr(I  -  I  ) 
y  z  x 


G  -N(  +  N  +Nu 
z  gyro  other  (7.11 

-  rl  +  pq(I  -  I  ) 
z  "  y  x 

Rearrangement  of  the  above 
equations  leads  to  expressions  re¬ 
lating  the  body  angular  accelera¬ 
tions  in  terms  of  the  contributing 
terms . 
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AERO  I  INERTIAL  COUPLING 
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Determination  of  the  aero¬ 
dynamic  moments  is  extremely  com¬ 
plex.  The  aircraft  is  operating 
out  of  its  normal  environment,  and 
the  aerodynamic  moments  vary 
radically  with  time.  In  general, 
these  moments  cannot  be  accurately 
defined. 

We  can  also  express  the  body 
angular  accelerations  in  terms  of 
the  aerodynamic  coefficients  and 
the  relative  aircraft  density  by 
defining  the  following  terms: 


j  pV2Sb 


V 

2M  2 
pSh  x 


(7.15) 

..2 


(For  the  longitudinal  pitching  case, 
it  is  necessary  to  use  b  instead  of 
c  in  the  coefficient,  or  alternately, 
to  use  c  instead  of  b  in  the  rela¬ 
tive  density,  u.)  Thus: 
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We  now  have  developed  all  the 
equations  necessary  for  our  analy¬ 
sis.  These  equations  are  not  new, 
but  simply  rearranged  forms  of  the 
three  basic  moment  equations.  Fur¬ 
ther  manipulation  will  be  done,  but 
with  the  goal  of  understanding  the 
fundamental  relationships  required 
in  spin  motion  analysis. 


•  7.7  DKVHLOPIID  PHASK 

A  developed  spin  involves  a 
balance  of  aerodynamic  and  intertial 
moments  and  forces.  The  developed 
phase  may  never  be  achieve  1  in  some 
aircraft;  however,  we  will  discuss 
this  phase  in  our  analysis  and 
assume  that  most  of  the  conditions 
of  steady  state  are  attained.  Due 
to  the  trend  of  current  designs,  the 
steady  developed  spin  has  prac¬ 
tically  been  eliminated  and  has 
been  replaced  by  a  cyclic,  large 
motion  oscillation.  A  steady  state 
spin  mode  can  exist  only  when  a  is 
greater  than  the  stall,  Cm  is  nega¬ 
tive  and  the  slope  of  Cm  versus  a 
is  stable,  i.e.,  negative  and  con¬ 
stant. 


In  general,  the  developed 
phase  displays  the  following  char¬ 
acteristics  : 


1.  Vertical  descent  at  approx¬ 
imately  constant  airspeed 

AH/turn  as  constant. 

2.  Vt  and  ~  nearly  coincident 
(vertical) . 

3.  p,  q  and  r  average  approxi¬ 
mately  zero.  Hence  I  is 
constant  -  -  -  - 

A  time/turn  ss  constant. 

4.  On  the  average,  wings  level 
;  es  0  and  q  cs  0. 


5.  Varying  amounts  of  oscilla¬ 
tion  about  these  average 
values  may  be  observed.  Fig¬ 
ure  7.7  summarizes  these 
results . 


It  is  very  important  to  real¬ 
ize  that  the  5  vector  lies  in  the 
XT  plane  and  has  no  component  along 
the  Y  axis.  This  is  a  result  of 
the  assumption  that  the  aircraft 
spins  in  a  wings  level  condition. 

A  very  steep,  nose  down  spin  will 
be  characterized  by  a  large  rolling 
velocity  (p)  and  a  small  yawing 
velocity  (r) .  A  flat  spin  would 
be  characterized  by  a  small  rolling 
velocity  (p)  and  a  large  yawing 
velocity  (r) . 

Other  Generalities  that  fre¬ 
quently  apply  are; 

6.  Spins  tend  to  exhibit  more 
yaw  than  roll;  thus  they  tend 
to  have  higher  yaw  rates  than 
roll  rates. 

7.  High  performance  "modern"  de¬ 
signs  spin  flatter  than  do 
older  conventional  designs. 
This,  primarily,  is  a  result 
of  the  moments  of  inertia  dis¬ 
tribution  in  that  modern  de¬ 
sign  aircraft  are  fuselage 
loaded  and  the  more  conven¬ 
tional  designs  are  neutrally 
or  wing  loaded. 

8.  High  performance  designs 
exhibit  more  oscillations. 

This  stems  from  the  dynamic 
considerations  concerned  with 
the  moments  of  inertia  and  the 
interchanges  between  the  ex¬ 
ternal  aerodynamics  and  the 
inertia  distribution  of  the 
aircraft . 

Several  of  the  above  character¬ 
istics  will  be  discussed.  The  ob¬ 
servations  are  important  and  provide 
the  assumptions  necessary  in  the 
development  of  the  simplified  analy¬ 
sis. 


7. a  THI  MATHEMATICAL 
MODEL 

The  previous  assumptions  lead 
to  the  development  of  a  mathematical 
model  which  is  shown  in  figure  7.8. 
Some  of  the  spin  characteristics 
can  be  proven  analytically  and 
others  have  been  gained  from  ex¬ 
perience  in  wind  tunnel  and  flight 
testing.  The  remaining  observations 
cannot  be  rigorously  proven  and  no 
attempt  is  made  to  prove  these  latter 
characteristics . 

In  an  analytical  treatment  of 
the  preceding  assumptions,  the  spin¬ 
ning  aircraft  can  be  analyzed  as 
a  series  of  coupled,  or  uncoupled, 
ordinary  second  order  differential 


FIGURE  7.8 

KINETIC  ENERGY  POTENTIAL  ENERGY 


M0  SPRING 


Yf 


equations.  The  model  consists  of 
a  reference  frame,  X  Y  Z,  that  is 
moving  vertically  downward  at  a 
constant  velocity.  The  body  is 
also  rotating  about  a  vertical  axis 
through  the  eg  of  the  aircraft  at 
a  constant  angular  velocity,  to. 

The  aircraft,  in  general,  oscillates 
about  this  reference  condition  and 
the  rotational  potential  energy  is 
alternately  stored  and  released  by 
the  torsional  springs.  The  tor¬ 
sional  springs  are,  in  reality,  the 
aerodynamic  moments  that  provide  a 
balance  between  the  inertia  moments 
and  the  aerodynamic  moments. 

The  conservation  of  energy  for 
conservative  systems  is : 

KINETIC  ENERGY  +  POTENTIAL  ENERGY  =  CONSTANT 
and  for  dissipative  systems  is: 


It  is  observed  that  an  aircraft  in 
the  developed  spin  is  behaving  as 
a  conservative  system  in  that  the 
eg  is  moving  through  the  air  at 
constant  velocity  (KEiinear  =  con¬ 
stant)  and  with  constant  rotational 
energy  (KEro^-  +  PErot)  ,  with  the 
decrease  in  PEiinear  exactly  in 
balance  with  the  dissipated  losses. 
From  this  and  similar  discussion 
and  proofs,  the  previously  mentioned 
conclusions  about  spin  character¬ 
istics  may  be  drawn;  however  fur¬ 
ther  analysis  will  not  be  attempted 
with  this  method. 


7.8.2  The  Reference  Motion  is 
Wings  Level 


For  conventional  aircraft,  to 
lies  in  the  XZ  plane  and  the  ref¬ 
erence  motion  is  a  combination  of 
yaw  and  roll  only.  The  bank  angle 
is,  on  the  average,  zero,  and  no 
component  of  to  is  reflected  on  the 
Y  axis,  i.e.,  the  reference  pitch 
rate  ,  q0  es  0. 


It  should  be  noted  that  the 
moments  and  body  rates  with  the 
"o"  subscripts  are  reference  rates 
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from  which  small  pertubations  will 
be  taken. 


terms,  we  can  say  that  spins  tend 
to  exhibit  more  yaw  rate  than  roll 
rate . 


FIGURE  7.8 
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SPIN  VECTORS  FOR  RIGHT  AND  LEFT  SPINS 


The  mathematical  model  suggests 
that  the  aircraft  possess  constant 
rotational  kinetic  energy  and  this 
demands  that  the  body  acceleration 
rates  be  zero,  orp=q=r=0. 
Moreover,  we  earlier  assumed  that 
the  body  axes  and  the  principal 
axes  coincided,  and  thus  the  prod¬ 
ucts  of  inertia  are  zero,  thus: 

C  -  G  +  G  +  G 

x  y  z 

where 

G  -  qr (1  -  1  ) 

x  z  y 


7.8.3  Aircraft  Tend  to  Spin  About 
the  2  Axis 


It  can  be  proven  that  a  sys¬ 
tem  which  has  no  external  moments 
or  forces  tends  to  rotate  about  its 
largest  principal  axis,  which  in 
the  case  of  an  aircraft,  is  the  Z 
axis.  In  an  actual  spinning  air¬ 
craft,  the  external  moments  are  not 
zero  and  thus  the  aircraft  spins 
about  some  intermediate  axis  which 
provides  a  minimum  energy  condition. 
Whether  an  airplane  spins  steep  or 
flat,  and  what  its  rate  of  rotation 
will  be,  are  primarily  dependent 
upon  the  yawing  moment  and  pitching 
moment  characteristics  of  the  air¬ 
plane.  These  characteristics  will 
be  discussed  more  later.  The  spin 
rotation  and  angle  of  attack  also 
can  be  influenced  by  the  gyroscopic 
moment  produced  by  the  rotating 
parts  of  the  engine.  Because  these 
parts  continue  to  rotate  at  a  fairly 
high  rate  even  though  the  engine  is 
throttled  back,  the  gyroscopic 
effect  of  the  engine  on  the  de¬ 
veloped  spin  and  subsequent  recovery 
therefrom  must  be  given  considera¬ 
tion.  This  topic  will  also  be  cov¬ 
ered  in  more  detail.  In  general 


G  -  pq(I  “  I  ) 

z  y  x 

The  observation  of  spins  also 
leads  to  another  simplifying  assump¬ 
tion,  namely  that  a  spin  is  usually 
wings  level,  or  (j>  e=  0  and  q  s  0, 
Thus,  as  a  first  start,  the 
equations  simplify  to: 

G  -  0 

x 


G  -  0 

z 

or 

G  -  -pr  (Iz  -  Ix) 

Gy  “  -  M  -  pr(Iz  -  Ix)  (7.21) 

For  an  aircraft,  (Iz  -  Ix)  can 
never  be  zero,  hen-e  if  Gy  =  0 
then  p  must  be  zero,  in  which  case 
w  =  rk  and  the  spin  is  flat  (3  =  pi 
is  excluded  by  the  definition  of  a 
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spin) .  If  the  spin  is  not  flat, 
then  both  p  and  r  exist  and  from 
figure  7.9,  always  have  the  same 
algebraic  sign.  Because  (Iz  -  Ix) 
is  always  positive,  examination  of 
equation  (7.21)  shows  that  Gy  must 
always  be  negative  (or  zero) .  Ne¬ 
glecting  Mgyro  and  Mother/  we  see 
that  a  (-M)  is  required  for  spins 
other  than  those  which  are  flat 
(horizontal) . 

CONCLUS IONS  (Steady  state  spin 
with  wings  level) 

G  =  constant  (may  be  zero) 

If  zero  -  flat  spin  about  Z  axis 
results  (p  =  0)  . 


FIGURE  7.10 


EFFECT  OF  Iz  AND  lx  MAGNITUDES 
ON  SPIN  ATTITUDE 


If  not  zero  -  G  consists  only  of 
pitching  moment  and 
conventional  spin 
results . 

7.8.4  Fuselage  -  Loaded  Aircraft 
Tend  to  Spin  Flatter  Than 
Wing-Loaded  Aircraft 

The  degree  of  flatness  varies 
with  the  relative  magnitude  of  Iz 
and  Ix.  This  can  be  seen  solving 
equation  (7.18)  for  p: 


as  p  decreases,  u  is  closer  to  Z 
making  the  spin  flatter. 
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7.8.5  Fuselage  -  Loaded  Aircraft 

Tend  to  Exhibit  More  Oscilla- 
tion 


On  aircraft  where  Iy  is  approx¬ 
imately  equal  to  Iz  in  magnitude, 
the  wing  down  case  represents  only 
a  small  perturbation  in  rotational 
energy.  In  the  limit,  if  Iy  =  Iz, 
the  reference  spin  could  be  wing 
down,  since  any  axis  in  the  YZ  plane 
would  be  a  maximum  principal  axis. 
Although  bank  angle  may  thus  be 
easily  disturbed,  the  requirement 
for  <(>  =  0  provides  a  constant  re¬ 
storing  tendency  which  leads  to 
periodic  oscillations  in  4> ,  and 
through  the  inertial  coupling  terms, 
to  the  other  two  axes  as  well  (i.e., 
all  3  moment  equations  become  active) 
Again  the  equations  of  motion  can 
be  examined  for  confirmation. 

Gx  ■  p  *x  +  q  r  (IZ  -  y 


p  I 

o  X 


q  r  (I 
o  o  z 


I 

y 


) 


(G  - 

x 


(P  -  PQ> 


I 

X 


+ 


(q  r  -  q0 


r  HI 

o  z 


Assume  perturbations  in  roll 
won't  significantly  change  r0, 
hence  r  «  rQ  and 


•  7.0  GYROSCOPIC  THEORY 

A  gyro,  in  its  simplest  form, 
may  be  thought  of  as  a  rapidly 
spinning  rotor  of  substantial 
moment  of  inertia,  supported  on 
some  kind  of  mount  which  allows 
freedom  of  tilt  of  the  spin  axis 
relative  to  the  base  on  which  it 
is  mounted. 

By  virtue  of  its  rotation,  a 
gyroscope  tends  to  maintain  its 
axis  of  spin  aligned  with  respect 
to  inertial  space.  That  is,  unless 
an  external  torque  is  applied,  the 
gyro  spin  axis  will  remain  sta¬ 
tionary  with  respect  to  the  fixed 
stars.  If  a  torque  is  applied 
about  an  axis  which  is  transverse 
to  the  spin  axis,  the  rotor  turns 
about  a  third  axis  which  is  at 
right  angles  to  the  other  two  (pre¬ 
cession)  .  On  removing  this  torque 
the  rotation  (precession)  ceases  - 
unlike  an  ordinary  wheel  on  an  axle 
which  keeps  on  rotating  after  the 
torque  impulse  is  removed. 

These  phenomena,  all  somewhat 
surprising  when  first  encountered, 
are  consequences  of  Newton's  laws 
of  motion.  The  precession  behavior 
represents  obedience  of  the  gyro  to 
Newton's  second  law  expressed  in 
rotational  form,  which  states  that 
torque  is  equal  to  the  time  rate 
of  change  of  angular  momentum. 


AG 

x 


Ap  Ix  +  Aq  (Iz  -  Iy)  rQ 


(7.22) 


L  -  u  x  H 
where 


(7.24) 


Ap 


(7.23) 


L  =  applied  torque 
H  =  rotor  angular  momentum 


The  second  term  on  the  RHS  serves 
to  damp  oscillations  in  that  it 
reduces  the  ability  or  perturbations 
in  rolling  moment  (AGX)  to  produce 
perturbations  in  roll  acceleration 
(Ap) .  For  fuselage  loaded  aircraft, 
where  (Iz  -  Iy)  is  small,  the  damp¬ 
ing  is  much  reduced. 


w  =  angular  velocity  of  precession 
and 

H  =  Iu,s 

where 

I  =  rotor  moment  of  inertia 
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ws  =  rotor  angular  spin  rate 

The  direction  of  procession 
for  a  gyro  when  a  torque  is  applied 
is  given  by  the  vector  equation 
(7.24).  This  direction  is  such 
that  the  gyro  spin  axis  tends  to 
align  itself  with  the  total  angular 
momentum  vector,  which  in  this 
case  is  the  vector  sum  of  the  an¬ 
gular  moment  due  to  the  spinning 
rotor  and  the  angular  momentum  due 
the  applied  torque,  AH,  where  AH  = 
LAto  This  is  shown  in  figure  7.11, 
below. 

FIGURE1.11 


H,  ROTOR  ANGULAR  MOMENTUM 


L  APPLIED  TORQUE 


The  law  of  precession  is  a  re¬ 
versible  one.  Just  as  a  torque  input 
results  in  an  angular  velocity  out¬ 
put  (precession) ,  an  angular  veloc¬ 
ity  input  results  in  a  torque  out¬ 
put  along  the  corresponding  axis. 


7.9.1  Gyro  Axes 

Three  gyro  axes  are  signifi¬ 
cant  in  describing  gryo  operation; 
the  torque  axis,  the  spin  axis  and 
the  precession  axis.  These  are  com¬ 
monly  referred  to  as  input  (torque) , 
spin,  and  output  (precession) .  The 
direction  of  these  axes  is  shown  in 


FIGURE  1.12 


figure  7.12  and  is  such  that  the 
spin  axis  rotated  into  the  input 
axis  gives  the  output  axis  direc¬ 
tion  by  the  right  hand  rule. 

The  direction  of  rotational  vectors 
such  as  spin,  torque,  and  precession 
can  be  shown  by  means  of  the  right 
hand  rule.  If  the  curve  of  the  fin¬ 
gers  of  the  closed  ’-ight  hand  point 
in  the  direction  of  rotation;  the 
thumb  extended  will  point  along  the 
axis  of  rotation.  For  gyro  work, 
it  is  convenient  to  let  the  thumb, 
forefinger,  and  middle  finger  repre¬ 
sent  the  spin,  torque,  and  precession 
axes  respectively.  Thj.s  is  illus¬ 
trated  in  figure  7.13. 
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iume  engine  axis\ 
allel  to  X  axis) 


For  the  reference  motion  we  have 
set  (p0  =  q0  =  rQ  =  qQ  =  0)  and 
neglecting  miscellaneous  moments 
we  find: 
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(7.31) 


Cn  =  0 


=  0 


(7.32) 
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FIGURE  7.16 


STEADY  STATE  SPIN  RANGES 


STEADY  STEADY 
STATE  STATE 
RANGE  RANGE 


The  aerodynamic  coefficients  and  p, 
r  are  all  functions  of  a.  Cm  versus 
a  plots  may  be  examined  for  ranges 
of  a  where  steady  state  spins  will 
most  likely  stabilize.  The  follow¬ 
ing  conditions  must  be  present  for 
a  steady  state  spin.']  to  exist: 

1.  a  must  be  above  stall. 

2.  Cm  must  be  negative. 

3.  Slope  of  Cm  versus  a  must  be 
stable,  i.e.  ,  negative. 

(Slope  must  also  be  relatively 
constant. ) 

Rotation  rate  has  been  seen  to  be 
related  to  Cm  and  a  (as  well  as  to 

C^autororative '  C^P'  C>1autorotative ' 
and  Cnr).  The  actual  relationship 
involves  a  balance  between  Cm  and 
the  product  p  r,  but  this  may  be 
replaced  with  the  following  expres¬ 
sion  : 


4  :  xe  0E  r 
i  (IZ  ■  V  sln  2a 


(7.38) 


FIGURE  7.17 


«•  n" 


Both  fast  and  slow  flat  spins  are 
observed.  For  example,  for  the 
aircraft  represented  below  (figure 
7.18)  , 


(Eq  .  7.13  during  steady  state) 

p  •*  m  cos  or  r  =  u>  sin  a 

2  2  1 
p  r  =  <*'  sin  a  cos  a  =  <u  —  sin  2a 

(trig  Identity) 


approaches  the  indeterminate 
form  0/0  (equation  7.38)  at  high 
a’s  and  is  useless  in  predicting 
rotation  rate.  The  rate  will  be 
dependent  (as  usual)  on  what  a  the 
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small  Cm  =  (-)  can  sustain,  and  on 
the  values  of  yaw  and  roll  damping. 

Great  care  must  be  exercised 
when  using  equation  7.38  as  the 
equation  is  only  a  trend  equation. 
It  is  not  valid  for  large  angles  of 
attack.  The  main  emphasis  should 
be  placed  on  the  evaluation  of  the 
change  in  Z  that  can  result  with 
variations  in  the  pitching  moment, 
-M ,  and  in  the  engine  gyroscopic 
effects . 


•7.12  RECOVERY 

Obtaining  developed  spins 
today  is  generally  difficult  but, 
when  obtained,  the  same  factors 
that  make  it  difficult  to  obtain 
the  spin  may  also  make  it  difficult 
to  recover  from  the  spin.  Current 
and  future  aircraft  designs  may  be 
compromised  too  much  for  their  in¬ 
tended  uses  to  provide  adequate 
aerodynamic  control  for  termination 
of  the  developed  spin;  also,  there 
is  a  rising  problem  of  pilot  dis¬ 
orientation  associated  with  developed 
spins.  As  a  result,  the  incipient 
phaSe  must  be  given  more  attention 
than  it  has  been  in  the  past,  and 
preventing  the  developed  spin  by 
proper  control  utilization  while 
the  airplane  is  still  in  the  incip¬ 
ient  phase  of  the  spinning  motion 
may  become  a  primary  factor. 

The  current  aircraft  have 
weights  which  are  appreciably  larger 
and  have  moments  of  inertia  about 
the  Y  and  Z  axes  which  may  be  10 
times  as  large  as  those  of  World 
War  II  aircraft.  With  the  accom¬ 
panying  high  angular  momentum,  it 
is  difficult  for  a  spin  to  be  ter¬ 
minated  as  effectively  as  a  spin  of 
the  earlier  airplanes  by  aerodynamic 
controls  which  generally  are  of 
similar  size.  Furthermore,  con¬ 
trols  which  are  effective  in  normal 
flight  may  be  inadequate  for  re¬ 
covery  from  the  spin  unless  suffi¬ 
cient  consideration  has  been  given 


to  this  problem  in  the  desigu  phase. 

In  brief,  an  airplane  is  con¬ 
sidered  to  have  recovered  from  a 
spin  when  the  angle  of  attack  at 
the  center  of  gravity  is  below  the 
stall.  Usually,  as  this  is  achieved, 
the  airplane  enters  a  steep  pullout 
dive  without  rotation;  in  some 
cases,  however,  it  may  be  turning 
or  rolling  in  a  spiral  dive  or  an 
aileron  roil.  Also,  the  airplane 
may  roll  or  pitch  to  an  inverted 
attitude  from  the  erect  spin  and 
may  still  have  some  rotation,  but 
it  is  out  of  the  original  erect 
spin.  Thus,  the  precise  definition 
for  the  termination  of  a  spin  can 
be  rather  ambiguous. 

The  effect  of  any  control  in 
bringing  about  spin  recovery  de¬ 
pends  upon  the  moments  that  the 
controls  provide  and  upon  the 
effectiveness  of  those  moments  in 
producing  a  change  in  angular 
velocity  and  thus  an  upsetting  of 
the  spin  equilibrium.  The  effec¬ 
tiveness  of  the  applied  moment  in 
upsetting  the  spin  equilibrium, 
in  turn,  is  influenced  by  the  mag¬ 
nitudes  of  the  moments  in  balance 
in  the  developed  spin.  The  effec¬ 
tiveness  of  the  moments  also  de¬ 
pends  greatly  upon  the  mass  dis¬ 
tribution  of  the  airplane. 

Experience  has  shown  that 
application  of  a  yawing  moment  about 
the  Z  body  axis  to  oppose  the  spin 
rotation  is  the  most  effective  man¬ 
ner  of  terminating  the  spin  and 
bringing  about  recovery.  Thus, 
the  effectiveness  of  a  rudder  de¬ 
flection  which  generally  creates  a 
direct  yawing  moment  on  the  spin, 
is  dependent  upon  the  magnitude 
of  the  yawing  moment  produced  and 
upon  the  ability  of  this  moment  to 
affect  the  existing  motion.  Simi¬ 
larly,  it  appears  that  elevator 
effectiveness  and  aileron  effective¬ 
ness,  in  the  final  analysis,  depend 
upon  their  ability  to  alter  the 
yawing  moments  acting  on  the  spin. 

The  most  effective  way  to  influence 
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the  spin  and  to  bring  about  recovery 
is  to  obtain  a  yawing  moment  by 
applying  a  moment  about  an  axis 
about  which  there  is  the  least  re¬ 
sistance  to  a  change  in  angular 
velocity  (least  moment  of  inertia) . 
By  definition,  there  are  no  accel¬ 
erations  associated  with  the  steady 
state  spin;  however,  in  order  to 
recover  from  a  spin,  angular  accel¬ 
erations  are  needed  to  oppose  the 
motion  of  the  spin. 

The  balanced  condition  of  the 
developed  spin  must  be  disturbed 
in  order  to  effect  a  recovery; 

FIGURE  7.19 

nmnn  m'.ii  h.ik  ih«  iiciiiii 


To  do  this,  prolonged  angular 
accelerations  in  the  proper  direc¬ 
tion  are  needed.  Several  methods 
for  obtaining  these  accelerations 
are  available  but  not  all  are  pre¬ 
dictable.  Also  the  accompanying 
effects  of  some  methods  are  adverse 
or  potentially  hazardous. 


Below:  The  general  methods  avail¬ 
able  for  generating  anti-spin  mo¬ 
ments  are  presented  with  the  appli¬ 
cable  terms  of  the  general  equations 


1.  Modify  aerodynamic  moments, 

a.  With  flight  controls 

b.  Configuration  changes  . 
(gear,  flaps,  strakes) ' 


2  U  K 


2M  h  | 


c/  ,  + 


f  2.  Reposition  the  aircraft 
|  attitude  on  the  spin  axis 
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1  3.  Variations  in 
I  Engine  Power 


1  4.  Spin  chutes  I 
|  Spii.  Rockets  I 
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Experience  has  shown  that 
usually  the  best  way  to  achieve 
spin  recovery  is  through  the  re¬ 
duction  of  r.,  .Therefore  the  follow¬ 
ing  equation  provides  a  powerful 
tool  for  getting  a  prediction  on 
what  aileron  and  rudder  to  use 
during  recovery. 


r 


(neglecting  the  H 

gyro 

and  N  ,  terns) 
other 


(7.20) 


Equation  (7.20)  will  be  used 
to  determine  the  control  movements 
needed  to  recover  from  a  spin. 


The  first  term,  v2/2pk2  C n, 
was  predominant  in  World  War  II 
aircraft  where  the  mass  was  dis¬ 
tributed  equally  along  the  wings 
and  fuselage.  Changes  in  this 
aerodynamic  term  were  large  while 
the  inertia  term 


was  small  since  lx  Iy.  There¬ 
fore,  the  predominant  recovery  con¬ 
trol  on  these  aircraft  was  the  rud¬ 
der  which  would  create  large  yaw¬ 
ing  moments  in  a  direction  to 
oppose  the  spin.  Also  for  these 
aircraft,  (Iz  -  lx)  was  a  small 
positive  term  which  meant  that  a 
less  negative  aerodynamic  pitching 
moment  would  create  a  slower  rota¬ 
tion  rate  (equation  7.38).  For 
this  re*  son,  recovery  from  a  spin 
in  the  1-6  or  T-28  was  stick  back, 
rudder  against  the  spin  until  rota¬ 
tion  stopped  and  then  stick  forward. 

In  recent  years,  mass  distri¬ 
bution  along  the  fuselage  by  heavy 
jet  engines  and  increased  wing 
loading  (short,  stubby  wings)  have 
tended  to  make  the  changes  in  the 
inertial  term,  (Ix  -  Iy/Iz)p  q  much 
more  important.  For  example,  Ix 


=  6,439  slug  -  ft^  and  Iy  =  8,825 
slug  -  ft^»  iz  =  17,149  for  the 
T-28,  while  Ix  =  3,554  slug  -  ft* 
and  Iy  =  41,615  slug  -  ft^,  lz  = 
42,633  slug  -  ft2  for  the  F-104. 

This  shows  that  the  term  (Ix  -  Iy/Iz) 
will  have  approximately  six  times 
the  effect  on  the  F-104  as  it  will 
on  the  T-28.  In  addition  to  this, 
the  control  surfaces  have  become 
smaller  with  much  less  rudder  avail¬ 
able.  Thus  it  becomes  extremely 
important  that  the  gyrodynamic  in¬ 
ertia  term  become  anti-spin  (nega¬ 
tive  for  a  right  spin)  for  recovery. 


The  sign  of  the  inertia  term. 


P  9 


in  a  right  spin  for  a  fuselage 
loaded  aircraft  is  negative  due  to 
Iy  being  larger  than  Ix.  Therefore, 
the  magnitude  of  the  quantity  needs 
to  be  increased  and  the  same  time 
continued  negative.  This  can  be 
done  by  controlling  the  algebraic 
sign  of  the  pitching  and  rolling 
velocities.  A  positive  pitch  is 
needed  and  can  be  attained  in  two 
ways;  stick  back,  and  ailerons 
right  (right  spin) .  The  ailerons 
right  or  with  the  spin  repositions 
the  aircraft  axes  on  the  spin  axis 
so  that  some  component  of  3  is  felt 
along  the  positive  Y  axis.  The 
same  technique  can  be  used  to  prove 
that  "ailerons  with"  in  a  left  spin 
also  produces  the  correct  moment 
about  the  Z  axis  to  recover  from 
a  spin. 


7.12.1  Summary  of  Design  Trend  in 
Modern  High  Performance 
Aircraft 
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7#12.1  Summary  of  Design  Trend  in  Modern  High  Performance  Aircraft 


Conventional  A/C 


Low  wing  loading  (w/S  small) 
Ordinary  span  (b) 

A=  ^Vb =  smal1 


Cn  relatively  large 


due  to  large  &  ,  larger 
vertical  tails 


I  -  I 

x  \ 


High  Performance  Fighters 


High  wing  loading 
Small  span  (b) 


jL  =  U 


large 


C  -  reduced,  restricted  6 
n  r 


smaller  ’erticals  blanking 
at  high  or' s 


I  -  I 
x  5 


large  negative 


7.12.2  Summary  of  Recovery  Controls 
for  Past  and  Present  Aircraft 


7.12.2  Summary  of  Recovery  Controls  for  Past  and  Present  Aircraft 


SPIN  CHARACTERISTICS  &  RECOVERY  PROCEDURES 
VARY  PRIMARILY  WITH  MASS  DISTRIBUTION 


(1^  -  1^)  is  only  one  important  parameter 


Control 

A/C 

F- 106 

F- 102 

F-104 

F-8U 

T-38 

F-105 

T-33 

T-6 

T-28 

B-57 

B-17 

ft 

'  r 
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A 

A 

A 

A 

A 

A 

A 

6 

a 

W 

W 

’  W 

W 

3 

N 

N 

A 

A 
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e 

N 

FWD2 

AFT 

AFT 

AFT 

FWD 

FWD 

Blanking 

2 

Pitch-up 

3 

*■  with  not  too  effective  A  a’ so  tumble  danger 
a 

Superscripts  indicate  designs  with  special  problems. 
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The  following  analysis  will 
aid  in  understanding  the  steps 
involved  in  predicting  optimum  re¬ 
covery  techniques . 


Given:  F-104  in  a  right,  steady 
state  spin  with  <p  =  0. 

Predict:  Proper  control  positions 
for  recovery. 

Analysis:  Equation  (7.20)  provides 
the  powerful  tool  for 
spin  recovery  control 
prediction : 


P<1  (7.20) 


1.  A  negative  r  is  needed  for 
spin  recovery. 

PREDICT:  LEFT  RUDDER  (aerodynamic 
term) 

2.  Ix  -  Iy/Iz  is  negative  as 
the  F-104  is  fuselage  loaded. 

3.  q  =  0  (steady  state  spin) . 


4.  p  is  positive  in  a  right 
spin . 


Therefore,  a  positive  pitch 
rate  (q)  is  needed  to  generate  a 
negative  r. 


PREDICT: 

a.  Stick  aft  (not  desirable  in 
the  F-104  due  to  possible 
pitch  up  on  recovery) .  Aft 
stick  would  have  a  very  small 
effect. 

b.  AILERON  WITH  (RIGHT) .  This 
is  the  big  effect  as  it 
repositions  the  aircraft  on 
the  w  vector  such  that  there 
is  a  component  of  Hi  on  the 

Y  axis.  This  results  in  a 
positive  pitch  rate  (q) . 
Ailerons  are  generally  much 
more  effective  than  the  rud¬ 
der  in  the  spin  recovery  of 
fuselage  loaded  aircraft. 
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CHAPTER 

ROLL  COUPLING 


•  0.1  INTRODUCTION 

, Divergencies  experienced  dur¬ 
ing  rolling  maneuvers  have  fre¬ 
quently  been  referred  to  as  "Inertia 
Coupling."  This  leads  to  a  miscon¬ 
ception  of  the  problems  involved. 

The  divergence  experienced  during 
rolling  maneuvers  is  complex  because 
it  involves  not  only  inertia  prop¬ 
erties  ,  but  aerodynamic  ones  as 
well.  It  is  the  intention  of  this 
chapter  to  offer  a  physical  explana¬ 
tion  of  the  more  important  causes 
of  roll  coupling  and  to  also  intro¬ 
duce  a  brief  mathematical  tool  to 
aid  in  predicting  roll  coupling 
divergencies . 

Coupling  results  when  a  dis¬ 
turbance  about  one  aircraft  axis 
causes  a  disturbance  about  another 
axis.  An  example  of  uncoupled  mo¬ 
tion  is  the  disturbance  created  by 
an  elevator  deflection.  The  result¬ 
ing  motion  is  restricted  to  pitch¬ 
ing  motion  and  no  disturbance  occurs 
in  yaw  or  roll.  An  example  of 
coupled  motion  is  the  disturbance 
created  by  a  rudder  deflection. 

The  ensuing  motion  will  be  some 
combination  of  both  yawing  and 
rolling  motion.  Although  all 
lateral-directional  motions  are 
coupled,  the  only  motion  that  ever 
results  in  coupling  problems  large 
enough  to  threaten  the  structural 
integrity  of  the  aircraft  is  cou¬ 
pling  as  a  result  of  rolling  motion. 
Thus  our  study  of  "roll  coupling." 

Although  there  are  numerous 
contributions  to  the  roll  coupling 
characteristics  of  an  aircraft, 
aeroelastic  effects,  etc.,  this 
chapter  will  only  consider  three: 

(1)  inertia  coupling,  (2)  the  Ixz 

parameter,  (3)  aerodynamic  coupling. 


These  effects  occuy  simultaneously 
in  a  very  complicated  fashion. 
Therefore,  the  resulting  aircraft 
motion  cannot  be  predicted  by 
analysing  these  effects  separately. 
The  complicated  interrelationship 
of  these  parameters  can  best  be 
seen  by  analyzing  the  aircraft  equa¬ 
tions  of  motion. 


Roll  =  p  +  qr 

X 


V^K  +  qp>  t 

'  X 

(8.1) 
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Pitch  =  q  +  pr 
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Yaw  =  r  +  pq  («?r  *  P)  Y 
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Drag  -  =  u  +  qw  -  rv 


(8.3) 
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Lift  -  =  w  +  pv  -  qu 
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Side 


v  +  ru  -  pw 


(8.6) 


This  analysis  will  be  based  on 
equations  8.1  -  8.3.  Equations 
8.4  -  8.6  are  not  important  in  an 
analysis  of  roll  coupling.  Consider 
equations  8.1  -  8.3.  In  each  case, 
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the  first  term  in  the  equations 
represents  the  aerodynamic  contri¬ 
bution,  the  second  term  the  interial 
contribution,  and  the  third  term 
the  Ixz  parameter.  It  can  be  seen 
that  the  relationships  involved 
could  never  occur  singularily  and 
that  they  actually  occur  in  conjunc¬ 
tion  with  one  another  to  either 
become  additive  and  aggravating  or 
opposing  and  thus  alleviate  the 
tendency  to  diverge . 

"Divergence"  in  roll  coupling 
is  manifested  by  a  departure  from 
the  intended  flight  path  that  will 
result  in  either  loss  of  control  or 
structural  failure.  As  defined, 
this  "divergence"  is  what  we  are 
concerned  with  in  roll  coupling. 
Smaller  roll  coupling  effects  that 
do  not  result  in  divergence  will 
not  be  considered.  It  should  be 
noted  that  divergence  about  any 
one  axis  will  be  closely  followed, 
by  divergence  about  the  others. 

In  attempting  to  explain  the 
subject  of  roll  coupling,  this 
chapter  will  first  explain  the 
physical  aspects  of  inertia  coupling, 
aerodynamic  coupling,  and  the  Ixz 
parameter.  No  attempt  will  be  made 
to  physically  analyze  these  com¬ 
bined  motions.  Next,  a  mathematical 
model  for  roll  coupling  will  be 
developed  that  will  permit  determina¬ 
tion  of  the  approximate  roll  rate 
that  will  drive  an  aircraft  io  diver¬ 
gence. 

•  8.8  INERTIAL  COUPLING 


centrated  in  the  fuselage  as  the 
aircraft's  wings  became  thinner  and 
shorter.  This  shift  of  weight 
caused  relations  between  the  moments 
of  inertia  to  change.  As  more 
weight  is  concentrated  along  the 
longitudinal  axis,  the  moment  of 
inertia  about  the  x-axis  decreases 
while  the  moments  of  inertia  about 
the  y  and  z  axes  increase.  This 
phenomena  increases  the  coupling 
between  the  lateral  and  longitudinal 
equations.  This  can  be  seen  by 
examining  equation  8.2. 


(l 

-  I  ] 

X 

zl 

,  ,  2  2.  xz 

+  (P  -  r  )  — 

I  i 

y  i 

y 

(8.2) 


As  lx  becomes  much  smaller  than  Iz, 
the  moment  of  inertia  difference 
term  (Ix  -  Iz)/Iy  becomes  large. 

If  a  rolling  moment  is  introduced, 
the  term  pr  (Ix  -  Iz)/Iy  may  become 
large  enough  to  cause  an  uncon¬ 
trollable  pitching  moment. 

Modern  fighter  design  is 
characterized  by  a  long  slender, 
high-density  fuselage  with  short, 
thin  wings.  This  results  in  a  roll 
inertia  which  is  quite  small  in 
comparison  to  the  pitch  and  yaw 
inertia.  The  more  conventional 
low  speed  airplane  may  have  a  wing¬ 
span  greater  than  the  fuselage 
length,  and  a  great  deal  of  weight 
concentrated  in  the  wings.  A  com¬ 
parison  of  these  configurations  is 
presented  in  figure  8.1. 


The  problem  of  inertial 
coupling  did  not  manifest  itself 
until  the  introduction  of  the  cen¬ 
tury  series  aircraft.  As  the 
modern  fighter  plane  evolved  from 
the  conventional  fighter,  such  as 
the  F-51  and  F-47,  through  the  first 
jet  fighter,  the  F-80,  and  then  to 
the  F-100  and  other  century  series 
aircraft,  there  was  a  slow  but 
steady  change  in  the  weight  dis¬ 
tribution.  During  this  evolution, 
more  and  more  weight  became  con- 


It  can  be  seen  that  the  con¬ 
ventional  design  presents  consider¬ 
able  resistance  to  rotation  about 
the  x-axis.  Thus,  with  this  design, 
one  would  not  expect  high  roll  rates. 
On  the  other  hand,  it  can  be  seen 
that  the  modern  design  presents  a 
relatively  small  resistance  to  ro¬ 
tation  about  the  x-axis.  Thus,  with 
this  design,  one  could  expect  to 
attain  high  rates  of  roll.  It  has 
been  shown  that  high  roll  rates 
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Figart  8.1 

CONVENTIONAL  AND  MODERN  AIRCRAFT  DESIGNS 


T-33  T-38 


enhance  the  tendency  toward  inertial 
coupling. 

This  analysis  of  inertia  cou¬ 
pling  will  consider  rolls  about  two 
different  axes:  The  inertia  axis, 
and  the  aerodynamic  axis.  The  in¬ 
ertia  axis  is  formed  by  a  line 
connecting  the  aircraft's  two  "cen¬ 
ters  of  inertia."  Refer  to  figure 
8.2. 


Figure  g.2 

AIRCRAFT  INERTIA  AXIS 


The  aerodynamic  axis  is  simply  the 
stability  x-axis  first  introduced 
in  the  investigation  of  the  left 
hand  side  of  the  equations  of  motion. 
It  is  merely  the  line  of  the  rela¬ 
tive  wii.d  Aircraft  rotation  in  a 
roll  is  generally  assumed  to  be 
about  this  axis.  To  visualize  this, 
recall  that  to  produce  a  rolling 
moment,  a  differential  in  lift  must 


be  created  on  the  wings.  By  defini¬ 
tion,  the  differential  lift  created 
must  be  perpendicular  to  the  rela¬ 
tive  wind.  Therefore,  the  aircraft 
will  roll  about  the  relative  wind, 
or  aerodynamic  axis . 

First,  consider  a  roll  when 
the  aerodynamic  and  inertia  axis 
are  coincident.  Figure  8.3. 

Figure  8.3 

AERODYNAMIC  AND  INERTIA 
AXIS  COINCIDE  NY 


In  this  case,  there  is  no  force 
created  by  the  centers  of  inertia 
that  will  cause  the  aircraft  to  be 
diverted  from  its  intended  flight 
path,  and  no  inertia  coupling 
results.  Now,  observe  what  happens 
when  the  inertia  axis  is  displaced 
from  the  aerodynamic  axis. 
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Figurt  8.4 

AERODYNAMIC  ANO  INERTIA  AXIS  NON-COINCIDENT 


Cm 


As  the  aircraft  is  rotated  about 
the  aerodynamic  axis,  centrifugal 
force  will  act  on  the  centers  of 
inertia.  Remembering  that  cen¬ 
trifugal  force  acts  perpendicular 
to  the  axis  of  rotation,  it  can  be 
seen  that  a  moment  will  be  created 
by  this  centrifugal  force.  For 
the  case  depicted  in  figure  8.4, 
where  the  aerodynamic  axis  is 
depressed  below  the  inertia  axis, 
a  pitch  up  will  result.  Conversely, 
if  the  aerodynamic  axis  is  above 
the  inertia  axis,  a  pitch  down 
will  result. 

To  appreciate  the  magnitude 
of  the  moment  thus  developed,  refer 
to  figure  8.4  and  consider  the 
following : 

mV  2 
T 

Centrifugal  Force  =  — —  (8.7) 


VT  =  r<u  =  rp  (8.8) 


Therefore, 

C.F.  =  mrp 

the  moment  created  by  this  cen¬ 
trifugal  force  is 

M  =  (C.F.)(d)  =  mrp^d 

(8.9) 


For  modern  designs,  m  is  large. 

Also,  r  will  be  larger  than  for  a 
high  aspect  ratio  wing.  (The  air¬ 
craft  will  operate  at  a  higher 
angle  of  attack.)  As  previously 
discussed,  p  will  be  large.  Also, 
for  long  fuselages,  d  will  be 
large.  Thus,  the  moment  created 
by  inertia  coupling  will  be  large. 

•  8.3  THE  I  xx  PARAMETER 

Three  products  of  inertia 
IXy,  iyz  and  Ixz  appear  in  the  equa¬ 
tions  of  motion  for  a  rigid  air¬ 
craft.  By  virtue  of  symmetry,  Ixy 
and  IyZ  are  both  equal  to  zero. 

However,  the  product  of  inertia  Ixz 
can  be  of  an  appreciable  magnitude 
and  can  have  a  significant  effect 
on  the  roll  characteristics  of  an 
aircraft. 

The  parameter,  Ixz,  can  be 
thought  of  as  a  measure  of  the  uni¬ 
formity  of  the  mass  distribution 
about  the  x-axis.  The  axis  about 
which  IXz  is  equal  to  zero  is  de¬ 
fined  as  the  principle  inertia 
axis,  and  the  mass  of  the  aircraft 
can  be  considered  to  be  concentrated 
on  this  axis. 

If  the  Ixz  parameter  is  not 
aqual  to  zero,  then  the  principle 
- nertia  axis  is  not  aligned  with 
the  aircraft  x-axis.  A  typical 
modern  aircraft  design  can  be  rep¬ 
resented  by  two  centers  of  mass  in 
the  xz  plane  designated  mp  and  m2 
in  figure  8.5. 
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It  can  be  seen  that  if  the  aircraft 
is  rolled  about  the  aerodynamic 
axis,  a  pitch  down  will  result.  This 
phenomena  is  produced  by  exactly  the 
same  centrifugal  force  effects  that 
produced  inertial  coupling.  However, 
it  should  be  noted  that  in  this  case 
the  x-axis  is  aligned  with  the  aero¬ 
dynamic  axis  and  that  the  pitching 
moment  is  a  result  of  the  inclina¬ 
tion  of  the  principle  inertia  axis. 
Thus,  when  an  aircraft  is  rolled 
about  any  axis  which  differs  from 
its  principle  inertia  axis,  pitching 
moments  develop  which  tend  to  cause 
the  aircraft  to  depart  from  its  in¬ 
tended  flight  path.  Depending  on 
its  orientation,  the  Ixz  parameter 
can  either  aggravate  or  oppose 
inertial  coupling. 


From  equation  8.9,  the  moment  pro¬ 
duced  by  the  forward  center  of  mass 
is, 

Mx  -  (C.F.)(x1)  =  m1x1p4'z1  (8.10) 


Similarly,  the  moment  produced  by 
the  aft  center  of  mass  is, 


2  lv 


(8.11) 


The  total  pitch  moment  is  therefore, 


ml  +  m2  =  mlxlP  Z1  +  m2x2P  Z2 


(8.12) 


To  appreciate 
of  this  parameter , 


8.6. 


the  magnitude 
consider  figure 


p  (m1x]z1  +  m2x2z2) 


(8.13) 


Figure  8.5 

PRINCIPLE  INERTIA  AXIS 


Figure  8.6 

PRINCIPLE  INERTIA  AXIS  SELOW  AERODYNAMIC  AXIS 
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But  for  a  simplified  system, 

\z  "  mlXlZl  +  m2x2Z2  (8.14) 

Therefore , 

=  p  Txz  (8.15) 

Thus,  it  can  be  seen  that  the 
magnitude  of  the  pitching  moment 
thus  developed  depends  on  the  roll 
rate  and  the  magnitude  of  the  Ixz 
parameter  relative  to  the  roll  axis. 

The  product  of  inertia,  Ixz, 
is  not  only  of  concern  because  of 
its  introduction  of  a  pitching  mo¬ 
ment,  but  also  because  it  plays  an 
important  role  in  determining  the 
aircraft's  cross  over  speed  from 
adverse  to  complimentary  yaw.  Pri¬ 
marily,  an  aircraft's  cross  over 
speed  is  determined  by  the  relation¬ 
ship  of  the  induced  and  parasite 
drag  generated  by  a  wing  during  a 
rolling  maneuver.  However,  this 
primary  effect  is  mitigated  somewhat 
by  the  effect  of  the  Ixz  parameter. 

As  previously  shown,  the  Ixz 
parameter  can  cause  a  pitching  mo¬ 
ment  during  a  rolling  maneuver. 
However,  since  the  aircraft  is 
rolling,  gyroscopic  effects  come 
into  play,  and  this  moment  results 
in  a  yawing  motion.  From  figure 
8.6,  it  can  be  seen  that  when  the 
principle  inertia  axis  is  below  the 
roll  axis,  a  pitch  down  will  result. 
For  the  right  roll  depicted,  this 
pitching  moment  would  result  in  a 
yaw  left.  Thus,  in  this  case,  the 
Ixz  parameter  would  contribute  to 
the  adverse  yaw  tendency  of  the  air¬ 
craft.  In  actual  practice  however, 
it  will  be  found  that  the  aerody¬ 
namic  axis  generally  lies  below 
the  principle  inertia  axis  through¬ 
out  most  of  the  flight  envelope. 

Thus  the  Ixz  parameter  will  gen¬ 
erally  cause  the  aircraft  to  transi¬ 
tion  from  adverse  to  complimentary 
yaw  at  an  earlier  speed.  For  a 
relative  comparison  of  values,  the 
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F-102  has  an  Ixz  of  3,500  slugs- 
feet^  and  a  crossover  speed  of 
268  knots.  The  F-100  has  an  Ix2  of 
942  slugs-feet^  and  experiences 
complimentary  yaw  in  roll  above  360 
knots . 

•  8.4  AERODYNAMIC 
COUPLING 

This  analysis  of  roll  coupling 
is  not  concerned  with  all  aerodynamic 
coupling  terms  (Cnp,  Cn6a,  C £r,  C£6r> 

etc.).  Only  the  "kinematic  coupling" 
aspects  of  aerodynamic  coupling  will 
be  considered. 

Kinematic  coupling  may  be  con¬ 
sidered  as  an  actual  interchange  of 
a  and  6  during  a  rolling  maneuver. 
This  interchange  is  an  important 
means  by  which  the  longitudinal  and 
lateral  motions  are  capable  of  in¬ 
fluencing  each  other  during  a  rapid 
roll. 


To  understand  how  this  inter¬ 
change  of  a  for  S  occurs,  consider 
figure  8.7. 


In  this  figure  the  aircraft  is 
assumed  to  have  either  infinitely 
large  inertia  or  negligible  sta¬ 
bility.  Thus,  it  will  roll  about 
its  principle  inertia  axis.  In 
(I)  the  aircraft  initiates  a  roll 
from  a  positive  angle  of  attack. 

In  (II)  the  initial  angle  of  attack 
is  converted  to  a  positive  sideslip 
angle  of  equal  magnitude  after  90° 
of  roll.  In  (III)  the  aircraft  has 
again  exchanged  8  and  a  and  after 
180°  of  roll  has  an  angle  of  attack 
equal  in  magnitude  but  opposite  in 
sign  to  the  original  a.  The  inter¬ 
change  continues  and  in  (IV)  this 
-u  is  converted  to  -B. 


Next,  consider  an  aircraft 
with  infinitely  large  stability  in 
pitch  and  yaw  or  negligible  inertia. 
Refer  to  figure  8.8. 
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Figure  8.8 

KINEMATIC  COUPLING.  STABLE  ROLLING  OF  AN  AIRCRAFT  WITH 
INFINITELY  LARGE  STABILITY  IN  PITCH  AND  YAW  OR  NEGLIGIBLE  INERTIA 


In  this  case,  the  aircraft  will 
roll  about  its  aerodynamic  axis,  and 
no  interchange  of  a  or  6  will  occur. 
However,  in  this  situation  it  is 
possible  for  inertia  coupling  to 
occur . 

The  situation  depicted  in  fig¬ 
ure  8.8  never  actually  occurs  but 
can  be  fairly  well  approximated  by 
an  aircraft  possessing  large  magni¬ 
tudes  of  Cng  and  Cma  which  is 
rolled  at  a  relatively  slow  roll 
rate.  However,  in  most  cases,  the 
actual  aircraft  motion  will  lie 
somewhere  between  the  cwo  extremes 
depicted . 

Two  empirical  relationships 
can  be  stated: 


«  •  -Kpp  (8.16) 

P  =  Kpa  (8.17) 

These  relationships  show  that  any 
roll  rate  will  cause  an  interchange 
of  a  and  6,  the  exact  amount  de¬ 
pending  on  the  relative  values  of 
the  moments  of  inertia  and  Cma  and 
Cn6.  It  can  also  be  seen  that  for 
a  given  aircraft,  the  rate  of  inter¬ 
change  of  a  and  6  depends  on  the 
roll  rate. 

It  has  been  shown  that  when¬ 
ever  a  and  6  exist,  a  rolling  maneu¬ 
ver  will  generate  inertia  coupling. 
The  relative  value  of  Cma  and  Cng 
will  determine  just  what  axis  an  __  _ 
aircraft  will  actually  roll  about, 
and  thus  how  much  interchange  of 
a  and  6  will  occur. 

Subsequent  to  a  disturbance 
in  pitch  or  yaw  from  an  aircraft's 
equilibrium  condition,  a  finite 
period  of  time  will  be  required  for 
the  natural  aircraft  stability  to 
reduce  the  disturbance  to  zero. 

The  frequency  of  this  response  is 
a  function  of  the  value  of  Cng  and 
Cma  • 


It  will  be  shown  in  dynamics 

that , 

fnp=  (O  Cnp  (8.1 


£ma=  (f)  Cma  .  (8.19) 

Assume  that  an  aircraft  is 
rolled  at  a  rate  that  creates  a 
disturbance  in  B  at  a  rate  equal  to 
the  maximum  rate  that  the  natural 
aircraft  stability  can  damp  out 
the  disturbance.  Thus, 

P  =  Kpa  =  fnp  (8.20) 

In  this  case  there  would  be  no 
buildup  of  B,  and  a  condition  of 
neutral  stability  in  yaw  would  re¬ 
sult.  However,  if  the  roll  rate 
were  increased  slightly  above  this 
value  then  successively  larger  in¬ 
creases  in  B  would  occur  and  diver¬ 
gence  would  result.  This  analysis 
can  also  be  followed  through  for 
an  initial  disturbance  in  a .  It  is 
not  important  which  diverges  first, 
a  or  B ,  since  any  divergence  about 
one  axis  will  quickly  drive’  the 
other  divergent.  As  a. -matter  of 
interest  however,  supersonically 
Cng  decreases  more  rapidly  than  Cma 
and  therefore^  most  modern  aircraft 
wili  diverge' in  yaw  first. 

^rt  can  be  shown  on  an  analog 
computer  that  when  Cma  =  Cn6  a 
stable  condition  will  exist  at  all 
roll  rates.  This  is  often  referred 
to  as  a  "tuned  condition,"  and  is 
a  possible  dodge  for  an  aircraft 
designer  to  utilize  in  a  critical 
flight  area.  However,  it  is  diffi¬ 
cult  to  capitalize  on  this  occurrence 
because  of  the  wide  variation  of 
the  stability  derivatives  with  Mach 
number. 

It  may  be  that  an  aircraft 
will  possess  stability  parameters 
such  that  a  roll  coupling  problem 
exists  at  a  given  roll  rate.  How- 
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ever,  if  a  relatively  long  time 
is  required  before  large  values  of 
a  and  6  are  generated,  then  the  air¬ 
craft  may  be  rolled  at  the  maximum 
value  by  restricting  the  aircraft 
to  one  360  degree  roll.  In  this 
situation,  the  aircraft  is  diverging 
during  the  roll,  but  at  such  a  slow 
rate  that  by  the  time  the  aircraft 
has  rolled  360  degrees,  the  maximum 
allowable  a  or  6  of  the  aircraft 
has  not  been  exceeded. 

•  0.0  AUTO  ROTATIONAL 
ROLLING 

It  has  been  shown  that  during 
rolling  maneuvers  large  angles  of 
sideslip  may  occur  as  a  result  of 
roll  coupling  and  kinematic  cou¬ 
pling.  At  negative  angles  of 
attack,  kinematic  coupling  may  cause 
the  vertical  tail  to  produce  large 
rolling  moments  in  the  original 
direction  of  roll.  In  such  a  case, 
it  may  not  be  possible  to  stop  the 
aircraft  from  rolling,  although  the 
lateral  control  is  held  against  the 
roll  direction.  This  is  known  as 
autorotational  rolling.  In  this 
situation,  positive  "G"  would  facili¬ 
tate  recovery.  As  the  angle  of 
attack  is  increased  to  a  positive 
value,  kinematic  coupling  will  re¬ 
sult  in  a  moment  that  opposes  the 
original  direction  of  roll,  thus 
alleviating  the  tendency  for  auto¬ 
rotational  rolling. 

For  an  appreciation  of  roll 
coupling  difficulties,  computer 
studies  have  demonstrated  that  in 
quite  realistic  designs,  the  criti¬ 
cal  roll  rate  for  the  occurrence  of 
such  phenomenon  as  autorotational 
rolling  can  be  as  low  as  20  degrees 
per  second. 

•  S.e  A  MATHEMATICAL 
ANALYSIS  OF  ROLL 
DIVIROINCK 

The  roll  coupling  character¬ 
istics  of  high  performance  modern 
fighters  are  thoroughly  investigated 
by  analog  simulation  prior  to 


flight  testing.  However,  smaller 
test  programs  may  not  have  this 
capability.  It  is  the  intent  of 
this  section  to  provide  the  test 
pilot  with  a  practical  mathematical 
tool  to  aid  in  determining  the  roll 
rate  at  which  an  aircraft  will 
start  to  diverge  due  to  roll  cou¬ 
pling.  If  the  critical  roll  rate 
thus  determined  is  attainable  in 
the  aircraft,  then  the  test  pilot 
should  avoid  higher  rates  of  roll 
until  a  complete  analog  analysis 
can  be  conducted.  Thus,  this  mathe¬ 
matic  tool  will  enable  the  test 
pilot  to  identify  potentially 
hazardous  areas. 

This  mathematical  analysis  is 
based  on  certain  simplifying  assump¬ 
tions.  They  are: 

1.  Velocity  remains  constant 
during  the  roll  maneuver, 
u  =  0. 

2.  Roll  rate  is  constant, 

p  =  0. 

3.  v,  w,  q,  r  are  small  therefore 
their  products  are  negligible. 

4.  Engine  gyroscopic  effects 
are  negligible. 

5.  The  rudder  and  elevator  are 
fixed  in  their  initial  trim 
position. 

6.  Aerodynamic  parameters  are 
negligible  with  the  exception 
of  M  a  ,  M  q ,  Ng,  Np. 

When  these  assumptions  are 
applied  to  the  equations  of  aircraft 
motion,  the  following  results  are 
obtained : 


(8.1) 
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It  can  be  shown  that: 


(r  +  qp)  «  -  e  SIN  0  s;  o 


(8.21) 


Therefore,  in  light  of  the  assump¬ 
tions  made,  equation  8.1  will  be 
approximately  equal  to  zero. 


£m 

“  q  + 


q  +  pr 


'I  -  I 
x  zi 
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-/>  Is 

/  v 


y 

(8.2) 


Thus , 


for  small  a  and  e, 


Assuming  u  =  0 


a  =  » 

u 


(8.24) 


(8.25) 


(8.26) 


Ma  *  a  +  Mq  *  9  *  q  +  pr 
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Thus,  equation  8.5  becomes, 

(8.22) 

w  v 

i  i 

u  r  u 

■q-a  +  pp.q 

r  '• 

Equation 

8 . 6  becomes , 

(8.3) 

*  +  r  - 
u 

p  „  =  P+r-pa  =  0 

Thus , 


Nfl  •  P  +  N  .  r 


r  +  pq 


(8.27) 


=  0 
(8.28) 


(8.29) 


To  further  streamline  equations 
8.22  and  8.23,  the  following  sub¬ 
stitutions  are  made, 


(8.23) 

The  lift  and  side  force  equa¬ 
tions  will  average  zero  throughout 
a  roll. 


w  +  pv 


qu 


0 


(8.5) 


v  +  ru  -  pW  =  o  (8.6) 


To  recap,  simplifying  assumptions 
have  reduced  the  aircraft  equations 
of  motion  to  the  following  for 
rolling  maneuvers: 


a 


+ 


PP  -  q 


0 


(8.28) 


To  get  equations  8.5  and  8.6  into 
a  more  suitable  form,  recall  that 


8.10 


P  +  r  -  pof  =  o 


(8.29) 


Ma-a+Mq-q-q+prB 


412 


2 

P 


I 

xz 

I 


y 
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N,  .  p  +  N  .  r  -  r  -  pqA  -  0  (8.31) 

P  r 

These  equations  can  be  recog¬ 
nized  as  four  linear  differential 
equations  expressed  in  terms  of  the 
variables  a,  6,  q,  r.  To  examine 
the  stability  of  these  equations, 
it  is  only  necessary  to  find  out 
if  the  transient  solution  of  the 
equations  delays  with  time.  To 
do  this,  first  express  the  equa¬ 
tions  in  Laplace  notation: 

sa  +  pp  -  q  =  0  (8.32) 


sp  +  r  -  pa  ■  0  (8.33) 


M  a  .  a  +  (  Mq  -  s)  q  +  prB  =  0  (8.34) 
N  p  +  (N  -  s)  r  -  pqA  =  0  (8.35) 

P  r 


®2  -  ‘  Ma  +  MqNr  +  Np  +  P2  O  +  AB) 

(8.38) 

*1  "  MaNr  *  MqNp  -  p2  ( Mq  +  N  f) 

(8.39) 

ao  "  P2(MaA+  MqNr-  NpB  +  ABp2)- Ma  Np 

(8.40) 

Thus,  equation  8.36  becomes 
4  3  2 

s  +  SpS  +  «2s  +  a^s  +  aQ  =  0  (8.41) 

If  any  roots  of  equation 
8.41  have  positive  real  parts,  then 
the  motion  will  be  unstable  and 
the  aircraft  will  diverge.  In 
order  that  there  be  no  roots  with 
positive  real  parts,  it  is  necessary 
but  not  sufficient  that: 


The  characteristic  equation 
of  this  set  of  simultaneous,  non- 
homogeneous,  differential  equations 
is  identical  to  the  determinate  of 
the  coefficients.  The  expanded 
determinate  yields: 

s4  (8.36) 

+  <-Mq  -  Nr)  s3 

+(-M  +  M  N  +  N+o2+  p2AB)  s2 
a  q  r  p 


1.  All  coefficients  have  the 
same  sign. 

2.  None  of  the  coefficients 
vanish. 

If  both  of  these  conditions  are 
met,  then  the  equation  must  be 
examined  further. 

The  coefficients  of  the  char¬ 
acteristic  equation  will  be  examined 
in  light  of  the  following  assump¬ 
tions  : 


+  (Mq  Nr  -  MqNp  -  MqP2  -  Nrp2)  s 
+  MqP2A  +  Mq  Nrp2  -  NpBp2  +  ABp4  -  M(J  Np 
*=  0 

For  convenience,  the  following 
substitutions  will  be  made: 

a3  =  'Mq-Nr  (8.37) 


1.  The  aircraft  possesses  posi¬ 
tive  static  stability  in 
pitch  and  yaw,  thus  Ma  = 

(-)  ,  N6  =  (  +  )  . 

2.  The  aircraft  possesses  posi¬ 
tive  damping  in  pitch  and 
yaw,  thus,  Mq  =  (-)  ,  Nr  =  (-)  . 

3.  The  aircraft  mass  distribu¬ 
tion  is  such  that  Iz>Ix  an^ 
Iy>Ix,  thus  A  =  (+) ,  B  =  (+) . 
(This  mass  distribution  is 
typical  of  a  modern  fuselage 
loaded  aircraft.) 
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In  view  of  these  assumptions, 
it  can  be  seen  that  the  coefficients 
a2 ,  a2 ,  will  be  positive.  However, 
aQ  may  be  either  positive  or  nega¬ 
tive.  If  aQ  is  examined  and  found 
to  be  negative,  the  resulting  roll¬ 
ing  maneuver  will  be  unstable.  If, 
however,  ao  if  found  to  be  positive, 
the  coefficients  must  be  investi¬ 
gated  further  by  means  of  the 
Routh-Hurwitz  Stability  Criterion. 

A  brief  description  of  the  mech¬ 


anics  involved  in  the  Routh-Horwitz 
method  follows: 


The  first  step  is  to  arrange 
the  polynomial  coefficients  into 
two  rows :  The  first  row  will  con¬ 
sist  of  the  first,  third,  fifth 
coefficients,  etc.,  and  the  second 
row  will  consist  of  the  second, 
fourth,  sixth  coefficients,  etc. 

The  following  example  is  presented: 

ao  a2  a4  a6  a8 


al  a3  a5  a7  a9 

The  next  step  is  to  form  the 
following  array  of  numbers  ob¬ 
tained  by  the  indicated  operations. 
The  example  shown  is  for  a  sixth- 
order  system. 


F(s) 


6  ^  5^  4  3  2  1 

as  +  a,  s  +  a,s  +  a,s  t  a,  s  +  a._s  +  a, 

ol  2  3  4  3  6 


a  a  -  at. 

1  4  o  5 


a. 

i 

Aac 

-  a,  a. 

5 

1  6 

A 

Ca, 

0 

-  A  x  0 

C 


a,  a  -  a  x  0 
16  o 


A  x  0  -  a^  x  0 


C  x  0  -  A  x  0 
C 


Fa,  -  E  x  0 
6 

F  a6 


0 


0 


0 
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The  last  step  is  to  investi¬ 
gate  the  signs  of  the  numbers  in 
the  first  column  in  this  array. 

If  all  of  the  elements  in  the  first 
column  are  positive,  the  system  is 
stable.  If  one  or  more  of  the 
elements  is  negative,  the  system 
is  unstable. 

When  the  Routh-Hurwitz  Cri¬ 
terion  is  applied  to  equation  8.41, 
the  following  equations  result. 

They  must  both  be  positive  if  the 
system  is  to  be  stable. 


V2  -  al 


2  2 

i.a  a  -  a  a  -  a, 
12  3  o  3  1 


(8.42) 


(8.43) 


In  summary,  to  determine  if 
a  given  roll  rate  will  result  in 
a  stable  aircraft  motion: 

1.  Determine  the  value  of  aQ 
(equation  8.40).  If  it 
is  negative  the  system  is 
unstable . 

2.  Determine  the  values  of  a^, 
a2 '  a3  (equations  37  -  39). 

3.  Solve  equation  8.42.  If 
negative  the  system  is  un¬ 
stable. 

4.  Solve  equation  8.43.  If 
negative  the  system  is  un¬ 
stable. 

5.  If  steps  1-4  yield  no  nega¬ 
tive  results,  the  system  is 
stable  for  the  roll  rate  in¬ 
vestigated. 


Although  somewhat  unwieldly, 
in  the  absence  of  adequate  analog 
simulation,  the  foregoing  system 
will  yield  fairly  accurate  results. 
It  can  serve  to  warn  the  test  pilot 
of  a  perilous  situation. 


•  8.7  CONCLUSIONS 

As  an  aircraft's  inertias  are 
disproportionately  increased  in 
relation  to  its  aerodynamic  sta¬ 
bilities  in  pitch  and  yaw,  the  air¬ 
craft  will  be  liable  to  pitching 
and  yawing  motions  during  rolling 
maneuvers.  The  more  typical  case 
is  a  divergence  in  yaw  by  virtue 
of  an  inadequate  value  of  Cng. 

The  peak  loads  resulting  from 
roll  coupling  generally  increase  in 
proportion  to  the  initial  incidence 
of  the  principle  inertial  axis  and 
progressively  with  the  duration  of 
the  roll  and  the  rapidity  of  aileron 
application  at  the  beginning  and 
the  end  of  the  maneuver.  The  most 
severe  cases  naturally  should  be 
expected  in  a  flight  regime  of  low 
Cne  and  high  dynamic  pressures. 

The  rolling  pull-out  maneuver 
in  a  high  performance  aircraft  is 
especially  dangerous.  It  combines 
many  unfavorable  features:  High 
speed  hence  high  roll  rate  capa¬ 
bility;  high  acceleration  which 
favors  poor  coordination  and  in¬ 
advertent  excitation  of  transients 
by  the  pilot;  and  high  dynamic  pres¬ 
sures  which  at  large  values  of 
a  and  6  may  break  the  aircraft. 


Most  high  performance  air¬ 
craft  incorporate  roll  rate  limi¬ 
ters  in  addition  to  angular  damping 
augmenters.  In  these  aircraft  a 
lateral  control  with  enough  power 
for  low  speed  is  almost  certain 
to  be  too  powerful  for  high  speeds. 
Fortunately,  limiters  of  various 
kinds  are  not  too  difficult  to  in¬ 
corporate  in  a  fully  powered  con¬ 
trol  system. 

It  is  obvious  that  flight 
testing  in  suspected  regions  of 
roll  coupling  warrant  a  cautious 
methodical  approach  and  must  be 
accompanied  by  thorough  computer 
studies  that  stay  current  with  the 
flight  test  data.  The  only  way 
that  the  pilot  can  discover  the 
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exact  critical  roll  limit  in 
flight  is  when  he  exceeds  it,  which 
is  obviously  not  the  approach  to 
take.  Because  of  this,  flight 
tests  are  generally  discontinued 
when  computer  studies  indicate  that 
the  next  data  point  may  be  "over 
the  line." 

The  followina  example  is 
cited.  The  Bell  X-2  rocket  ship 
in  1956  was  launched  from  its 
mother  ship  at  Edwards.  The  pilot 
flew  a  perfect  profile  but  the 
rocket  engine  burned  a  few  critical 
seconds  longer  than  the  engineers 
predicted,  resulting  in  a  greater 
speed  (Mach  3.2)  and  greater  alti¬ 
tude  (119,800  feet)  than  planned. 
Unknown  to  the  pilot,  he  was  pro¬ 
gressively  running  out  of  direc¬ 
tional  stability.  When  he  was 
over  the  point  at  which  he  had 
preplanned  to  start  his  turn  toward 
Roger's  Dry  Lake  he  actuated  his 
controls.  The  X-2  went  divergent 
with  a  resultant  loss  of  control. 
The  accident  investigation  revealed 
the  cause  to  be  a  greater  loss  in 
directional  stability  than  planned, 
resulting  in  divergent  roll  cou¬ 
pling. 


A  combination  of  reasonable 
piloting  restrictions  coupled  with 
increased  directional  stability  has 
provided  the  solution  to  roll  cou¬ 
pling  problems  in  the  present  gen¬ 
eration  of  aircraft.  The  problem 
is  one  of  understanding  since  a 
thinking  pilot  would  no  more  exceed 
the  roll  limitations  imposed  on  an 
aircraft  than  he  would  the  struc¬ 
tural  "G"  limitations. 

Besides  pilot  education,  some 
other  schemes  to  eliminate  roll 
coupling  divergencies  are: 

1.  Roll  rate  limiters. 

2.  Angular  damping  augmenters. 

3.  Placarded  roll  limits  such  as 

a.  "G"  limits. 

b.  Total  allowable  roll  at 
maximum  rate. 

c.  Altitude  limits. 

d.  Mach  limits. 

e.  Flap  position  limits. 
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ABBREVIATIONS  AND  SYMBOLS 
FOR  THIS  CHAPTER 


V 

do  /dn 
e 

n 

dF  /dn 
s 

d6  /dv 
e 

d6r/dp 


C 

n 

P 


hinge  moment  coefficient  (restoring) 
hinge  moment  coefficient  (floating) 


hinge  moment  coefficient  (tab) 

"dynamic  pressure" 
compressible  dynamic  pressure 
elevator  deflection 
airspeed 

elevator  angle  per  g 

normal  acceleration 
stick  force  per  g 

elevator  angle  to  airspeed  ratio 

rudder  angle  per  degree  of  sideslip 
elevator  deflection 

Yaw  damping  derivative 


lbs/ft2 

lbs/ft2 

degrees  or  radians 
knots 


ft/sec 


2 


degrees  or  radians 


Yawing  moment  coefficient  with  sideslip  angle 


Yawing  moment  coefficient  with  rolling  velocity 
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•  9.1  INTRODUCTION 

In  the  broad  sense  the  air¬ 
craft  flight  control  system  con¬ 
sists  of  all  the  mechanical,  elec¬ 
trical  and  hydraulic  elements  which 
conveirt  cockpit  control  forces  and 
motions  into  aerodynamic  control 
surface  deflections  or  action  of 
other  control  devices  which  in  turn 
change  the  orientation  of  che  ve¬ 
hicle.  The  flight  control  system 
together  with  the  power  plant  con¬ 
trol  system,  enables  the  pilot  to 
"fly"  his  aircraft  -  that  is,  to 
place  it  at  any  desired  flight  con¬ 
dition  within  its  capability. 

The  power  plant  control  sys¬ 
tem  acts  as  a  thrust  metering  de¬ 
vice,  while  the  flight  control 
system  varies  the  moments  about 
the  aircraft  center  of  gravity. 
Through  these  control  systems  the 
pilot  is  able  to  vary  the  velocity, 
normal  acceleration,  sideslip,  roll 
rate,  and  other  parameters  within 
the  aircraft's  envelope.  How 
easily  and  effectively  he  can  accom¬ 
plish  his  task  is  a  measure  of  the 
suitability  of  his  control  systems. 
An  aircraft  with  exceptional  per¬ 
formance  characteristics  is  vir¬ 
tually  worthless  if  it  is  not 
equipped  with  at  least  an  acceptable 
flight  control  system. 

Two  important  control  system 
characteristics  are  the  magnitude 
of  cockpit  control  forces  and  de¬ 
flections.  Figure  9.1  shows  ap¬ 
proximate  limitations  of  the 
pilot's  physical  effort.  The  limi¬ 
tations  shown  in  this  figure  are 
much  greater  than  those  considered 
desirable  for  normal  flying.  How¬ 
ever,  if  the  control  forces  re¬ 
quired  for  normal  aircraft  maneu¬ 
vers  are  pleasantly  light  it  will 
usually  be  possible  to  overstress 
the  aircraft  by  misuse  of  the  con¬ 
trols.  Conversely,  an  aircraft 
that  displays  control  character¬ 
istics  that  prevent  exceeding  the 
design  limitations  would  ordinarily 
be  considered  unacceptably  heavy. 


FIGURE  9.1 

APPROXIMATE  PILOT  PHYSICAL  LIMITATIONS 
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70 
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40 

40 
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30 

SO 

1  LARGEST  HAND  OR  FOOT  1 

|  MOVEMENT  FOR  FULL  TRAVEL 

-10  IN  -10  IN 

-f  IN 

-f  IN 

-9  IN  | 

Having  noted  the  approximate 
capabilities  of  a  pilot  with  re¬ 
spect  to  effort,  there  is  another 
important  factor  to  which  he  reacts, 
that  of  control  "harmony."  Control 
harmony  is  a  rather  nebulous  quan¬ 
tity  and  cannot  be  discussed  merely 
in  terms  of  relative  forces  required 
for  the  three  controls,  it  is  also 
necessary  to  take  into  account  the 
aircraft's  response  characteristics. 
Therefore,  no  idealized  ratios  can 
be  established  for  relative  heavi¬ 
ness  of  the  controls.  However,  as 
one  would  suspect  after  reference 
to  figure  9.1,  aileron  force  should 
ordinarily  be  less  than  elevator 
force  which  in  turn  is  usually  ex¬ 
pected  to  be  less  than  the  rudder 
force  required.  In  any  case  con¬ 
trol  harmony  is  a  matter  of  opinion, 
and  opinions  change  with  time  and 
pilots.  Since  the  pilot-contrcl 
system  acts  on  an  aircraft  with 
specific  static  and  dynamic  sta¬ 
bility  properties,  it  follows  that 
the  characteristics  of  the  closed 
loop  system  must  be  found  satis¬ 
factory. 

In  flying  an  aircraft  the 
pilot  frequently  makes  use  of  such 
references  as  the  movement  about  the 
horizon  and  the  magnitude  of  accel¬ 
erations  felt,  but  these  indications 
are  available  to  him  after  he  is 
already  in  the  maneuver.  He  can 
only  conclude  that  this  maneuver 
is  too  violent  or  too  mild  after  he 
has  felt  or  seen  its  magnitude. 
Needless  to  say  this  could  be  rather 
untimel  for  effective  control  of 
the  air  .aft,  consequently  there 
is  a  need  for  something  to  forewarn 
the  pilot  of  aircraft  motion  that 
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will  take  place  as  a  result  of  his 
use  of  the  cockpit  controls.  Con¬ 
trol  movement  and  force  are  two  of 
the  pilot's  inputs  to  the  stick,  of 
which  he  is  usually  aware.  In  some 
flight  regimes  the  stick  movement 
can  be  considerable  but  at  high 
speeds  and  aft  eg  conditions,  the 
stick  movements  may  be  barely  per¬ 
ceptible  and  for  this  reason  it  is 
generally  conceded  that  control 
force  is  the  most  important  indi¬ 
cation  of  tne  magnitude  of  the 
maneuver.  It  follows  that  there 
should  be  no  reversal  of  these 
forces  in  order  that  the  pilot  is 
never  required  to  reverse  his 
thinking.  It  would  seem  that 
stick  deflections  should  never  re¬ 
verse  either,  but  it  may  be  possi¬ 
ble  to  relax  such  a  requirement 
in  the  portion  of  the  aircraft  en¬ 
velope  where  stick  movement  is  so 
small  as  to  be  unnoticeable.  If 
the  stick  movement  is  infinitesimal 
the  pilot  simply  senses  that  he 
must  pull  to  slow  down  and  is  prob¬ 
ably  unaware  of  the  fact,  that  the 
stick  may  have  moved  forward  a 
fraction  of  an  inch. 

To  summarize  the  general  re¬ 
quirements  of  the  aerodynamic  con¬ 
trol  system;  two  conditions  must 
be  met  if  the  pilot  is  to  be  given 
suitable  command  over  his  airplane. 

1.  It  must  be  capable  of  actuat¬ 
ing  the  control  surface. 

2.  It  must  provide  the  pilot 
with  a  "feel"  that  bears  a 
satisfactory  relationship  to 
the  aircraft's  reaction. 

There  are  numerous  variations 
in  the  designs  of  aircraft  control 
systems.  However,  these  systems 
may  be  rather  simply  classified. 

The  first  classification  in  which 
the  majority  of  the  modern  aircraft 
control  systems  fall  is  that  in 
which  the  moments  about  the  aircraft 
center  of  gravity  are  created  by 
varying  the  camber  or  angle  of 
attack  of  the  aerodynamic  lifting 


or  stabilizing  surfaces.  The  most 
familiar  example,  is  the  use  of 
trailing  edge  flaps  on  the  wings, 
horizontal  and  vertical  stabilizer, 
called  ailerons,  elevator  and  rud¬ 
der,  respectively.  Another  subclass 
of  aerodynamic  control  is  the 
spoiler  which  has  come  into  rather 
wide  use  in  recent  years  for  lateral 
control.  This  device  creates  roll¬ 
ing  moments  by  changing  the  energy 
of  the  airflow  over  one  wing  thereby 
resulting  in  a  differential  lift 
between  the  two  wings.  These  aero¬ 
dynamic  systems  can  be  further 
broken  down  into  "reversible"  and 
irreversible  systems.  These  systems 
can  be  simple  mechanical  controls 
in  which  the  pilot  supplies  all  of 
the  force  required  to  move  the  con¬ 
trol  surface.  This  type  system  is 
called  "reversible"  since  all  of 
the  forces  required  to  overcome  the 
hinge  moments  at  the  control  surface 
are  transmitted  to  the  cockpit  con¬ 
trols.  The  system  may  have  built 
into  it  a  mechanical,  hydraulic  or 
some  other  type  of  boosting  device, 
which  supplies  some  specific  pro¬ 
portion  of  the  control  force.  Sys¬ 
tems  of  this  nature  are  generally 
called  "boosted  control  systems." 
However,  they  are  still  considered 
*' reversible .  "  Even  though  the  force 
required  of  the  pilot  is  less  than 
the  control  surface  hinge  moments 
the  force  required  is  proportional 
to  these  moments.  In  other  words 
the  pilot  furnishes  a  fraction  of 
the  force  required  to  overcome  the 
hinge  moments  throughout  the  air¬ 
craft's  envelope.  The  control  sys¬ 
tem  is  said  to  be  irreversible  if 
the  pilot  through  his  cockpit  con¬ 
trols,  actuates  a  hydraulic,  elec¬ 
tronic,  or  some  other  type  of  device 
which  in  turn  moves  the  control  sur¬ 
face.  In  this  system  the  aerodynamic 
hinge  moments  at  the  control  surface 
are  no  longer  transmitted  to  the 
stick.  Here,  without  artificial 
feel  devices  the  pilot  would  feel 
only  the  force  required  to  actuate 
the  valves  or  sensing  devices  of 
his  powered  control  system.  Because 
of  this,  artificial  feel,  which 
approximates  the  feel  that  the  pilot 
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senses  with  a  "reversible"  system 
must  be  added. 

A  second  category  of  control 
system  is  that  of  reaction  controls. 
In  this  system  small  jets  are  usu¬ 
ally  located  near  the  extremities 
of  the  aircraft  where  the  length 
of  the  moment  arm  is  greatest. 

These  jets  may  be  fired  in  order  to 
create  pitching,  rolling,  or  yawing 
moments.  Reaction  controls  are  used 
extensively  for  control  of  vehicles 
in  the  very  low  speed  or  very  high 
altitude  flight  regimes  where  aero¬ 
dynamic  controls  are  ineffective. 
Since  this  control  system  is  used 
primarily  in  areas  where  aerodynamic 
damping  is  very  light  or  in  some 
cases  almost  non-existent,  it  be¬ 
comes  apparent  that  a  different 
technique  is  required  in  the  use  of 
the  cockpit  controls.  When  an 
angular  velocity  about  the  eg  is 
established  by  use  of  one  of  the 
reaction  jets,  this  velocity  tends 
to  continue  undiminished  until  an 
equal  and  opposite  pulse  is  intro¬ 
duced.  Therefore,  it  is  obvious 
that  a  considerable  change  in  ground 
rules  is  required  for  the  pilot  to 
intelligently  evaluate  such  a  con¬ 
trol  system. 

Other  control  system  cate¬ 
gories  might  include  the  use  of 
inertial  or  magnetic  control  de¬ 
vices  not  only  to  guide,  but  to 
control  the  orientation  of  a  vehicle 
in  space . 

Since  in  ^he  final  analysis 
it  is  the  pilot-control  system  - 
aircraft  combination  which  must  be 
satisfactory  in  order  for  the  air¬ 
craft  itself  to  be  considered  ac¬ 
ceptable,  this  chapter  will  concern 
itself  with  not  only  the  various 
types  of  control  systems  mentioned 
above,  but  also  with  the  pilot 
himself . 

•  S.a  SERVOMECHANISMS 

From  experience  it  has  been 
shown  that  in  simple  tasks  the 
difference  in  performance  between 


one  pilot  and  another  is  general'.^ 
small ,  becoming  negligible  when 
such  tasks  are  repetitive.  As  the 
complexity  of  the  task  is  gradually 
increased  his  performance  becomes 
more  inconsistent.  Then  ait  each 
progressively  more  difficult  stage 
the  performance  depends  on  the 
variance  of  adaptability  of  pilots, 
the  degrees  of  predictability  of 
rhe  system  they  operate,  their 
individual  nervous  and  muscular 
characteristics  and  also  their 
psychological  and  physiological  con¬ 
dition  at  the  time.  In  spite  of  all 
this  the  human  pilot  is  popular  with 
servo  engineers  for  use  as  an  adap¬ 
tive  servo.  The  human,  however, 
has  some  limiting  characteristics 
which  are  virtually  constant.  They 
are  his  reaction  time  (normally 
between  0.2  and  0.3  seconds)  and 
his  neuro-muscular  lag  (0.10  to 
0.16  seconds).  These  virtually 
fixed  characteristics  represent 
some  of  his  most  serious  liabilities 
as  a  servo  element  and  restrict  sys¬ 
tem  performance.  Therefore,  the 
control  system  designer  must  design 
for  the  physical  limitations  of  the 
pilot  as  well  as  for  the  airplane 
characteristics . 

A  servomechanism  can  be  de¬ 
fined  as  an  automatic  control  sys¬ 
tem  which  senses  the  output  of  a 
system,  compares  this  output  with 
the  desired  output,  and  if  a  dif¬ 
ference  exists  -  causes  the  output 
to  be  changed  until  it  equals  the 
desired  value.  Familiar  examples 
of  servomechanisms  are  automatic 
tracking  radar,  and  thermostatically 
controlled  air  conditioning  units. 
Another  example  is  the  human  body 
when  performing  even  the  simplest 
of  tasks.  A  boy  catching  a  ball 
senses  the  direction  of  motion  of 
the  ball  with  his  eyes  and  moves 
his  body,  arms  and  hands  until  the 
ball  enters  his  glove.  He  is  sub¬ 
consciously  but  continually  compar¬ 
ing  the  relative  position  and  motion 
of  the  ball  and  glove  and  correcting 
the  motion  of  the  glove  until  the 
bail  enters  it.  A  pilot  flying  an 
aircraft,  may  be  thought  of  as  part 
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of  a  multi-channel  servomechanism. 

He  is  constantly  monitoring  and  - 
through  the  flight  control  system  - 
adjusting  angles  of  pitch  and  bank, 
airspeed,  altitude,  heading,  and 
often  a  number  of  other  parameters 
as  well. 

Before  further  considering 
the  pilot  as  a  servomechanism,  a 
brief  discussion  of  the  servomechan¬ 
ism  is  in  order.  The  servomechanism 
is  based  on  the  detection  of  a  dif¬ 
ference  between  the  existing  output 
of  a  system  and  the  desired  output, 
and  a  resulting  correction  of  the 
output  toward  the  desired  value. 

A  signal  (such  as  a  voltage) ,  repre¬ 
senting  the  output  is  "fed  back"  to 
a  sensing  device  which  detects  this 
difference  which  is  called  the  error 
signal.  The  route  by  which  the 
exiting  output  is  fed  back  to  the 
sensing  device  is  called  the  feed¬ 
back  loop.  A  control  system  con¬ 
taining  one  or  more  feedback  loops 
is  called  a  closed  loop  system.  A 
system  which  does  not  contain  a 
feedback  element  is  called  an  open 
loop  system.  Examples  of  a  closed 
loop  and  open  loop  system  are  shown 
in  figures  9.2  and  9.3. 

FIGURE  9 2 

CLOSED  LOOP  SYSTEM 


SIGNAL  INPUT  ■  6  <  ELEMENT 
SIGNAL  OUTPUT*#. 

ERROR  SIGNAL,  t-  d',  -  6, 


FIGURE  93 
OPEN  LOOP  SYSTEM 


An  open  loop  system  does  not 
qualify  as  a  servomechanism.  An 
example  of  an  open  loop  system  ?.s 
an  aircraft  with  the  controls  free 
to  float.  An  example  of  a  closed 
loop  system  is  an  aircraft  under 
the  control  of  a  pilot.  Typical 
block  diagrams  for  these  two  sys¬ 
tems  are  shown  in  figures  9.4  and 
9.5. 

FIGURE  9.4 

CLOSED  LOOP  SYSTEM 
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FIGURE  9.5 
OPEN  LOOP  SYSTEM 


In  the  closed  loop  case,  the 
input  is  a  desired  normal  accelera¬ 
tion  of  say  2.0  g's.  If  the  air¬ 
craft  is  at  only  1.8  g's  (the  out¬ 
put)  the  pilot  reads  and  interprets 
the  accelerometer  and  pulls  back 
on  the  stick.  Thus,  he  is  both 
a  sensing  and  a  control  element. 

He  senses  an  error  signal  of  0.2  g 
and  imparts  an  aft  deflection  to 
the  stick.  This  aft  motion  of  the 
stick  produces  a  trailing  edge  up 
elevator  deflection  which  in  turn, 
produces  an  increase  in  normal 
acceleration.  When  the  actual  nor¬ 
mal  acceleration  (the  output)  equals 
the  desired  normal  acceleration 
(the  input)  the  error  signal  will 
then  be  zero  and  the  pilot  will 
stop  the  aft  movement  of  the  stick. 
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In  the  open  loop  system,  the 
stick  is  deflected  to  a  position 
which  is  estimated  to  produce  a 
normal  acceleration  of  2.0  g's. 

The  elevator  is  moved  to  a  corre¬ 
sponding  angle  by  the  flight  con¬ 
trol  system,  and  the  airplane  is 
given  a  normal  acceleration  which 
may  or  may  not  be  exactly  2.0  g's. 
Since  there  is  no  feedback,  no 
further  refinement  is  possible. 

The  normal  acceleration  obtained 
with  this  stick  deflection  depends 
on  many  variables  including  altitude, 
airspeeu,  eg  position,  etc. 

It  is  quite  possible  for  an 
aircraft  to  exhibit  satisfactory 
open  loop  characteristics  and  yet 
be  unsatisfactory  when  the  pilot 
is  introduced  into  the  system  and 
the  loop  is  closed.  For  example, 
suppose  that  the  stick-fixed  longi¬ 
tudinal  dynamic  characteristics  of 
an  aircraft  were  such  that  an  ele¬ 
vator  pulse  produced  a  pitch  rate 
trace  as  shown  in  figure  9.6. 


FIGURE  9.6 

OPEN  LOOP  DYNAMIC  TIME  HISTORY 


DEFLECTION) 


This  open  loop  dynamic  time  history 
indicates  stable,  moderately-damped 
longitudinal  dynamics.  If  the  pilot 
were  required  to  control  the  air¬ 
craft  quite  closely,  however,  such 
as  in  low-level,  high-speed  forma¬ 
tion  flying,  the  closed  loop  dynamic 
time  history  might  indicate  an  en¬ 
tirely  different  situation.  The 
resulting  pilot-induced  oscillations 
might  lead  to  normal  accelerations 
which  would  produce  structural 
damage  to  the  aircraft.  The  results 
seen  in  figure  9.7  could  well  be 
caused  by  the  designer  failing  to 
take  into  account  that  the  normal 
pilot  response  time  was  similar  to 
the  short  period  in  a  portion  of 
the  aircraft's  envelope. 

Thus  the  job  of  matching 
airframe  and  pilot  characteristics 
with  suitable  flight  control  sys¬ 
tem  characteristics  is  not  an  easy 
one.  But  if  the  airplane  designer 
does  not  bear  in  mind  the  basic 
characteristics  and  limitations  of 
the  pilot  when  he  designs  the  air¬ 
craft  and  control  system,  the  re¬ 
sults  might  well  prove  disappointing. 

•  8.3  BOOSTED  CONTROL 
SYSTEMS 

As  the  size  and  speed  of  air¬ 
craft  increase,  the  hinge  moments 
and  thus  the  control  forces  increase 
accordingly.  Neglecting  Mach 
effects,  if  the  dimensions  and  speed 
of  a  given  aircraft  are  both  doubled, 


FIGURE  9.7 
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the  control  forces  will  be  multi¬ 
plied  by  a  factor  of  thirty-two. 
Although  aerodynamic  balancing 
coul>  alleviate  the  problem  up  to 
a  point,  the  difficulty  in  the  past 
of  achieving  the  production  tol¬ 
erances  necessary  to  produce  a  Chs 
of  say,  0.0002  per  degree,  and  the 
erratic  variations  in  hinge  moment 
in  the  transonic  regime  led  to  the 
development  of  boosted  control  sys¬ 
tems.  In  this  type  of  system  the 
pilot  is  required  to  produce  only 
a  fraction  of  the  force  required 
to  overcome  the  hinge  moments . 
However,  he  does  produce  a  specified 
portion  cf  this  force  and  the  force 
required  of  the  pilot  is  still 
approximately  proportional  to  the 
hinge  moments  on  the  control  sur¬ 
face.  The  control  system  then,  is 
still  a  reversible  one  in  that  the 
hinge  moments  are  fed  back  to  the 
stick. 

One  method  of  control  boosting 
is  shown  in  figures  9.8  and  9.9. 

This  system  uses  the  hydraulic 
method  of  amplifying  which  requires 
the  addition  of  a  hydraulic  cylinder 
on  a  follower  arm.  As  in  the  un¬ 
boosted  system  the  pilot  moves  the 
stick  aft  and  the  trailing  edge 
of  the  elevator  deflects  up. 


The  process  however  causes  a 
hydraulic  pressure  drop  across  the 
piston  causing  the  cylinder  to 
collapse  and  affecting  additional 
elevator  deflection.  As  the  cylin¬ 
der  collapses  a  follow-up  linkage 
reduces  the  pressure  drop  across 
the  piston  to  ze>ro  and  the  follower 
arm  contraction  ceases.  Starting 
from  an  initially  trimmed  condi¬ 
tion  with  zero  stick  force  the 
pilot  pulls  oack  on  the  stick  and 
holds.  There  is  an  accompanying 
up  elevator  produced,  identical  to 
that  which  would  be  produced  in  an 
unboosted  system.  This  up  elevator 
moves  the  follow-up  arm  down  but 
point  (2)  does  not  move  as  far  as 
point  (1)  and  thus  the  free  crank 
"B"  rotates  clockwise  relative  to 
bell  crank  "A".  This  produces  an 
upward  motion  at  point  (3)  relative 
to  the  horizontal  arm  of  the  bell 
crank  "A"  and  the  valve  slides 
toward  the  elevator,  thereby  unport¬ 
ing  two  orifices  in  the  cylinder 
wall  astraddle  the  piston  head. 
High-pressure  oil  is  fed  to  the 
orifice  on  the  rod  side  and  the  oil 
pressure  drop  across  the  piston 
forces  it  to  collapse  and  therefore 
shorten  the  follower  arm  achieving 
an  additional  up  elevator  deflection. 
As  the  elevator  moves  up,  the  follow- 
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Some  disadvantages  are: 


up  arm  goes  down  and  point  (2)  moves 
down  relative  to  point  (1) .  This 
action  rotates  the  free  crank  "B" 
counterclockwise  and  the  valve 
slides  down  on  the  cylinder  until 
the  orifices  are  closed  and  the 
action  is  complete. 


FIGURE  9.9 
HYDRAULIC  VALVE 


The  hydraulic  valve  consists 
o*  a  double  piston  and  cylinder 
arranged  so  that  a  slight  motion  in 
either  direction  of  the  valve  follow¬ 
er  opens  two  orifices  straddling  the 
hydraulic  cylinder  piston  head.  If 
the  valve  follower  is  forced  upward 
the  high-pressure  orifice  on  the 
rod  side  and  the  low-pressure  ori¬ 
fice  on  the  face  side  are  opened. 

If  the  valve  follower  is  forced  down¬ 
ward  the  reverse  action  takes  place. 
(See  figure  9.9.) 

Some  advantages  of  the  boosted 
control  system  are: 

1 .  Aerodynamic  feel  from  the 
control  surface  is  retained. 

2.  In  event  of  power  failure  the 
controls  can  be  operated  man¬ 
ually  by  the  pilot,  at  least 
over  a  limited  flight  regime. 


1.  Unless  the  boost  ratio  is 
variable,  control  forces  may 
still  be  excessive  at  high 
speeds  (low  boost  ratio)  or 
too  low  at  low  indicated  air¬ 
speeds  (high  boost  ratio)  . 

2.  Normal  antiflutter  mass 
balance  is  still  required. 

3.  A  certain  amount  of  aerody¬ 
namic  balance  is  still  re¬ 
quired  for  manual  operation. 

4.  Power  failure  in  out-of-trim 
flight  will  produce  very 
high  control  forces. 

On  aircraft  which  have  a  wide  speed 
range,  the  difficulty  of  avoiding 
the  problems  mentioned  in  (1)  makes 
full  power  operation  of  controls 
desirable . 

9.4  POWERED  CONTROL 
SYSTEMS 

The  aircraft  designer  can,  by 
proper  use  of  aerodynamic  balance 
and/or  boost,  enable  the  pilot  to 
cope  with  control  hinge  moments  of 
extremely  large  magnitude.  These 
methods  are  practical  as  long  as 
the  control  derivatives  (Cha ,  Ch§ , 
Chgt)  remain  essentially  constant. 

But  as  aircraft  approach  sonic 
speed  they  run  into  a  region  where 
the  hinge  moments  vary  widely  with 
very  small  speed  changes ,  and  as 
they  accelerate  to  supersonic  speeds 
the  hinge  moment  characteristics 
settle  down  but  at  substantially 
rerent  values  than  those  experi- 
d  in  subsonic  flight.  This  is 
ce  t.  rimarily  to  the  aft  shift  in 
-  :.;-er  of  pressure.  Therefore, 
the  designer  divorcej  the  pilot 
from  the  control  surface  by  giving 
him  a  control  systen  in  which  he 
activates  the  flight  control  surface 
indirectly  through  a  mechanical  or 
electrically  actuated  system  <- 
usually  hydraulically  operated.  A 
system  such  as  this  would  require 


the  pilot  to  overcome  forces  which 
originate  from  friction  of  the 
control  linkages,  valves,  etc., 
and  not  directly  from  control  sur¬ 
face  movement.  It  is  fairly 
obvious  that  these  forces  would 
not  be  a  satisfactory  measure  of 
aircraft  response.  Thus  the  de¬ 
signer  must  supply  the  pilot  with 
an  artificial  feel  system.  One 
of  the  purposes  of  this  section  is 
to  discuss  some  of  the  relatively 
simple  devices  used  in  irreversible 
control  systems.  The  following  i 

section  will  deal  with  the  more 
complex  problem  of  feel  systems. 

A  schematic  of  a  typical 
powered  system  is  shown  in  figure 
9.10.  The  pilot,  by  pulling  the 
stick  aft,  positions  the  upper 
piston  or  valve  in  the  jack.  The 
incoming  hydraulic  fluid  forces 


the  lower  piston  to  the  right  with 
respect  to  the  jack.  Since  the 
piston  is  fixed  to  the  structure, 
the  jack  must  move  to  the  left. 

This  movement,  in  turn  leaves  the 
control  surface  trailing  edge  up. 

As  the  jack  moves  to  the  left  the 
ports  of  the  upper  cylinder  are 
again  covered  and  the  control  de¬ 
flection  ceases.  If  the  pistons 
in  the  upper  valve  have  only  a 
small  overlap  the  control  surface 
will  follow  the  stick  deflection 
quite  closely.  However,  this  type 
of  system,  while  capable  of  handling 
very  large  hinge  moments,  is  not 
capable  of  handling  unlimited  loads. 
If  the  aerodynamic  hinge  moment  on 
the  control  surface  exceeds  the 
mechanical  hinge  moments  which  can 
be  generated  by  the  powered  control 
system,  the  system  encounters  a 
"jack  stall." 


FIGURE  9.10 

POWERED  IRREVERSIBLE  CONTROL  SYSTEM 
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A  variation  of  the  powered 
control  can  be  made  because  it  is 
not  necessary  to  make  use  of  mech¬ 
anical  valve  linkage.  An  elec¬ 
trically  operated  servo  valve  can 
be  used  to  meter  the  hydraulic 
fluid  to  the  cylinder,  by  supplying 
it  with  a  voltage  proportional  to 
stick  deflection  (see  figure  9.11). 

FIGURE  9.11 

POWER  OPERATED  CONTROL  WITH  ELECTRIC  SERVO 


To  fulfill  the  positional  require¬ 
ment  of  stick-elevator  gearing,  a 
feedback  voltage  in  the  ratio  of 
elevator  deflection  is  also  fed 
back  to  the  servo.  Stick  motion 
is  not  the  only  way  to  obtain  con¬ 
trol  surface  deflection.  Since 
only  a  voltage  is  required,  a 
sti.ck-mounted  strain  gage  generating 
voltage  proportional  to  stick  force 
will  command  surface  deflection. 

It  is  generally  accepted  that  the 
power  systems  using  mechanical 
linkage  rather  than  electrical 
signals  are  somewhat  more  reliable 
but  are  less  adaptive  to  sophisti¬ 
cated  damping  systems  and  automatic 
weapons  delivery  systems.  In  most 
cases  it  is  wise  to  choose  the 
least  complex  system  which  is 
capable  of  doing  the  task  required. 


The  most  important  advantages 
of  using  powered  irreversible  con¬ 
trol  systems  are: 


1.  The  pilot  is  divorced  from 
the  large  and  often  erratic 
control  forces  required  at 
high  speeds. 


2.  Aerodynamic  balancing  is  not 
usually  required  The  rigid¬ 
ity  associated  with  powered 
control  systems  reduces  the 
requirement  for  mass  balanc¬ 
ing,  although  some  attention 
must  still  be  given  to  the 
problem  in  order  to  avoid 
high  speed  flutter. 
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The  primary  disadvantages  'are: 

An  artificial  feel  system 
must  be  incorporated  into 
the  aircraft  control  system. 

2.  The  increased  complexity  of 
the  control-feel  system  com¬ 
bination  reduces  system 
reliability. 

3.  It  is  often  difficult  or  im¬ 
practical  to  build  into  the 
system  a  standby  capable  of 
reverting  to  manual  reversible 
control . 


IRCRAFT  FHL 


Aircraft  feel  was  discussed 
at  some  length  in  section  9.1, 
however,  several  additional  com¬ 
ments  will  now  be  made  before  some 
of  the  artificial  devices  that 
affect  feel  are  described. 

The  control  system  character¬ 
istics,  together  with  the  airframe 
stability  characteristics,  are 
determined  by  airframe  design, 
the  control-feel  system  is  the 
place  where  the  handling  qualities 
ftiay  be  patched  up  -  or  ruined. 

The  aircraft-feel  system 
ordinarily  includes  stability  aug¬ 
mentation  devices,  since  they 
definitely  affect  aircraft  handling 
qualities,  but  because  of  their 
dual  function  and  unique  character 
they  will  be  considered  separately. 

The  feel  characteristics  of 
a  reversible  control  system  may 
certainly  be  altered  in  order  to 
improve  handling  qualities.  In 
fact  two  devices  for  doing  just 
that  were  discussed  previously  in 
this  course,  i.e.,  the  downspring 
and  bobweight.  In  the  following 
paragraphs,  though,  the  control 
system  will  be  assumed  to  be  irre¬ 
versible  and  feel  systems  artificial. 


•  9.6  MICH  AN  1C  AL  CHAftAC  — 
TlltlSTICS  OF  CONTROL 
SYST1MS 

Mechanical  characteristics  of 
control  systems  which  affect  feel 
will  now  be  discussed  before  going 
into  artificial  devices  which  are 
incorporated  in  order  to  improve 
feel. 

Breakout  Force: 

This  term  defines  the  force 
necessary  to  be  applied  to  the 
stick  before  it  moves.  The  source 
lies  in  the  cumulative  affect  of 
the  following: 

1.  The  mechanical  friction  of 
the  control  circuit,  the 

j  feel  unit,  and  the  valve. 

2.  The  force  due  to  viscous 
flow  past  the  valve  in  its 
neutral  position  and/or  valve 
centering  spring,  and 

3.  The  preload  of  the  feel  unit. 

If  the  breakout  force  is  high, 
it  will  tend  to  produce  overshoot¬ 
ing  in  the  desired  small  and  rapid 
control  pressures  (e.g.,  during  track 
ing  or  instrument  flight)  because 
of  the  pilot's  neuromuscular  and 
reaction  lag.  As  the  pilot  exerts 
pressure  on  the  cockpit  control  to 
overcome  this  force  he  is  likely  to 
continue  this  pressure  for  a  short 
period  after  the  friction  is  over¬ 
come  and  thus  take  the  control  past 
the  desired  value.  These  effects 
will  be  aggravated  if  the  force 
level  immediately  following  breakout 
force  becomes  noticeably  lower  be¬ 
cause  of  lower  running  friction. 

Backlash : 

Mechanical  play  in  the  control 
system  resulting  from  cable  stretch, 
valve  overlap,  etc.,  is  called  by 
various  names  -  backlash,  lost 
motion,  free  play,  mechanical 
hysteresis.  If  it  reaches  annoy- 
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ing  proportions  it  is  frequently 
called  "slop."  The  cockpit-con¬ 
trol/control-surface  relationship 
is  not  constant.  This  phenomenon 
makes  the  pilot  work  even  harder 
to  maintain  steady  flight  or  make 
small  corrections.  The  combined 
effects  of  breakout  force  and  back¬ 
lash  on  a  system  where  the  pilot 
is  attempting  to  make  a  small  cor¬ 
rection  is  shown  in  figure  9.12. 

The  pilot  starts  applying  a 
force  at  time  "0."  At  time  "1"  he 
has  applied  enough  force  to  overcome 
the  breakout  force  and  the  stick 
starts  to  move.  At  time  "2"  the 
stick  has  moved  far  enough  to  take 
up  the  mechanical  play  in  the  sys¬ 
tem  and  the  control  surface  starts 
to  move.  At  time  "3"  the  control 
surface  reaches  the  desired  deflec¬ 
tion.  Just  after  this  time,  the 
pilot  starts  to  release  force,  but 
the  control  surface  has  moved  past 
the  desired  point  until  time  "4" 


when  he  has  applied  enough  force 
in  the  opposite  direction  to  again 
overcome  friction,  backlash,  etc. 
Such  a  system  would  thus  cause  the 
pilot  to  overcontrol. 

If  the  initial  aircraft  re¬ 
sponse  is  slow  and  damping  is  high, 
the  overshoot  is  likely  to  be 
negligible;  however,  rapid  air¬ 
craft  response  to  control  pressures 
will  result  in  marked  overshoot, 
often  culminating  in  pilot  induced 
oscillations.  In  more  severe  cases 
of  breaking  forces  and  backlash, 
exciting  landing  flareouts  may 
result. 

Centering: 

Good  centering  of  the  cockpit 
control  and  the  control  surface  is 
a  requirement  for  any  satisfactory 
aerodynamic  control  system.  Cen¬ 
tering  may  be  defined  as  the  degree 
to  which  the  pilot's  control  and 


FIGURE  9.12 

EFFECTS  OF  BREAKOUT  FORCE  AND  BACKLASH 
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control  surface  will  return  to  the 
trimmed  position  after  the  cockpit 
control  has  been  displaced  and  re¬ 
leased.  For  a  reversible  system 
the  primary  centering  tendency  comes 
from  the  aerodynamic  hinge  moments. 
For  an  irreversible  system  a  feel 
spring  would  have  the  same  effect. 
Good  centering  aids  the  pilot  in 
making  small  momentary  corrections 
from  a  trimmed  flight  condition. 
Sources  of  trouble  occur  when  the 
pilot  releases  the  force  on  the 
cockpit  control,  but  the  control 
valve  does  not  center,  causing  the 
control  surface  to  continue  to  move. 
The  end  result  is  again  to  make  the 
pilot  work  harder  to  maintain  steady 
flight  or  to  make  small  corrections 
since  he  must  now  consciously  take 
out  each  correction. 

Phase  Lag: 

In  virtually  all  control  sys¬ 
tems  there  is  a  finite  time  delay 
between  a  cockpit  control  deflection 
and  the  corresponding  flight  con¬ 
trol  deflection.  In  most  cases, 
this  time  is  extremely  small.  If 
the  flight  control  system  is  rela¬ 
tively  large  and  complicated,  how¬ 
ever,  this  time  lag  can  become 
significant.  It  may  be  that  this 
control  system  lag  plus  the  airplane 
response  time  could  be  relatively 
large.  In  such  cases,  if  the 
pilot  wished  to  make  a  series  of 
rapid  control  inputs,  he  might  find 
the  aircraft  motions  out  of  phase 
with  his  desires.  Control  system 
lag  plus  aircraft  response  time  is 
the  phase  lag. 

Another  associated  problem 
which  can  develop  is  that  the 
natural  frequency  of  the  cockpit 
control  or  control  system  may  be 
near  the  natural  frequency  of  the 
associated  airplane  modes  of  motion 
in  a  portion  of  the  performance 
envelope.  If,  for  instance,  the 
centering  spring  is  weak,  in  order 
to  produce  a  light  stick  force 
gradient,  the  natural  frequency  of 
the  control  system  may  be  low 


enough  to  couple  with  the  short 
period  or  Dutch  roll  mode. 

Trim: 

Trimming  is  accomplished  on 
virtually  all  artificial  feel  systems 
by  shifting  the  no-load  position 
of  the  feel  device.  The  trimming 
device  should  have  enough  authority 
to  reduce  the  control  forces  to 
zero  throughout  the  flight  enve¬ 
lope  .  The  rate  of  movement  of 
trim  should  be  determined  by  the 
runaway  trim  condition  at  Vmax. 

9.7  ARTIFICAL  FIKL 
SYSTEMS 

In  this  section,  a  brief 
description  of  some  typical  arti¬ 
ficial  feel  systems  will  be  given. 

Without  artificial  feel  in  the 
irreversible  control  systems,  the 
stick  is  free  to  flop  around  at 
will . 

Simple  Spring: 

The  simplest  type  of  feel 
system  is  that  in  which  the  cockpit 
control  is  restrained  from  move¬ 
ment  in  either  direction  by  a 
linear  spring.  The  control  force 
is  then  simply  proportional  to 
control  deflection. 

AF  =  KA6  (9.1) 

It  is  worth  noting  that  this  type 
is  often  called  a  "bungee."  It  is 
unfortunate,  but  a  downspring  is 
also  sometimes  called  a  bungee. 

(In  this  chapter  the  term  bungee 
will  be  used  to  mean  a  centering 
or  feel  spring.)  Although  the  / 
simple  spring  does  give  the  pilot 
some  feel  of  the  aircraft  response, 
the  stick  force  versus  control  sur¬ 
face  deflection  is  a  constant  re¬ 
gardless  of  airspeed  (ignoring  aero- 
elastic  and  Mach  effects) .  There¬ 
fore,  for  aircraft  with  )wide  speed 
ranges  their  use  for  longitudinal 
control  is  unsatisfactory,  since 
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the  stick  force  per  "g"  is  lowest 
for  high  speeds  and  highest  for 
low  speeds.  However,  this  type 
of  feel  is  often  used  in  aileron 
systems,  and  thus  explains  the 
relatively  hiqh  roll  rates  obtained 
in  some  of  our  high  performance 
aircraft  at  high  subsonic  airspeeds. 

q-Feel : 

If  the  feel  system  can  be 
made  a  function  of  dynamic  pres¬ 
sure,  by  use  of  bellows,  a  servo 
device,  or  any  other  means,  then 
the  control  force  will  be  a  function 
of  control  deflection  and  dynamic 
pressure . 

AF  =  KqA6  (9.2) 

Such  a  system  produces  a  stick 
force  per  g  which  is  invariant 
with  airspeed.  Another  character¬ 
istic  of  this  system  is  that  in 
regards  to  speed  stability,  the 
stick  force  varies  as  a  function  of 
"q."  Thus  "q"  feel  is  an  attempt 
to  approximate  the  feel  that  is 
obtained  in  the  reversible  system. 
This  device  is  commonly  used  for 
feel  in  the  longitudinal  control 
of  many  modern  aircraft. 

There  are  some  problems  that 
reduce  the  utility  of  this  system 
somewhat.  Since  the  feel  is  based 
on  dynamic  pressure  and  not  Mach 
number,  the  matching  of  the  system 
to  perform  correctly  at  subsonic 
speeds  will  result  in  much  larger 
forces  supersonically  because  nearly 
twice  as  large  control  movements 
are  needed  for  the  same  response. 
Other  problems  inherent  in  the  "q" 
system  are  compressibility  and  posi¬ 
tion  error  effects  in  the  transonic 
region,  however,  these  can  be  alle¬ 
viated  to  some  extent  by  suitable 
scheduling,  or  by  a  Mach  cutoff 
through  a  specific  range  of  the 
transonic  region. 

One  method  of  mechanizing 
the  KqA 6  of  feel  forces  is  to  pro¬ 
duce  a  force  proportional  to  qc  by 


ram  air  bellows  and  piston  combina¬ 
tion  shown  in  figure  9.13. 

FIGURE  9.13 

RAM  AIR  BELLOWS  AND  PISTON 


The  pressure  drop  across  the 
piston  is  the  difference  between 
total  and  static  pressure.  Hence 
the  force  on  the  piston  is  approxi¬ 
mately  the  product  of  the  face  area 
and  the  compressible  dynamic  pres¬ 
sure  . 

The  qc  force  is  fed  through  a 
rocking  cam  to  the  cockpit  control 
as  shown  in  figure  9.14. 

FIGURE  9.14 

RAM  AIR  FEEL  SYSTEM 


Ram  air  provides  at  all  times  a 
force  on  the  cam.  As  the  stick 
moves  aft  the  cam  rotates  clockwise 
and  the  qc  force  creates  a  counter¬ 
clockwise  moment  on  the  cam  which 
must  be  balanced  by  a  positive 
stick  force. 
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V  -  Feel: 

When  the  feel  system  is  made 
a  function  of  airspeed,  then  the 
control  force  will  be  a  function 
of  control  deflection  and  airspeed. 

AF  =  KVA6  (9,3) 

This  system,  primarily  used  by  the 
British,  is  desirable  for  much  the 
same  reason  as  the  q  -  feel  system, 
and  similarly  runs  into  some  of 
the  same  difficulties  in  the  tran¬ 
sonic  regions. 

Preloaded  Spring; 

If  a  significant  amount  of 
friction  exists  in  a  flight  con¬ 


trol  system,  the  control  centering 
is  likely  to  be  poor.  One  method 
of  eliminating  this  problem  is  to 
use  a  preloaded  spring  on  the  arti¬ 
ficial  feel  system.  A  preloaded 
spring  is  one  which  has  already  been 
compressed,  usually  in  a  cylinder, 
in  such  a  way  that  some  specified 
force  mu  >t  be  applied  to  compress 
it  further,  as  indicated  in  figure 
9.15.  Thus,  in  order  for  the  pilot 
to  move  the  stick  at  all,  he  must 
supply  this  force.  The  magnitude 
*>f  the  preload  can  be  adjusted  to 
just  exceed  the  force  required  to 
overcome  system  friction,  thus 
assuring  good  centering.  The 
stiffness  of  the  spring  can  be 
chosen  to  give  the  desired  stick 
force  gradient. 


FIGURE  9.15 
PRE-LOAD  SPRING 


characteristics  of  the  infinite 


stick  force  gradient  through  trim 
produced  by  the  preload  may  be 
objectionable.  In  this  case,  a 
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vigorous  friction  reduction  program 
would  probably  be  a  better  solution's 
to  the  centering  problem  than  the 
preloaded  spring. 

Nonlinear  Gearing: 

In  this  arrangement,  the  ratio 
of  control  surface  movement  to  move¬ 
ment  of  the  stick  is  small  near  the 
neutral  position  changing  with  dis¬ 
placement  to  a  high  ratio  near  the 
limits  of  travel.  In  this  system 
spring  feel  is  often  used  with 
either  linear  or  nonlinear  force 
gradients  versus  displacement.  A 
typical  example  of  nonlinear  gearing 
is  used  on  the  F-100  slab  tail  in 
conjunction  with  a  nonlinear  spring. 
The  original  F-100A  with  a  linear 
gear,  nonlinear  spring  provided  the 
pilot  with  oversensitive  control  at 
high  speed.  To  remedy  this  situa¬ 
tion,  a  nonlinear  gear  was  designed. 
As  a  result,  the  amount  of  stabilizer 
angle  available  within  one  inch  for¬ 
ward  and  aft  from  the  stick  neutral 
position  reduced  from  a  total  of 
7  ]/2  to  3  degrees . 

There  are  certain  disadvantages 
inherent  in  the  use  of  nonlinear 
gearing.  In  the  longitudinal  axis 
it  is  desirable  that  the  center  of 
the  reduced  ratio  of  control  move¬ 
ment  occurs  at  high  speed  around  the 
trim  position.  Now  if  large  trim 
changes  are  present,  say  due  to  eg 
movement,  the  trim  at  high  speed 
would  not  correspond  to  the  optimum 
position  in  the  nonlinear  slope  and 
the  handling  characteristics  would 
change.  Another  problem  arises  in 
lightening  of  force  with  increasing 
"g."  This  is  ordinarily  solvable 
with  nonlinearity  in  the  feel 
springs . 


The  Hustler  uses  a  variable  gear 
system  which  is  varied  automatically 
with  dynamic  pressure  and  g  loading. 

Stability  Augmentation: 

It  is  frequently  necessary  to 
augment  the  natural  stability  of  an 
aircraft  by  synthetic  means.  This 
may  be  because  the  damping  of  some 
mode  is  too  low,  or  because  of 
actual  instabilities,  static  or 
dynamic,  that  are  present  in  some 
flight  regime. 

One  type  of  a  control  damper 
produces  a  control  force  require¬ 
ment  which  is  proportional  to  the 
rate  of  deflection  of  the  cockpit 
control  or  control  surface.  Usually 
this  damper  is  a  piston  which  must 
be  moved  in  a  cylinder  which  con¬ 
tains  oil  which  must  be  forced 
through  orifices.  One  possible  use 
of  a  damper  might  be  to  prevent 
pilots  "beating  the  bobweight." 

One  difficulty  in  installing  such 
a  device  is  that  this  damper  might 
also  prevent  the  pilot  from  making 
necessary  rapid  corrections  when 
needed;  say,  upon  landing  the  air¬ 
craft  . 

From  the  aerodynamic  stand¬ 
point,  stability  augmentation  con¬ 
sists  of  altering  one  or  more  of 
the  stability  derivatives  by  auto¬ 
matically  displacing  one  or  more  of 
the  control  surfaces  in  response 
to  motion  of  the  airframe.  For 
example,  if  the  aircraft  is»  stat¬ 
ically  unstable  longitudinally 
(Cma>  0) ,  then  it  could  in  principle 
be  stabilized  by  sensing  a,  and 
producing  an  elevator  deflection 
proportional  and  opposite  to  it; 
i.e.,  let  <5e  =  ka ,  then 


Variable  Gearing: 

In  a  variable  gear  ratio  con¬ 
trol  the  ratio  of  pilot's  control 
movement  to  surface  movement  is 
altered  in  flight  to  fit  the  desired 
response  characteristics  in  a  given 
flight  regime.  This  principle  of 
control  is  applied  in  the  B-58. 


ACma 


Cm 


*6e 

r,  a 


--  -  KCm6e 


(9.4) 


A  common  example  of  the  stability 
augmentor  is  the  yaw  damper.  In 
its  simplest  form,  it  increases 
the  damping  in  the  derivative  Cnr, 
but  can  also  be  designed  to  alter 
Cng  and  Cnp. 
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FIGURE  9.16 

SCHEMATIC  OF  A  RESPONSE  FEEL  SYSTEM 


driven  by  the  cockpit  control 
position-servo . ) 


5.  The  flight  control  movement 
produces  a  desired  aircraft 
response,  say  normal! accelera¬ 
tion.  / 


/ 

/ 

6.  This  response  is  sensed  by 
an  accelerometer  and  con¬ 
verted  into  a  voltage  -  the 
"response  signal." 


Other  names  occasionally  used  for 
this  system  are  "Synthetic  Feel" 
or  "Stick  Steering." 

If  the  desired  response  (say, 
g's)  to  a  cockpit  input  (usually 
force)  is  sensed,  and  if  through 
an  appropriate  servo  device  the 
flight  control  surface  deflection 
is  varied  in  order  to  correct  the 
output  to  the  desired  response,  the 
pilot  has  "response  feel." 

F  -  KX  (desired  response)  /g 


7.  This  response  signal  voltage 
is  sent  to  the  comparator 
where  command  and  response 
signals  are  continually  com¬ 
pared.  The  difference  is 
called  error  signal.  The 
comparator  must  be  given  the 
desired  stick  force  per  g  in 
order  to  compare  the  command 
response  signals.  Thus  the 
comparator  is  the  origin  and 
heart  of  the  control  system. 


For  example,  suppose  the  longitudi¬ 
nal  control  system  of  an  aircraft 
worked  as  follows  (figure  9.16)  : 

1.  The  pilot  exerts  a  force  on 
the  stick. 

2 .  The  stick  force  is  converted 
to  a  voltage  -  the  signal. 

3.  This  command  signal  voltage 
is  fed  to  a  comparator,  then 
to  a  flight  control  position 
servo,  and  also  to  a  cockpit 
control  position-servo. 

4.  These  position-servos  convert 
the  signals  to  valve  move¬ 
ments,  which  direct  fluid  to 
the  appropriate  side  of  pistons, 
causing  flight  control  and 
stick  movement.  (Thus  the 

name  "stick  steering."  The 
pilot  thinks  he  is  moving  the 
stick,  but  really  it  is  being 


8.  The  error  signal  in  the  com¬ 
parator  causes  further  servo 
and  control  motion  until  the 
response  and  command  are 
equal.  Then  the  error  signal 
is  zero  and  no  further  con¬ 
trol  motion  takes  place  until 
the  pilot  demands  it  by 
changing  stick  force. 


As  a  byproduct  of  this  type 
of  control  system,  the  aircraft 
which  might  otherwise  have  unde¬ 
sirable  characteristics  can  be 
stabilized  by  introduction  of  a 
damping  loop  in  the  circuitry.  In 
this  case  a  rate  gyro  (sensing 
pitch  rate  in  longitudinal  oscilla¬ 
tions  in  poorly  damped  flight  re¬ 
gions)  could  be  made  to  operate  a 
fast  response  servo  to  deflect  the 
elevator  in  a  stabilizing  sense, 
without  the  pilot  being  aware  of 
the  corrections  being  made. 
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•  ARTIPICAL  PHIL 

SVSTIM  RKSPONSI 

Typical  response  for  a  number 
of  the  feel  systems  just  described 
are  shown  in  the  following  figures 
where 

S  -  Spring  Feel 
V  =  V  -  Feel 
q  =  q  -  Feel 
R  =  Response  Feel 

FIGURE  9.17 

STICK  FORCE  PER  ”g*‘ 


FIGURE  9.19 

AILERC-'  FORCE  PER  UNIT  ROLL  RATE 


FIGURE  9.20 

RUDDER  FORCE  PER  UNIT  SIDESLIP  ANGLE 

(Assuming  d6r/dB  =  K) 


The  stick  force  per  g  plot 
(figure  9.17)  can  be  analyzed  in 
the  following  way: 


d6p 

dn 

_  Kt 
‘  V* 

For  all  feel  systems 
except  the  response  feel 
system 

(9.6) 

% 

=  k2 

F or  spring  feel 

(9.7) 

1! 

* 

< 

For  V  -  F eel 
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=  k4v 
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Since  dSe/dn  is  not  a  function  of 
n,  the  derivatives  can  be  multi¬ 
plied 
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For  the  response  feel  dFs/dn  =  K5. 
Where  K5  is  the  desired  stick-force 
per  g  which  is  built  into  the  com¬ 
parator. 

The  reader  may  find  it  worth¬ 
while  to  analyze  the  other  response 
curves  in  a  similar  manner.  Warning: 
Since  dSe/dV  is  a  function  of  velocity 
the  method  of  multiplying  will  not 
work.  A  little  reflection  should 
convince  the  reader  that  a  response 
feel  system  that  senses  a  parameter 
such  as  normal  acceleration  or  roll¬ 
ing  acceleration  will  require  no 
force  by  the  pilot  to  maintain  a 
steady  state  change  of  airspeed  or 
roll  rate.  The  shape  of  the  response 
curves  for  a  response  feel  system 
would  depend  entirely  on  what  was 
built  into  the  comparator  or  what 
additional  feel  device  was  added. 

A  glance  at  the  stick  force 
per  g  plot  shows  that  the  spring 
and  q-feel  curves  are  quite  dif¬ 
ferent.  The  q  -  spring  gives  the 
pilot  a  constant  stick-force  per  g 
throughout  the  aircraft  speed 
range.  This  constant  measure  of 
response  is  generally  considered 
to  be  superior  to  the  variable 
response  encountered  when  the  feel 
is  provided  by  a  simple  linear 
spri'hg.  In  the  latter  case,  the 
stick  force  gradient  might  well  be 
too  high  in  the  pattern  and/or 
dangerously  low  at  high  speeds 
where  the  aircraft  is  usually  capa¬ 
ble  of  generating  its  limit  load 
factor.  The  advantage  of  the  simple 
spring  is  its  simplicity  and  re¬ 
liability.  The  designer  must  decide 
what  degree  of  sophistication,  and 
therefore,  complexity  must  go  into 
the  system.  The  test  pilot  must 
then  pass  judgment  on  his  decision. 

•  9.9  CONTROL  SYSTEM 
EXAMPLES 

The  previous  paragraphs  have 
discussed  the  different  classifica¬ 
tions  of  control  systems  and  how 
they  are  used  to  give  the  pilot 
control  of  his  aircraft.  It  is  of 
interest  now  to  look  at  some  of 


the  actual  control  systems  of  a 
number  of  aircraft  and  observe  how 
the  different  designers  have  made 
use  of  the  various  types  of  con¬ 
trols  to  give  the  pilot  a  desirable 
control  system.  Descriptive  sum¬ 
maries  of  the  control  systems  of 
fourteen  different  aircraft  are 
given  in  the  following  paragraphs. 
There  are  other  aircraft  that  might 
have  been  included  such  as  the 
F-100,  F-106,  B-66,  etc.  However, 
their  control  systems  were  so  simi¬ 
lar  to  one  or  more  of  the  systems 
given  that  they  were  excluded.  The 
reader  might  consider  some  of  the 
aircraft  described  in  this  section 
rather  outmoded,  however,  this  se¬ 
lection  includes  the  various  types 
of  control  systems.  Further,  it 
is  wise  to  consider  the  possibility 
of  future  development  of  subsonic 
aircraft  to  be  employed  in  small 
brush-fire  type  wars,  where  the 
use  of  the  more  .simple  control 
systems  might  be  advantageous  from 
a  reliability  standpoint. 

NORTH  AMERICAN  T-28A 


The  control  system  of  the 
T-28A  is  a  simple  reversible  type 
that  consists  of  conventional  ele¬ 
vators,  ailerons,  and  a  rudder. 

The  elevators  use  aerodynamic 
balancing  in  the  form  of  an  over¬ 
hung  balance.  Mass  balancing  of 
the  elvator  is  accomplished  by 
means  of  a  negative  bobweight  t 

located  in  the  bell  crank  mechanism. 
This  not  only  counterbalances  the 
elevator,  but  reduces  elevator 
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stick  forces  during  accelerated 
flight.  Elevator  trim  is  provided 
by  means  of  a  manually  operated 
trim  tab  on  each  elevator. 

Aerodynamic  balancing  is  in¬ 
corporated  in  the  aileron  by  means 
of  a  simple  internal  seal.  Trim 
is  provided  by  means  of  a  manually- 
operated  trim  tab,  one  on  each 
aileron. 

The  rudder  incorporates  aero¬ 
dynamic  balancing  by  means  of  a 
setback  hinge.  A  trim  tab  located 
on  the  trailing  edge  of  the  rudder 
provides  directional  trim. 

LOCKHEED  T-33A 


BALANCE -TRIM 


The  T-33A  has  a  reversible 
control  system  that  includes  several 
modifications  for  improving  stick 
forces  or  pilot  feel. 

Longitudinal  control  is  pro¬ 
vided  by  conventional  elevators. 
Aerodynamic  balancing  is  incorporated 
in  the  elevators  in  the  form  of  a 


spring  tab  and  a  balance  tab  on 
each  elevator.  A  small  shielded 
horn  balance  mounted  outboard  on 
each  elevator  is  used  for  mass 
balancing  of  the  elevators,.  Ele¬ 
vator  unbalance  plus  a  downspring 
are  used  in  the  control  system  to 
increase  stick  free  stability. 

Trim  is  provided  by  an  electric 
actuator  that  moves  the  balance  tab. 

Lateral  control  is  provided 
by  conventional  ailerons  that  are 
hydraulically  boosted.  This  boost 
is  necessary  since  the  ailerons  are 
not  aerodynamically  balanced  and 
stick  forces  are  considerable  with¬ 
out  the  hydraulic  boost.  Lateral 
trim  is  provided  by  an  electrically- 
actuated  tab  located  on  the  trailing 
edge  of  the  left  aileron. 

NORTH  AMERICAN  F-86F 


The  lateral  and  longitudinal 
control  systems  of  the  F-86F  are 
irreversible.  The  directional 
control  system  is  reversible.  The 
longitudinal  control  consists  of 
a  hydraulically-operated  elevator 
and  horizon!  al  stabilizer  that  are 
interconnected  and  operate  as  one 
unit.  Artificial  feel  is  provided 
by  means  of  a  downspring  and  a 
bobweight.  The  main  purpose  of 


9.21 


436 


the  bobweight  is  to  increase  the 
gradient  of  stick  force  versus 
load  factor.  Longitudinal  trim  is 
accomplished  by  repositioning  the 
downspring  by  an  electric  actuator. 
This,  in  effect,  changes  the  neu¬ 
tral  (no  load)  position  of  the 
control  stick. 

Lateral  control  is  provided 
by  hydraulically  operated  ailerons. 
Artificial  feel  is  provided  by  a 
bungee.  Lateral  trim  is  accom¬ 
plished  in  the  same  manner  as 
longitudinal  trim. 

Directional  control  is  pro¬ 
vided  by  a  mechanically-operated 
rudder.  Rudder  trim  is  accomplished 
by  an  electrically-actuated  tab  on 
the  rudder.  Mass  balancing  is  in¬ 
corporated  in  the  rudder  by  the 
addition  of  weight  in  a  small  horn 
balance  in  the  top  part  of  the 
rudder. 


The  TF-102  has  a  hydraulically- 
operated  irreversible  control  sys¬ 
tem.  Being  a  delta  wing  aircraft, 
the  TF-102  utilizes  elevons  instead 
of  ailerons  and  elevator  control 
surfaces.  The  elevons  when  moved 
coincidentally  act  as  elevators 
and  when  moved  differentially  act 
as  ailerons.  This  is  accomplished 
by  a  mixer  assembly  which  consists 
of  a  bell  crank  assembly  which  ro¬ 
tates  to  provide  aileron  action 


and  moves  fore  and  aft  to  provide 
elevator  action.  A  rudder  mounted 
on  the  vertical  stabilizer  is  used 
for  directional  control.  Aileron 
artificial  feel  is  provided  the 
pilot  by  means  of  a  bungee .  Ele¬ 
vator  feel  is  provided  by  a  bungee, 
a  bobweight,  and  a  variable  feel 
force  cylinder  that  incorporates 
ram  air  pressure.  This  is  better 
known  as  a  "Q-feel"  system.  The 
bobweight  is  not  only  used  to  in¬ 
crease  the  gradient  of  stick  force 
versus  load  factor,  but  to  counter 
the  negative  bobweight  effect  of 
the  control  column.  Rudder  feel 
is  provided  by  the  same  method  as 
the  elevator.  Trim  is  accomplished 
by  repositioning  the  neutral  (no 
load)  positions  of  the  control 
stick  and  rudder  pedals.  In  addi¬ 
tion,  an  automatic  trim  servo  is 
used  in  the  control  system  to  com¬ 
pensate  for  unstable  stick  force 
gradients  in  the  transonic  speed 
region. 

MARTIN  B-57E 


The  longitudinal  control  sys¬ 
tem  is  a  reversible  type  and  con¬ 
sists  of  mechanically-operated 
conventional  elevators.  Aerodynamic 
balancing  is  used  on  the  elevators 
in  the  form  of  a  spring  tab,  un¬ 
shielded  horn  balance,  and  trailing 
edge  strips  on  each  elevator.  Mass 
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balancing  of  the  elevator  is  in¬ 
cluded  in  the  horn  balances.  The 
trailing  edge  strips  are  used  on 
the  elevator  to  produce  a  favorable 
response  effect.  Longitudinal  trim 
is  provided  by  an  electric  actuator 
that  changes  the  angle  of  incidence 
of  the  horizontal  stabilizer. 

The  lateral  control  system 
consists  of  mechanically  operated 
conventional  ailerons.  A  spring 
tab  mounted  on  each  aileron  is  used 
for  aerodynamic  balancing.  Lateral 
trim  is  provided  by  an  electric 
actuator  that,  in  effect,  shifts  the 
neutral  position  of  the  control 
wheel  by  varying  the  elongation  of 
a  spring  at  the  base  of  the  control 
column . 

Directional  control  is  pro¬ 
vided  by  a  conventional  rudder  that 
is  normally  operated  by  hydraulic 
pressure.  In  the  event  of  hydraulic 
pressure  failure,  the  system  be¬ 
comes  reversible  and  the  rudder  can 
be  operated  manually.  The  rudder 
is  balanced  aerodynamically  by 
means  of  a  balance  tab,  unshielded 
horn  balance,  and  a  beveled  trail¬ 
ing  edge.  The  rudder  is  mass 
balanced  by  addition  of  weight  in 
the  horn  balance. 


When  the  rudder  is  operated 
by  hydraulic  pressure,  the  system 
becomes  irreversible  and  requires 
artificial  feel.  The  artificial 
feel  used  is  a  V-feel  system  which 
varies  the  mechanical  advantage  of 
the  rudder  in  proportion  to  the 
speed  of  the  aircraft,  producing 
high  rudder  pedal  forces  at  high 
speeds  and  low  rudder  pedal  forces 
at  low  speeds.  When  the  rudder  is 
operated  manually,  trim  is  provided 
by  using  the  balance  tab  as  a  com¬ 
bined  trim  and  balance  tab.  When 
the  rudder  is  hydraulically  oper¬ 
ated,  the  balance  tab  is  used  only 
as  a  balance  tab  and  trim  is  pro¬ 
vided  by  an  actuator  in  the  feel 
system  which  varies  the  neutral 
position  of  the  rudder  pedals. 


LOCKHEED  F-104B 


The  complete  control  system, 
i.e.,  longitudinal,  lateral,  and 
directional,  of  the  F-104B  is  a 
fill  hydraulically  powered  irre¬ 
versible  system. 

Longitudinal  control  is  pro¬ 
vided  by  means  of  a  controllable 
horizontal  stabilizer  mounted  at 
the  top  of  the  vertical  stabilizer. 
Artificial  feel  is  provided  by 
means  of  a  bobweight  and  a  variable 
feel  cam  arrangement,  which  is 
similar  tc  a  bungee  or  spring  feel 
system.  Shown  below  is  a  schematic 
of  the  cam  and  spring  arrangement 
which  indicates  its  principle  of 
operation. 

STATIONARY 


BOBWEIGHT 

ARTIFICIAL  FFEL  SYSTEM  FOR 
LONGITUDINAL  CONTROL  SYSTEM 


TRIM  ACTUATOR 
MOVES  SPRING 
LOADED  ROLLER 
TO  ZERO  FORCE 
POSITION  OR 
BOTTOM  OF  CAM 
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This  type  of  system  is  unique  in 
that  the  shape  of  the  curve  of 
stick  force  versus  stabilizer  de¬ 
flection  depends  on  the  slope  of 
the  cam.  Longitudinal  trim  is 
provided  by  an  electric  actuator 
that  returns  the  spring  loaded 
roller  on  the  cam  to  the  zero  force 
position.  {See  preceding  sketch.) 

Lateral  control  consists  of 
conventional  ailerons  mounted  on 
the  outboard  section  of  the  wing. 
Artificial  feel  is  provided  by 
means  of  a  bungee.  To  prevent  a 
dangerously  high  rate  of  roll  and 
possible  inertial  coupling  problems 
at  higher  speeds  the  aileron  de¬ 
flections  are  limited  to  plus  or 
minus  15  degrees  with  landing  flaps 
up.  This  is  5  degrees  less  de¬ 
flection  than  with  landing  flaps 
down.  Trim  is  provided  by  means 
of  an  electric  actuator  that  re¬ 
positions  the  neutral  position  of 
the  bungee. 

Directional  control  is  provided 
by  a  conventional  rudder.  Arti¬ 
ficial  feel  is  provided  by  means  of 
a  bungee.  With  landing  flaps  up 
maximum  rudder  deflection  is  de¬ 
creased  from  plus  or  minus  20  de¬ 
grees  to  plus  or  minus  6  degrees 
by  mechanical  stops  at  the  rudder 
pedals .  This  is  done  to  prevent 
structural  failure  of  the  vertical 
tail  at  high  speeds.  Rudder  trim 
is  provided  through  the  yaw  damper 
circuit  to  the  rudder. 

BOUNDARY  LAYER  CONTROL 


2.  Boundary  layer  nozzle 

3.  Trailing  edge  flap 

4.  Boundary  layer  control  duct 

5.  Aft  wing  section 


In  the  above  figure  the  air  is 
bled  from  the  compressor  and  ducted 
to  the  boundary  layer  control  mani¬ 
fold  which  is  located  above  the 
trailing  edge  flap  hinge.  The 
boundary  layer  control  manifold 
has  a  series  of  nozzles  which 
direct  high  pressure  air  over  the 
upper  surface  of  the  flap  when  they 
are  placed  in  the  landing  position. 
The  high  velocity  created  by  this 
jet  of  air  re-energizes  the  boun¬ 
dary  layer,  causing  it  to  adhere 
to  the  curved  fairing  and  bend 
around  and  pass  over  the  upper  sur¬ 
face  of  the  flap.  This  induces  the 
adjacent  layer  of  air  to  adhere  and 
bend  through  the  flap  deflection 
angle,  thus  preventing  airflow 
separation  and  resulting  in  a  re¬ 
duced  landing  speed.  The  system 
operation  is  automatic. 

NORTHROP  T-38 


The  T-38  has  a  fully  powered 
irreversible  control  system  with 
conventional  ailerons  and  rudder, 
and  an  all-moveable  horizontal  tail. 
This  system  is  quite  similar  to  the 
F-104B  except  for  the  type  of  arti¬ 
ficial  feel  in  the  horizontal  sta¬ 
bilizer  system.  All  control  surfaces 
are  hydraulically  operated.  The 
horizontal  tail  system's  artificial 
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feel  consists  of  a  bungee  and  a 
positive  bobweight.  Artificial 
feel  for  the  ailerons  and  rudder 
is  achieved  by  means  of  bungees. 
Maximum  rudder  deflection  is  re¬ 
duced  also  with  the  landing  gear 
up  to  prevent  structural  damage  to 
the  vertical  tail.  Trim  is  provided 
by  electric  actuators  that  reposition 
the  neutral  (no  load)  position  of 
the  bungees.  The  flaps  are  mech¬ 
anically  interconnected  to  the 
horizontal  tail  to  automatically 
change  its  angle  to  the  trim  posi¬ 
tion  when  the  flaps  are  actuated  - 
trailing  edge  down  when  the  flaps 
are  extended. 


GRUMMAN  F-11F  (TIGER  CAT) 


The  longitudinal  control  sys¬ 
tem  of  the  F-llF  is  a  hydraulically- 
operated  irreversible  system  con¬ 
sisting  of  an  all-movable  horizontal 
stabilizer  and  geared  elevator  much 
like  that  of  the  F-86F.  One  unique 
feature  of  the  system  is  that  when 
the  wing  flap  control  is  in  the 
"up"  position,  the  elevator  is 
automatically  locked  in  line  with 
the  stabilizer  and  the  two  units 
move  as  a  single  unit.  When  the 
wing  flaps  are  in  the  down  position 
the  elevator  is  geared  to  stabilizer 
motion.  When  the  control  stick  is 
pushed  forward  the  leading  edge  of 
the  stabilizer  moves  up  and  the 
trailing  edge  of  the  elevator  moves 
down.  When  the  control  stick  is 
pulled  aft,  the  stabilizer  leading 


edge  moves  down  and  the  elevator 
trailing  edge  moves  up.  This,  in 
effect,  changes  the  camber  of  the 
tail  as  well  as  the  angle  of 
attack  which  improves  pitch  control 
in  the  lower  speed  range. 

Artificia.1  feel  is  supplied 
to  the  pilot  by  means  of  a  cam  and 
spring-loaded  follower  (modified 
bungee)  that  is  quite  similar  to 
that  of  the  F-104B.  (See  schematic 
of  control  system.)  In  addition, 
a  positive  bobweight  is  used  in 
the  system  for  feel.  Longitudinal 
trim  is  provided  by  an  electric 
actuator  that  varies  the  neutral 
position  of  the  artificial  feel 
system  which  in  turn  varies  the 
neutral  position  of  the  stick. 

The  lateral  control  system  is 
a  hydraulically-operated  irrevers¬ 
ible  system  consisting  of  a  movable 
flaperon  (spoiler)  on  the  top  of 
each  wing.  This  type  of  system  is 
used  on  the  F-  111'  so  that  full  span 
wing  flaps  can  be  used  to  provide 
lower  carrier  approach  speeds.  The 
flaperons  are  hinged  forward  and 
move  through  an  arc  of  55  degrees 
when  the  control  stick  is  deflected 
fully.  When  control  stick  is  de¬ 
flected  right,  the  right  flaperon 
rises  with  the  left  flaperon  remain 
ing  flush  and  v:.ce-versa .  The  arti 
ficial  feel  sys  :em  consists  „of  a 
cam  and  spring-loaded  follower 
(modified  bungea)  that  is  almost 
identical  to  the  longitudinal  sys¬ 
tem  arrangement.  Lateral  trim  is 
provided  by  the  same  method  as 
longitudinal  trim,  i.e.,  varying 
the  neutral  position  of  the  arti¬ 
ficial  feel  system. 

The  directional  control  sys¬ 
tem  is  irreversible  and  consists 
of  a  hydraulically-operated  con¬ 
ventional  rudder.  To  prevent  possi 
ble  structural  failure  of  the  ver¬ 
tical  tail  the  rudder  is  limited  to 
5  degrees  either  side  of  neutral 
by  automatic  rudder  pedal  position 
stops  with  flaps  in  up  position. 
With  flaps  in  the  down  position 
rudder  travel  is  increased  to  22 
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degrees  either  3ide  of  neutral  for 
increased  directional  control  at 
lower  speeds.  This  is  quite  simi¬ 
lar  to  the  system  of  the  F-104B. 

The  artificial  feel  system  consists 
of  a  cam  and  spring-loaded  follower 
(modified  bungee)  quite  similar  to 
that  of  the  longitudinal  and  lateral 
system.  Movement  of  the  cam  against 
the  follower  induces  a  force  in  the 
control  system  that  opposes  pedal 
movement.  This  force  is  dependent 
on  pedal  position  only.  Trim  is 
provided  by  an  electric  actuator 
that  operates  through  the  yaw  damper 
to  trim  the  rudder  in  much  the  same 
way  as  the  F-104B  rudder  trim. 

MCDONNELL  F-4C 


The  longitudinal  control 
system  of  the  F-4C  consists  of  a 
hydraulically-operated  horizontal 
stabilizer  referred  to  by  McDonnell 
as  a  "stabilator. "  Artificial  feel 
is  provided  the  system  by  the  addi¬ 
tion  of  a  bobweight  and  a  Q-spring 
which  makes  stick  force  a  function 
of  dynamic  pressure.  Trim  is  accom¬ 
plished  by  adjusting  the  neutral 


position  of  the  artificial  feel  sys¬ 
tem. 

The  lateral  control  system 
consists  of  hydraulically-operated 
ailerons  and  spoilers.  The  system 
is  quite  unique  in  that  the  aile¬ 
rons  deflect  downward  only.  When 
the  control  stick  is  deflected 
right  for  a  roll  to  the  right, 
the  right  aileron  remains  flush, 
the  right  spoiler  deflects  upward, 
the  left  aileron  deflects  downward, 
and  the  left  spoiler  remains  flush. 
The  system  operates  opposite  for 
a  roll  to  the  left.  Spoilers  are 
used  in  the  F-4C  to  partially  alle¬ 
viate  wing  twisting  during  high¬ 
speed  roll  maneuvers,  and  the  aile¬ 
ron  spoiler  combination  is  used  to 
increase  roll  rate  and  roll  effec¬ 
tiveness  at  low  speeds.  Maximum 
roll  rate  is  decreased  above  220 
knots  indicated  airspeed  by  a  pres¬ 
sure  switch  in  the  system  that  de¬ 
creases  the  maximum  available  hy¬ 
draulic  pressure  which  in  turn  re¬ 
duces  the  deflection  of  the  aileron 
and  spoilers  in  proportion  with  dy¬ 
namic  pressure.  The  reason  for  this 
is  to  avoid  dangerously  high  rates 
of  roll  which  might  cause  inertial 
coupling.  Artificial  feel  is  pro¬ 
vided  the  system  by  means  of  a  bun¬ 
gee.  Trim  is  made  available  by 
adjusting  the  neutral  position  of 
the  bungee . 

An  aileron-rudder  interconnect 
is  incorporated  in  the  lateral  and 
directional  control  system  to  auto¬ 
matically  coordinate  turns  made  at 
speeds  below  225  knots.  This  is 
accomplished  by  providing  rudder 
displacement  as  a  function  of 
aileron  displacement. 

CONVAIR  880 

The  longitudinal  control 
system  of  the  880  is  a  reversible 
system  that  consists  of  conventional 
elevators  mounted  or.  the  rear  spar 
of  the  horizontal  stabilizer.  Move¬ 
ment  of  the  elevators  is  accom¬ 
plished  indirectly  by  movement  of 
a  control  or  servo  tab  located  on 
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the  trailing  edge  of  each  elevator. 

An  unusual  feature  in  the  system  is 
that  the  left  and  right  elevators 
are  independently  hinged  and  may 
be  moved  independently  of  each  other 
on  the  ground.  However,  the  ele¬ 
vators  will  always  act  together  in 
flight  since  the  control  tabs  are 
interconnected.  Centering  springs 
located  at  the  elevator  hinge  line 
and  attached  to  the  control  tabs 
are  used  to  overcome  system  fric¬ 
tion,  and  return  the  control  tabs 
to  neutral  when  the  pilot  releases 
stick  pressure.  An  internal  seal 
type  of  aerodynamic  balancing  called 
a  balance  board  is  used  on  the  ele¬ 
vators  to  reduce  stick  forces. 

The  balance  boards  are  quite  unique 
in  their  design  in  that  they  provide 
maximum  assistance  to  the  pilot  at 
large  deflection  of  the  control  sur¬ 
faces  where  he  needs  assistance 
and  very  little~at  small  deflection 
of  -the  control  surfaces  where  assis¬ 
tance  is  not  required.  The  principle 
of  operation  of  the  balance  boards 
is  described  as  follows.  (Refer 
to  figure  shown  below.) 


If  the  control  surface  is  deflected 
in  either  direction,  a  differential 
pressure  will  exist  between  each 
side  of  the  balance  board,  with  the 
increased  pressure  being  on  the 
deflected  side.  This  differential 
pressure  will  exert  an  additional 
force  that  will  aid  control  surface 
movement.  The  differential  pres¬ 
sure  will  increase  as  the  control 
surface  deflection  is  increased 
due  to  the  dome-shaped  "dagmar" 
entering  the  airbleed  hole  and 
effectively  sealing  off  each  side 
of  the  balance  board.  At  maximum 
deflection  of  the  elevator,  the 
airbleed  hole  is  closed  completely 
and  the  differential  pressure  is 
at  its  maximum.  This  gives  the 
maximum  aid  in  moving  the  control 
surface  at  precisely  the  time  it 
is  required.  Once  the  control  sur¬ 
face  is  again  centered  differential 
pressures  will  no  longer  exist. 

Longitudinal  trim  is  normally 
provided  by  an  electrical  actuator 
that  changes  the  angle  of  incidence 
of  the  horizontal  stabilizer.  In 
the  event  of  electrical  failure, 
trim  can  be  accomplished  manually 
by  trim  cables. 

The  lateral  control  system  is 
a  partially  reversible  system  that 
consists  of  conventional  ailerons 
augmented  by  two  sets  of  wing  spoilers 
on  each  wing.  The  ailerons,  located 
approximately  half  way  out  the 
wing  span,  between  the  inboard  and 
outboard  flaps  (see  picture) ,  are 
indirectly  operated  through  control 
tabs  on  the  trailing  edge  of  each 
aileron.  The  ailerons  are  aero¬ 
dynamical  ly  balanced  by  balance 
boards  similar  to  those  of  the 
longitudinal  system.  The  wing 
spoilers,  located  forward  of  each 
flap  are  hydraulically  operated 
and  incorporate  a  blowdown  safety 
design  that  prevents  damaging  the 
spoilers  at  high  speeds.  The 
lateral  control  system  operates  as 
follows  (right  roll  example) : 

When  the  control  wheel  is  rotated 
to  the  right,  the  right  aileron 
and  spoilers  deflect  up,  the  left 
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aileron  deflects  down,  and  the  left 
spoilers  remain  flush.  The  spoilers 
are  also  used  as  speed  brakes  by 
deflection  of  both  sets  of  wing 
spoilers  together.  If  the  spoilers 
are  being  used  as  speed  brakes, 
and  the  control  wheel  is  rotated 
right,  the  right  spoiler  will  re¬ 
main  in  the  up  position  and  the 
left  spoiler  will  deflect  downward 
toward  the  flush  position.  Lateral 
trim  is  provided  by  means  of  a 
manually-operated  trim  tab  located 
on  the  trailing  edge  of  each  aileron. 

The  directional  control  sys¬ 
tem  is  reversible  and  consists  of 
a  conventional  rudder  that  is 
operated  indirectly  by  a  control 
tab  on  the  trailing  edge  of  the 
rudder.  A  center  spring  mechanism 
is  used  in  conjunction  with  the 
control  tab  to  return  it  to  its 
neutral  position  when  pressure  is 
removed  from  the  rudder  pedals. 

The  rudder  is  aerodynamically 
balanced  by  the  use  of  five  balance 
boards  identical  to  those  used  in 
the  elevator.  One  unique  feature 
of  the  control  system  is  that  al¬ 
though  it  is  a  reversible  system, 
a  feel  system  is  designed  into  the 
rudder  control  system.  This  makes 
the  system  force  limited  at  high 
airspeeds,  thus  preventing  over¬ 
stressing  of  the  vertical  tail 
through  excessive  side  loads.  Rud¬ 
der  trim  is  provided  by  means  of  a 
manually-operated  trim  tab  located 
on  the  trailing  edge  of  the  rudder. 

BOF.ING  KC-135 

The  longitudinal  control  sys¬ 
tem  is  a  reversible  system  and  con¬ 
trol  is  provided  by  means  of  ele¬ 
vators  mounted  on  an  adjustable 
horizontal  stabilizer.  The  elevators 
are  independently  hinged  in  much  the 
same  way  as  those  of  the  Convair  880. 
The  elevators  are  deflected  together 
by  manually-operated  interconnected 
control  tabs  (servo  tabs)  located 
on  the  trailing  edge  of  the  elevators. 
Once  full  control  tab  is  attained, 
additional  elevator  deflection  can 
be  obtained  by  further  movement  of 


the  control  column,  though  this  is 
not  practical  during  flight  due  to 
high  stick  forces.  Each  elevator 
is  aerodynamically  balanced  by 
means  of  five  balance  panels  (in¬ 
ternal  seals)  that  operate  quite 
similarly  to  the  balance  boards  of 
the  Convair  880. 

Shown  below  is  a  sketch  of 
the  balance  panel. 


AIR  BLEED 


Trim  is  accomplished  by  vary¬ 
ing  the  angle  of  incidence  of  the 
horizontal  stabilizer  by  an  elec¬ 
trical  or  manual  actuator.  In 
addition,  a  trim  tab  is  located  on 
each  elevator  and  is  actuated  by 
movement  of  the  horizontal  stabilizer. 
The  purpose  of  these  tabs  is  to 
position  the  elevators  in  line  with 
the  stabilizer  and  reduce  the  upward 
and  downward  movement  of  the  elevator 
which  is  a  result  of  aerodynamic 
loads  on  the  elevator  caused  by 
positioning  of  the  stabilizer. 

The  lateral  control  system  is 
a  partially  reversible  system  and 
consists  of  inboard  and  outboard 
ailerons  that  are  used  in  conjunc¬ 
tion  with  two  sets  of  spoilers  on 
the  top  of  each  wing.  The  inboard 
ailerons,  which  are  considerably 
smaller  than  the  outboard  ailerons 
are  used  in  conjunction  with  the 
spoilers  for  lateral  control  through¬ 
out  the  speed  range  of  the  aircraft. 
When  flaps  are  lowered  for  low 
speed  flight,  the  outboard  ailerons 
are  locked  out  of  the  system  and 
remain  faired  in  the  neutral  position. 
This  prevents  wing  twist  at  high 
speeds.  The  outboard  ailerons 
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are  aerodynamically  balanced  by 
use  of  internal  seals  and  a  spring 
tab  on  each  aileron.  Movement  of 
the  inboard  ailerons  is  by  action 
through  the  spring  tab.  The  spring 
tab  is  also  used  as  a  trim  tab  for 
lateral  trim.  The  lateral  control 
system  operates  as  follows  (right 
roll  example) :  When  the  control 
wheel  is  rotated  to  the  right, 
the  right  ailerons  and  right 
spoilers  deflect  upward.  The  left 
ailerons  deflect  downward,  and  the 
left  spoilers  remain  flush.  The 
spoilers  on  both  wings  are  also 
used  as  speedbrakes  by  being  de¬ 
flected  together.  If  the  spoilers 
are  being  used  as  speed  brakes, 
and  the  control  wheel  is  rotated 
right,  the  right  spoiler  will  re¬ 
main  up,  and  the  left  spoiler  will 
deflect  down. 

The  directional  control  sys¬ 
tem  of  the  KC-135  consists  of  a 
conventional  rudder  that  incor¬ 
porates  four  rudder  tabs,  i.e., 
a  trim  tab,  a  spring  tab,  a  con¬ 
trol  tab,  and  an  antibalance  tab. 

The  antibalance  tab  is  located  on 
the  trailing  edge  of  the  control 
tab.  The  purpose  of  tha  antibalance 
tab  is  to  increase  the  effective¬ 
ness  of  the  control  tab.  In  addi¬ 
tion  five  balance  panels  (internal 
seal)  are  used  for  aerodynamic 
balancing  of  the  rudder.  The 
rudder  control  surface  is  mech¬ 
anically  operated  from  the  pilot's 
rudder  pedal  through  the  control 
tab  and  spring  tab.  Rudder  trim 
is  provided  by  a  mechanical  man¬ 
ually-operated  trim  tab. 

The  control  system  of  the 
Boeing  707  is  almost  identical  to 
the  KC-135  except  for  the  direc¬ 
tional  control  system.  The  707' s 
rudd?’*  incorporates  aerodynamic 
balancing  only  in  the  form  of 
balance  panels.  The  rudder  has 
one  control  tab  used  to  deflect 
the  rudder.  Whenever  the  rudder  is 
deflected  in  excess  of  15  degrees, 
the  control  tab  hits  its  stop,  a 
rudder  hydraulic  control  unit  takes 
over  the  rudder  system  and  it  then 


becomes  an  irreversible  system. 
Artificial  feel  is  supplied  to  the 
pilot  by  a  Q-spring  assembly  which 
provides  an  artificial  feel  pro¬ 
portional  to  the  dynamic  pressure 
and  rudder  deflection. 

DC-8 


The  longitudinal  control 
system  of  the  DC-8  is  a  partially 
reversible  system  that  consists  of 
conventional  elevators  that  are 
manually  operated  indirectly  by 
control  tabs.  Aerodynamic  balanc¬ 
ing  is  incorporated  in  the  elevator 
by  means  of  a  balance  tab  on  each 
elevator  and  an  overhang  balance. 

A  centering  spring  is  provided  in 
the  system  to  provide  more  positive 
centering  of  the  controls  and  also 
for  additional  control  forces. 

Trim  is  provided  by  means  of  an 
electric  actuator  that  varies  the 
angle  of  incidence  of  the  horizontal 
stabilizer. 

The  lateral  control  system  con¬ 
sists  of  inboard  and  outboard  aile¬ 
rons  interconnected  by  a  torsion 
rod.  Wing  spoilers  on  the  top  of 

444 


9.28 


each  wing  are  used  in  conjunction 
with  the  ailerons,  whenever  the 
landing  gear  is  extended,  for  better 
lateral  control  during  landing. 

Both  inboard  and  outboard  ailerons 
use  aerodynamic  baxancing.  Hydraulic 
power  normally  operates  the  inboard 
ailerons  which  in  turn  operate  the 
outboard  ailerons  through  the  inter¬ 
connecting  torsion  rods.  At  low 
speeds  when  the  inboard  ailerons 
are  deflected,  the  outboard  aile¬ 
rons  deflect  an  equal  amount;  how¬ 
ever,  as  speed  is  increased,  the 
outboard  aileron  deflection  becomes 
less  due  to  the  twisting  of  the 
interconnecting  torsion  rods.  This, 
in  effect,  reduces  wing  twist  as 
speed  is  increased.  Artificial 
fee.,  is  supplied  to  the  pilot  by 
means  of  a  bungee  spring.  In  the 
event  that  hydraulic  power  is  not 
available,  the  inboard  ailerons 
can  be  manually  operated  indirectly 
by  control  tabs  located  on  the 
trailing  edge  of  each  aileron.  These 
control  tabs  are  normally  locked  in 
the  neutral  position  whenever  the 
ailerons  are  operated  by  hydraulic 
power,  but  automatically  unlock 
when  hydraulic  power  is  not  avail¬ 
able.  Lateral  trim  is  accomplished 
manually  by  adjusting  the  neutral 
(no  load)  position  r f  the  bungee 
spring. 

Directional  control  is  pro¬ 
vided  by  means  of  a  hydraulically- 
powered  conventional  rudder.  The 
rudder  uses  aerodynamic  balancing 
in  the  form  of  an  overhang  balance . 
Artificial  feel  is  supplied  to  the 
system  by  a  bungee  spring.  When 
hydraulic  power  is  not  available, 
the  rudder  can  be  controlled  in¬ 
directly  by  a  mechanically-operated 
control  tab.  Like  the  aileron 
control  tab,  the  rudder  control 
tab  is  normally  locked  in  the 
neutral  position  when  hydraulic 
power  is  available,  but  automati¬ 
cally  unlocks  if  hydraulic  power 
is  not  available.  Rudder  trim  is 
provided  by  adjusting  the  neutral 
(no  load)  position  of  the  bungee 
spring. 


B-52G 

The  longitudinal  control 
system  of  the  B-52G  is  quite  simi¬ 
lar  to  that  of  the  707.  The  system 
is  reversible  and  consists  of  con¬ 
ventional  independently  hinged 
elevators  positioned  by  mai.ually- 
operated  interconnected  control 
tabs.  The  elevator  is  mass  bal¬ 
anced  by  weights  in  the  elevator 
forward  of  its  hinge  line.  Aero¬ 
dynamic  balancing  is  incorporated 
in  the  elevator  by  use  of  balance 
panels  (internal  seals)  which  oper¬ 
ate  similarly  to  those  used  in  the 
707.  Additional  feel  is  supplied 
to  the  elevator  by  means  of  a  Q~ 
spring.  In  addition,  a  centering 
spring  is  used  to  assist  in  center¬ 
ing  the  elevator  at  low  indicated 
airspeed.  Longitudinal  trim  is 
provided  by  an  electric  actuator 
that  varies  the  angle  of  incidence 
of  the  horizontal  stabilizer. 

BOEING  B-52 


r-  CONTROL  TAB 

\ 


The  lateral  control  system  of 
the  3-52G  is  quite  different  from 
similar  type  aircraft  such  as  the 
880  and  DC-8  in  that  no  convention¬ 
al  ailerons  are  used.  Lateral  con- 


9.29 


V 


*wr* 


445 


trol  is  provided  by  m^ans  of  two 
sets  of  spoilers  located  on  the  top 
of  each  wing  (see  picture) .  The 
spoilers  are  hydraulically  operated 
and  artificial  feel  is  supplied  to 
the  pilot  by  means  of  bungee  springs. 
The  spoilers  can  be  deflected  fully 
up  to  an  indicated  airspeed  of  250 
knots.  Above  this  speed,  hydraulic 
pressure  is  insufficient  to  obtain 
full  deflection.  The  reason  for 
this  is  to  reduce  wing  twist  at 
high  indicated  airspeeds.  The 
spoilers  are  also  used  as  speed 
brakes  in  the  same  manner  as  the 
707. 

Lateral  trim  is  provided  by 
an  electric  actuator  that  reposi¬ 
tions  the  neutral  (no  load)  position 
of  the  bungee  springs. 

The  directional  control  system 
of  the  B-52G  is  reversible  and  con¬ 
sists  of  a  conventional  rudder 
operated  by  a  control  tab  on  the 
trailing  edge  of  the  rudder.  The 
rudder  is  balanced  aerodynamically 
by  the  same  method  as  the  elevator, 
i.e.,  balance  panels.  Additional 
feel  is  supplied  to  the  pilot  by  a 
Q-spring  which  is  almost  identical 
to  that  of  the  elevator  system. 
Directional  trim  is  provided  by 
manually  adjusting  the  control  tab 
through  the  Q-spring  feel  system. 


The  X-15  has  two  control 
systems,  an  aerodynamic  flight- 
control  system  and  a  reaction  con¬ 
trol  system.  The  reaction  control 
system,  often  called  a  ballistic 
control  system,  is  used  to  control 
the  aircraft's  attitude  and  altitude 
where  the  aerodynamic  surfaces  are 
relatively  ineffective. 

1.  Aerodynamic  Flight  Control 
System 

Longitudinal  (pitch)  and 
lateral  (roll)  control  in  this  sys¬ 
tem  is  provided  by  a  hydraulically- 
actuated  horizontal  stabilizer. 

The  stabilizer  consists  of  two  all¬ 
movable,  one-piece  surfaces  that 
can  be  moved  simultaneously  or 
differentially.  Longit  idinal  (pitch) 
control  is  obtained  by  simultaneous 
movement  of  the  left  and  right  sta¬ 
bilizers.  Lateral  (roll)  control 
is  obtained  by  differential  move¬ 
ment  of  the  horizontal  stabilizer 
surfaces.  Combined  pitch  and  roll 
control  is  obtained  by  compound 
movement  of  the  horizontal  sta¬ 
bilizer  surfaces.  Artificial  feel 
is  supplied  to  the  system  by  bun¬ 
gees.  Longitudinal  trim  is  obtained 
by  shifting  the  neutral  (no  load) 
position  of  the  bungee .  Lateral 
trim  is  adjustable  only  on  the 
ground. 


X-15 


Directional  control  is  obtained 
by  deflection  of  the  upper  and 
lower  stabilizers  that  are  intercon¬ 
nected  and  hydraulically  actuated. 
Artificial  feel  is  provided  by  a 
bungee.  Prior  to  landing,  the  lower 
stabilizer  is  dropped  since  it  ex¬ 
tends  below  the  landing  skids. 
Directional  trim  is  adjustable  only 
on  the  ground. 

2.  Reaction  Control  System 

Reaction  control  is  provided 
by  small  rockets  located  in  the  nose 
section  and  wing  that  use  a  mono¬ 
propellant  (hydrogen  peroxide)  which 
is  converted  by  catalytic  action  to 
superheated  steam  and  oxygen.  The 
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reaction  of  the  escaping  gases  wing  section  and  provides  lateral 

causes  the  aircraft  te  move  about  control, 

the  selected  or  combined  axes.  The 
control  used  by  the  pilot  consists 

of  a  control  stick  handle  located  Artificial  feel  is  provided 

on  the  left  console  of  the  cockpit.  the  pilot  for  all  three  axes  of 

Upward  and  downward  movement  of  operation  by  spring  bungees  con- 

the  control  handle  operates  the  nected  to  the  system.  The  angular 

rockets  located  on  the  top  and  acceleration  and  velocity  of  the 

bottom  of  the  no  e  section,  re-  aircraft  vary  with  the  amount  and 

spectively,  and  gives  the  aircraft  duration  of  the  ballistic  control 

pitch  control.  Sideward  movement  handle  application.  The  velocity 

of  the  control  handle  operates  the  tends  to  sustain  itself  after  the 

rockets  located  on  the  sides  of  the  stick  is  returned  to  the  neutral 

nose  section  and  provides  the  air-  position.  A  subsequent  stick  move- 

craft  with  directional  control.  ment  opposite:  to  the  initial  one  is 

Rotating  the  control  handle  oper-  required  to  cancel  the  original 

ates  the  rockets  located  in  the  induced  velocity. 
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